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PREFACE 

Since  1972  the  Supersonic  Cruise  Aircraft  Research  (SCAR)  Program  has 
provided an accelerated  and  focused  technology  effort  which  has  resulted in 
development  of  improved  analytical  techniques,  design  procedures,  and  an 
expanded  experimental  data  base.  Major  advances  have  been  achieved  and were 
reported  to  the  technical  community  at  the  SCAR  Conference  held  at  Langley 
Research  Center,  November  9-12, 1976. 

This  document  is  a  compilatidn  of  papers  presented  by 49 speakers  repre- 
senting  airframe  and  engine  manufacturers,  the  Federal  Aviation  Administration, 
and  four  NASA  research  centers. 

The  Conference  was  organized  in  six  sessions  as  follows: 

I. Aerodynamics 

11. Stability  and  Control 

111. Propulsion 

IV.  Environmental  Factors 

V. Airframe  Structures  and  Materials 

VI. Design  Integration 

Papers  and  the  authors  thereof  are  grouped  by  session  and  identified  in 
the  CONTENTS.  The  order  of  papers is the  actual  order  of  speaker  appearance 
at  the.  Conference.  The  Lockheed-California  Company  four-part  oral  presentation 
in  the  Design  Integration  session  has  been  consolidated  into  one  paper  by  the 
three  speakers. 

The  size  of  the  compilation  necessitated  publication  in  two  parts  (Parts I 
and 11). A  list of attendees, by organizational  affiliation,  is  included  at 
the  back  of  Part 11. 

We would  like to express  appreciation  to  session  chairmen  and  speakers 
whose  efforts  contributed  to  the  technical  excellence  of  the  Conference. 

C . Driver 
Conference  Chairman 

Hal T. Baber;  Jr. 
Conference  Coordinator 
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SCAR PROGRAM OVERVIEW 

F. Edward McLean 
NASA Langley  Research  Center 

INTRODUCTION 

In  1971, after some 10 yea r s   o f   e f fo r t ,   t he   Un i t ed   S t a t e s   Governmen t  
cance led   t h i s   Na t ion ' s   p rog ram  to   deve lop  a s u p e r s o n i c   t r a n s p o r t   a i r c r a f t .  
Soon a f t e r  p rog ram  cance l l a t ion ,   however ,   t he  Government took some l i m i t e d  
s t e p s   t o   k e e p  i t s  o p t i o n s   o p e n   f o r   p o s s i b l e   f u t u r e   c o n s i d e r a t i o n   o f   s u c h  an 
a i r c ra f t .   F i r s t ,   du r ing   1971   and   1972 ,   t he  Government provided  funding 
s u p p o r t   f o r   t h e   c o n t i n u a t i o n ,   c o m p l e t i o n ,   a n d   r e p o r t i n g  of some b a s i c  tests 
on materials, n o i s e ,  sealants, etc.  which were in  progress  a t  t h e   c l o s e   o f  
t h e  SST program.  Then, i n   J u l y  of 1972,  the Government i n i t i a t e d ,   w i t h i n  
NASA, a n  Advanced Supersonic  Technology (AST) Program.  This  Program,  which 
became t h e  NASA Supersonic   Cru ise   Ai rcraf t   Research  (SCAR) Program i n  1973, 
was e s t a b l i s h e d   t o   p r o m o t e   f u r t h e r   b a s i c   s u p e r s o n i c   r e s e a r c h ,   a n d   t o   p r o v i d e  
an   advanced   t echno logy   base   fo r   app l i ca t ion   t o   poss ib l e   fu tu re   supe r son ic  
a i r c r a f t .  

During i t s  f i r s t  4 y e a r s  of o p e r a t i o n ,   t h e  NASA ASTISCAR Program  has 
invo lved   t he   r e sea rch   e f fo r t s   o f  60 r e s e a r c h   o r g a n i z a t i o n s   t h r o u g h o u t   t h e  
Count ry   and   has   p rovided   research   da ta   for  some 300 t e c h n i c a l   r e p o r t s .  The 
Program  has   a l so  made s u b s t a n t i a l   p r o g r e s s   i n   t h e   i d e n t i f i c a t i o n   o f   r e s e a r c h  
s o l u t i o n s   t o   t h e  c r i t i c a l  p r o b l e m s   w h i c h   i n h i b i t   t h e   f u l l   a c c e p t a b i l i t y  of 
s u p e r s o n i c   c r u i s e   f l i g h t .  

The purpose  of   this   Overview is t o   c o n s i d e r   b r i e f l y   t h e   o b j e c t i v e s ,  
r e sea rch   e l emen t s ,   and   d i s t r ibu t ion  of r e s e a r c h   e f f o r t   w i t h i n   t h e  NASA 
ASTISCAR Program.  Subsequent  papers  (papers 1 t o  4 7 )  w i l l  p r o v i d e   d e t a i l s  
o f  some of   the  SCAR r e s e a r c h   e f f o r t s   a n d   p o i n t   o u t   t h e   p o t e n t i a l   i m p a c t   o f  
t h e  SCAR re sea rch   r e su l t s   on   t he   pe r fo rmance   o f   fu tu re   supe r son ic   c ru i se  
a i r c r a f t .  

DISCUSSION 

SCAR Program  Objectives 

Among t h e   p r i n c i p a l   f a c t o r s   w h i c h   l e d   t o   t h e   1 9 7 1   c a n c e l l a t i o n   o f   t h e  
U n i t e d   S t a t e s  SST Program were 

1. Concerns  over  the  marginal SST performance  and  economic  potent ia ls  
t ha t   appea red   poss ib l e   w i th in   t he   t hen -ava i l ab le   t echno logy   base  

2. Concerns   over   the   poss ib le   no ise   and   po l lu t ion   impacts   o f  SST type  
a i r c r a f t  

1 



In o r d e r   f o r   t h e   U n i t e d   S t a t e s  Government o r   i n d u s t r y   t o  make r a t i o n a l  
d e c i s i o n s   i n   t h e   c o n s i d e r a t i o n   o f   f u t u r e   s u p e r s o n i c   a i r c r a f t ,  i t  is n e c e s s a r y  
t o  know w h e t h e r   a c c e p t a b l e   r e s e a r c h   s o l u t i o n s   c a n   b e   f o u n d   t o   t h e s e   t e c h n i c a l  
conce rns .   Th i s ,   t hen ,  i s  the p r i n c i p a l   o b j e c t i v e   o f   t h e  NASA SCAR Program: 

To p r o v i d e   t h e   d a t a   n e e d e d   t o  make r a t i o n a l   d e c i s i o n s  i n  t h e  
c o n s i d e r a t i o n   o f   f u t u r e   m i l i t a r y   a n d  c i v i l  s u p e r s o n i c   a i r c r a f t  

. " . 

.~~ . . .~ 

These   da t a  w i l l  be   p rov ided   t h rough   t he   gene ra t lon  of an  expanded  supersonic 
t e c h n o l o g y   b a s e   a n d   t h e   n e c e s s a r y   r e s e a r c h   r e q u i r e d   t o  assess and  minimize 
m v i r o m e n t a l   i m p a c t .  

SCAR Program  Elements 

A l l  t h e   c o n f i g u r a t i o n a l   a n d   o p e r a t i o n a l   f e a t u r e s   o f  a s u p e r s o n i c   c r u i s e  
a i r c r a f t   d i r e c t l y   i n f l u e n c e   t h e  a i r c ra f t  per formance   and   cont r ibu te   to  i t s  
environmental   impact .   Consequent ly ,   to  meet t h e  SCAR Program  objec t ives ,  a 
r e s e a r c h   p l a n  w a s  adopted  which  involves   the  s imultaneous  upgrading  of   the 
s t a t e  o f   t he  a r t  i n  a l l  d i s c i p l i n a r y   r e s e a r c h  areas a s s o c i a t e d   w i t h   s u p e r s o n i c  
f l i g h t .   T h i s   a p p r o a c h   l e a d s   t o   t h e  SCAR P r o g r a m   e l e m e n t s   i l l u s t r a t e d   i n   t h e  
l e f t   s i d e   o f   f i g u r e  1. Focused   r e sea rch   e f fo r t s  are c a r r i e d   o u t   i n   t h e   d i s c i -  
p l i n a r y  areas. of   Aerodynamics ,   Cont ro ls ,   Propuls ion ,   S t ra tospher ic   Emiss ions ,  
and   S t ruc tures   and  Materials. In   each  of t h e s e   r e s e a r c h  areas,  improved  solu- 
t i o n s   t o  known supersonic   p roblems are sought  through  in-house NASA r e s e a r c h ,  
NASA/Industry c o n t r a c t s ,   a n d  NASA g r a n t s .  Some examples   o f   these   d i sc ip l inary  
r e s e a r c h   e f f o r t s   a n d   r e s u l t s  w i l l  be   p resented   in   subsequent   papers   (papers  
1 t o  3 8 ) .  

There are c o m p l e x   i n t e r d i s c i p l i n a r y   r e l a t i o n s h i p s   i n   t h e   e v o l u t i o n   o f  a 
s u p e r s o n i c   c r u i s e   a i r c r a f t .   C o n s e q u e n t l y ,  a d i s c i p l i n a r y   b r e a k t h r o u g h   o r  
t e c h n o l o g y   a d v a n c e   d o e s   n o t   n e c e s s a r i l y   a p p l y   f u l l y   i n  a p r a c t i c a l   s u p e r s o n i c  
a i r c r a f t   d e s i g n .  The SCAR Program  has   adopted  the  Systems  Integrat ion  Studies  
a p p r o a c h ,   i l l u s t r a t e d   i n   t h e   c e n t e r   o f   f i g u r e  1, t o   s o r t   o u t   t h e s e   c o m p l e x  
i n t e r d i s c i p l i n a r y   r e l a t i o n s h i p s   a n d  assess t h e   t r a d e d   i m p a c t   o f   t h e   d i s c i p l i n a r y  
technology  advances.  A s  i l l u s t r a t e d   i n   t h e   f i g u r e ,   d i s c i p l i n a r y   r e s e a r c h   r e s u l t s  
are  f ed   i n to   Sys t ems   In t eg ra t ion   S tudy  teams which   cons ide r   t he   impac t   o f   t he  
r e s e a r c h   r e s u l t s   o n  a b a s e l i n e   s u p e r s o n i c   c r u i s e   a i r c r a f t   c o n c e p t .   C u r r e n t l y ,  
indus t ry   Sys tems  In tegra t ion   S tudy  teams a t  Boeing,  Douglas,  and  Lockheed,  and 
a NASA/Vought in-house team are per forming   these   in tegra t ion / technology  impact  
s tud ies   wi th   the   suppor t   o f   p ropuls ion  teams a t  P r a t t  Sr Whitney  and  General 
E lec t r ic .  Some r e s u l t s  of t h e s e   s t u d i e s  w i l l  b e   p r e s e n t e d   i n   p a p e r s  39 
t o  4 7 .  

A s  i l l u s t r a t e d   i n   t h e   r i g h t  s i d e  o f   f i g u r e  1, t h e   u l t i m a t e   g o a l   o f   t h e  SCAR 
Disc ip l inary   Research   and   Sys tems  In tegra t ion   S tudies  i s  t o   i n t r o d u c e   i n t o   t h e  
development  base  an  advanced  supersonic  technology  which  could  lead  to a super- 
s o n i c   c r u i s e   a i r c r a f t   w h i c h  is a c c e p t a b l e   i n   e v e r y   r e s p e c t .  
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SCAR D i s t r i b u t i o n  of Research   Ef for t  

S ince   t he  NASA AST/SCAR Program w a s  i n i t i a t e d   i n  1972,  approximately 
$34 m i l l i o n  of bas ic   research   and   technology  funding   has   been   provided  by t h e  
U.S. Congress t o   c a r r y   o u t   t h e   s u p e r s o n i c   r e s e a r c h   p r o g r a m .  The d i s t r i b u t i o n  
of t h i s   f u n d i n g  among t h e  SCAR Disc ip l inary   Research  areas and SCAR Systems 
I n t e g r a t i o n   S t u d i e s  i s  i l l u s t r a t e d   i n   f i g u r e  2. The numbers i n   p a r e n t h e s e s  
represent   cumula t ive   va lues   s ince   the  start  of   the AST/SCAR Program. A cont in-  
uous  program  has  been  manintained  in a l l  areas except  Emissions.   This l a t te r  
e lement   o f   d i sc ip l inary   research  w a s  made t h e   r e s p o n s i b i l i t y  of t h e  NASA O f f i c e  
of   Space   Sc iences   in   F isca l  Year 1976. 

CONCLUDING REMARKS 

This   Overview  has   discussed  the  object ives ,   Program  elements ,   and  dis t r ibu-  
t i o n  o f   r e s e a r c h   e f f o r t   i n   t h e  NASA AST/SCAR Program s i n c e  its i n c e p t i o n   i n  
J u l y  of  1972. The remainder   of   this  document w i l l  provide  examples of t h e  
r e s e a r c h   e f f o r t  and r e s u l t s  of t h e   f i r s t  4 yea r s  of the  Program. 
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h AERODYNAMICS 

I CONTROLS \ 
SYSTEMS 

STUDIES 
PROPULSION  INTEGRATION 

ri-/ STRUCTURES 
1 MATERIALS 1 

F i g u r e  1 . -  SCAR Program  elements.  

PROPULSION (8 9.8M) 

STUDIES ($ 5.4M) 

STRUCTURES AND 
MATER1  ALS ($ 10.6M) 

F i g u r e  2 . -  D i s t r i b u t i o n   o f  SCAR R&T e f f o r t .  
( T o t a l  R&T funding t o  d a t e  $34.OM.) 
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. 
INTRODUCTION 

Robert E. Bower 
NASA  Langley  Research  Center 

The  emergence  of  computerized  supersonic  design  and  analysis  methods  a 
decade  ago  led  to  the  evolution  of  highly  efficient  supersonic  cruise  con- 
figurations.  As  shown in figure  1,  the  NASA-generated  SCAT  15F  arrow-wing 
configuration  represents  a  substantial  improvement  in  lift-drag  ratio  rela- 
tive  to  first-generation  transports.  This rrbaselinefr configuration  represents 
a point  of  departure  for  the  discussion  of  aerodynamics  in  this  conference. 

During  the  past 4 years,  the  SCAR  aerodynamics  effort  has  stressed  both 
theoretical  and  experimental  programs  throughout a broad  Mach  number  range. 
Refined  linearized-theory  design  and  analysis  methods,  treated  in  paper 1, 
by  Miller,  and  in  paper 2, by  Erickson,  have  improved  the  usability  and 
accuracy  of  linearized  methods  and  extended  design  capability  to  more  complete 
configurations.  Advanced  methods,  including  the  effects of wing  leading-edge 
separation  and  vortex  flows,  are  important  in  defining  detailed  loadings  at 
high  angles.of  attack  for  structural  design.  Paper 3 ,  by Gloss,  describes  a 
new  method  which  considers  these  effects.  Supersonic  finite-difference 
methods,  such  as  described  by  Townsend  in  paper 4 ,  show  high  promise  in 
defining  local  flow  details in regions  of  aircraft  where  the  assumptions 
inherent  in  linearized  theory  break  down. A summary  of  the  state  of  the  art 
of  theoretical  methods is presented  by  Bobbitt  in  paper 5 together  with  key 
experimental-theoretical  comparisons. 

The  SCAR  experimental  aerodynamics  program  is  addressing  the  important 
problems of improved  low-speed  lift  characteristics  for  highly  swept,  low- 
aspect-ratio  wings, a  data  base  for  an M = 2.2 transport,  and  new  con- 
figuration  concepts  for  aircraft  up  to M = 3.0. The  status of this  effort 
is  summarized  in  figure 2. In  paper 6, Coe  describes  the  NASA  in-house  pro- 
gram  directed  at  the  generation  of  low-speed  lift  to  keep  take-off  field 
length  and  approach  speeds  low.  The  SCAT  15F  wing  is  oversized  by 20 percent 
in  order  to  meet  these  off-design  constraints.  Coe’s  paper  shows  that  impor- 
tant  performance  gains  can  be  realized  by  using  conventional  high-lift  devices 
and  powered-lift  concepts.  With  the  possible  application of powered  lift, 
however,  comes  the  concern  of  over-the-wing  engine  location in the  critical 
areas  of  subsonic  cruise  and  transonic  acceleration.  Mercer  (paper 7) pre- 
sents  experimental  results  obtained in the  Langley  16-foot  transonic  tunnel 
on  these  engine  location  effects. In the  final  paper  of  this  session 
(paper 8), Roensch,  of  McDonnell  Douglas  Corporation,  presents  experimental 
results  obtained  at  transonic  and  supersonic  speeds  at  the  NASA  Ames  Research 
Center  on  an  M = 2.2 design. 

Although  not  reported  in  this  conference,  in-house  testing  continues on 
advanced  blended  arrow-wing  configurations.  Features  of  th,ese  configurations 
are  improved  aerodynamic  efficiency,  lower  sonic  boom,  and  more  efficient 
propulsion  integration,  including  thrust  vectoring  for  low-speed  lift 
enhancement. 
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Figure 1.- Impact of supersonic  design and analysis  methods. 
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Figure 2.- Status of SCAR experimental  aerodynamics  program. 



A LINEARIZED THEORY METHOD OF  CONSTRAINED  OPTIMIZATION  FOR 

SUPERSONIC  CRUISE WING DESIGN 

David S. Miller and  Harry W. Car l son  
NASA Langley  Research  Center 

and 

Wilb.ur D. Middleton 
Boeing  Commercial  Airplane Company 

A l i n e a r i z e d   t h e o r y  wing des ign   and   op t imiza t ion   procedure   which   a l lows  
p h y s i c a l   r e a l i s m a n d   p r a c t i c a l   c o n s i d e r a t i o n s   t o   b e  imposed as c o n s t r a i n t s   o n   t h e  
optimum ( l e a s t d r a g   d u e t o   l i f t )   s o l u t i o n   i s d i s c u s s e d   a n d e x a m p l e s   o f   a p p l i c a t i o n  
are p r e s e n t e d .   I n   a d d i t i o n   t o   t h e   u s u a l   c o n s t r a i n t s   o n   l i f t   a n d   p i t c h i n g  
moment, c o n s t r a i n t s   c a n   a l s o   b e  imposed  on  wing  surface  ordinates  and  wing 
uppe r   su r f ace   p re s su re   l eve l s   and   g rad ien t s .  The des ign   procedure   a l so   p ro-  
v i d e s   t h e   c a p a b i l i t y  of i n c l u d i n g   d i r e c t l y   i n   t h e   o p t i m i z a t i o n   p r o c e s s   t h e  
e f f e c t s   o f   o t h e r   a i r c r a f t  components  such.as a f u s e l a g e ,   c a n a r d s ,   a n d   n a c e l l e s .  

INTRODUCTION 

Because of t h e i r   v e r s a t i l i t y ,   s p e e d ,  and   convenience ,   l inear ized   theory  
computer  methods  have  been  widely  employed  for  aerodynamic  design  and  analysis.  
The c lose   cor respondence   be tween  the  s m a l l  d i s turbance   assumpt ions   o f   the   theory  
and t h e  small d i s t u r b a n c e   r e q u i r e m e n t s   f o r   h i g h   a e r o d y n a m i c   e f f i c i e n c y  makes t h e  
m e t h o d s   p a r t i c u l a r l y   a t t r a c t i v e   f o r   s u p e r s o n i c   c r u i s e   v e h i c l e s .  The g r e a t e s t  
advantage of t he   l i nea r i zed   me thods  l i e s  i n  a u n i q u e   c a p a b i l i t y   f o r   d i r e c t  
des ign   and   op t imiza t ion  made p o s s i b l e  by t h e   p r o v i s i o n   f o r   l i n e a r   a d d i t i o n  and 
s u p e r p o s i t i o n  of b a s i c   s o l u t i o n s ;  similar des ign  and o p t i m i z a t i o n   c a p a b i l i t y  
fo r   non l inea r   me thods   does   no t   p re sen t ly  exist. 

Foremost among the   l i nea r i zed   t heo ry   des ign   me thods  are those  which  pro- 
v i d e   f o r   t h e   d e f i n i t i o n  of  wing l i f t i n g   s u r f a c e   s h a p e s   f o r   m i n i m i z a t i o n   o f   d r a g  
d u e   t o   l i f t ,   t y p i c a l l y   t h e   l a r g e s t   c o n t r i b u t i o n   t o   c r u i s e   v e h i c l e   i n v i s c i d   d r a g .  
The f i r s t  computer ized  wing  design  procedure  ( ref .  1) c a l c u l a t e d   t h e  optimum 
( l e a s t   d r a g   f o r  a g i v e n   l i f t )   c o m b i n a t i o n   o f   t h r e e   s i m p l e   a n a l y t i c   l o a d i n g s  
(uni form,   l inear   chordwise ,   and   l inear   spanwise)   and   the   resu l t ing   wing   sur face  
shape   fo r   an   a rb i t r a ry   p l an fo rm  wing .   The   o r ig ina l   p rocedure  w a s  extended 
( r e f .  2 )  t o   i n c l u d e   c o n s t r a i n t s   o n   p i t c h i n g  moment and root   chord   z -ord ina te ;  
w i t h   t h e s e   a d d i t i o n a l  two c o n s t r a i n t s ,   t h e   o r i g i n a l  set of  three  component 
l oad ings  w a s  i n c r e a s e d   t o   e i g h t   t o   a l l o w   f o r   e f f e c t i v e   o p t i m i z a t i o n .   I n   r a t h e r  
e x t e n s i v e   a p p l i c a t i o n s   o f   t h e  method c e r t a i n   n u m e r i c a l   d e f i c i e n c i e s  were 
revealed  and  techniques  to   overcome them were i n c o r p o r a t e d   i n t o   t h e   p r o c e d u r e  
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(ref. 3 ) .  I n   o r d e r   t o   i n t e g r a t e   t h e   r e s u l t i n g  opt imum  wing   des igns   in to   the  
comple te   a i rp lane   envi ronment ,   o ther   des ign   procedures   such  as wing-nacelle 
r e f l e x i n g   ( r e f .  4 )  and  fuselage  camber   shaping  ( refs .  5 and 6) were developed. 

Wing d e s i g n   a n d   c o n f i g u r a t i o n   s t u d i e s   c o n d u c t e d   i n   t h e   p a s t   ( r e f s .  7 ,  8, 
and 9)  h a v e   i n d i c a t e d   t h a t   t h e   t h e o r e t i c a l   b e n e f i t s   p r e d i c t e d  by l i n e a r   t h e o r y  
des ign   and   op t imiza t ion   p rocedures  are g e n e r a l l y   n o t   f u l l y   r e a l i z e d .  It became 
a p p a r e n t   t h a t   t h e r e  w a s  a n e e d   f o r   c o n s i d e r a t i o n s   o f   a d d i t i o n a l   r e s t r a i n t s   i n  
t h e   d e s i g n   p r o c e s s   t o   a v o i d   h i g h l y   d i s t o r t e d   s u r f a c e   s h a p e s  as w e l l  as l o c a l  
p r e s s u r e   l e v e l s  and   grad ien ts   which   depar t   f rom  phys ica l  realism and  from  the 
l i nea r   t heo ry   a s sumpt ions .  

A s  a p a r t  of a computa t iona l   sys t em  fo r   t he   ae rodynamic   des ign   and   ana lys i s  
of supe r son ic   a i rp l anes   ( r e f .   l o ) ,  a wing design  procedure  has   been  developed 
which  employs a c o n s t r a i n e d   o p t i m i z a t i o n   p r o c e s s   f o r   d e t e r m i n i n g   t h e  wing  sur- 
f ace   shape   t o   suppor t  a minimum d r a g   p r e s s u r e   d i s t r i b u t i o n .   I n   a d d i t i o n   t o   t h e  
u s u a l   c o n s t r a i n t s   o f   d e s i r e d   l i f t  and   p i tch ing  moment, o t h e r   o p t i o n a l  con- 
s t r a i n t s  are a v a i l a b l e   t o  impose  physical  realism a n d   p r a c t i c a l   d e s i g n  con- 
s i d e r a t i o n s  on t h e   l i n e a r i z e d   t h e o r y   s o l u t i o n .   T h e s e  new o p t i o n s   i n c l u d e   t h e  
a p p l i c a t i o n   o f   e q u a l i t y   c o n s t r a i n t s   o n   s u r f a c e   o r d i n a t e s  a t  spec i f i ed   p l an fo rm 
l o c a t i o n s  and i n e q u a l i t y   c o n s t r a i n t s  on   uppe r   su r f ace   p re s su re   l eve l s  and 
g r a d i e n t s .   S p e c i a l   a t t e n t i o n   h a s   b e e n   g i v e n   t o   i n c l u d e   d i r e c t l y   i n   t h e   o p t i -  
m i z a t i o n   p r o c e s s   t h e   m a j o r   e f f e c t s  of o t h e r   a i r c r a f t  components  such as a 
fuse l age ,   cana rds ,   and   nace l l e s .  

A g e n e r a l   d e s c r i p t i o n  of t h e  new cons t r a ined   op t imiza t ion   p rocedure  is 
p r e s e n t e d   a l o n g   w i t h   e x a m p l e s   o f   c a l c u l a t e d   r e s u l t s   t o   i l l u s t r a t e   t h e   d e s i g n  
c a p a b i l i t y  of t h e   s y s t e m .   P a r t i c u l a r   a t t e n t i o n  i s  g i v e n   t o   t h e   c o n t r o l   o v e r  
t h e   d e s i g n   a f f o r d e d  by t h e   v a r i o u s   c o n s t r a i n t   o p t i o n s .  

SYMBOLS 

ncD 

cL 

‘L, des ign  

i n c r e m e n t a l   d r a g   c o e f f i c i e n t   d u e   t o   l i f t  

l i f t   c o e f f i c i e n t  

l i f t   c o e f f i c i e n t   f o r  which  the  warped  wing  surface i s  designed 
to   p roduce  minimum drag  

pi tching-moment   coeff ic ient  a t  z e r o   l i f t  

p r e s s u r e   c o e f f i c i e n t  

wing roo t   cho rd   l eng th   ( s ee   f i g .  7 )  

maximum l i f  t - d r a g   r a t i o  

Mach number 

10 



Z 

* 
z 

wing  camber s u r f a c e   o r d i n a t e  

wing  camber s u r f a c e   o r d i n a t e   c o n s t r a i n t s   ( s e e   f i g .  7) 

DISCUSSION 

The  Aerodynamic  Design  and  Analysis  System 

The  wing d e s i g n   a n d   o p t i m i z a t i o n   c a p a b i l i t y   d e s c r i b e d   h e r e i n  is provided 
by  one  element  of a set of computer  program  modules  contained i n  an i n t e g r a t e d  
supersonic   aerodynamic  design  and  analysis   system shown i n   f i g u r e  1. Details 
of   the  system are g i v e n   i n   r e f e r e n c e l o .  The  fundamental   concept  of  the  system 
is tha t   comple te   a i rp lane   so lu t ions   can   be   assembled  by supe rpos i t i on   o f   i nd i -  
v i d u a l   c o n t r i b u t i o n s   e v a l u a t e d  by  means  of l i n e a r   t h e o r y  and t h e   s u p e r s o n i c  
area r u l e .  An execut ive   "dr iver"   cont ro ls   the   execut ion   and   sequencing  of 
several   basic   aerodynamic  programs  which  perform  analysis   or   design  funct ions 
shown i n   t h e   f i g u r e .  The  major r o l e  of the   ana lys i s   p rograms i s  to   produce 
load ing   i n fo rma t ion   and   t o t a l   i n t eg ra t ed   ae rodynamic   fo rces   fo r  a g iven  air- 
c r a f t ;  however,   several  of t h e s e  same programs are used   t o   p rov ide   i npu t   t o   t he  
wing  design'  program. 

The  remainder  of t h i s   pape r  w i l l  d e s c r i b e   t h e  wing des ign   and   op t imiza t ion  
method  and present   examples   o f   typ ica l  r e su l t s .  

Wing Design  and  Optimization  Procedure 

The  wing d e s i g n   s o l u t i o n   d e t e r m i n e s   a n  optimum ( l e a s t   d r a g   d u e   t o   l i f t )  
p r e s s u r e   d i s t r i b u t i o n  and the   cor responding  mean camber su r face   shape .  The 
procedure   can   be   d iv ided   in to  two computa t iona l   t a sks .  

The f i r s t   t a s k   r e q u i r e s  some method  of  computing t h e  wing  surface  shape 
which  would suppor t  a prescr ibed   wing   loading .  Any r e l i a b l e   s u p e r s o n i c   l i f t i n g  
s u r f a c e  method  could  be  employed; a v o r t e x   l a t t i c e  method is p r e s e n t l y   b e i n g  
used. A s  i l l u s t r a t e d   i n   f i g u r e  2 ,  t h e  wing  planform is d i v i d e d   i n t o  a l a r g e  
number of  grid  elements  and a m a t r i x  of   aerodynamic  inf luence  funct ions 
r e l a t i n g  wing loading  and  wing  surface is ca l cu la t ed .   Fo r  a g iven  se t  of  wing 
l o a d i n g s ,  a set of  corresponding  wing  camber  surfaces is r e a d i l y   o b t a i n e d .  The 
l i f t ,   p i t c h i n g  moment, and  drag are  then   ca l cu la t ed   fo r   each   o f   t he   l oad ings .  
Us ing   supe rpos i t i on   p r inc ip l e s ,   t he   i nd iv idua l   l oad ings   and  camber s u r f a c e s  are 
combined  assuming tha t   each   l oad ing   has   an  unknown s t r eng th   t o   be   de t e rmined .  
Th i s   fo rmula t ion   g ives   t he   t o t a l   w ing   l oad ing ,  camber s u r f a c e ,   l i f t ,  and  pi tch-  
i ng  moment as l i n e a r   f u n c t i o n s   o f   t h e  unknown s t r e n g t h s  and t h e   t o t a l   d r a g   d u e  
t o   l i f t  as a q u a d r a t i c   f u n c t i o n  of t h e s e  unknowns. R e f e r   t o   r e f e r e n c e  3 f o r  a 

' d e t a i l e d   d e s c r i p t i o n   o f   t h e   f o r m u l a t i o n .  

The  second t a s k  i s  t o   d e t e r m i n e   v a l u e s   f o r   t h e  unknown s t r eng ths   wh ich  
w i l l  g ive 'min imum  d rag   and   s a t i s fy   ce r t a in   cons t r a in t s .  The d r a g   t o   b e   m i n i -  
mized is q u a d r a t i c   i n  terms o f   t he  unknown s t r e n g t h s ,  and t h e   c o n s t r a i n t s  are 
l inea r ;   t hus ,   app l i ca t ion   o f   Lagrange ' s  method  of  undetermined  multipliers 
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r educes   t he   so lu t ion   o f   t he   cons t r a ined   op t imiza t ion   p rob lem  to   t he   so lu t ion  of 
a set of l i n e a r   a l g e b r a i c   e q u a t i o n s   f o r   d e t e r m i n i n g   t h e  unknown load ing  
s t r e n g t h s . ,   T h e   i m p o s i t i o n   o f   i n e q u a l i t y   c o n s t r a i n t s  is  achieved  by  automated 
s u c c e s s i v e   a p p l i c a t i o n s   o f   t h e   o p t i m i z a t i o n   p r o c e s s  as set f o r t h   i n   r e f e r e n c e l o .  

The  present   capabi l i t ies   of   the   computer   implemented  wing  design  procedure 
are shown i n  f i g u r e  3 .  The set o f   l o a d i n g s   a v a i l a b l e   f o r   o p t i m i z a t i o n  are of 
two types :  Basic l i f t i n g   s u r f a c e   l o a d i n g s  a n d   c o n f i g u r a t i o n   r e l a t e d   l o a d i n g s .  
The b a s i c   l o a d i n g s  are ana ly t i c   func t ions   o f   p l an fo rm  pos i t i on   and   have  unknown 
ove ra l l   s t r eng ths   t o   be   de t e rmined .   The   s econd   t ype   o f   l oad ing  is conf igura-  
t i o n   r e l a t e d   b e c a u s e  i t  a c c o u n t s   f o r   t h e   e f f e c t  of a n o t h e r   c o n f i g u r a t i o n  compo- 
n e n t   i n t e r a c t i n g   w i t h   t h e   w i n g .  Each  of   these  configurat ion  dependent   loadings 
has  two c o n t r i b u t i o n s :  One which is gene ra t ed   by   t he   conf igu ra t ion  component 
and is of   f ixed   d i s t r ibu t ion   and   s t rength ,   and   one   which  i s  generated  by  an 
incremental   wing  camber   surface  ( ref lexing)   to   have  the same d i s t r i b u t i o n   b u t  
unknown s t r e n g t h .  The s t r e n g t h  of t h e   s e c o n d   c o n t r i b u t i o n  of t h e   p a i r  is 
determined i n   t h e   o p t i m i z a t i o n   p r o c e s s   t o   p r o v i d e   w h a t e v e r   d e g r e e   o f   c o u n t e r -  
act ion  or   augmentat ion  of   the  component   induced  loadings  that  may be   r equ i r ed  
f o r   d r a g   m i n i m i z a t i o n .   P r e s e n t l y ,   t h r e e   c o n f i g u r a t i o n   r e l a t e d   l o a d i n g s  are 
a v a i l a b l e   t o   a c c o u n t   f o r   t h e   e f f e c t s  of fuselage  upwash,   fuselage  volume,   and 
n a c e l l e s .  An example  of   wing-nacel le   interference w i l l  be   p re sen ted  later t o  
i l l u s t r a t e   t h i s   c a p a b i l i t y .  

The use  of l inear   theory  methods  to   design  wings  which  have  reasonable  
camber su r face   shapes ,   p roduce   f l ows   t ha t  are p h y s i c a l l y   a t t a i n a b l e ,   a n d   y i e l d  
c e r t a i n   d e s i r e d   a e r o d y n a m i c   c h a r a c t e r i s t i c s   r e q u i r e s   t h a t   r e s t r i c t i o n s   b e  
p l a c e d   o n   t h e   t h e o r e t i c a l   s o l u t i o n .  The r e s t r a i n t s   a v a i l a b l e  are shown i n  
f i g u r e  3 and are imposed  mathematically as e q u a l i t y   o r   i n e q u a l i t y   c o n s t r a i n t s .  
Des i r ed   ae rodynamic   cha rac t e r i s t i c s   o f   l i f t   and   p i t ch ing  moment may be speci- 
f i ed   and  are t r e a t e d  as equal i ty   cons t ra in ts .   For   the   wing   upper   sur face ,  
v a l u e s   f o r  minimum p r e s s u r e   l e v e l  and maximum p r e s s u r e   g r a d i e n t  may be  speci-  , 

f i ed .   These   p re s su re   va lues ,   wh ich  need n o t   b e   c o n s t a n t   b u t  may va ry   ove r   t he  
wing  planform, are not   to   be  exceeded by t h e   s o l u t i o n  and  thus are  t r e a t e d  as 
i n e q u a l i t y   c o n s t r a i n t s .   I n   a l m o s t   e v e r y  pract ical  wing   des ign ,   r eg ions   ex i s t  
where   su r f ace   o rd ina te s   mus t   be   spec i f i ed   such  as a t  wing-body j u n c t i o n s   o r  
h i n g e   l i n e s .  To i n s u r e   t h e s e   c r i t e r i o n s   c a n   b e   s a t i s f i e d ,  wing s u r f a c e   o r d i -  
na te   va lues   (which  may b e   s p e c i f i e d  a t  up t o   f i v e   p l a n f o r m   l o c a t i o n s )  are 
t r e a t e d  as e q u a l i t y   c o n s t r a i n t s .  

App l i ca t ion  t o  L i f t i ng   Su r face   Des ign  

The benef i t s   which  may be  obtained  f rom employment  of l i n e a r i z e d   t h e o r y  
methods  for   wing  camber   surface  design are p e r h a p s   b e s t   i l l u s t r a t e d   i n   d a t a  
obtained  more  than a decade  ago in   an   expe r imen ta l   p rog ram  wh ich   f i r s t  demon- 
s t r a t e d  a t r u l y   s u c c e s s f u l   a p p l i c a t i o n   o f   t h e   d e s i g n   c o n c e p t s .  Data from t h i s  
s tudy  are p r e s e n t e d   i n   f i g u r e  4 .  For t h i s   i n v e s t i g a t i o n ,   a n   a r r o w  wing w i t h  a 
70" leading-edge  sweep  angle w a s  cons t ruc t ed   w i th  a camber surface  correspond-  
i n g   t o  a s imple  two-component loading  (uniform  and  l inear   chordwise)   designed 
t o  minimize  drag a t  a Mach number of 2.05 and a l i f t   c o e f f i c i e n t  of 0.16. For 
comparison  purposes, a f l a t  wing  of t h e  same planform  and   an   addi t iona l   twis ted  
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and  cambered  wing  with  one  half   the camber s u r f a c e   s e v e r i t y   ( a   d e s i g n   l i f t  
c o e f f i c i e n t  of 0.08) o f   t h e   f i r s t  were i n c l u d e d   i n   t h e  test program. 

I n   f i g u r e  4 ,  t h e  m a x i m u m  l i f t - d r a g   r a t i o   a c h i e v e d   f o r   e a c h  wing as w e l l  as 
t h e  moment c o e f f i c i e n t  a t  z e r o   l i f t  is shown as a f u n c t i o n  of t h e   d e s i g n   l i f t  
coe f f i c i en t   wh ich  serves as an   index   of   the  camber s u r f a c e   s e v e r i t y   i l l u s t r a t e d  
i n   t h e   i n s e t   s k e t c h e s .  The test r e s u l t s   i n d i c a t e d   n o t   o n l y   t h a t   i m p r o v e m e n t s  
i n  l i f t - d r a g   r a t i o   a p p r o a c h i n g  a va lue   o f  1 (or   about   12.5  percent)   might   be 
a t t a i n a b l e   b u t   a l s o   t h a t  a s u b s t a n t i a l   a d d i t i o n a l   r e d u c t i o n   i n  trim drag  might  
be   a f fo rded  by the   s e l f - t r imming  moment provided. 

T h e   d a t a   o b t a i n e d   i n   t h i s   s t u d y   a l s o   p o i n t   o u t   t h e   n e e d   f o r   t h e   a p p l i c a -  
t i o n  o f   a p p r o p r i a t e   c o n s t r a i n t s   i n   t h e   d e s i g n   p r o c e s s .   N o t e   t h a t   t h e   e x p e r i -  
mental  (L/D)max d o e s   n o t   c o n t i n u e   t o   i n c r e a s e   u p   t o   t h e  optimum d e s i g n   l i f t  
c o e f f i c i e n t  of 0 .16   ind ica ted   by   the   theory .   This   d i screpancy  i s  probably  due 
t o  a camber s u r f a c e   s e v e r i t y   w h i c h   v i o l a t e s   t o   t o o   l a r g e  a d e g r e e   t h e  assump- 
t i o n s  of l i n e a r i z e d   t h e o r y .   I n   t h i s   i n v e s t i g a t i o n ,   c o n s i d e r a t i d n  w a s  g i v e n   t o  
placement  of restraints o n   t h e   p r e s s u r e   d i s t r i b u t i o n  by the   s imp le   exped ien t  of 
l i m i t i n g   l i f t i n g   p r e s s u r e s   t o   t h o s e   p e r m i t t e d  by t h e  s i m p l e  two-component load- 
ing .  An i n d i c a t i o n   t h a t   t h i s   r a t h e r   a r b i t r a r y   c o n s t r a i n t  is not   the   mos t  
a p p r o p r i a t e  and probably is too  res t r ic t ive is g i v e n   b y   t h e   f a c t   t h a t   g r e a t e r  
b e n e f i t s  were achieved by a wing  with a c o n s i d e r a b l e   f l a t - p l a t e   l o a d i n g  con- 
t r i b u t i o n ,  a loading   wi th   h igh   peaks   and   la rge   g rad ien ts .  

A s  po in ted   ou t   p rev ious ly ,   the   newer   des ign   methods   repor ted   in   re fe rence  
1 0  now p rov ide   t he   des igne r   w i th  a wide  range of c h o i c e s   f o r   a p p l i c a t i o n  of 
needed r e s t r a i n t s  and a t  t h e  same time o f f e r  a l a r g e  enough number of cand ida te  
l o a d i n g s   t o   m a i n t a i n  a v i a b l e   o p t i m i z a t i o n   p r o c e s s .  Some i n d i c a t i o n  of t h e  
t h e o r e t i c a l   p o t e n t i a l   f o r   l i f t i n g   e f f i c i e n c y  improvement o f f e r e d  by t h e s e  
expanded c a p a b i l i t i e s  is g i v e n   i n   f i g u r e  5. The d r a g - d u e - t o - l i f t   f a c t o r ,  
ACD/CL2, a measure  of   the   degree of op t imiza t ion   ach ieved ,  i s  shown f o r  a 
series of  wing d e s i g n s   i n   w h i c h   t h e   d e s i g n   l o a d i n g s   v a r y   f r o m  a simple  uniform 
d i s t r i b u t i o n   t o  a complex  10-term  optimum. A des ign  Mach number  of 2.05 and a 
d e s i g n   l i f t   c o e f f i c i e n t  of,  0.16 were imposed f o r  a l l  r e s u l t s   p r e s e n t e d .  The 
o r d e r   i n   w h i c h   t h e   l o a d i n g s  are added is shown i n   t h e   i n s e t   s k e t c h e s .   F o r   a n y  
g iven   des ign ,   t he   . l oad ing  shown d i r e c t l y   a b o v e   t h e   b a r   h a s   b e e n   c o n s i d e r e d   i n  
a d d i t i o n   t o  a l l  t h e   l o a d i n g s   t o   t h e   l e f t   i n   a r r i v i n g  a t  an  optimum combination. 

Data are shown f o r   a n   u n r e s t r a i n e d   s o l u t i o n  and f o r  a s o l u t i o n   t o   w h i c h  
bo th   p re s su re  and  camber s u r f a c e   o r d i n a t e s   r e s t r a i n t s  are imposed.  The  pres- 
s u r e   l e v e l  and g r a d i e n t   r e s t r a i n t s  were determined  from  an  assessment of 
a t t a i n a b l e   v a l u e s   b a s e d   o n   a n   e x a m i n a t i o n  of p r e s s u r e   d a t a   o b t a i n e d   i n   a n  
e x p e r i m e n t a l   i n v e s t i g a t i o n   ( r e f .   1 1 ) .  The o r d i n a t e   r e s t r a i n t s  imposed are, i n  
the   be l i e f   o f   t he   au tho r s ,  a r easonab ie  compromise  between  indicated  theoreti-  
c a l  e f f i c i e n c i e s  and p r a c t i c a l   a i r c r a f t   d e s i g n  real i t ies .  Levels   o f   these  
r e s t r a i n t s   a p p l i c a b l e   t o  a g iven   des ign   p rob lemare ,  of course ,  a matter s u b j e c t  
to   the   judgment   o f   the   p rogram  user .   For   bo th   unres t ra ined   and   res t ra ined  
so lu t ions ,   ra ther   d ramat ic   improvements   over   the   un i form  load  case are shown 
f o r   o n l y  a few a d d i t i o n a l   l o a d i n g s .  Beyond t h a t ,   t h e   b e n e f i t s . i n c r e a s e   m o r e  
g radua l ly .  It  w i l l  b e   n o t e d   t h a t  as t h e  number of   loadings  is i n c r e a s e d   t h e  
impos i t ion  of r e s t r a i n t s   e x e r t s  a g r e a t e r   i n f l u e n c e  on t h e   s o l u t i o n .  The more 
l o a d i n g s   t h e r e  are, t h e   g r e a t e r  w i l l  b e   t h e   o p p o r t u n i t y   f o r   p r e s s u r e   p e a k s ,  
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s t e e p   g r a d i e n t s ,   a n d  severe camber  shapes  to arise i n   t h e   t h e o r e t i c a l   s o l u t i o n ,  
and t h u s   t h e   g r e a t e r  w i l l  be   t he   need   fo r   impos i t i on   o f  realist ic restraints. 
T h e s e   d a t a   i n d i c a t e   t h a t   e v e n   w i t h   t h e   r e s t r a i n t s   a p p l i e d ,   t h e r e  is a p o t e n t i a l  
f o r  a 32-percent  improvement  over  the  uniform  load case and  about a 15-percent 
improvement  over  the  two-loading case used i n   t h e   e x p e r i m e n t a l  program  previ- 
ous ly   d i scussed .  The  amount  of t h i s   a d d i t i o n a l   t h e o r e t i c a l   p o t e n t i a l   w h i c h   c a n  
a c t u a l l y   b e   a c h i e v e d   i n   p r a c t i c e   r e m a i n s   t o   b e   d e t e r m i n e d  by  experimentat ion.  

T h e o r e t i c a l   l e v e l s   o f   l i f t i n g   e f f i c i e n c y   w h i c h  may be  approached  through 
a p p l i c a t i o n  of t h e  new design  methods may b e   p l a c e d   i n   b e t t e r   p e r s p e c t i v e  by 
comparison  with known s t a n d a r d s  as h a s   b e e n   d o n e   i n   f i g u r e  6.  Here, the   theo-  
re t ica l  g o a l s   f o r  a 10- loading   cambered   wing   wi th   and   wi thout   res t ra in ts  is 
compared   wi th   theore t ica l   and   exper imenta l   da ta   for  a f l a t  wing  and f o r   t h e  
two-loading  wing. F l a t  wing t h e o r e t i c a l   v a l u e s  are g i v e n   f o r   f u l l   l e a d i n g - e d g e  
s u c t i o n  and f o r  no leading-edge   suc t ion .   In   th i s   and   o ther   exper iments ,  l i t t l e  
evidence   o f   l ead ing-edge   suc t ion  is f o u n d .   T h e o r e t i c a l   r e s u l t s   f o r   t h e  two- 
load ing  wing i n d i c a t e   t h a t   t h e   u s e  of  wing t w i s t  and  camber  can  more  than make 
u p   f o r   t h e   l o s s   o f   s u c t i o n .  However, on ly   about   ha l f   o f   ' th i s   ga in  is r e a l i z e d  
exper imenta l ly .  The 1 0 - l o a d i n g   t h e o r e t i c a l   d a t a   i n d i c a t e  a f u r t h e r   p o t e n t i a l  
ga in .  Only a r e l a t i v e l y  small p e n a l t y  is p r e d i c t e d   f o r   i m p o s i t i o n  of  what are 
b e l i e v e d   t o   b e  rea l i s t ic  r e s t r a i n t s .   T h e r e  is c l e a r l y  a need f o r   f u r t h e r  
i n v e s t i g a t i o n   o f   t h i s   s u b j e c t .  

A p p l i c a t i o n   t o   C o n f i g u r a t i o n   I n t e g r a t i o n  

T h e   p r o b l e m   u n d e r   d i s c u s s i o n   u p   t o   t h i s   p o i n t ,   t h a t   o f   o p t i m i a i n g   t h e  
l i f t i n g   e f f i c i e n c y  as measured by t h e   d r a g - d u e - t o - l i f t   f a c t o r   o r   t h e  untrimmed 
l i f t - d r a g   r a t i o ,   d o e s   n o t   t a k e   i n t o   a c c o u n t  a l l  t h e   f a c t o r s   t h a t  must  be  con- 
s i d e r e d   i n  a real conf igura t ion   des ign   process .   Another   major   cons idera t ion  is 
t h a t  of provid ing   the   p i tch ing-moment   charac te r i s t ics   necessary   to  t r i m  t h e  
a i r c r a f t   f o r   s t e a d y   l e v e l   f l i g h t   w i t h o u t   e x c e s s i v e   d r a g   p e n a l t i e s .  Earlier i n  
t h i s   p a p e r ,  i t  w a s  po in t ed   ou t   t ha t   fo r   one   example   o f   t he   app l i ca t ion   o f  wing 
des ign   me thods ,   an   i nc rease   i n  Cm,o as w e l l  as a n   i n c r e a s e   i n  untrimmed LID 
r e s u l t e d .   T h i s   i n c r e a s e   i n  moment c o e f f i c i e n t  a t  z e r o   l i f t ,  which a c t s   t o  
r e d u c e   t h e   c o n t r o l   s u r f a c e   d e f l e c t i o n   r e q u i r e d   f o r  trimmed f l i g h t  a t  supe r son ic  
speeds  and  thus  reduce trim drag ,  was i n   t h a t   c a s e  a byproduct   of   the   drag 
op t imiza t ion .  

The new wing  design  methods  allow moment c o n s i d e r a t i o n s   t o   b e   i n c l u d e d  as 
a fundamenta l   par t   o f   the   op t imiza t ion   process .  An example  of t h e   u s e   o f   t h e  
design  program  for   the  def ini t ion  of   wing  surfaces   providing  for   drag  minimiza-  
t i o n   s u b j e c t   t o   s p e c i f i e d  moment c o n s t r a i n t s  i s  shown i n   f i g u r e  7 .  Because  of 
t h e   c l o s e   i n t e r r e l a t i o n s h i p ,  camber s u r f a c e   o r d i n a t e   r e s t r a i n t s  as w e l l  as 
moment r e s t r a i n t s  are  t r e a t e d   i n  a s i n g l e   i l l u s t r a t i o n .  

The p l o t   o n   t h e   l e f t  of t h e   f i g u r e  shows the   e f f ec t   on   d rag -due - to - l i f t  
f a c t o r ,  ACD/CL2,  of c o n s t r a i n i n g   t h e   p i t c h i n g  moment a t  z e r o   l i f t ,  h,,, t o  
values  between 0 and 0.06. No z - o r d i n a t e   c o n s t r a i n t  is appl ied   and ,  as dep ic t ed  
i n   t h e  wing su r face   ske t ches ,   t he   roo t   cho rd   r eg ion   exh ib i t s   l a rge   shape   changes  
a c r o s s   t h e   r a n g e  of C m y 0  v a l u e s .  It  should   be   no ted   tha t   the  more r easonab le  

I 
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s u r f a c e   s h a p e s   a n d   t h e   n e a r  minimum v a l u e s   o f   d r a g   d u e   t o   l i f t   b o t h   o c c u r   i n  
t h e   v i c i n i t y   o f  hy0 v a l u e s   e s t i m a t e d   t o   b e   d e s i r a b l e   f o r   a c c e p t a b l e   t r i m m i n g  
c h a r a c t e r i s t i c s .  

T h e   p l o t   o n   t h e   r i g h t  of f i g u r e  7 i l l u s t r a t e s   t h e   e f f e c t   o n   d r a g   d u e   t o  
l i f t  and   on   su r f ace   shape   o f   va ry ing   t he   va lue   o f  a s i n g l e   z - o r d i n a t e   c o n s t r a i n t  
wh i l e   ma in ta in ing  a C m y 0  of 0.04.  The o r d i n a t e   c o n s t r a i n t  i s  a p p l i e d   o n   t h e  
roo t   cho rd  a t  67 percent   o f  i ts  l e n g t h   a n d   s u r f a c e   o r d i n a t e ,  z*, v a l u e s   r a n g e  
from -20 p e r c e n t   t o  10 p e r c e n t   o f   t h e   r o o t   c h o r d   l e n g t h .  An examinat ion   of   the  
r e s u l t s   i n d i c a t e s   t h a t  a z* /c r   cons t r a in t   va lue   o f   abou t  -0.1 probably  pro- 
v i d e s  a reasonable  compromise  between a prac t ica l   wing   shape   and  a minimizat ion 
o f   d r a g   d u e   t o   l i f t .  

The  pr imary  point   of   the   example  presented  here  lies, h o w e v e r ,   n o t   i n   t h e  
s p e c i f i c   r e s u l t s   o b t a i n e d   b u t   i n   t h e   d e m o n s t r a t i o n   o f   t h e   i m p r o v e d   d e s i g n  
c a p a b i l i t y .  

A s  p r e v i o u s l y   d i s c u s s e d ,   t h e   p r e s e n t   w i n g   d e s i g n   p r o c e d u r e   h a s   t h e   c a p a b i l -  
i t y  o f   i n c l u d i n g   t h e   e f f e c t s   o f   o t h e r   a i r c r a f t   c o m p o n e n t s   d i r e c t l y   i n   t h e  
op t imiza t ion   p rocess .  To i l l u s t r a t e   t h i s   c a p a b i l i t y ,  two approaches  for   design-  
i n g  a wing-nacelle  combination w i l l  b e   d i s c u s s e d .  One a p p r o a c h   u t i l i z e s   t h e  
well-known  method  of  wing-nacelle  reflexing  and  the  other  approach  employs  the 
p re sen t   w ing   des ign   p rocedure .   Fo r   i l l u s t r a t ive   pu rposes ,   bo th   p rocedures  are 
a p p l i e d   t o   t h e   d e s i g n  of a d e l t a  wing i n   t h e   p r e s e n c e  of two nace l l e s   and  
r e s u l t s   f o r  a d e s i g n  Mach number of 2 .0  and a d e s i g n   l i f t   c o e f f i c i e n t   o f  0.10 
are  shown i n   f i g u r e  8. 

The  method  of  wing-nacelle  reflexing is d e s c r i b e d   i n   d e t a i l   i n   r e f e r e n c e  4 
and w i l l  on ly   be   ou t l i ned   he re .   The   p rocess  of r e f l e x i n g   b e g i n s   w i t h   t h e  
s e l e c t i o n   o f   a n  optimum  wing a lone   des ign   which   has   des i red   aerodynamic   charac-  
teristics (open c i r c l e  o n   s o l i d   l i n e ) .  The a d d i t i o n  of t h e   n a c e l l e s   i n t r o d u c e s  
a p r e s s u r e   f i e l d   a c t i n g   o n   t h e  wing  which  requires  a r e d u c t i o n   i n   o t h e r   l o a d i n g s  
and   co r re spond ing   changes   i n   t he  camber s u r f a c e   t o   p r e s e r v e   t h e   d e s i g n   l i f t .  
T h i s   r e s u l t s   i n  a d e c r e a s e   i n   b o t h  C m y 0  and  (open c i r c l e  on  dashed 
l i n e ) .  Wing r e f l e x i n g  is t h e n   a p p l i e d   t o  a l t e r  t h e   b a s i c   w i n g   s u r f a c e   i n   t h e  
r eg ion   i n f luenced  by t h e   n a c e l l e   p r e s s u r e   f i e l d   t o   c a n c e l   o r  augment t o   v a r y i n g  
d e g r e e s   t h e   n a c e l l e   e f f e c t s .  A wing r e f l ex ing   wh ich   cance l s  a l l  t h e   n a c e l l e  
i n d u c e d   l o a d i n g ,   r e s t o r e s   t h e   o r i g i n a l   l o a d i n g   d i s t r i b u t i o n ,   a n d   r e p r o d u c e s   t h e  
o r i g i n a l   v a l u e   o f  Cm?, i s  r e f e r r e d  to  as 100   percent   re f lex ing   ( shaded  c i rc le  
on   dashed   l ine) .  A s  I n d i c a t e d   i n   t h e   f i g u r e ,   a l t h o u g h   d r a g   p e n a l t i e s   a b o v e   t h e  
minimum p o i n t  may be  small f o r   t h i s   1 0 0 - p e r c e n t   r e f l e x i n g ,   t h e   u s e   o f   l a r g e r  
v a l u e s   o f   p o s i t i v e   r e f l e x i n g   t o   a c h i e v e  moments i n   t h e   d e s i r a b l e  t r i m  range  may 
b r i n g   a b o u t   l a r g e   p e n a l t i e s .  

The   p re sen t   des ign   p rocedure   d i f f e r s   f rom  the   s imp le   r e f   l ex ing   p rocedure  
b e c a u s e   t h e   e n t i r e   w i n g  is r e d e s i g n e d   w i t h   t h e   f i x e d   n a c e l l e   l o a d i n g   a n d   r e f l e x  
(camber   induced)   loading as w e l l  as a l l  t h e   o t h e r   l o a d i n g s   i n c l u d e d   i n   t h e  
opt imiza t ion   process .   In   the   range   of   des i rab le   p i tch ing-moment   charac te r i s -  
t ics ,  t h e   p r e s e n t   p r o c e d u r e   p r o v i d e s   s u b s t a n t i a l   i m p r o v e m e n t s   i n   d r a g   d u e   t o  
l i f t  ove r   t he   s imp le   r e f   l ex ing   me thod .  
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C o n s t r a i n t   S e l e c t i o n   C o n s i d e r a t i o n s  

A s  p r e v i o u s l y   d i s c u s s e d ,  a new b road   r ange   o f   con t ro l s   ove r   t he  wing 
des ign   p rocess  is now p r o v i d e d   i n  a l inear ized   theory   method  for   d rag-due- to-  
l i f t  minimization. The constraints   provided  have  been  ident i f ied,   and  examples  
o f   t h e i r   a p p l i c a t i o n   g i v e n ,   b u t  l i t t l e  has   been   s a id   abou t   t he   e s t ab l i shmen t   o f  
t h e s e   c o n s t r a i n t s .  It is  th is   aspec t   o f   the   p roblem  which   mos t   severe ly   t axes  
t h e  knowledge  and s k i l l  o f   t he   p rog ram  use r ,   c a l l i ng   on   t he  a r t  as w e l l  as t h e  
science  of   aerodynamics.  

Some of t h e   c o n s i d e r a t i o n s   i n v o l v e d   i n   t h e   s e l e c t i o n   o f   r e s t r a i n t s   a p p l i -  
c a b l e   t o  a wing  designed  for  a g iven  Mach number, l i f t   c o e f f i c i e n t ,  and  pi tch-  
i ng  moment  may b e   d i s c u s s e d   w i t h   t h e   a i d  of  f i g u r e  9. Near t h e  wing l e a d i n g  
edge i n   t h e   v i c i n i t y  of t h e   f u s e l a g e   j u n c t u r e ,  it may be   necessary   to   impose  
p r e s s u r e   l e v e l   l i m i t a t i o n s   t o   p r e v e n t  a s t rong   s idewash   d i rec ted   toward   the  
fuselage  which  could create an  inboard  shock  on  being  redirected by t h e   f u s e -  
l a g e   s u r f a c e .   P r e s s u r e   l e v e l   c o n s t r a i n t s  may a l s o   b e   r e q u i r e d   a l o n g   t h e   l e a d -  
i n g   e d g e   t o   a v o i d   f l o w   s e p a r a t i o n   d u e   t o   t h e   l a r g e   f l o w   t u r n i n g   a n g l e s  
a s s o c i a t e d   w i t h   h i g h - p r e s s u r e   l e v e l s .  A t  t h e   t r a i l i n g   e d g e ,  some measure  of 
Cp c o n t r o l  may be  needed t o   a l l e v i a t e   t r a i l i n g - e d g e   s h o c k   s t r e n g t h   w h i c h  
could,   under some c i r cums tances ,   l ead   t o   f l ow  sepa ra t ion  w e l l  ahead  of   that  
l o c a t i o n .  In a d d i t i o n ,   p r e s s u r e   l e v e l   a n d   g r a d i e n t   c o n s t r a i n t s  may b e  imposed 
on t h e   e n t i r e  wing su r face   o r   on   suspec ted   t roub le   spo t s  as  may b e   d e s i r e d .  
A m o r e   c o m p l e t e   d i s c u s s i o n   o f   t h e   p r e s s u r e   r e s t r a i n t   a p p l i c a t i o n   i n   t h e   d e s i g n  
p r o c e s s   a n d   o f   c r i t e r i a   f o r   e s t a b l i s h m e n t  of s p e c i f i c   r e s t r a i n t   l e v e l s  i s  g iven  
i n   r e f e r e n c e   1 2 .  Some degree   o f   cont ro l   over   fuse lage   f loor   angle   and   ground 
c l ea rance  may b e   a f f o r d e d  by s t r a t e g i c   p l a c e m e n t   o f   o r d i n a t e   c o n s t r a i n t s  
beginning a t  t h e   w i n g - f u s e l a g e   j u n c t u r e .   O r d i n a t e   c o n s t r a i n t s  may a l s o   b e  
u s e f u l   i n   p r o v i d i n g   f o r   s t r a i g h t   h i n g e   l i n e s ,   a l t h o u g h  much of t h i s   can   be  
accompl ished   by   wing   sur face   shear ing   (d i scussed   in   re f .  5 ) .  

Other   Design  Factors  

A l though   t he   w ing   des ign   p rocedure   d i scussed   i n   t h i s   pape r  is  probably   the  
most v e r s a t i l e  and  most  comprehensive of i t s  type ,  a l l  a s p e c t s  of  wing des ign  
are by  no  means encompassed. Some of t h e  more  obvious  aspects  worthy  of  con- 
s i d e r a t i o n s  are l i s t e d   i n   f i g u r e   1 0 .   L i n e a r   t h e o r y   m e t h o d s   p r o v i d e  no means  of 
accoun t ing   fo r   shock   waves ;   t hus ,   fo r   example ,   t o   de t ec t   and   con t ro l   t he  
s t r e n g t h  of a forward  shock  (shown i n   t h e   s k e t c h )   o n e   m u s t   r e s o r t   t o   e m p i r i c a l  
i n fo rma t ion ,   non l inea r   so lu t ions   ( s ee  r e f .  1 3 ) ,  a n d ,   i n  many i n s t a n c e s ,  wind- 
t u n n e l   t e s t i n g .   S e v e r a l   r e s e a r c h e r s   h a v e   p r o p o s e d   t h e   u t i l i z a t i o n  of v o r t e x  
lift as a n   e f f i c i e n t  means  of  producing  low  drag l i f t   ( s e e   r e f .   1 4 ) ;  however, 
more  knowledge  and bet ter   computat ional   methods  must   be  acquired  to   design  for  
v o r t e x   l i f t .  The present   p rocedure   has  no c a p a b i l i t y   f o r   t a k i n g   a d v a n t a g e   o f  
va r ious   f l ow-con t ro l   dev ices   o r   accoun t ing   fo r   p ropu l s ion - sys t em  in t eg ra t ion  
e f f ec t s   wh ich   have   been   demons t r a t ed   t o   be   bene f i c i a l   i f   p rope r ly   app l i ed .  
These are bu t  a few  of  the items which   shou ld   be   i nco rpora t ed   i n to   fu tu re  
wing  design  procedures .  
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CONCLUDING REMARKS 

A l i nea r i zed   t heo ry   w ing   des ign  and opt imizat ion  procedure  which  a l lows 
p h y s i c a l  realism and p r a c t i c a l   c o n s i d e r a t i o n s   t o   b e  imposed as c o n s t r a i n t s   o n  
t h e  optimum ( l e a s t   d r a g   d u e  t o  l i f t )   s o l u t i o n   h a s   b e e n   p r e s e n t e d   a n d   d i s c u s s e d .  
I n   a d d i t i o n   t o   t h e   u s u a l   c o n s t r a i n t s  on l i f t  and p i t c h i n g  moment, c o n s t r a i n t s  
c a n   a l s o   b e  imposed i n  wing   su r f ace   o rd ina te s  and  wing  upper   surface  pressure 
levels and g r a d i e n t s .  The d e s i g n   p r o c e d u r e   a l s o   p r o v i d e s   t h e   c a p a b i l i t y  of 
i n c l u d i n g   d i r e c t l y   i n   t h e   o p t i m i z a t i o n   p r o c e s s   t h e   e f f e c t s  of o t h e r   a i r c r a f t  
components  such as a fuse l age ,   cana rds ,   and   nace l l e s .  

The c a p a b i l i t y   a n d   v e r s a t i l i t y  of   the   des ign   and   op t imiza t ion   procedure  
h a v e   b e e n   i l l u s t r a t e d  by  examples  of i t s  a p p l i c a t i o n  t o  an  arrow  planform  wing 
.and a d e l t a  wing n a c e l l e   c o n f i g u r a t i o n .  The r e s u l t s   i n d i c a t e  a s u b s t a n t i a l  
t h e o r e t i c a l   p o t e n t i a l   f o r   f u r t h e r   g a i n s   i n   s u p e r s o n i c   c r u i s e   v e h i c l e   a e r o d y -  
namic  performance.  Experimental   studies,   however,  are r e q u i r e d   t o   d e t e r m i n e  
a c h i e v a b l e   l e v e l s  and t o   p r o v i d e   e m p i r i c a l   d e s i g n  c r i te r ia  needed i n  more 
refined  implementations  of  the  method. 

. 
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INBOARD  SHOCK 
Cp  CONSTRAINT  TRAIL ING EDGE 

Cp  CONSTRAINT 

HINGE  LINE 
/ -  ORDINATE  CONSTRAINT - 

/ 

S IDE O f B ~ ~ 1 / 2  " 
ORDINATE  CONSTRA  INTS 

Figure  9.- Typica l   w ing   des ign   cons t r a in t   impos i t i on .  

0 SHOCK  DETECTION  AND  CONTROL 

0 U T I L I Z A T I O N  OF VORTEX  LIFT 

VORTEX  L I FT 

0 A P P L I C A T I O N  OF FLOW  CONTROL  DEVICES v 
0 PROPULSION  SYSTEM  INTEGRATION 

F i g u r e  10.- O t h e r   d e s i g n   c o n s i d e r a t i o n s .  
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ADVANCED  SURFACE  PANELING  METHOD  FOR 

SUBSONIC AND SUPERSONIC FLOW* 

Larry L. Erickson 
NASA  Ames  Research  Center 

Forrester T. Johnson  and  F.  Edward  Ehlers 
Boeing  Commercial  Airplane Co. 

Numerical  results  illustrating  the  capabilities of an  advanced  aerody- 
namic  surface  paneling  method  are  presented.  The  method  is  applicable  to  both 
subsonic  and  supersonic  flow,  as  represented  by  linearized  potential  flow 
theory.  The  method  is  based  on  linearly  varying  sources  and  quadratically 
.varying  doublets  which  are  distributed  over  flat  or  curved  panels.  These 
panels  can  be  applied to the  true  surface  geometry of arbitrarily  shaped 
three-dimensional  aerodynamic  configurations.  The  method  offers  the  user a 
variety  of  modeling  options  and  is  both  stable  and  accurate,  the  numerical 
results  displaying a marked  insensitivity  to  panel  arrangement. 

INTRODUCTION 

This  paper  summarizes  the  general  features  of  an  advanced  aerodynamic 
surface  paneling  method  and  gives  results  for  both  subsonic  and  supersonic 
steady  flow.  The  work  was  originally  motivated  by  limitations  in  the  Woodward- 
type  aerodynamic  method  used  in  FLEXSTAB.  Although  the  FLEXSTAB  aerodynamic 
model  has  several  unique  capabilities  for  three-dimensional  configurations 
(e.g.,  subsonic  and  supersonic flow, steady  and  low-frequency  unsteady  motion 
(ref. l)), it  also  .has  several  faults  that  are  typical of other  paneling 
schemes.  For  example,  results  are  often  sensitive  to  the  manner  in  which  the 
paneling  is  laid  out,  and  localized  changes  in  panel  density  often  require 
corresponding  changes to be  made  over  the  entire  planform.  Equally  important, 
the  aerodynamic  model  for  fuselage-type  components  is  based  on a slender  body 
of  revolution  plus an interference  shell,  as  shown  in  figure l(a). This  model- 
ing  restriction  often  results  in  crude  approximations t o  the  geometry  of  alr- 
craft,  especially  fighter-type  aircraft. 

The  goal  of  this  development  work  is  to  produce a re!.iable subsonic/ 
supersonic  panel  method  that  accurately  represents  the  actual.  surface  geometry 
of  realistic  aircraft  as  shown in figure l(b). To produce  such a method 

*This  work  was  performed  under  contract  NAS2-7729  for  NASA  Ames  Research 
Center. 

25 

I ~ . .. ." 



r e q u i r e s   f l a t  a n d   c u r v e d   p a n e l s   t h a t   c a n   b e   a r b i t r a r i l y   o r i e n t e d   i n   s p a c e  
( e . g . ,   p a n e l s   s h o u l d   i n c l i n e   t o w a r d   t h e   f l o w   d i r e c t i o n   a n d   p a n e l   s i d e   e d g e s  
s h o u l d   n o t   h a v e   t o   b e   p a r a l l e l   t o   t h e   f l o w ) .  To b e   u s a b l e   a n d   r e l i a b l e ,   t h e  
method m u s t   p r o d u c e   a c c u r a t e   r e s u l t s   t h a t  are n o t   s e n s i t i v e   t o   t h e   s i z e ,   s h a p e ,  
and a r r a n g e m e n t   o f   t h e   p a n e l i n g ;   i n   t u r n ,   t h i s   c a p a b i l i t y  makes automated 
p a n e l i n g   p r a c t i c a l .  I n  a d d i t i o n ,   t h e  method  must  be e f f i c i e n t .  The r e s u l t s  
i n d i c a t e   t h a t   t h e s e   r e q u i r e m e n t s   c a n   b e  m e t  f o r   bo th   subson ic   and   supe r son ic  
ana lys i s   p rob lems   ( spec i fy   shape ,   so lve   fo r   p re s su re )   and   fo r   subson ic   des ign  
p rob lems   ( spec i fy   p re s su re ,   so lve   fo r   shape ) .  

Values are 
tomary u n i t s .  

b 

LC1 

CL 

cLcl 

‘m 

P - P, 

q m  cP - 
- 

ACp = C - 
PI1 cPU 

C 

C R  

K 

k 

L 

M 

N 

SYMBOLS 

g i v e n   i n  S I  u n i t s .  The c a l c u l a t i o n s  were made i n  U.S. cus- 

i n f l u e n c e   c o e f f i c i e n t   m a t r i x   r e l a t i n g   s i n g u l a r i t y   s t r e n g t h  
p a r a m e t e r s   t o   p e r t u r b a t i o n   v e l o c i t i e s  , m-I 

wing  span, m 

matrix r e l a t i n g   d o u b l e t   s t r e n g t h   c o e f f i c i e n t s   a n d   d o u b l e t  
s i n g u l a r i t y   p a r a m e t e r s  

l i f t   c o e f f i c i e n t  

l i f t   c u r v e   s l o p e  

p i t c h i n g  moment c o e f f i c i e n t  

p r e s s u r e   c o e f f i c i e n t  

l o c a l   c h o r d  

s e c t i o n  l i f t  c o e f f i c i e n t  

k e r n e l   f u n c t i o n   i n   e q u a t i o n  ( 4 )  , m-2 

pane l  number 

body l e n g t h ,  m 

Mach number 

number o f   s i n g u l a r i t y  parameters a s soc ia t ed   w i th   pane l  K ;  
a l s o ,  number of  chordwise  and streamwise p a n e l s   i n  
f i g u r e  5. 
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NO 
-t n 

'j 

P 

r 

aerodynamic  center  location  as  fraction of local  chord 

unit  normal  to  aerodynamic  surface 

the  set  of N points  corresponding  to  the in "j equation (2) 

pressure,  N/m2 

dynamic  pressure,  N/m2 

see  equation (3 )  

body  radius, m 

area  of  integration  over  panel k, m2 

free-stream  .velocity  vector,  mlsec 

total  velocity  vector,  mlsec 

perturbation  velocity  vector  at  field  point i due  to  the 
N singularity  parameters vj associated  with  panel k, 
mlsec 

weighting  values  used in equation ( 3 )  

coordinates  in  chordwise  and  spanwise  directions,  respec- 
tively, m 

angle o f  attack,  degrees  or  radians 

bound  circulation 

doublet  strength  distribution,  m2/sec 

doublet  singularity  parameter,  m2/sec 

coefficients  in  the  expression  for v ( C , n )  

local  orthogonal  coordinate  axes  associated  with  individual 
panels, m 

perturbation  potential,  m2/sec;  also,  circumferential  angle 
in  figures  15  and 16 

fluid  density , kg/m3 

source  strength  distribution,  m/sec 
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Subscr ip ts :  

i 

j 
R 

U 

03 

Operator:  
-+ 
V 

f i e l d   p o i n t  

s i n g u l a r i t y   p a r a m e t e r   o r   s i n g u l a r i t y   p a r a m e t e r   p o i n t  

l ower   su r f ace  

uppe r   su r f ace  

f r ee - s t r eam  va lue  

g r a d i e n t   ( w i t h   r e s p e c t   t o   f i e l d   p o i n t   c o o r d i n a t e s ) ,  m-I 

GENERAL FEATURES OF THE METHOD 

The approach i s  fundamental ly   the same f o r   b o t h   s u b s o n i c  and s u p e r s o n i c  
flow. (More s p e c i f i c   d e t a i l s   o f   t h e   m a t h e m a t i c s  are g i v e n   i n   r e f s .  2 and 3 . )  
A s  i n  several other   methods,  i t  i s  based   on   the   s ingular   source   and   double t  
s o l u t i o n s   t o   t h e   l i n e a r i z e d   s u b s o n i c   a n d   s u p e r s o n i c   p o t e n t i a l   f l o w   e q u a t i o n s .  
The p r i m a r y   d i f f e r e n c e s  i n  t h e   p r e s e n t  method are (1) t h e   u s e   o f   h i g h e r   o r d e r  
f o r m s   f o r   t h e   s p a t i a l   d i s t r i b u t i o n   o f   t h e s e   s i n g u l a r i t y   s t r e n g t h s ,   a n d   ( 2 )   t h e  
r e t e n t i o n   o f   c u r v a t u r e   e f f e c t s   f o r   t h e   p a n e l s   o n   w h i c h   t h e s e   s i n g u l a r i t i e s  are 
d i s t r i b u t e d .   S p e c i f i c a l l y ,   t h e   s o u r c e s  are assumed t o   h a v e  a l i n e a r   s t r e n g t h  
d i s t r i b u t i o n   a n d   t h e   d o u b l e t s   h a v e  a q u a d r a t i c   s t r e n g t h   d i s t r i b u t i o n   o v e r   t h e  
p a n e l s .   ( B o t h   t r i a n g u l a r   a n d   q u a d r i l a t e r a l   p a n e l s   a r e   a l l o w e d . )  The p a n e l s  
c a n   b e   u s e d   f o r   b o t h   a c t u a l   s u r f a c e   p a n e l i n g ,   o r   f o r  mean su r face   pane l ing  as 
i n d i c a t e d   i n   f i g u r e   l ( b ) .   V e l o c i t y   o r  mass f l u x   ( r e f .  3)  type  boundary  condi- 
t i ons   can   be   imposed   on   e i the r   t he  mean o r   a c t u a l   s u r f a c e   b o u n d a r y ;  a l ter-  
na te ly ,   po ten t ia l - type   boundary   condi t ions   can   be   imposed   on   the   in te r ior   o f  
c losed   bod ie s .   These   a l t e rna t ives  are  s k e t c h e d   i n   f i g u r e   2 ,   a n d  are i l l u s -  
t r a t e d  by la te r  e x a m p l e s .   I n i t i a l   r e s u l t s   i n d i c a t e   t h e   m o d e l i n g   t e c h n i q u e  
o f   f i gu re   2 (b )  i s  g e n e r a l l y   t h e   b e s t   c h o i c e   f o r   c l o s e d   b o d i e s  - i t  g i v e s  
a c c u r a t e   r e s u l t s   a n d   r e q u i r e s   c o n s i d e r a b l y   f e w e r   c a l c u l a t i o n s   t h a n   v e l o c i t y -  
type  boundary  condi t ions.  

For   bo th   subsonic   and   supersonic   f low,   the   in tegra t ions   g iv ing   the   pane l  
i n f luence   coe f f i c i en t s   have   been   ob ta ined   i n   c lo sed   fo rm.   Th i s   has   t he   fo l low-  
ing   advantages   over  a numer i ca l   i n t eg ra t ion   fo rm:  

1. The i n f l u e n c e   c o e f f i c i e n t s   c a n   g e n e r a l l y   b e   c o m p u t e d   f a s t e r   a n d  more 
a c c u r a t e l y .   T h i s  i s  e s p e c i a l l y   t r u e   f o r   r e g i o n s   i n   w h i c h   t h e   i n t e g r a l  i s  
s i n g u l a r .  

2.  The  coding i s  much s i m p l e r ,   e s p e c i a l l y   f o r   n o n s t r e a m w i s e   s i d e   e d g e s .  
I n   t h e   s u p e r s o n i c  case, a l l  Mach c o n e l p a n e l   i n t e r s e c t i o n s  are  a u t o m a t i c a l l y  
t r e a t e d .  
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CHARACTER OF THE NUMERICAL MODELS 

Networks 

For  user  convenience,  the  numerical  model  is  cast in the  form  of  panel 
networks.  These  networks  are  a  collection  of  either  source  or  doublet  panels 
and  are  independently  defined  over  various  portions of the  aircraft  surface  as 
illustrated in figure 3 .  

Associated with  each  network  are  discrete  sets  of  standard  points.  As 
described  later,  some  points  are  used  for  expressing  the  source  and  doublet 
singularity  strength  distributions in terms  of  singularity  parameters  whose 
values  are  to be determined.  An  equal  number  of  points  are  used  as  control 
points.  Control  points  located  at  panel  centers  are  used  to  impose  local 
boundary  conditions  expressed in terms of either  velocity  or  velocity  poten- 
tial.  Additional  control  points  along  network  edges  are  used t o  match  the 
flow  properties  along  common  edges  of  adjacent  networks. 

The  edge  control  points  are  also  used  to  impose  auxiliary  conditions  such 
as  the  Kutta  condition  at  subsonic  trailing  edges  and  for  the  design  case  to 
ensure  the  proper  closure  of  surfaces  (e.g., to specify  trailing  edge 
thickness). 

Four  basic  network  types  are  used:  source/analysis,  doublet/analysis, 
source/design  and  doubletldesign.  In  addition,  variations  of  these  four  types 
are  used for special  purposes  such  as  wake  paneling.  The  features  that  dis- 
tinguish  one  network  type  (and  variations  thereof)  from  another  are  the  number 
and  location  of  the  singularity  parameter  points  and  the  con.trol  points 
(ref. 2, appendices B and C ) .  Particular  combinations  of  singularity  parameter 
points  and  control  points  are  selected  for  their  ability  to  produce  stable 
numerical  results  for  the  boundary  value  problem  under  consideration. 

To  apply  the  method,  the  user  must  represent  the  aircraft  surface  (and  the 
wake for subsonic  flow)  as a  collection of paneled  networks,  and  specify  the 
network  type(s)  and  appropriate  boundary  conditions.  For  each network, the 
code  then  sets up.all the  proper  singularity  parameter  and  control  point 
locations. 

Singularity  Strength  and  Singularity  Parameters 

A brief  description  of  the  singularity  strength  definition  for  both 
source  and  doublet  networks  is  given  in  reference 2. An  expanded  explanation 
is  given  here  for  the  specific  case  of a  doublet/analysis  network. 

. Figure 4(a) shows  a  network  comprised  of 25 panels.  (The  surface  shape  of 
these  panels  is  obtained  by  least  square  fitting a paraboloid  to  corner  points 
of neighboring  panels  (ref. 2) .  Also  shown  are  the  locations  of  the 49 singu- 
larity  parameter  points;  one  point  is  at  the  center of each  panel  and  the 
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o t h e r   p o i n t s  are d i s t r i b u t e d   a l o n g   t h e   n e t w o r k   e d g e s .   F o r   t h i s   p a r t i c u l a r  
ne twork ,   t he   con t ro l   po in t s  are ar ranged  i n  a n e a r l y   i d e n t i c a l   f a s h i 0 n . l  

Assoc ia t ed   w i th   each   pane l  k of the   ne twork  is a six-degree-of-freedom 
q u a d r a t i c - d o u b l e t   s t r e n g t h   d i s t r i b u t i o n   o f   t h e   f o r m  

I n   e q u a t i o n   ( l ) ,  5 and n are l o c a l   o r t h o g o n a l   c o o r d i n a t e s   t h a t  l i e  i n  
a r e f e r e n c e   p l a n e   a s s o c i a t e d   w i t h   p a n e l   k ,  as i l l u s t r a t e d   i n   f i g u r e   4 ( b ) .  
(This   plane i s  t a n g e n t   t o   t h e   c u r v e d   p a n e l  a t  the   pane l   cen te r   and  i s  n e a r l y  
pa ra l l e l   t o   t he   p l ane   pas s ing   t h rough   t he   midpo in t s   o f   t he   l i ne   s egmen t s  con- 
n e c t i n g   t h e   c o r n e r   p o i n t s  of the   curved   pane l . )   For   each   pane l ,   the   s ix  
c o e f f i c i e n t s   i n   e q u a t i o n  (1) are e x p r e s s e d   i n  terms o f   s e l ec t ed   subse t s   o f   t he  
ne twork   s ingular i ty   parameters .   For   pane l   k ,   th i s   subse t   cons is t s   o f  N 
s i n g u l a r i t y  parameters p j  t h a t  are a s s o c i a t e d   w i t h   p a n e l  k and  with  the 
pane l s   d i r ec t ly   ad j acen t   t o   pane l   k .   Fo r   conven ience , '   t he  N p o i n t s  a t  
w h i c h   t h e s e   s i n g u l a r i t y  parameters are de f ined  are des igna ted  P j .  I n  equa- 
t i on   fo rm,  

k 

Thus ,   for   pane l  1 3  of   f i gu re   4 (a ) ,  k = 1 3 ,  N =  9 ,  and j = (17-19,  24-26, 31-33) .  

The l i n e a r   r e l a t i o n s h i p   g i v e n  by equat ion   (2)  i s  determined by the  method 
of  weighted leas t  squares .   That  is ,  fo r   each   pane l  k, t h e   e x p r e s s i o n  

'The only  d i f f e r e n c e  i s  t h a t   t h e   e d g e   c o n t r o l   p o i n t s  are i n s e t   s l i g h t l y  
f rom  the   ne twork   edge;   th i s  i s  done t o   p r e v e n t   t h e   i n f l u e n c e   c o e f f i c i e n t s  
from  becoming i n f i n i t e .  

2The  symbol k i s  a supe r sc r ip t ,   no t   an   exponen t .  
30nly   these   ne ighbor ing   po in ts  are u s e d   i n   o r d e r   t o   l o c a l i z e   a n y   i r r e g u -  

l a r i t i es  t h a t  may a p p e a r   i n   t h e   t o t a l   s o l u t i o n .  
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is  minimized  with  respect t o  the  six  coefficients  appearing  in l.~ k (Ej,rlj). 
The  summation  in  equation (3) ranges  over  the  points  Pj.  The  weight 
Wk is given a much  larger  value  than  the  weights wj#k. This  forces  the 
least  squares fit of  equation (1) (to  the N singularity  parameters  at  points 
P j )  to be best  at  panel k. This  is  illustrated  in  figure 4(c)  for k = 13. 
(In  practice wk = 108 and wj#k = 1 are  used.) 

Note  that  the  sole  reason  for  the  above  least  squares  procedure  is  to 
express  the  assumed  panel  doublet  strength  distribution  in  terms  of a neigh- 
boring  subset of the  unknown  singularity  parameters.  This  procedure  is 
required  because  the  higher  order  form  for uk(E,rl) given  by  equation (1) 
associates  more  than  one  coefficient  with a single  panel If a constant 
strength  distribution  were  chosen,  that  is , uk(<,q) = u0 1; , then  there  would  be 
only  one  coefficient  per  panel.  Consequently,  the  coefficients uok them- 
selves  could  be  taken  as  the  basic  unknowns.  (In  fact,  this  is  the  concept 
employed  by  the  Woodward  constant  pressure  panels.) 

Because  of  the  least  squares  formulation,  the  singularity  strength 
uk(c , n )  of a panel  is  defined  beyond  the  panel  boundary.  For  the  purpose  of 
computing  influence  coefficients,  however,  the  range of 5 and rl is  con- 
fined to the  panel  interior  and  boundary.  This  range  is  illustrated  in 
figure 4(c) by  the  solid  portion of the  curve  for V ’ ~ ( E , ~ ) .  

Note  that  the  doublet  singularity  strengths of adjacent  panels  are  not 
forced  to  be  continuous  at  the  panel  edges.  For  sufficiently  dense  paneling, 
however,  the  strengths  are  nearly  continuous.  Thus,  the  appearance  of  doublet 
strength  mismatches  at  panel  edges  provides a valuable  indicator of locally 
inadequate  paneling.  (This  is  illustrated  below  by  the  results  for  the  ran- 
domly  paneled  swept  wing.) 

Influence  Coefficients  and  Determination of the 
Singularity  Parameters 

Having  each  of  the  panel  singularity  strength  distributions  expressed  in 
terms  of  the  unknown  singularity  parameters  enables  the  perturbation  potentials 
and  velocities  to  be  computed  in  terms  of  these  parameters.  Imposing  boundary 
conditions  then  yields a set  of  influence  coefficient  equations  from  which  the 
singularity  parameters can  be  computed.  The  discussion  below  illustrates  this 
for  boundary  conditions  expressed in terms  of  velocity. 

-f 
The  symbol $, ( - 1  is  used  to  denote  the  perturbation  velocity  at  field 

point i due  to  panel k; the  subscript (j) indicates  that  the  velocity 
depends  on  several  singularity  parameters l .~j (at  points  Pj).  This  velocity 
is  computed  from  the  doublet  singularity  strength  uk(c,n)  and  the  doublet 
velocity  potential K(Si - 5, rli - n )  by  an  integral  of  the  form  (ref. 4, 
p. 166) 
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where  (ci,ni)  is  the  field  point i, and  the  gradient  operator is  taken  with 
respect  to  the  field  point  coordinates  (i.e.,  a/agi,  etc.).  The  expression 
for  the  velocity kernel K differs  for  subsonic  and  supersonic  flow, as  does 
the  region  of  integration sk. For  subsonic  flow,  Sk  is  the  entire  panel 
area.  For  supersonic  flow, sk is  that  portion of the  panel  that  lies in the 
upstream  Mach  cone  emanating  from  the  field  point. 

The result  of  the  integration  in  equation ( 4 )  is  that  the  right-hand side 
of  the  equation  becomes a linear  algebraic  equation  in  the  network  singularity 
parameters uj .4 For  the  single  network of figure 4(a) , the  total  velocity  at 
any  control  point i,  due to  all  the  panels, is  given  by 

-+ + k=2 5 
v. = urn + 
1 

k= 1 
-+ 

where +Urn is  the  free-stream  velocity  vector.  Imposing  the  boundary  condi- 
tion  Vi ni = 0, where  ni  is  the  unit  normal  vector  at  control  point i, 
gives 

-+ + 

2 5  

When  cast  in  matrix  form,  this  equation  becomes 

49x49 

I 

Each  row i of  the  influence  coefficient  matrix  Aij  represents  a 
boundary  condition  imposed  at  one  of  the  49  control  points.  Each  column j 
corresponds to one  of  the  49  singularity  parameters  uj.  The  matrix  Aij  is 
constructed  one  row  (control  point)  at a time.  For  each row, one  cycles 
through  the  panels  and  enters  the  contributions  of  each  panel to the  appro- 
priate  columns of Aij.  For  example,  panel 1 3  of  figure  4(a)  would  contribute 
a  value to columns 17-19, 2 4 - 2 6 ,  and 31-33. (Other  panels  would  also  contrib- 
ute  values  to  some  of  these  same  columns,  and  these  values  would  be  added  to 
those  from  panel 13. )  

For  more  than a  single  network,  the  procedure  is  exactly  the  same  except 
that  the  matrices  in  equation ( 6 )  expand in  size so  as  to  incorporate  all  the 
panels,  all  the  singularity  parameters,  and  all  the  control  points  of  every 
network.  (At  this  point  the  networks  effectively  lose  their  distinct  identi- 
ties.)  The  general  form  of  equation ( 6 )  is  then 

‘This  integration,  and a similar  one  for  the  linear  source  distribution, 
has  been  carried  out  analytically  for  both  subsonic  and  supersonic  flows.  See 
references 2 and 3 ,  respectively. 
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where M is  t h e   t o t a l  number o f   s ingu la r i ty   pa rame te r s   ( and   con t ro l   po in t s )  
f o r  a l l  the networks.  Hznce (11) can be   so lved   fo r ,   and   t hen  the v e l o c i t i e s  
can   be   ca l cu la t ed   f rom  Vi (p j )  as ind ica t ed   by   equa t ion  (5). (The  value 
k = 25 appear ing  i n  e q u a t i o n  (5) would b e   r e p l a c e d   w i t h   t h e   t o t a l  number of  
p a n e l s   i n  a l l  the   ne tworks . )  Knowing t h e   v e l o c i t i e s ,   t h e   p r e s s u r e s  can then 
b e   c a l c u l a t e d   f r o m   a p p r o p r i a t e   v e l o c i t y - p r e s s u r e   r e l a t i o n s h i p s .  

RESULTS AND DISCUSSION 

The fo l lowing   numer i ca l   r e su l t s  are p r e s e n t e d   t o   i l l u s t r a t e   t h e   v a r i o u s  
c a p a b i l i t i e s   o f   t h e  method. 

Subsonic Flow5 

_" Local ized   pane l   dens i ty   changes . -   F igure  5 shows t h e   r i g h t   h a l f   o f   a n  
aspect-ratio-two  wing  modeled as t h r e e   d o u b l e t / a n a l y s i s  mean su r face   ne tworks  
and two wake  networks. The pane l   dens i ty   i n   w ing   ne tworks  I and I1 is h e l d  
f ixed   wh i l e   t he   pane l s   i n   w ing   ne twork  I V  vary  from 4 t o  1 4 4 ,  with  correspond-  
ing   changes  made t o   t h e   t r a i l i n g  wake network  (number  V).  The l i f t  curve 
s l o p e   a n d   c h o r d w i s e   c e n t e r   o f   p r e s s u r e   l o c a t i o n  No are  o n l y   s l i g h t l y   a f f e c t e d  
by t h i s   l a r g e   c h a n g e   i n   l o c a l   p a n e l   d e n s i t y .   A n o t h e r   f e a t u r e   i l l u s t r a t e d   b y  
t h i s  example i s  tha t   pane l   edges   f rom  ad jacent   ne tworks  are n o t   r e q u i r e d   t o   b e  
a l igned .   For  N = 4 i n   f a c t ,   n o n e   o f   t h e   p a n e l   e d g e s   i n t e r n a l   t o   n e t w o r k  I V  
are a l igned   wi th   those   f rom  ne tworks  I and 11. 

When t h i s  se t  of  cases w a s  f i r s t   r u n  i t  w a s  expec ted   t ha t   on ly   ca ses  
N = 2 and N = 6 would   be   successfu l   because   these  are the   on ly   a r rangements  
i n  which  network I V  h a s   e d g e   c o n t r o l   p o i n t s   d i r e c t l y   o p p o s i t e   t h o s e   o f   n e t -  
works I and 11. It w a s  somewhat s u r p r i s i n g   t o   d i s c o v e r  how f o r g i v i n g   t h e  
n u m e r i c s   a c t u a l l y  are to  such  network  mismatches.  

Convergence  behavior.-  The  aspect-ratio-two  wing w a s  a l s o   u s e d   t o   s t u d y  
s o l u t i o n   c o n v e r g e n c e   b e h a v i o r .   I n   t h i s  case, s i n g l e   d o u b l e t / a n a l y s i s   n e t w o r k s  
were used   for   the   wing .  One ne twork   used   un i form  pane l   spac ing   and   the   o ther  
used  cosine  spacing,  as shown i n   f i g u r e   6 ( a ) .  The v a r i a t i o n   i n   l i f t   c o e f f i -  
c i e n t   w i t h  number of   pane ls  i s  shown i n   f i g u r e   6 ( b ) ,   a l o n g   w i t h   t h e   h i g h l y  
accura te   and   converged   so lu t ion   of  Rowe ( r e f .   6 ) .  The convergent   charac te r   o f  
t h e   p a n e l   s o l u t i o n s  is  c l e a r l y   s e e n .  The cosine  spacing  probably  converges 
f a s t e r   t han   t he   un i fo rm  spac ing   because   o f   t he   g rea t e r   pane l   dens i ty  a t  t h e  
wing   l ead ing   edge   and   t i p   where   p re s su re   g rad ien t s  are la rges t .   Chordwise  
v a r i a t i o n s   i n  AC = C p  - a t  y / ( b / 2 ) = 0 . 5  are shown i n   f i g u r e s   6 ( c )  

R cpII 

5 A l l  t h e  cases shown are for   incompress ib le   f low.  The  method i s  e a s i l y  
e x t e n d e d   t o   c o m p r e s s i b l e   f l o w   b y   s t r e t c h i n g   t h e   a i r c r a f t   g e o m e t r y   i n   t h e  
streamwise d i r e c t i o n   b y   t h e   P r a n d t l - G l a u e r t   r u l e   ( r e f .  5 ,  p. 8 4 ) .  
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and  6(d)   for   the   cos ine   and   un i form  spac ing  cases, r e s p e c t i v e l y ,   a l o n g  with 
r e s u l t s   f r o m  reference 6 .  Again ,   cos ine   spac ing   g ives  more a c c u r a t e   r e s u l t s  
t han   un i fo rm  spac ing   fo r  a g iven  number  of  panels. 

I n s e n s i t i v i t y   t o   p a n e l   a r r a n g e m e n t . -   F i g u r e  7 i l l u s t r a t e s   t h e   i n s e n s i t i v -  
i t y   o f  the method t o  extremes in   pane l   s i ze ,   shape   and   a r r angemen t .  A swept 
wing  has  been  paneled i n  a r e g u l a r   a n d   i n  a random f a s h i o n ,   a n d   t h e   v o r t e x  
s p l i n e  method o f   r e f e r e n c e  7 w a s  u s e d   t o   c a l c u l a t e   r e s u l t s   f o r   t h e   r e g u l a r  
panel ing.  A doub le t / ana lys i s   ne twork   o f   t he   p re sen t   me thod  w a s  u s e d   f o r   t h e  
random paneling.  The  spanwise l i f t  d i s t r i b u t i o n s  computed  by t h e  two methods 
are n e a r l y   i d e n t i c a l  as s e e n   i n   f i g u r e   7 ( b ) .   C h o r d w i s e   p r e s s u r e   d i s t r i b u t i o n s  
a t  y / ( b / 2 )  = 0 are p l o t t e d   i n   f i g u r e   7 ( c ) .  Here, the r e s u l t s   o f   t h e   p r e s e n t  
method d i f f e r   f rom  those   o f   t he   r e f e rence   so lu t ion   t owards   t he   l ead ing   edge  
w h e r e   t h e   p r e s s u r e   g r a d i e n t  becomes l a r g e .   N o t e   t h a t   t h e   p r e s s u r e s   p r e d i c t e d  
by   the   p resent   method are a c t u a l l y   d i s c o n t i n u o u s  a t  pane l   edges .  When t h e  
p a n e l   d e n s i t y  i s  s u f f i c i e n t l y   f i n e ,   t h e s e   d i s c o n t i n u i t i e s   e s s e n t i a l l y   v a n i s h .  
The large  mismatches are a n   i n d i c a t i o n   o f   l o c a l l y   i n a d e q u a t e   p a n e l   d e n s i t y  
over   the   forward   por t ion   o f   the   wing .   This   agrees   wi th   f igure   7 (a) ,   where  i t  
is  seen   t ha t   on ly  two p a n e l s  are used  between  the  leading  edge  and  about   the 
30% c h o r d   l i n e .  

The above  examples  of  random  paneling  and  of  localized  panel  density 
changes   ( f ig .  5) demonst ra te   the   ex t reme  forg iveness   o f   the  method t o   i r r e g u -  
lar  panel ing ,  a f e a t u r e   t h a t   g r e a t l y   e n h a n c e s  i t s  p r a c t i c a l   u s a b i l i t y   f o r  
app l i ca t ions   i nvo lv ing   complex   geomet r i e s   where   r egu la r ,   even ly   spaced   pane l -  
i ng   canno t   a lways   be   cons t ruc t ed .  

Al te rna t ive   sur face   pane l ing   models . -  The p reced ing   examples   o f   l i f t i ng  
s u r f a c e s  are a l l  mean s u r f a c e   m o d e l s .   I n   f i g u r e  8 ,  r e s u l t s  are p resen ted   fo r  
t h ree   d i f f e ren t   uppe r   and   l ower   su r f ace   pane l ing   mode l s   o f   an   a spec t - r a t io -  
two,   12%  th ick   rec tangular   wing .  

The f i r s t  model w a s  somewhat similar t o   t h a t   o f   t h e   r e f e r e n c e   s o l u t i o n  
and  employed a source /ana lys i s   ne twork   on   the   wing   sur face  combined w i t h  a 
doub le t / ana lys i s   ne twork   l i f t i ng   sys t em  on   t he  camber surface.   Zero  normal  
v e l o c i t y  was p r e s c r i b e d   a t   c o n t r o l   p o i n t s   o f   b o t h   n e t w o r k s .  The second  model 
used a d o u b l e t / a n a l y s i s   n e t w o r k   o n   t h e   w i n g   s u r f a c e   w i t h   z e r o   t o t a l   p o t e n t i a l  
s p e c i f i e d  on t h e   i n t e r i o r   s i d e   o f   t h e   s u r f a c e .   F o r   t h i s   f o r m u l a t i o n  i t  was 
necessa ry   t o   c lo se   t he   w ing   by   pane l ing   t he   t i p .  The t h i r d  model  (pioneered 
by  Morino ( r e f .  8) employed  superimposed  source/analysis   and  doublet /analysis  
ne tworks   on   t he   w ing   su r f ace .   Ze ro   pe r tu rba t ion   po ten t i a l  was s p e c i f i e d  on 
t h e   i n t e r i o r   s i d e   o f   t h e   w i n g   s u r f a c e   a n d   t h e   s o u r c e   s t r e n g t h s  were set  equal  
t o   t h e   n e g a t i v e   o f   t h e   n o r m a l  component o f   f r e e - s t r e a m   v e l o c i t y   ( s e e   f i g .   2 ( b ) .  
This  model a p p e a r e d   t o   b e  somewhat  more fo rg iv ing   t han   t he   p rev ious   mode l  
regard ing   c losed   sur faces   and  i t  w a s  unnecessary   to   pane l   the  t i p .  

The las t  two mode l s   have   ce r t a in   advan tages   ove r   t he   f i r s t .  The i n f l u -  
e n c e   c o e f f i c i e n t s   r e q u i r e   t h e   c o m p u t a t i o n   o f  a scalar  @ r a t h e r   t h a n  a v e c t o r  
V@; moreover ,   the  scalar is  a lower  order   expression,   which is  cheape r   t o  com- 
p u t e .  The i n f l u e n c e   c o e f f i c i e n t s   n e e d   n o t   b e   s a v e d   f o r   p o s t p r o c e s s i n g   s i n c e  
s u r f a c e   v e l o c i t i e s   c a n   b e   c a l c u l a t e d   d i r e c t l y   f r o m   d o u b l e t   s t r e n g t h   g r a d i e n t .  
T h i s   f a c t   a l s o   i m p l i e s   t h a t   v e l o c i t i e s  may be   ca l cu la t ed   eve rywhere   on   t he  

+ 
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s u r f a c e ,   n o t   j u s t  a t  c o n t r o l   p o i n t s ,   w h i c h ,  i n  t u r n ,   a l l o w s   m o r e   a c c u r a t e  
ca l cu la t ion   o f   fo rces .   No te   t ha t   t he   u se   o f   supe r imposed   sou rce   and   doub le t  
n e t w o r k s   i n  the t h i r d  model i s  only  modest ly  more expens ive   than   the   use   o f  a 
d o u b l e t   n e t w o r k   a l o n e   s i n c e   s o u r c e   s t r e n g t h  i s  prescr ibed   and  terms common t o  
b o t h   t h e   s o u r c e   a n d   d o u b l e t   i n f l u e n c e   c o e f f i c i e n t s   n e e d   b e   c o m p u t e d   o n l y   o n c e .  

E f f i c i e n c y   o f   a n a l y s i s   n e t w o r k s . -   F i g u r e  9 is an i l l u s t r a t i o n   o f   w i n g  
body s u r f a c e   p a n e l i n g   w i t h   r e s u l t s  computed  from t h e   p r e s e n t  method  and  from 
t h e  method  of r e f e r e n c e   9 .   F i g u r e   9 ( a )  shows the   su r f ace   pane l ing   u sed   by   t he  
present   method.  A t o t a l   o f   1 6 0   c u r v e d ,   l i n e a r - s t r e n g t h   s o u r c e / a n a l y s i s   p a n e l s  
were u s e d   f o r   t h e   h a l f   a i r p l a n e ,  96 on  the  body  and 64 on  the  upper   and  lower 
wing   su r f aces .  An a d d i t i o n a l  32 d o u b l e t / a n a l y s i s   p a n e l s  were placed  on the 
wing  camber  surface  and 13 wake p a n e l s  w e r e  a l s o   u s e d  (some of  which  extended 
t h e   w i n g   d o u b l e t   p a n e l s   t o   t h e   c e n t e r l i n e ,  i . e . ,  y = 0) .  

Resul t s   f rom the method  of   reference 9 were ob ta ined   u s ing  936 f l a t ,  
c o n s t a n t - s t r e n g t h   s o u r c e   p a n e l s   a n d   1 2   l i f t i n g   e l e m e n t s .   T h i s  i s  t y p i c a l   o f  
t h e  number o f   pane l s   r equ i r ed   by   t h i s   me thod   fo r  wing-body a p p l i c a t i o n s .  

Upper   and  lower  wing  surface  pressures   predicted  by  the two methods are 
shown i n  f i g u r e   9 ( b )   f o r  two s p a n   s t a t i o n s .  The  agreement i s  e x c e l l e n t  a t  
y / ( b / 2 )  = ' 0 . 6 8  and a t  two a d d i t i o n a l   i n b o a r d   s t a t i o n s   w h i c h  are n o t  shown. 
The d iscrepancy  a t  y / ( b / 2 )  = 0.90 is  p o s s i b l y   d u e   t o   t h e   f a c t   t h a t   t h e  
method o f   r e f e rence  9 unde res t ima tes   spanwise   ve loc i t i e s   nea r   w ing   t i p s ,   and  
may a l so   be   pa r t ly   caused   by   t he   l a rge   w id th   u sed   fo r   t he   ou tboa rd   pane l s   i n  
the   p resent   method.  The t a b l e   i n   f i g u r e  9 shows t h a t   t h e   l i f t  and   p i t ch ing  
moment c o e f f i c i e n t s  are  a l s o   i n   c l o s e   a g r e e m e n t .  

The t a b l e   i n   f i g u r e  9 a l s o   g i v e s   t h e  CPU times f o r   t h e  two methods.  The 
p r e s e n t  method en joys  a bet ter   than  20-to-1  advantage  over   the  method  of  
r e f e r e n c e  9 d u e   t o   t h e   l a r g e   r e d u c t i o n   i n   t h e  number o f   pane l s   r equ i r ed .  

Even  on a pane l -by -pane l   bas i s ,   t he   h ighe r   o rde r   s ingu la r i ty   pane l s   o f  
t h e   p r e s e n t  method are c o m p e t i t i v e   w i t h   t h e   c o n s t a n t   s t r e n g t h   p a n e l s   o f  
r e fe rence   9 .   F igu re   10   g ives   an  estimate of  CPU t i m e  comparisons  between  the 
p i lo t   code   of   the   p resent   method  and   the   h ighly   op t imized  TEA230 program  of 
r e f e r e n c e  9.  The CPU time r e p r e s e n t s  t i m e  f o r   s e t t i n g  up panel   geometry,  
s i n g u l a r i t y   s t r e n g t h   a n d   c o n t r o l   p o i n t   q u a n t i t i e s ,   c a l c u l a t i o n   o f   i n f l u e n c e  
c o e f f i c i e n t s ,   a n d   e q u a t i o n   s o l v i n g .  The range  of  CPU times f o r  a given number 
o f   pane l s   r e f l ec t s   d i f f e rences   be tween   sou rces   and   doub le t s   and   be tween   nea r -  
f i e l d   a n d   f a r - f i e l d   c a l c u l a t i o n  times. 

Wing des ign   i n   p re sence   o f   f i xed   fu se l age   geomet ry . -   F igu re  11 i l l u s -  
trates the   th ree-d imens iona l   des ign   capabi l i ty   o f   the   method.  ' This  example 
shows how design-type  panel   networks are a b l e   t o   r e p r o d u c e   a n   o r i g i n a l  
geometry  from a m o d i f i e d   g e o m e t r y ,   u s i n g   t h e   p r e s s u r e   d i s t r i b u t i o n   o f   t h e  
or ig ina l   geometry  as boundary   condi t ions .  The p r e s s u r e   d i s t r i b u t i o n s  

'Another a p p l i c a t i o n   o f  the des ign   ne tworks  is  given i n  r e f e r e n c e   1 0 ,  

71n an   ac tua l   app l i ca t ion ,   t he   des i r ed   geomet ry   co r re spond ing   t o  a spec i -  
which treats separa ted   l ead ing   edge   vor tex   f low.  

f i e d   p r e s s u r e   d i s t r i b u t i o n  would  of   course  not   be  known a p r i o r i .  
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ca lcu la t ed   f rom  the   o r ig ina l   geomet ry  are shown b y   t h e   s o l i d   c u r v e s   i n   f i g -  
u r e   l l ( b ) .  A modif ied  geometry  and  the  corresponding  pressures  are shown by 
t h e   d a s h e d   c u r v e s   i n   f i g u r e s   l l ( c )   a n d   l l ( b ) ,   r e s p e c t i v e l y .  By r e p l a c i n g   t h e  
ana lys i s   ne twork   i n   t he   mod i f i ed   geomet ry   r eg ion   w i th  a des ign   ne twork ,   the  
d e s i r e d   g e o m e t r y   c o r r e s p o n d i n g   t o   t h e   s p e c i f i e d   p r e s s u r e   d i s t r i b u t i o n  w a s  t h e n  
computed.  After two i te ra t ions ,   the   des igned   geometry   and   cor responding   pres -  
s u r e s  are n e a r l y   i d e n t i c a l   t o   t h e   o r i g i n a l s ,  as shown b y   t h e  c i rc les  i n  
f i g u r e s  11 (b)  and l l ( c )  . 

Supersonic  Flow 

Flow over   sp indles . -   F igures   12   th rough  16  show r e s u l t s   f o r   f l o w   o v e r  
a x i s y m m e t r i c   s p i n d l e s   a n d   i l l u s t r a t e   s e v e r a l   f e a t u r e s   o f   t h e   l i n e a r   s o u r c e  
pane ls .  

Figure  12 shows a 0 .1  f i n e n e s s   r a t i o   s p i n d l e   w i t h  a random  paneling 
arrangement .   Because  of   this  extreme p a n e l   l a y o u t ,   a n d   t h e   u s e   o f   o n l y   f l a t  
p a n e l s ,   t h e   r e s u l t a n t   s u r f a c e  is  somewhat d i s to r t ed .   Fo r   example ,   su r f ace  
i n d e n t a t i o n s   c a n   b e   s e e n   i n   t h e   f r o n t  view. Even s o ,  t h e   p r e d i c t e d   p r e s s u r e s  
a t  p a n e l   c o n t r o l   p o i n t s ,   g i v e n   b y   t h e   d o t s   i n   f i g u r e   1 2 ,  are i n  remarkably 
good ag reemen t   w i th   t he   exac t   me thod   o f   cha rac t e r i s t i c s   so lu t ion .  

F igu re   13  i s  f o r   t h e  same s p i n d l e  as i n   f i g u r e  1 2  b u t   t h e   p a n e l i n g  i s  
l a i d   o u t   i n  a r egu la r   f a sh ion .   Th i s   pane l ing  w a s  used  to   compute  source  panel  
s o l u t i o n s   f o r   b o t h  a c o n s t a n t   s t r e n g t h   a n d   t h e   l i n e a r l y   v a r y i n g   s t r e n g t h   d i s -  
t r i b u t i o n  c;f the   p resent   method.   These   so lu t ions  are shown i n   f i g u r e  13, 
a l o n g   w i t h   a n   a x i s y m m e t r i c   l i n e   s o u r c e   s o l u t i o n .   F o r   t h i s   p a r t i c u l a r   c o n f i g -  
u r a t i o n ,   t h e   r e s u l t s   f r o m  a l l  three  methods are  i n  good agreement   wi th   the  
exact s o l u t i o n .  

F igure  1 4  i s  f o r   t h e  same c o n f i g u r a t i o n  as f i g u r e  13, e x c e p t   t h a t   t h e  
f i n e n e s s   r a t i o   h a s   b e e n   h a l v e d .   I n   t h i s  case t h e   p r e s e n t   l i n e a r   s o u r c e   p a n e l s  
and t h e   a x i s y m m e t r i c   l i n e   s o u r c e   g i v e   t h e  same r e s u l t s ,   b u t   t h e   c o n s t a n t -  
s t r e n g t h   s o u r c e   p a n e l s  show c o n s i d e r a b l e   d i f f e r e n c e s ,   i n d i c a t i n g  a l o s s  of  
accuracy.  

A n o t h e r   i n d i c a t i o n   t h a t   t h e   l i n e a r   s o u r c e   p a n e l s  are  more r e l i a b l e   t h a n  
c o n s t a n t   s t r e n g t h   p a n e l s  i s  provided   by   f igures  15  and  16. Here, t h e  0.05 
f i n e n e s s   r a t i o   s p i n d l e   o f   f i g u r e  14 i s  a t  a = 5" and   pressures  are given a t  
t h r e e   c i r c u m f e r e n t i a l   a n g l e s .   F i g u r e  15  i s  f o r   c o n s t a n t - s t r e n g t h   s o u r c e  
p a n e l s ,   w h i l e   f i g u r e   1 6  i s  f o r   t h e   l i n e a r l y   v a r y i n g   s o u r c e   p a n e l s   o f   t h e  
present   method  (both cases are f o r   t h e   p a n e l i n g  shown i n   f i g u r e   1 3 ) .  The 
o s c i l l a t i o n s   t h a t   o c c u r   i n   t h e   c o n s t a n t - s t r e n g t h   s o u r c e   p a n e l   s o l u t i o n  are a 
c l ea r   i nd ica t ion   o f   numer i ca l   s t ab i l i t y   p rob lems .   No te   t ha t   t he   l i nea r   sou rce  
p a n e l   s o l u t i o n s  do n o t   e x h i b i t   t h i s   o s c i l l a t o r y   b e h a v i o r .  

Wing wi th   subsonic   and   supersonic   l ead ing   edges . -   F igure  1 7  shows r e s u l t s  
f o r   a w i n g   h a v i n g   b o t h  a subsonic  and a supe r son ic   l ead ing   edge .   Resu l t s  
p red ic t ed   by  a s i n g l e   n e t w o r k   o f   p l a n a r   d o u b l e t / a n a l y s i s   p a n e l s  are i n  good 
a g r e e m e n t   w i t h   t h e   e x a c t   l i n e a r i z e d   t h e o r y   s o l u t i o n   i n   r e f e r e n c e  11. By us ing  
two n e t w o r k s ,   w i t h   t h e   s p e c i a l  Mach l i n e   o n   t h e   l e f t  as a network  boundary, 
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t h e   d i s c o n t i n u i t y   i n   p r e s s u r e  a t  t h e  Mach l i n e  can b e   r e p r e s e n t e d  even more 
accu ra t e ly .   Fo r  t h i s  case (no t   shown) ,   t he   p re s su re   r ema ins   exac t ly   cons t an t  
i n  the reg ion   be tween   t he   supe r son ic   l ead ing   edge   and   t he   spec ia l  Mach l ine .  

It s h o u l d   a l s o   b e   n o t e d   t h a t   t h e   p r e s e n t   m e t h o d   d o e s   n o t   r e q u i r e   a r t i f i -  
c i a l  "diaphragm"  panels   between  the  subsonic   leading  edge  and  the  r ight-hand 
s i d e   s p e c i a l  Mach l i n e .  

Upper   and  lower  surface  panel ing  of   thin  wing.-   Figure 18 shows the   uppe r  
and  lower  surface  panel ing  used  on a 3% th ick   a r row  wing   (wing  number 2 o f  
r e f s .   1 2   a n d   1 3 ) .   T h i s  i s  a p a r t i c u l a r l y  severe test o f   t h e  method d u e   t o   t h e  
presence  of i n t e r n a l  waves, which   for  a source-paneled  wing can r e p e a t e d l y  
r e f l ec t   f rom  the   c lose ly   spaced   uppe r   and   l ower   w ing   su r f aces   w i th   i nc reas ing  
i n t e n s i t y .  To s u p p r e s s   t h e s e . i n t e r n a 1  waves, separa te   source   and   do .uble t  
ne tworks   hav ing   i den t i ca l   pane l ing  were super imposed ,   tha t  i s ,  each   pane l  
shown i n   f i g u r e  18 r e p r e s e n t s   b o t h  a source   and  a superimposed  doublet .  
Boundary   condi t ions   o f   the   type  shown i n   f i g u r e   2 ( b )  were emplpyed so  t h a t   t h e  
modeling w a s  t h e  same as f o r   t h e   t h i r d  model  of  the AR = 2 ,  12%-thick rec- 
tangular   wing   of   f igure  8. 

P red ic t ed   and   expe r imen ta l   uppe r   and   l ower   su r f ace   p re s su re   d i s t r ibu t ions  
are shown i n   f i g u r e   1 9   f o r   f o u r   s p a n w i s e   s t a t i o n s .  The p r e d i c t e d   p r e s s u r e  
d i s t r i b u t i o n  i s  smooth  and  compares w e l l  w i t h   t h e   e x p e r i m e n t a l   d a t a   e x c e p t   i n  
t h e   t i p   r e g i o n .  The o s c i l l a t i o n s  a t  t h e   t i p   a r e   t h o u g h t   t o   b e   c a u s e d   b y   t h e  
combined e f f e c t  of t h e   d i s c o n t i n u o u s   d o u b l e t   s t r e n g t h   ( a t   p a n e l   e d g e s )   a n d   t h e  
s p e c i a l  Mach l ine   emana t ing   i nboa rd   f rom  the   l ead ing   edge   o f   t he   w ing   t i p .  
The d i s c o n t i n u i t y   i n   d o u b l e t   s t r e n g t h  is  e q u i v a l e n t   t o  a c o n c e n t r a t e d   l i n e  
vo r t ex ,   wh ich   p roduces   i n f in i t e   s ingu la r i t i e s   p ropaga t ing   a long  Mach cones.  
T h i s  i s  p e r h a p s   c a u s i n g   t h e   o s c i l l a t i o n s   i n   t h e   p r e d i c t e d   w i n g   t i p   f l o w   f i e l d .  
It i s  a n t i c i p a t e d   t h a t   t h i s   p r o b l e m  w i l l  be  overcome  by  the  implementation  of 
a new doublet   network  currently  under  development.   This  doublet   network 
a c h i e v e s   e x a c t   c o n t i n u i t y   o f   d o u b l e t   s t r e n g t h   a c r o s s   p a n e l   e d g e s   b y   s p l i t t i n g  
e a c h   ( q u a d r i l a t e r a l )   p a n e l   i n t o   f o u r   t r i a n g l e s   v i a   t h e   p a n e l   d i a g o n a l s .  A 
d i f f e r e n t   q u a d r a t i c   d o u b l e t   d i s t r i b u t i o n  i s  d e f i n e d   o n   e a c h   t r i a n g l e   w i t h   t h e  
p r o v i s i o n   t h a t   d o u b l e t   s t r e n g t h  and g r a d i e n t  must b e   c o n t i n u o u s   a c r o s s   t r i a n g l e  
e d g e s   w i t h i n   t h e   p a n e l .   T h i s   l e a d s   t o  a doub le t   d i s t r ibu t ion   on   each   quadr i -  
l a t e r a l  p a n e l   w i t h   e i g h t   d e g r e e s   o f   f r e e d o m   v e r s u s   t h e   o r i g i n a l   s i x  - enough 
to   p roduce   con t inu i ty   o f   doub le t   s t r eng th   ( and   i n   mos t  cases g r a d i e n t )   a c r o s s  
pane l   edges .  Such a formula t ion   would   seemingly   increase   the  number o f   i n f l u -  
e n c e   c o e f f i c i e n t   c o m p u t a t i o n s   f o r   e a c h   p a n e l   b y  a f a c t o r   o f  3 ( t h e   i n c r e a s e   i n  
t h e  number o f   e d g e s ) .   I n   f a c t   t h i s  i s  n o t   t h e  case because  the  enhanced  con-  
t i n u i t y   p r o p e r t i e s   o f   t h e  new d o u b l e t   d i s t r i b u t i o n   a l l o w   o n e   t o   n e g l e c t  terms 
tha t   would   cance l   ana ly t ica l ly .   (Wi th   the   p resent   ne twork ,   the   l ack   of  s t r ic t  
c o n t i n u i t y   r e q u i r e s   t h e  terms to   be   r e t a ined . )   Such  terms a c c o u n t   f o r  
approximately 70% o f   t h e   i n f l u e n c e   c o e f f i c i e n t   o p e r a t i o n   c o u n t .  

Also, a more e f f i c i e n t   v e r s i o n   o f   t h e  two sepa ra t e   bu t   supe r imposed .  
source   and   double t   pane l   ne tworks  is  being  developed.   This  w i l l  r e s u l t   i n  a 
s ingle   "composi te"   pane l   ne twork   for   which   cer ta in  terms i n   t h e   i n f l u e n c e  
c o e f f i c i e n t s  w i l l  on ly   have   to   be   computed   once ,   ins tead   of  twice as is  done 
i n   t h e   s u p e r i m p o s e d  case. 
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Forebody  pressures   on  B-1.- F i g u r e  20 shows the panel ing  used  on the 
fo rebody   s ec t ion   o f  the B-1 bomber.  The  modeling  technique w a s  t h e  same as i n  
t h e   p r e c e d i n g   e x a m p l e .   P r e s s u r e   c o e f f i c i e n t   r e s u l t s  a t  M = 1 . 6  are shown 
i n   f i g u r e  2 1  a long   the   upper   and  lower f u s e l a g e   l i n e s .   A l s o  shown are t h e  
e x p e r i m e n t a l   d a t a   a n d   f i n i t e   d i f f e r e n c e   r e s u l t s   r e p o r t e d   i n   r e f e r e n c e   1 4 .  The 
panel  method r e s u l t s  are i n  good ag reemen t   a long   t he   l ower   fu se l age   l i ne   and  
a l o n g   t h e   u p p e r   f u s e l a g e   l i n e  up t o   t h e  canopy  region. In t h e   r e g i o n  a f t  o f  
the  canopy,   the  comparison i s  p o o r e r ;   t h i s   a g a i n  may b e   d u e   t o   t h e   d i s c o n t i n -  
u i t y   i n   d o u b l e t   s t r e n g t h   a c r o s s   p a n e l   e d g e s   d i s c u s s e d   i n   t h e   p r e v i o u s   e x a m p l e .  

The CPU t i m e  f o r   t h e   f i n i t e   d i f f e r e n c e   c a l c u l a t i o n s  on the   forebody  took  
about  55 min  on a CDC 7600 ( r e f .   1 4 ) .  The panel   method  resu l t s   took   about  
1 min, a l s o   o n  a CDC 7600. 

Super inc l ined   pane l . -  The cu r ren t   sou rce   and   doub le t   pane l s  must be  
i n c l i n e d  a t  a n g l e s  less t h a n   t h a t   o f   t h e  Mach cone.  Currently  under  develop- 
ment i s  a I ' super inc l inedl '   pane l   tha t   can   be   inc l ined   ahead   of   the  Mach angle .  
With t h i s   c a p a b i l i t y  i t  w i l l  b e   p o s s i b l e   t o   p l a c e   p a n e l s  at n a c e l l e   i n l e t s  
and  exhausts   for :  

1. c l o s i n g   t h e   n a c e l l e  volume so t h a t   p o t e n t i a l - t y p e   b o u n d a r y   c o n d i t i o n s  
c a n   b e   s p e c i f i e d   i n   t h e   i n t e r i o r .  

2 .   s e a l i n g   o f f   i n l e t s   t o   p r e v e n t   t h e   p r o p a g a t i o n   o f  waves i n t o   t h e  
i n t e r i o r  (which  can  degrade  numerical   accuracy).  

3. s p e c i f y i n g   e x h a u s t  mass flows. 

These   f ea tu re s  are i l l u s t r a t e d   i n   f i g u r e  22. 

The s u p e r i n c l i n e d   p a n e l s   r e p r e s e n t   a n   i n i t i a l   v a l u e   p r o b l e m   t y p e   o f  
behavior   and   requi re  two boundary   condi t ions   on   the   downst ream  pane l   s ide .  
A l though   t hese   pane l s   l ook   l i ke   b lun t   su r f aces ,   t hey   do   no t   i n f luence   t he  
upstream  flow. 

CONCLUDING REMARKS 

A h ighe r   o rde r   pane l  method fo r   l i nea r i zed   subson ic   and   supe r son ic   f l ow 
h a s   b e e n   d e s c r i b e d .   N u m e r i c a l   r e s u l t s   i l l u s t r a t e   t h e   f o l l o w i n g   f e a t u r e s :  

1. The p a n e l i n g   c a n   b e   a p p l i e d   t o   t h e   t r u e   s u r f a c e   g e o m e t r y   o f   a r b i t r a r -  
i l y  shaped  aerodynamic  configurat ions.  

2 .   Both   supersonic   and   subsonic   ana lys i s ,   and   subsonic   des ign   problems 
can   be   so lved .   In   t he   des ign  mode, the   geometry   requi red   to   p roduce  a s p e c i -  
f i e d   p r e s s u r e   d i s t r i b u t i o n  i s  determined. One o r  more  components  of a con- 
f igura t ion   can   be   des igned   in   the   p resence   o f   o ther   components  whose  geometri- 
cal  shapes are f i x e d .  
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3 .  The  method o f f e r s   . t h e   u s e r  a v a r i e t y  of  modeling  options.   For 
example,  with  wing-like  components, a l l  t h e   u s u a l   t h i n   s u r f a c e   a p p r o x i m a t i o n s  
are ava i l ab le .   Fo r  more accura te   resu l t s ,   the   pane l ing   and   boundary   condi -  
t i ons   can   be   app l i ed   t o   t he   w ing   uppe r   and   l ower   su r f aces .   Fo r   c lo sed   bod ie s ,  
e i t he r   ve loc i ty   o r   po ten t i a l - type   boundary   cond i t ions   can   be   imposed .  

4 .  For  subsonic   f low,   the  method is  b o t h   s t a b l e  and accu ra t e .   Un l ike  
many o the r   me thods ,   t he   numer i ca l   r e su l t s   d i sp l ay  a marked i n s e n s i t i v i t y   t o  
the   s ize ,   shape ,   and   a r rangement   o f   pane ls .  Good accuracy is  ob ta ined   w i th  
r e l a t i v e l y   s p a r s e   p a n e l   d e n s i t i e s ;   c o n v e r g e n c e   t o   h i g h l y   a c c u r a t e   r e s u l t s  
occurs  a t  modera t e   pane l   dens i t i e s .   Fo r   supe r son ic   f l ow,   spu r ious   o sc i l l a -  
t i ons   i n   p re s su re   some t imes   occu r .  I t  i s  a n t i c i p a t e d   t h a t   t h i s   p r o b l e m   c a n  
be   so lved  by e l i m i n a t i n g   t h e . d i s c o n t i n u i t y   i n   d o u b l e t   s t r e n g t h  a t  panel   edges.  

5. The method is e f f i c i e n t .   I n d i v i d u a l   p a n e l   i n f l u e n c e   c o e f f i c i e n t   c a l -  
c u l a t i o n  times are compe t i t i ve   w i th   ex i s t ing  body sur face   pane l ing   methods  
t h a t   u s e   l o w e r   o r d e r   s i n g u l a r i t i e s ,   a n d   o v e r a l l   m a t r i x   s i z e s  are much smaller 
because  of   the  reduced number  of p a n e l s   r e q u i r e d .   I n   a d d i t i o n ,   t h e   i n f l u e n c e  
c o e f f i c i e n t   i n t e g r a l s  are a l l  eva lua ted  i n  closed  form. 
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SLENDER  BODY 

SHELL 
INTERFERENCE 

THIN  SURFACE 

WING  SURFACE 
PANELING 

ACTUAL, c1-.5 

(a) INTERFERENCE (b) ARBITRARY SURFACE  PANELING 
SHELL MODEL MODEL OF PRESENT METHOD 

Figure  1.- D i f f e r e n t  levels of  aerodynamic 
geometry  modeling. 

DOUBLET  PANELS ACTUAL 'IJRFACE 
SURFACE 

(a) VELOCITY OR MASS FLUX BOUNDARY CONDITIONS 

LsUPER~MPOSED SOURCE AND 
DOUBLET  PANELS 

(b) POTENTIAL  TYPE  BOUNDARY  CONDITIONS FOR 
CLOSED  BODIES (0 = SOURCE STRENGTH) 

Figure  2.- A l t e r n a t i v e   f o r m s   f o r   e x p r e s s i n g  
boundary  condi t ions.  
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HORIZONTAL AND 
VERTICAL TAIL 

MIDBODY AND  NETWORKS 

AFTBODY NETWORK 

BODY NETWORK WING NETWORK 

Figure  3. -  I l l u s t r a t i o n   o f  body su r face   b roken   i n to  
independent ly   def ined  networks of pane ls .  

(a) NETWORK  PANELS  AND  THE (b) LOCAL  COORDINATE  SYSTEM  AND 
SINGULARITY  PARAMETER  POINTS  Pi  REFERENCE  PLANE  FOR  PANEL 13 

A P ’ ~  11.‘11 IS L E A S T  SOUARE FITTED TO v25 &NO 

TO THE PI OF THE I ADJACENT  PANELS 

11 q”. 
;!4 1125 112s - UNUIIOWH  SlNGULARlTl  PARAMETERS 

- t  
PANEL 13 
” 

( C )  WEIGHTED  LEAST  SQUARES  FIT  OF  PANEL 
DOUBLET  STRENGTH  DISTRIBUTION p”([,q) 

Figure  4 . -  I l l u s t r a t i o n  of double t /ana lys i s   ne twork   compr ised  
of 25 panels   and 4 9  s i n g u l a r i t y   p a r a m e t e r s .  

43 



N = 2  N = A  .. . N = 6  

v 
I I  

U L  
, , l h  

N = 12 

C L ~ ’  2.44 C ~ ~ = 2 . 4 4   C L ~ =  2.45 C L ~ =  2.45 C L ~ =  2.45 (PER RADIAN) 

No = ,207 No = ,210 No = .209 No = ,210 No = ,209 

REGIONS I, II, Ill, IV, V ARE DISTINCT NETWORKS 

OBTAINED BY INCREASING  PANEL  DENSITY AT 
LEADING EDGE. 

“EXACT  SOLUTION OF CLa = 2.47, N O  = 0.209 IS 

Figure  5.- Loca l i zed   changes   i n   pane l   dens i ty ;  AR = 2,  M = 0.  

UNIFORM  COSINE 
I- 1 4  

6 I v G 
XIC 

(a) UNIFORM AND COSINE 
PANEL SPACING 

2.48 

2.44 

l R O W E  (2.474) 

“UNIFORM SPACING 

2.32 

0 50 100 150 200 250 

NUMBER OF PANELS 

(b) LIFT  COEFFICIENT AS FUNCTION 
OF NUMBER OF PANELS  USED 

Figure  6.- Convergence  behavior of d o u b l e t / a n a l y s i s   p a n e l s ;  
r e s u l t s   s c a l e d   t o  a = 1 rad ,  M = 0. (The  diamonds f o r  
t h e  Rowe s o l u t i o n   d e n o t e  number of p r e s s u r e  modes, r a t h e r  
than number of pane l s . )  
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(c) CHORDWISE PRESSURE FOR COSINE  SPACING 

L = .5 
bl2 NUMBER OF PANELS 

0 .2 .4 .6 .a 1.0 
X/C 

(d) CHORDWISE PRESSURE FOR UNIFORM SPACING 

Figure  6 .  - Concluded. 

REGULAR PANELING  RANDOM  PANELING 

(a) MEAN SURFACE PANELING ARRANGEMENTS 

0 REGULAR  PANELING - VORTEX  SPLINE 1 MEAN  SURFACE 
0 RANDOM  PANELING - PRESENT  DOUBLET  PANELS I 

5 

4 

.1 t 
M 

.O .1 .2 .3 .4 .5 .6 . I  .8 .9 1.0 

(b) SPANWISE  LIFT  DISTRIBUTION 

Figure  7.- I n s e n s i t i v i t y   t o   p a n e l   a r r a n g e m e n t ;  
a = 5.70, M = 0. 

I - 
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(c) CHORDWISE PRESSURE DISTRIBUTION; 

Figure  7.- Concluded. 

, ,>PLANFORM 

(a) WING SECTION & PANELING 

- METHOD OF REFERENCE 9 (768 PANELS) 
A EXTERNAL  SOURCE,  INTERNAL  DOUBLET (148 PANELS) 
0 EXTERNAL  DOUBLET (124 PANELS) 
X EXTERNAL  SOURCE,  EXTERNAL  DOUBLET (100 PANELS) 

4 
-1.0 r( 

-1.0 

C P  

. 5  

X I C  XIC 

-1.0 I 

xlc 

(b) SPANWISE CIRCULATION (c) SECTION PRESSURES 

Figure  8.- A l t e rna te  surface paneling  models. 
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ORIGIN  FOR  MOMENT 
WING-BODY  PRESENT  METHOD 

CONFIGURATION 1 METHOD  OF  REF. 9 
CALCULATION. \ SOURCEDISTRIB. 1 LWEAR CONSTANT 

PANELCEOMETRY  CURVED FLAT 
NO.  SOURCE  PANELS I 160 936 

CPU  TIME. s.5: 150 

CL I ,669 

3300 
,697 

Crn ,00345 -.no325 

'CDC 6600 

(a) SURFACE PANELING FOR PRESENT METHOD 

-1.2 -1.2 & =.so 

-.a 

cp -.4 

0 

4 

8 0 .2 .4 XlC .6 .a 1.0 cpl:;bo XlC 

(b) CHORDWISE PRESSURE DISTRIBUTIONS 

Figure  9.- Inc reased   e f f i c i ency   o f   cu r ren t  method 
over  method us ing  f l a t ,  c o n s t a n t   s t r e n g t h  
sources ;  c1 = 100, ?-I = 0. 

400 t ... 

0 100 200 300 400 500 600 700 

NUMBER OF PANELS 

Figure  10.- V a r i a t i o n   i n  CPU t i m e  with number 
of panels .  
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I 

(a) PANELING OF DESIGN  MODEL 

- ACTUAL  GEOMETRY 
MODIFIED  GEOMETRV 

* DESIGNED  GEOMETRV 

(b) WING-PRESSURE  PROFILES ( C )  WING  GEOMETRY - ANALYSIS  MODE 

F i g u r e  11.- Wing d e s i g n   i n   p r e s e n c e   o f   f i x e d  
fuselage  geometry.  

.30 c - EXACT,  METHOD  OF  CHARACTERISTICS 
SURFACE  PANEL  METHOD 
(FLAT  SOURCE  PANELS) 

2 0  

.10 - 

C p o l  I 

-.lo - 

- . 2 0 1 1 ' 1 1 1 1 1 1 1 1  
0 .10 .20 3 0  A0 S O  .60 .70 .EO .90 1.0 

X/L 

F i g u r e  12.- Random s o u r c e   p a n e l i n g   o n   s p i n d l e ,  
a = 0; M = a, f i n e n e s s   r a t i o  = 0.1. 
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a = O", FINENESS RATIO = .1 

- 

D 
0 

a 

EXACT.  METHOD  OF  CHARACTERISTICS 
AXISYMMETRIC SOURCE 
CONSTANTSTRENGTH  SOURCEPANELS I FLATSURFACEPANELS 
LINEARLY  VARYING  SOURCE  PANELS 

.10 .20 3 0  .40 .50 .60 .70 .80 .90 1.0 
XlL 

Figure   13 . -   Regu la r   pane l ing   fo r   sp ind le  
of f i g u r e  12;  M = a. 

a = 00, FINENESS RATIO = .05 

0 AXISYMMETRIC  SOURCE 

A LINEARLY  VARYING  SOURCE  PANELS ' FLAT SURFACE 
0 CONSTANT  STRENGTH  SOURCEPANELS 1 

a = 00" 
l-L-+l 0 

.04 

-.02 1 
-.04 1 1- 

- u  

0 .10 .20 3 0  .40 .50 .60 .70 .80 .90 1.0 

XlL 

Figure  14.-  Loss o f   a c c u r a c y   f o r   c o n s t a n t  
s t r e n g t h   p a n e l  as f i n e n e s s   r a t i o  is 
halved from t h a t  of figure 13; M = A.  

49 



ao, FINENESS RATIO = -05 . 

CONSTANT  SOURCE  PANELS 

4 
.06 

.04 

.02 

CP 0 

-.02 

-.04 

-.06 

0 .1 .2 .3 .4 .5 .6 .? .8  .9 1.0 

X/L 

Figure  15.- Osc i l l a to ry   so lu t ion   p roduced  
by c o n s t a n t   s t r e n g t h   p a n e l s   f o r   s p i n d l e  
a t  ang le  of a t t a c k ;  M = fi. 

mo, FINENESS RATIO = .05 

LINEAR SOURCE PANELS 

.06 a = 50 ? 

CP 

::I: 1 ~ 

SIDE' 

-.a5 
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Figure  16.- Nonosc i l la tory   so lu t ion   produced  
by l i n e a r   s t r e n g t h   p a n e l s   f o r   c o n f i g u r a t i o n  
of f i g u r e  15; M = a. 



xlc = 0.5185 Y - LINEARIZED  THEORY 
HIGH  SPEED  WING  THEORY 
BY JONES  AND  COHEN 

0 MEAN  SURFACE  DOUBLET  PANELS 

-1.0 --" -.E -.6 -.4 -.2 0 .2 .4 

Y/Ymax 

Figure  17.-  Wing wi th   subsonic   and   supersonic  
lead ing   edges ;  c1 = 0.01  rad,  M = fi. 

Figure  18.- Upper  and  lower  surface  paneling  of 3% t h i c k  
arrow  wing. 
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Figure  19.- Upper  and  lower  surface 
pressures   on  3% th ick   a r row  wing;  
c1 = 2O, M = 2.05. 
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Figure  20.- Paneling  on  forebody of B-1 
bomber. 

,- UPPER  FUSELAGE LINE 
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Figure  21.- Center l ine  pressures   on  forebody 
of B-1 bomber; a = 2O, ti = 1.6. 
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COMPOSITE  PANELS  ON ALL SURFACES 
INCLINED  BEHIND  MACH  ANGLE 

UNIFORM  FLOW 

U T  ,” . - - 0  

\ LSUPERINCLINED PANELS 
AT  INLET  AND  EXHAUST 

F i g u r e  22.- Combined use of composi te   pane ls  and 
supe r inc l ined   pane l s .  
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DEVELOPMENT OF AN AERODYNAMIC THEORY CAPABLE OF PREDICTING 

SURFACE LOADS ON SLENDER WINGS  WITH VORTEX FLOW 

Blair B. Gloss 
NASA Langley Research  Center 

Forrester T.  Johnson 
Boei ng Commerci  a1  Ai rpl ane Company 

SUMMARY 

With advent of supersonic  cruise  aircraft  t h a t  u t i l i ze  vortex l i f t  a t  
some point in the i r   f l i gh t  envelope,  the need for  an analytical method capable 
of accurately  predicting  loads on wings w i t h  leading-edge  separation has be- 
come evident. The Boeing  Commercial Airplane Company, under contract t o  
NASA Langley Research Center, has developed an inviscid  three-dimensional 
l i f t ing  surface method t h a t  shows promise in being able t o  accurately  predict 
loads,  subsonic and  supersonic, on wings w i t h  leading-edge  separation and 
reattachment. 

INTRODUCTION 

For the  thin,  relatively  sharp  edge,  highly swept-back wings of interest  
'for  supersonic  cruise  aircraft,  the  leading-edge  vortex  type of flow and 
resulting  vortex l i f t   c h a r a c t e r i s t i c s   a r e  important  design  considerations. In 
.addition t o  i t s  well known h i g h  l i f t   c a p a b i l i t y ,   t h i s  flow phenomena provides 
a highly  stable and  consistent  flow  pattern over a wide range of f l i g h t  condi- 
t ions,  and for  several modern supersonic   a i rcraf t ,   th is  type of flow is  basic 
t o  the aerodynamic design  concept. In addition,  the  cri t ical  wing structural  
loads  for a wide variety of high speed aircraft  are  generated  in  angle-of- 
attack  ranges where th i s  type of  flow  tends t o  predominate. As p a r t  of i t s  
research program directed towards  developing theoretical methods for  the 
design and analysis of wings for  advanced high speed aircraf t ,   the  Langley 
Research Center has contracted w i t h  the Boeing  Commercial Airplane Company 
for  the development of a method for the  prediction of aerodynamic load d i s t r i -  
butions o f  wings w i t h  nonconical  leading-edge  vortex  flow.  This  paper i s  
presented  as a progress  report on t h i s  work, b r i n g i n g  forward the  motivation 
for  this  research program, the  objectives  of  the work, and some selected 
resul t s .  
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SYMBOLS 

b model  span 

C l o c a l   c h o r d  

cL 

cP 

lift coe f f i c i en t ,  lift 
qs 

pressure   coe f f i c ien t ,   P-Pre f  
9 

AC 

M f ree-st ream Mach number 
P 

lower   sur face C minus  upper  surface C 
P P 

n u n i t  normal  vector 

P l o c a l   s t a t i c   p r e s s u r e  

P re f  

q f ree-stream  dynamic  pressure 

re fe rence  p ressure  

S reference  area 

U 

V 

m 
f r e e - s t r e a m   v e l o c i t y  

l o c a l   v e l o c i t y   v e c t o r  

X chordwise  coordinate 

Y spanwise  coordinate 

a a n g l e   o f   a t t a c k ,  deg 

P d e n s i t y   o f   a i r  

‘ t i p   T w i s t   a n g l e   o f   w i n g   t i p ,   p o s i t i v e   l e a d i n g  edge up 

SOM€ APPLICATIONS OF  VORTEX  FLOW 

Figure 1  shows  a slender  wing a t   a n g l e   o f   a t t a c k  wi th  associated  leading-  
edge vor tex .  Shown o n   t h e   r i g h t  hand s i d e   o f   t h e   f i g u r e   i s  a p l o t   o f  l i f t  
c o e f f i c i e n t   v e r s u s   a n g l e   o f   a t t a c k   i l l u s t r a t i n g   t h e   l a r g e  amount o f   v o r t e x  lift 
developed.   Present ly ,   analy t ica l   techniques  are  avai lab le  for   comput ing  the 
t o t a l  lift v e r s u s   a n g l e   o f   a t t a c k   f o r   w i n g s   h a v i n g   l e a d i n g - e d g e   v o r t i c e s   a t  
subsonic and supersonic speeds [ re ferences 1 and 2 ) .  There  are,  however,  no 
methods a v a i l a b l e   t h a t   a c c u r a t e l y   p r e d i c t   t h e   l o a d   d i s t r i b u t i o n  on  wings  wi th 
leading-edge  vor t ices  nor   are  there  any  des ign  methods  that  will a l l o w   t h e  I 
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optimization of vortex  flow. The prediction of loads on wings due to  leading- 
edge vortex  separation is an important problem to  the structural  designer and 
aeroelastician,  since  supersonic  cruise  vehicles  either depend on or  encounter 
vortex l i f t  a t  many points i n  their f l i g h t  envelope.  Figure 2 presents some 
examples of a i rc raf t   tha t   u t i l i ze   vor tex  l i f t  i n  their  design. 

Supersonic  Cruise  Transports 

The wing geometry, t h i n  and h i g h l y  swept, for  this type of a i r c ra f t  i s  
conducive t o  forming leading-edge  vortices. For current  supersonic  cruise 
transports  vortex l i f t  i s  used a s  a simple,  lightweight,  high-lift system 
employed a t  take-off and landing, and because of  the h ighly  stable  nature of  
the  flow, i t  is  ut i l ized t h r o u g h o u t  a large  part of the   f l igh t  envelope. Even 
i f . t h e  design  concept called for suppression of the  vortex a t  several  points i n  
the  envelope by means of variable geometry devices, many conditi.ons would  be 
expected to   ex is t  where vortex  flow s t i l l  predominates. This i s  due t o  the 
differences i n  attached  flow geometry requirements  through the speed range and 
the  large  variations i n  l i f t   r e l a t i v e  t o  the  design  point. The l a r g e   l i f t  
variations  are  i l lustrated i n  f igure 3 f o r  a typical  slender wing transport 
where bo th  the  level f l i g h t  and the 2.5 g structural load  requirement i s  shown. 
I t  i s  apparent  that b o t h  the  structural  loads and the  design o f  any flow 
control  devices will require  the  prediction of vortex flow character is t ics  
even i f  t h i s  f low i s  n o t  basic t o  the  design  concept. 

Strategic Reconnaissance Aircraft  

For this   par t icular   supersonic   cruise   a i rcraf t ,   vor tex  l i f t   i s  used t o  
produce low-speed h i g h  l i f t ,  aerodynamic center  control  throughout  the Mach 
number range and f o r  improved d i rec t iona l   s tab i l i ty   charac te r i s t ics .  

Supersonic  Cruise  Fighters 

Many of the  implications  regarding  vortex flow discussed  relative t o  the 
supersonic  cruise  transport would be expected t o  hold true for  supersonic 
cruise   f ighters .  In a d d i t i o n ,  vortex l i f t  generated by the  slender wing  would, 
i n  a l l   probabi l i ty ,  be ut i l ized for  transonic maneuvering jus t   as   vor tex   l i f t  
strakes  are  basic  to  the  design of current  lightweight  fighters. 

I t  becomes apparent t h a t  a knowledge of the load distribution  associated 
w i t h  the  leading-edge  vortex i s  needed early enough i n  the  design o f  these 
supersonic  cruise  aircraft  so that   the   a i rcraf t   wi l l  not be penalized w i t h  a 
structural  weight penalty and t h a t  the most efficient  trades between the 
aerodynamic and structural  design can be  made. 
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ANALYTICAL TOOLS CURRENTLY AVAILABLE 

Although attached  flow  theory would not be expected t o  predict  load  dis- 
t r i b u t i o n  on wings w i t h  leading-edge  vortex  flow,  current computer aided  design 
and analysis methods are  limited t o  attached  flow  theories. The data i n  
f igures  4(a) and ( b )  are  presented t o  show the magnitude of the  errors  involved 
i n  using these methods. (These data i n  f igure 4 are obtained from references 
3 and 4. ) The data i n  figures  4(a) and  (b)  a r e   fo r  Mach numbers 0.85 and 
1.70; the  theories shown are  the Boeing TEA-230 program and FLEXSTAB. As was 
expected,  the agreement between theory and experiment i s  poor and points up  
the magnitude  of the problem. Since  aeroelastic  prediction  techniques  are 
also based on attached flow theories,  the  aeroelastic  predictions on wings 
having leading-edge  vortex  flow  also i s  poor. The d a t a  in figure 5 shows a 
comparison of aeroelastic  prediction and experimental d a t a  for  a highly swept 
wing a t  a Mach number  of 0.85 ( r e f .  3 ) .  The triangular symbols are  experi- 
mental d a t a  for  a f l a t  wing and the  circular symbols are.  experimental  data 
for  a wing w i t h  the same geometric characteristics  except i t  has a twist 
distribution. Using attached flow theory,  the f l a t  wing experimental d a t a  
are  corrected  to  represent d a t a  for  a wing  with the same twist   distribution  as 
t h a t  of the second wing. As can be seen,  the agreement between experiment 
and theory i s   qu i t e  poor.  I t  should be noted here t h a t  the agreement be- 
tween experiment and theory  for  supersonic Mach numbers i s   a l so  poor ( re f .  4 ) .  

Until fairly  recently,  attempts t o  account for  the  vortex flow effects  
on wing load distributions have  been based on conical  flow  assumptions  in 
order t o  make the   d i f f icu l t  mathematical modeling problem more tractable.  
While important  contributions have  been  made  by these  conical flow studies,  
the improvements over  attached  flow  theories  are  insufficient t o  sat isfy  the 
needs  of the  designer. As a short  review,  figure 6 shows a comparison of 
experiment and Smith's  conical  flow method (ref .  5).  A t  the  particular  x/c 
station chosen,  the agreement between experiment and Smith's  theory i s  poor 
a n d ,  in fact,  since  the  conical flow method does n o t  sa t isfy  the Kutta 
condition a t  the  trailing-edge, i t  should be expected t h a t  the agreement 
between experiment and theory would  worsen as  the  trailing-edge  is approached. 
Linear  attached  flow lifting  surface  theory  results  are  presented on figure 6 
simply as a reference. 

OBJECTIVES OF RESEARCH PROGRAM 

The NASA Langley Research Center,  realizing  the  potential  benefits of hav- 
i n g  an analytical method of computing load dis t r ibut ions on wings w i t h  vortex 
flows, embarked on a research program with the  objectives  discussed below. 
The Boeing  Commercial Airplane Company  was awarded a contract t o  develop a 
3-D lif t ing  surface  theory  for  analysis  of aerodynamic characterist ics and 
structural  loads  for  configurations having free  vortex flows a t  subsonic 
and supersonic  speeds  with  arbitrary wing geometry. Having developed the 
theory, i t  would  be evaluated by numerical and  wind tunnel  experimental 
studies. The final goal of this  research program i s  t o  develop  design modules , 
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needed for computer aided  design methods for  application  to  supersonic and 
hypersonic  cruise  vehicles. 

PANEL SCHEME 

Figure 7 shows a typical panel arrangement for  the wing and i t s  vortex 
sheets. The wing i s  paneled w i t h  quadraticly  varying  strength  doublet  panels 
and 1 inearly  varying  source  panels. The boundary conditions on the wing a re  
no flow  through the wing and the Kutta condition a t   a l l  edges i s  sa t i s f i ed   i f  
the wing i s  t h i n ;  however, i f   t he  w i n g  has thickness,  the  vortex  sheet 
separation p o i n t  can be  moved a f t  of the  leading edge to  study  the  effect 
of  moving the  separation  point. 

All the  vortex  sheets  are paneled w i t h  quadraticly  varying  doublet 
panels. The boundary conditions on the  free-vortex  sheet  are no flow through 
the  vortex  sheet a n d  t h a t  the  vortex  sheet be locally  force  free. 

The fed sheet i s  a simplified model of the  physical  vortex  core  region. 
For the  results  presented i n  this  paper,  the fed sheet i s  a kinematic 
extension of the  free  sheet. The assumption  in th i s  model i s  t h a t  the 
boundary conditions  applied t o  the  free  sheet  are  adequate t o  position  the 
fed  sheet.  Current work i s  on going t o  improve the  fed  sheet model. 

The t ra i l ing  wake shape i s  frozen from the  t ra i l ing edge t o  in f in i ty .  
However, with the  trailing-edge swept (arrow wing o r  cropped arrow wing), i t  
has been found t h a t  the wing loadings i n  the  vicinity of the  t ra i l ing edge 
are  highly  sensitive t o  the  trailing-edge sweep. As a temporary f i x  t o  t h i s  
problem, the  near wake region has an additional boundary condition, AC = 0 .  
This seemed t o  improve the  loadings on the wing, b u t  caused serious problems 
with  convergence. I t  i s   present ly  planned for  future work t o  allow  the wake 
t o  rol l  up rather than  freezing  the wake shape a t  the   t ra i l ing edge. For 
further  details ,   the  reader  is   referred t o  references 6 and 7. 

P 

RESULTS AND DISCUSSION 

Figure 8 presents  results from the Boeing nonconical  theory for  an 
aspect  ratio 2 delta wing. Since i t  has been shown in reference 1 that  the 
suction analogy  agrees well with  experimental d a t a ,  the  suction analogy i s  
used here as a bench mark. The attached flow theory and Smith conical  flow 
theory  (ref. 5) are  presented  as  references. The symbols are   resul ts   for   the 
Boeing nonconical  flow theory; i t  can be seen t h a t  the  present  theory  agrees 
well w i t h  the  suction  analogy. On the p l o t  of AC versus semispan s ta t ion,  
i t  i s  observed that  the  present  theory  appears  to be correctly handling the 
Kutta condition a t   t h e   t r a i l i n g  edge, since  the  pressure  levels  decreased a s  
the  trail ing edge is  approached. 

P 
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The comparison of theroetical and experimental ( re f .  8)  load dis t r ibut ions 
are  presented  in  figure 9. These resu l t s   a re   for  an aspect  ratio 1.46 del ta  
wing a t  14 degrees  angle of attack a t  incompressible  speeds. I t   i s  seen 
t h a t  the  present  theory  agrees  very well w i t h  experiment. Again, 
attached flow and conical  flow  theories  are shown as references. 

Figure 10 shows resul ts   for  a thick w i n g  w i t h  a swept t r a i l i ng  edge. 
This i s  a p l o t  of AC versus x and the wing i s  a t  an angle of attack of 11.9'. 
The leading-edge  vortex  sheet i s  assumed t o  be shed from the wing leading  edge. 
Because of the  near wake problem discussed  earlier,  the  solution  for  this 
problem i s  n o t  converged; however, the  results do look  very  promising. 

P 

CONCLUDING REMARKS 

Langley Research  Center and the Boeing  Commercial Airplane Company are  
engaged in a joint   research program t o  develop and evaluate an analytical 
method capable of computing load dis t r ibut ions on swept wings  w i t h  leading-edge 
vortices. Boeing, having  developed the method, i s  working t o  improve the fed 
sheet model , t o  improve the computational efficiency, t o  increase  the number  of 
panels that  may  be used, and t o  add compressibility and general  configuration 
capability  (fuselage and thickness). In  the  near  future,  the Boeing  Commercial 
Airplane Company wi l l   s ta r t  developing a supersonic  theory  for  the method, add 
wake ro l l  u p ,  and carry ou t   an  extensive  evaluation of the  existing method. 

Langley Research Center  will  evaluate  the method by numerical and wind- 
tunnel  experiments. The design  capability  will be exercised t o  optimize  vortex 
l i f t   cha rac t e r i s t i c s   fo r  supersonic  cruise and maneuvering a i r c ra f t  by combining 
vortex  flow w i t h  thickness, camber, and twist   distributions.   Finally,   the 
design  capability  will be evaluated by wind-tunnel t e s t s .  

The preliminary  results  are very  promising and i t  appears t h a t  the 
approach will  eventually  provide  the  capability needed for  optimizing and 
controlling  vortex l i f t  and  for  predicting  the wing aerodynamic loads a t  the 
critical  structural  design  conditions  for  slender wing a i r c ra f t .  

60 



REFERENCES 

1.  Polhamus, E .  C. :  A Concept  of the Vortex L i f t  o f  Sharp-Edge  Delta 
Wings Based  on  a  Leading-Edge-Suction  Analogy. NASA TN D-3767, 1966. 

2. Lamar, J .  E . :  P r e d i c t i o n  of Vortex Flow C h a r a c t e r i s t i c s   o f  Wings a t  
Subsonic  and  Supersonic  Speeds.   Journal  of  Aircraft ,  vo l .  13,  no. 7 ,  
July  1976,  pp. 490-494. 

3. Manro, M .  E . ;  Manning, K. J .  R . ;  H a l l s t a f f ,  T. H.; and  Rogers, J .  T. :  
Transonic  Pressure Measurements  and  Comparison  of  Theory t o  Experiment 
f o r  an Arrow-Wing Configurat ion.  NASA CR-2670, 1975. 

4.  .Manro, M .  E . :  Supersonic Pressure Measurements  In  Comparison  of  Theory 
t o  Experiment f o r  an  Arrow-Wing Configurat ion.  NASA CR-145046, 1976. 

5. Smith, J .  H .  B . :  Improved Calculation  of  Leading-Edge  Separation From 
Slender   Del ta  Wings. RAE Technical  Report  66070,  1966. 

6. Brune, G .  W . ;  Weber, J .  A . ;  Johnson, F .  T.; L u ,  P . :  and R u b b e r t ,  P .  E . :  
A Three-Dimensional  Solution  of Flows Over Wings w i t h  Leading-Edge 
Vortex  Separation. NASA CR-132709, 1975. 

7.  Johnson, F. T . ;  L u  P . ;  Brunne, G .  W . ;  Weber, J .  A . ;  and  Rubbert, P .  E . :  
An Improved Method for  the  Prediction  of  Completely  Three-Dimensional 
Aerodynamic Load Dis t r ibu t ions   o f   Conf igu ra t ions  w i t h  Leading Edge 
Vortex  Separation. AIAA 9 th   F lu id  and  Plasma  Dynamics  Conference, 
AIAA Paper No. 76-417,  1976. 

Low Speeds w i t h  Leading-Edge  Separation. Rep. 114, ARC 20409, College 
of   Aeronaut ics ,   Cranf ie ld ,  Feb. 1958. 

8. Marsden, D.  J . ;  e t  a l :   I n v e s t i g a t i o n   i n t o  the Flow-Over Del ta  Wings a t  

61 



F i g u r e  1.- Leading-edge  vortex  f low. 

F igu re  2.- Examples of a i r c r a f t   t h a t   u t i l i z e   v o r t e x   l i f t .  
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F i g u r e  6 .  - Load d i s t r i b u t i o n  on d e l t a  wing 
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Figure  9.- Comparison  of  experimental   (ref.  8) and 
t h e o r e t i c a l   s u r f a c e   l o a d i n g s   f o r  a d e l t a  wing. 
Aspect r a t i o  of 1 .46;  a = 14O; M = 0. 
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Figure  10.- Comparison of expe r imen ta l   ( r e f .  3)  and 
t h e o r e t i c a l   s u r f a c e   l o a d i n g s   f o r   a n   a r r o w  wing 
with  round  leading  edge.  CY = 11.9'; M = 0.40. 
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THE ROLE OF FINITE-DIFFERENCE METHODS IN  DESIGN AND 
ANALYSIS FOR SUPERSONIC  CRUISE 

James C .  Townsend 
NASA Langley Research Center 

SUMMARY 

Finite-difference methods for  analysis of steady,  inviscid  supersonic flows 
are  described, and their   present   s ta te  of development is  assessed  with  parti- 
cular  at tention  to  their   applicabili ty  to  vehicles designed for   e f f ic ien t  
cruise   f l ight .  As an i l lustrat ion,   calculat ions of the  supersonic  flows  over 
del ta  wings are compared w i t h  experimental  pressure  distributions. The overall 
agreement  with  experiment i s  very good even well beyond the  angles  of  attack 
where linearized  theory methods are  applicable.  Current work i s  described 
which will  allow  greater  geometric  latitude, improve treatment  of embedded 
shock waves, and relax  the  requirement  that  the  axial  velocity must be super- 
sonic. The evolved finite-difference methods are  expected to  complement the 
design  capability  of  linearized  theory methods by identification of circumstances 
(the  presence of shocks and crit ical   pressures) which will impose constraints 
on linearized  theory  solutions. T h u s  they  will  allow  refinement of designs 
before models are  constructed,  eliminating unnecessary wind tunnel t e s t s  of 
unsuitable  designs.  Further,  they  will  accurately  predict  loadings  required 
for  structural  design. 

INTRODUCTION 

Linearized  theory methods are very fami 1 i a r  t o  those  involved  in  supersonic 
cruise   a i rcraf t  design and analysis. Over a period of 20 years  or so these 
methods (such  as re fs .  1 and 2 )  have  been developed into extremely  useful  tools 
for  the  aerodynamicist; and ,  as  other  papers  in  this  conference show, they s t i l l  
have great  potential  for  further development. However, because these methods 
are  linearized,  they have inherent  limitations: They cannot  account for  the 
nonlinear  effects of shock waves or  of large flow angles,  effects which can be 
important  in aircraft   design. Thus, there   i s  a need to supplement the  linear- 
ized  theory methods w i t h  methods  which do n o t  have these  limitations. 

As part  of  the  effort  to meet t h i s  need, the  study  reported  herein was 
init iated  to  assess  the  current  status of finite-difference methods f o r  
computation of steady,  inviscid,  supersonic  flows, t o  identify  their   present 
limitations, and to  explore  their  potential  role i n  aircraft   design. T h i s  
paper reports some of  the  study  results  obtained up to   th i s  time.  Specifically, 
i t  will  address  four  topics: ( 1 )  Distinguishing  features of finite-difference 
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methods, ( 2 )  some past  applications of these methods, (3)  current developments 
aimed a t  overcoming limitations and ( 4 )  some applications i n  the  design  process 
to  which these methods are  ideally suited. 

SYMBOLS 

b 

C 

C 
- 

'n 

cP 

AcP 

M 

MA 

P 

Pm 

qa3 

S 

X 

Y 

span 

local chord 

mean geometric chord 

section normal force  coefficient,  J1 f AC, d($ 
o c  

pressure  coefficient, ( p  - pm)/qm 

l i f t i n g  pressure  coefficient, C p ,  lower - c  P ,  upper 

Mach  number 

Mach number of  velocity component along x axis 

local  static  pressure 

free-stream  static  pressure 

'free-stream dynamic pressure 

w i n g  reference  area 

longitudinal  distance from model apex 

spanwise distance from model centerline 

angle of attack, deg 

leading-edge sweep angle, deg 
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GENERAL  DESCRIPTION  OF FINITE-DIFFERENCE METHODS 

The f i n i t e - d i f f e r e n c e  approach t o   s o l v i n g   t h e   f l o w   e q u a t i o n s   i s   v e r y  
d i f f e r e n t  from t h a t   o f   l i n e a r i z e d   t h e o r y .   L i n e a r i z e d   t h e o r y  methods so l ve  
a s i m p l i f i e d   s e t   o f   f l o w   e q u a t i o n s   i n   w h i c h   a l l   n o n l i n e a r   t e r m s   a r e   n e g l e c t e d .  
The o v e r a l l   s o l u t i o n  t o  a given  problem i s   b u i l t  .up by  superposing  the  inde- 
pendent   so lu t ions   fo r   the   comple te   f low  f ie ld   about  each  of  the  elementary 
pane ls   compos ing   the   a i rc ra f t .   F in i te -d i f fe rence methods,  on the   o the r  hand, 
so lve  the  complete  equat ions  for   s teady,   inv isc id   f low.   S ince  these  equat ions 
are   non l inear ,   superpos i t ion   o f   e lementary   so lu t ions  does no t   app ly ;   ins tead,  
t h e   o v e r a l l   s o l u t i o n   i s   f o u n d  by   numer ica l   in tegra t ion   over  an e x t e n s i v e   g r i d  
t o   o b t a i n   t h e   c o m p l e t e   s o l u t i o n   a t  one p o i n t   a t  a t ime. I n  supersonic  f low, 
t h e   p o i n t s   i n f l u e n c i n g   t h e   s o l u t i o n   a t  a g i v e n   p o i n t   a l l   l i e  upstream o f   t h a t  
p o i n t ,  and t h i s   f a c t   i s   t h e   b a s i s   o f   t h e   m a r c h i n g   t e c h n i q u e  used i n  supersonic 
f i n i t e - d i f f e r e n c e  methods to   ach ieve   g rea te r  computationa.1 e f f i c i ency .  

The f a m i l i a r  method o f   c h a r a c t e r i s t i c s  can  be  used t o   i l l u s t r a t e   t h e   i d e a  
o f   po in t -by -po in t   so lu t i on   o f   t he   f l ow   equa t ions ,   f o r   a l t hough  it i s   u s u a l l y  
c l a s s i f i e d   s e p a r a t e l y ,  it employs b a s i c   f i n i t e - d i f f e r e n c e   c o n c e p t s   ( r e f .  3 ) .  
A two-dimensional   character ist ics  network i s  shown schemat ica l ly  on t h e   l e f t  
i n   f i g u r e  1. The network i s   c o n s t r u c t e d  a p o i n t   a t  a t ime  by   fo l low ing   the  
Mach l i n e s   ( c h a r a c t e r i s t i c s )   f r o m  each p a i r  o f  ne ighbor ing  po ints   hav ing known 
f l o w   c o n d i t i o n s   ( o n   t h e   l e f t   i n   t h e   f i g u r e )   t o   t h e i r   i n t e r s e c t i o n s .  The f l o w  
c o n d i t i o n s   a t   t h e   i n t e r s e c t i o n   p o i n t   a r e   d e t e r m i n e d  by apply ing a l o c a l   s o l u t i o n  
to   the   f low  equat ions ,   wh ich  shows t h a t   c e r t a i n   q u a n t i t i e s   a r e   i n v a r i a n t   a l o n g  
the   Charac ter is t i cs .   Th is   cons t ruc t ion   p rocess   i s   repeated ,   work ing  back  along 
t h e  model us ing   the  new p o i n t s   f o r   i n i t i a l   c o n d i t i o n s .  The i n t e r s e c t i o n   o f  two 
c h a r a c t e r i s t i c s  o f  t h e  same f a m i l y   i n d i c a t e s   t h a t  a shock wave i s  b e g i n n i n g   t o  
form; i t  must be i n s e r t e d   i n t o   t h e  mesh w i t h   i t s   s t r e n g t h   d e t e r m i n e d  by  the 
Rankine-Hugoniot   re la t ion.  

Because the   cha rac te r i s t i cs   ne twork   i s   de te rm ined  as p a r t   o f   t h e   s o l u t i o n ,  
the   user  has  no d i r e c t   c o n t r o l   o v e r   t h e   s i z e   o r   d i r e c t i o n   o f   t h e   m u l t i t u d e   o f  
i n d i v i d u a l   s t e p s   t h a t  make up a comp le te   f l ow   f i e ld   so lu t i on .   Fo r  complex 
th ree -d imens iona l   f l ows   t h i s   l ack   o f   con t ro l  can l e a d   t o  a c h a o t i c   s i t u a t i o n  
which makes the method o f   c h a r a c t e r i s t i c s   i l l - s u i t e d  t o  computer  implementation. 
Thus, a l t h o u g h   t h e r e   i s  some c o n t i n u i n g   i n t e r e s t   i n  methods u s i n g   c h a r a c t e r i s t i c s  
( r e f .  4 ) ,  most  research has turned  to  the  development  of  the methods convent ion- 
a l l y   c l a s s i f i e d  as f i n i t e - d i f f e r e n c e  methods. 

The two  main  classes o f   f i n i t e - d i f f e r e n c e  methods are shown a t   t h e   c e n t e r  
and r i g h t   i n   f i g u r e  1. These methods, l i k e   t h e  method  of c h a r a c t e r i s t i c s ,  use 
a step-by-step  computation o f   f l o w   c o n d i t i o n s   s t a r t i n g  from cond i t i ons  known 
i n  an i n i t i a l   d a t a   p l a n e .  However, f o r   t h e   f i n i t e - d i f f e r e n c e  methods  each  step 
i s  of u n i f o r m   s i z e  so t h a t  each new s e t   o f   p o i n t s   l i e s   i n  a p l a n e   p a r a l l e l   t o  
t h e   i n i t i a l   p l a n e .   I n   a d d i t i o n ,   t h e   c o m p u t a t i o n   i s  made b y   d i r e c t   i n t e g r a t i o n  
of   the  f low  equat ions i n  such a way t h a t  each new po in t   co r responds   t o  a s i n g l e  
i n i t i a l   p o i n t .  The fo l low ing   paragraphs   d iscuss   the   d is t ingu ish ing   fea tures  
o f   t h e   f i n i t e - d i f f e r e n c e  methods w i thou t   go ing   i n to   t he   ma themat i ca l   de ta i l .  
For a general  treatment o f   the   mathemat ics   invo lved,  see reference 5. 
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The s h o c k - c a p t u r i n g   t e c h n i q u e ,   i l l u s t r a t e d   i n   t h e   c e n t e r   o f   f i g u r e  1, uses 
t h e   f l o w   e q u a t i o n s   i n   t h e i r   c o n s e r v a t i o n   f o r m   ( r e f s .  6 t o  8) .  The equat ions i n  
t h i s  form apply  across  shock waves, so t h e   i n t e g r a t i o n  can  proceed r i g h t  on 
through a l l  shock waves which  occur i n   t h e   f l o w .  These captured  shocks  have 
l a r g e   g r a d i e n t s ,   w h i c h   c a n   i n t r o d u c e   n u m e r i c a l   o s c i l l a t i o n s   i n t o   t h e   s o l u t i o n ,  
and it i s  customary t o  add  an a r t i f i c a l   v i s c o s i t y   t e r m   i n   t h e   e q u a t i o n s  i n  
o r d e r   t o  dampen these  osc i  1 l a t i o n s .  (See r e f .  9, f o r  example.)  Since  the 
equa t ions   a re   w r i t t en   i n   t e rms   o f   t he   conse rved   quan t i t i es   (e .g .  momenta),  an 
a d d i t i o n a l   c a l c u l a t i o n   i s  needed i n   o r d e r   t o   r e c o v e r   t h e   p h y s i c a l   f l o w   v a r i a b l e s  
(e. g . pressure,   ve l   oc i  ty  ) . 

I n   t h e   e a r l i e s t   a p p l i c a t i o n s   o f   t h i s  method, a comp le te   rec tangu la r   g r i d  
was e n t i r e l y   p r e s e t   b e f o r e   t h e   c o m p u t a t i o n  was begun. I n  more recen t   app l i ca -  
t i o n s ,   t h e   g r i d  has u s u a l l y  been f i t t e d  between  the  body  and  the bow shock, 
w i t h   t h e   l a t t e r  computed as  a d i s c r e t e  shock r a t h e r   t h a n   b e i n g   c a p t u r e d   i n   t h e  
mesh. Th is   techn ique  e f fec ts  a sav ings .   by   avo id ing   t he   repe t i t i ve   ca l cu la t i ons  
o f   f r e e - s t r e a m   c o n d i t i o n s   a t  mesh p o i n t s   o u t s i d e   t h e  bow shock.  Since  captured 
shocks a r e   d i s t r i b u t e d   o v e r  a  number o f  mesh p o i n t s ,  a f i n e   g r i d   i s   r e q u i r e d  
f o r   s a t i s f a c t o r y   r e s o l u t i o n .   G r i d   e n r i c h m e n t ,   i n   w h i c h   e x t r a   g r i d   p o i n t s   a r e  
in t roduced i n   t h e   v i c i n i t y   o f  shock  waves, i s  a way o f   p r o v i d i n g   t h e   f i n e  mesh 
o n l y  where  .required  and o f   r e t a i n i n g  a coarser  mesh where  lower   resolut ion i s  
s u f f i c i e n t .   T h i s   a d a p t i v e  mesh i s   i l l u s t r a t e d   i n   t h e   f i g u r e .  

The s h o c k - f i t t i n g   f i n i t e - d i f f e r e n c e  method  forms  the  other  major  class 
( r e f .   l o ) .  It i s   i l l u s t r a t e d   s c h e m a t i c a l l y  on t h e   r i g h t   s i d e  o f  f i g u r e  1. 
I t s   p r i n c i p a l   d i f f e r e n c e   f r o m   t h e   s h o c k - c a p t u r i n g   c l a s s   i s   i n   t h e   t r e a t m e n t  
o f  shock waves. I n   t h e   s h o c k - f i t t i n g  method  each  shock i s   t r e a t e d   d i s c r e t e l y ,  
w i t h   t h e   f l o w   t h r o u g h  it computed t o   s a t i s f y   t h e   R a n k i n e - H u g o n i o t   r e l a t i o n  
e x p l i c i t l y .   I n   t h e   i m p l e m e n t a t i o n  shown i n   t h e   f i g u r e ,   t h e  mesh i s  ad justed 
so t h a t   t h e  shock l i e s   a l o n g  mesh l i n e s .  Program l o g i c   i s   r e q u i r e d   t o   r e a d j u s t  
the mesh  when appropr ia te .   S ince   the   f low  equat ions   a re   no t   in tegra ted   th rough 
t h e  shock  waves, the  equat ions  can be i n  terms o f   t h e   p h y s i c a l   v a r i a b l e s  and 
no a r t i f i c i a l   v i s c o s i t y   i s  needed. Also, a coarser  mesh can be used w i t h  good 
r e s u l t s .  

To achieve good r e s o l u t i o n   w i t h  a r e l a t i v e l y   c o a r s e  mesh, the  mesh p o i n t s  
need t o  be concentrated i n   h i g h   g r a d i e n t   r e g i o n s   b u t  can  be  more  spread o u t   i n  
reg ions   o f   near ly   un i fo rm  f low.  One way t o   a c h i e v e   t h i s   f a v o r a b l e   d i s t r i b u t i o n  
of mesh p o i n t s   i s   t h r o u g h   t h e  use o f   con formal  mapping  techniques. If, f o r  
example, a body-wing  cross  section i s  mapped t o  a n e a r   c i r c l e  and t h e   c i r c l e  
d i v i d e d   e v e n l y   i n t o  mesh po in ts ,   t he   co r respond ing   po in ts   i n   t he   phys i ca l   p lane  
tend t o  c lus te r   t oward   t he   w ing   t i p ,  a h i g h   g r a d i e n t   r e g i o n .  Thus conformal 
mapping  can p rov ide  a measure o f   a u t o m a t i c  mesh c o n t r o l .  

PAST AND PRESENT APPLICATIONS 

Figure 2 shows a few r e p r e s e n t a t i v e   c o n f i g u r a t i o n s   o f   t h e  many f o r   w h i c h  
f i n i t e - d i f f e r e n c e   c a l c u l a t i o n s   o f   f l o w   f i e l d s  have  been made.  The f i r s t   i s  a 
rea l   t ou r -de - fo rce   app l i ca t i on   wh ich   a t tempted   t o   ca l cu la te   t he   en t i re   f l ow  

72 

I 



f i e ld  around a complete B-1  bomber under an Air Force contract  (reference  11). 
The calculation, which used shock-capturing even for   the bow shock, was  made 
i n  an entirely  preset  square g r i d ,  graduated i n  spacing from 0.0007 of the 
(ful l   scale)   length  a t  the nose t o  six times  that i n  t he   f a r   f i e ld .  While 
the method used for  this  long-term  demonstration  project d i d  n o t  incorporate 
recently developed features which improve computational  efficiency and provide  
3ase  of  use, i t s  results  demonstrate the potential of more developed f in i t e -  
difference methods. 

The second part  of the figure shows an early U.S. shut t le  orbiter config- 
r a t i o n  for which the flow f ie ld  was computed by a Russian  shock-capturing 
nethod ( r e f .  1 2 ) .  In the reference, good agreement i s  shown w i t h  the   resul ts  
rrom the method of character is t ics .  and  from  a shock-capturing  finite-difference 
[lethod given by Rakich and Kutler  (ref.  13). 

T h e  l a s t   pa r t  of figure 2 shows resu l t s  on a fighter-type  configuration 
1:omputed  by a shock-fi t t i n g  f ini   te-difference method ( re f .   10) .  Like some of 
,he shock-capturing  methods, t h i s  method was or iginal ly  developed w i t h  emphasis 
I n  flow-field  calculations  about  shuttle  orbiter  configurations.  Consequently, 
vhi l e  i t  has some advanced capabi 1 i t i e s ,  such as  real gas effect   calculat ions , 
it has only  limited  capability t o  perform calculations  about  the complex geom- 
Aries  typical of supersonic  cruise  aircraft .   I ts   application  to a f igh ter  
'orward fuselage  section  (as shown in   the  f igure)   is   par t  of the  subsequent 
!ffort  t o  extend  the method t o  more general  configurations. 

As part  of the  study o f  the   poss ib i l i t i es  of f inite-difference methods 
-or aircraf t   design,  this same shock-fit t ing  f inite-difference method has been 
;pplied  to one of a se r ies  of de l ta  wings  fo r  which  an extensive  set of experi- 
rental  data and resu l t s  computed by other  theories  are  available (refs.  14 and 
5 ) .  The following  three  figures  describe  this  delta wing  and  a  few of the 
.esul t s  obtained. 

Figure 3 shows the A = 76O uncambered, clipped-delta w i n g  studied. I t  
lad a 4-percent-thick  circular-arc  airfoil   section  with  sharp  leading and 
.nd t r a i  1 ing  edges. A faired body of  circular  cross  section was added t o  
lrovide a st ing attachment  for  the  experimental model. As shown in  the  f igure,  
.wo modifications were made in the numerical model in  order t o  meet geometric 
imitations imposed by the method. First, the forward 1 1/2-percent  of  the 
.otal  length was replaced by a 24O half-angle cone faired t o  the original body 
nd w i n g .  This modification was necessary i n  order t o  obtain cone-flow s t a r t i ng  
olutions  at   angles of attack  near ZOO. The second, and more s igni f icant ,  modi- 
3cation was the replacement  of the outer half of  the w i n g  by a thicker  section 
roviding an ell iptical   cross  section.  This was necessary  since a t  the Mach 
umbers of interest ,   the  f low normal t o  a leading edge  swept 76O i s  subsonic; 
n this case,  the  computational method used requires the leading edge to  be 
lunt.  

I t  should be noted that  several  nose  shape  variations were tried unsuc- 
essfully  before this  one was found for  which complete runs could be  made 
outinely. Each complete r u n  a t  a s ingle  Mach number and angle of a t tack 
sed less  than 30 minutes  of  control  processor  time on a CDC6600 computer. 
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Figure 4 shows comparisons  of computed centerline  pressure  coefficients 
w i t h  wind-tunnel measurements a t  Mach 3 .5  and 4.6 and angles  of  attack  typical 
o f  cruise  conditions. The shock-fit t ing  f inite-difference method resu l t s  
(solid  line)  agree well w i t h  the  experimental  pressure  distributions and span 
loadings. A1 so shown i n  the   f i  gure are curves  (dashed 1 ines) from a 1 ineari zed 
theory  calculation (Woodward method, refs.  15 and 2 ) .  These curves also  agree 
f a i r l y  we1 1 w i t h  the  experimental  results; this f a i r  agreement a t  Mach numbers 
above the usual  range of validity  for  linearized  theory can be at t r ibuted  to  
the extreme slenderness  of the configuration. 

Figure 5 shows a more complete comparison a t  a Mach number of 3 .5  a t  an 
angle of attack  near 20°. A t  this high angle,  the agreement between the shock- 
f i t t ing  f ini te-difference and experimental r e s u l t s   i s   s t i l l  good.  (.The poor 
agreement a t  the wing t i p  i s  i n  a region dominated by the added leading-edge 
bluntness. ) However, the  linearized  theory does n o t  give  useful  estimates a t  
this  condition. From these two figures,  then, i t  i s  seen that.,  although bo th  
the  f inite-difference method and the  linearized  theory can give good resul ts  
at  cruise  conditions,  only  the  finite-difference method  can give  usable 
loading  estimates a t  h i g h  angles of attack, which are   l ikely  to  produce 
c r i t i ca l  design  conditions. 

C U R R E N T  DEVELOPMENTAL AREAS 

Since  finite-difference methods show promise of being able 
loadings a t   c r i t i c a l  design  conditions, work i s  progressing on i 
their   eff ic iency,  range of appl icabi 1 i t y ,  and ease of use.  .The 
figures show three  areas of current work on the  shock-fit t ing  f i  
method used t o  obtain  the  preceding  results. 

Figure 6 indicates  the proposed generalized conformal mappi 
being  developed by Moretti ( r e f .  1 6 ) .  As mentioned previously, 

t o  compute 
mprovi ng 
next  three 
ni te-di  fference 

n g  currently 
mapping i s  use[ 

t o  transform each cross  section of the  a i rcraf t   in to  a near c i r c l e  about which 
a regular  rectangular  grid can be generated t o  form the computational mesh. 
The present mapping  was s e t  u p  to  work well for  shuttle  orbiter  cross  sections 
b u t  will n o t  work for  some typical  cruise-aircraft  cross  sections. In partic- 
ular  the mapping relations  require t h a t  the  cross  section be single-valued  in 
polar  coordinates, a requirement which  makes the  highly cambered midsection 
and the  detached af t   sect ion unmappable for  configurations  like t h a t  shown 
i n  the  figure. The  new mapping, by careful placement of singularit ies,   will  
open u p  a cross  section such as t h a t  shown a t  the bottom of the  figure  into 
the  desired  near  circle. The  open section between the wing and the body will 
form parts of the boundary (BC and E F ) ,  for  which a special flow-through 
boundary condition i s  required  in  order t o  provide for  the  correct flow in 
t h a t  region. 

Figure 7 i l l u s t r a t e s  a new  method for  handling embedded shock  waves in 
the  shock-fi  tting  finite-difference method. In the  present method (shown on 
the  lef t )   the  mesh i s  adjusted so that  the shock l i e s  along mesh l ines .  The 
mesh points on the shock are  actually double points, w i t h  the  quantit ies on 
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each side of the shock calculated  to  satisfy  the Rankine-Hugoniot relation 
expl ic i t ly .  As the shock moves th rough  the  flow,  the mesh must be readjusted 
as shown i n  the  figure.  Unfortunately,  the mesh distortions and the  parti-  
t i o n i n g  of the flow f i e ld  can sometimes lead to   d i f f icu l t ies ,   par t icu lar ly  i n  
three-dimensional  flows. In the new method, shown on the r i g h t  and called 
floating shock f i t t i ng ,   t he  shock i s  not  required  to be a boundary of the flow. 
I t   i s   s t i l l   t r e a t e d   a s  a discontinuity  satisfying  the Rankine-Hugoniot relation, 
b u t  i t  can move freely,   or   f loat ,  t h rough  the  undisturbed mesh.  In order  to 
provide this  capability,  the  relations  required  for  evaluating  the  derivatives 
are modified for  mesh points  near  the shock. 

The floating  shock-fitting  finite-difference method has been developed 
f o r  the two-dimensional case  (ref.  1 7 )  and has shown  good resul ts   for  complex 
flows involving  multiple shock interactions.  Its  extension t o  three-dimensional 
flows i s   cur ren t ly  underway. 

Figure 8 shows a t h i r d  area of improvement, development of a method for  
continuing  the  calculation t h r o u g h  regions  in which the Mach number of the 
flow component i n  the marchinq direct ion  is  subsonic even though the  total  
velocity remains supersonic  (ref. 18). This  condition  arises  fairly  frequently 
i n  the  vicinity of canopies and blunt-leading-edge  wings, which t u r n  the flow 
strongly away from the marching direction. In the  general flow calculation 
method i l lus t ra ted  a t  the   l e f t  o f  the  f igure,  flow conditions a t  point B '  are 
calculated using the  conditions a t  points A ,  B y  and C y  known for the  previous 
step. For numerical s tab i l i ty ,   the   s tep  must  be small enough so t h a t  the 
characterist ics through B '  (shown as dashed l ines)  pass between A and C. This 
condition, which i s   essent ia l ly   the  Courant-Friedricks-Levy ( C F L )  condition 
for an expl ic i t  marching scheme, can always be  met if   the  axial  Mach number MA 
is   greater than 1 .  However, i f   the  flow i s  a t  a high angle,  the  axial Mach 
number may become subsonic. As shown in  the middle of the  figure, a character- 
i s t i c   i s  then swept forward re la t ive   to   the  marching direction, and i t   i s  
impossible t o  meet the CFL c r i te r ion ,  so the marching stops. The  method pro- 
posed f o r  continuing  the computation in this  case makes use of the  fact  t h a t  
the flow deflection t o  a high angle i s  caused by a boundary, as shown on the 
r i g h t  i n  the  figure. T h u s ,  although  the  conditions a t  B '  cannot be  computed 
direct ly  (because of the  forward-inclined  characteristic),  the  condition a t  A' 
can be  computed  from the known conditions a t  A and B plus  the boundary condi- 
t ions a t  A'. I-lowever, even with  the  conditions a t  A '  known, the CFL cr i ter ion 
cannot be  met for B '  s ince  the  characterist ic  falls   outside of A'ABC.  The 
conditions  at A" are  also needed, b u t  getting  then  directly would require 
knowing the  conditions a t  B '  first.   Fortunately,  the  conditions a t  A" and B '  
can bo th  be obtained t h r o u g h  a simultaneous  solution of the  relations  for 
b o t h  points and the boundary conditions a t  A".  Thus, the CFL c r i te r ion  can 
be  met for  b o t h  B '  and A" and the computation can continue. T h i s  procedure 
can be extended t o  include  in  the  simultaneous  solution  as many points  along 
the  oblique  front  as  fall w i t h i n  the  region of subsonic  axial Mach number. 
In reference  18, Marconi and Moretti have successfully  applied  this method 
i n  conjunction  with  the  shock-fitting  finite-difference method t o  the  three- 
dimensional  flow  over an a i r c ra f t  w i t h  a region of subsonic  axial Mach number 
embedded a t   the   f ront  of the canopy. 

75 



When these  three  improvements  have  been  incorporated  into  the  shock-f i t t ing 
f i n i t e - d i f f e r e n c e  method, i t  will b e   a b l e   t o  compute the   s teady   i nv i sc id   super -  
sonic   f low  about  a v e r y   g e n e r a l   c l a s s   o f   a i r c r a f t   c o n f i g u r a t i o n s .  Shock- 
c a p t u r i n g   f i n i t e - d i f f e r e n c e  methods are  undergoing  s imi lar   improvements.   For 
example, t h i s  method a l s o  has  been extended t o   t h e  case o f  superson ic   f low  w i th  
subson ic   ax ia l  Mach number ( r e f .  19 ) . Thus , f i n i  t e - d i f f e r e n c e  methods are  new 
too ls   wh ich   a re  now becoming a v a i l a b l e   t o   a i d   a i r c r a f t   d e s i g n e r s  i n  t h e i r  work. 

APPLICATION TO DESIGN 

I n  o r d e r   t o   u s e   t h i s  new t o o l   e f f e c t i v e l y  and e f f i c i e n t l y ,  i t  i s  necessary 
t o  understand i t s   c a p a b i l i t i e s   r e l a t i v e   t o   t h o s e   o f   l i n e a r i z e d   t h e o r y ,   t h e  
basis  of so many o f   t h e   p r e s e n t  methods f o r  aerodynamic  analysis and design. 
F igure 9 i n d i c a t e s  how t h e   c a p a b i l i t i e s   o f   t h e  two  k inds   o f  methods  complement 
one another. The most  important  asset o f   t h e   l i n e a r i z e d   t h e o r y   i s   i t s   c a p a b i l i t )  
f o r   d i r e c t   d e s i g n ;   f o r  example, l i n e a r i z e d   t h e o r y  methods a re   ab le   t o   de te rm ine  
d i r e c t l y   t h e  camber su r face   requ i red   t o   p roduce  a given  aerodynamic  pressure 
d i s t r i b u t i o n  on a w i n g .   T h i s   c a p a b i l i t y   i s   t h e   r e s u l t   o f   r e d u c i n g  
the  problem o f   f i n d i n g   t h e   f l o w   o v e r  an a i r c r a f t   t o  one o f   s o l v i n g  a l a r g e  
number o f   s imu l taneous  l inear   a lgebra ic   equat ions .   S ince   d ig i ta l   computers   a re  
ab le   t o   so l ve   such   sys tems   o f   equa t ions   qu i ck l y  and e f f i c i e n t l y ,   l i n e a r i z e d  
theory  methods  are  quick enough  and inexpensive enough t o   a l l o w   t h e   e v a l u a t i o n  
o f  a l a r g e  number o f   des ign   va r ia t i ons .   W i th   f u r the r   i nc reases   i n   compu ta t i ona l  
speed, 1 i nea r i zed  methods w i  11 make t rue   in te rac t ive   man- in - the- loop  aerodynamic  
design a p r a c t i c a l   r e a l i t y .  

However, l i n e a r i z e d   t h e o r y  has t h e   i n h e r e n t   l i m i t a t i o n   o f   n o t   b e i n g   a b l e   t o  
p r e d i c t   o r   a n a l y z e   n o n l i n e a r   e f f e c t s .  Thus f i n i t e - d i f f e r e n c e  methods a l s o  have 
a r o l e   i n   t h e   d e s i g n   p r o c e s s .   T h e i r   m o s t   i m p o r t a n t   a s s e t   i s   t h e i r   a c c u r a t e  
rep resen ta t i on   o f   t he   f l ow ,   t h rough   so lu t i on   o f   t he   comp le te   equa t ions   f o r  
i n v i s c i d ,   s t e a d y   f l o w .  The p r a c t i c a l  limit t o   t h i s   a c c u r a c y   f o r   i n v i s c i d   f l o w s  
comes o n l y   t h r o u g h   t h e   l i m i t a t i o n   o f   r e s o u r c e s   c o m m i t t e d   t o  it. T h a t   i s ,   t h e  
limit i s   r e l a t e d   t o   t h e  number o f  mesh points  used, and  more p o i n t s   r e q u i r e  
more  computer  storage and  more t ime. 

The accu ra te   ana lys i s   a f fo rded   by   f i n i t e -d i f f e rence  methods makes them 
i d e a l   f o r   u s e   i n   d e s i g n   c r i t i q u e .   A f t e r  a good des ign  candidate has  been found 
through  use o f   t h e   l i n e a r i z e d   t h e o r y  methods, a n a l y s i s   o f  a f i n i t e - d i f f e r e n c e  
method will a l l o w   t h e   d e t e c t i o n   o f  such potential  problem  areas  as  shock waves 
o c c u r r i n g   i n   u n f a v o r a b l e   l o c a t i o n s   o r   p r e s s u r e s   r e a c h i n g   c r i t i c a l   v a l u e s .   W i t h  
t h i s   k i n d   o f   i n f o r m a t i o n   i n  hand the   ae rodynamic i s t   can   re f i ne   t he   des ign   t o  
a l l ev ia te   t he   p rob lems .   Fo r  example, t h e   c o n f i g u r a t i o n  may have t o  be  changed 
t o   a v o i d  shock  impingement  on an i n l e t .  As suggested  by  the  f igure,   the  avoid- 
ance o f  a c r i t i c a l   c o n d i t i o n   r e v e a l e d   b y   t h e   f i n i t e - d i f f e r e n c e   c a l c u l a t i o n  may 
impose new d e s i g n   r e s t r a i n t s .  Then the   des ign   p rocedure   by   l inear ized   theory  
can be r e i n s t i t u t e d   u s i n g   t h e  new r e s t r a i n t s   t o   p r o v i d e  a re f i ned   cand ida te  
design. Use o f   t h i s   l i n e a r i z e d - t h e o r y   d e s i g n  and f i n i t e - d i f f e r e n c e   c r i t i q u e  
i t e ra t i on   p rocedure  will prov ide  an   ae rodynamica l l y   e f f i c i en t  and p r a c t i c a l  
d e s i g n   w h i l e   a v o i d i n g   t h e   c o s t l y  and  t ime-consuming  bui lding and t e s t i n g  of 
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wind-tunnel models i n  the ear ly  design stages. Thus many  more candidate con- 
figurations may be considered i n  choosing the best overall des ign  for  confir-  
mation by wind-tunnel tes ts .  Refinement  through the de ta i l  design of f i l l e t s ,  
i n l e t s ,   e t c .  can then  take  place w i t h  each change checked u s i n g  the accurate 
analysis  afforded by the  f inite-difference method ( f i g .  10) .  The r e su l t  of 
designing by this process  will be a be t te r  aerodynamic design i n  l ess  time and 
a t  lower cost. 

i n  the  design  process. Because of their accuracy,  they  are  ideally suited for  
rapidly  obtaining  the  detailed  loadings which now can  be acquired  only by  an 
extremely  lengthy  experimental  process. This i s  particularly the case a t  off- 
cruise-point  conditions such a s  h i g h  angles  of  attack, which cannot be properly 
treated by linearized  theory, b u t  which often form the   c r i t i ca l  loading  condi- 
t ions  for  the s t ructural  design cycle. 

B u t  this may not be the most important ro l e  of finite-difference methods 

CONCLUDING REMARKS 

I t  has been shown that  f inite-difference methods for  computing steady, 
inviscid;  supersonic  flows  are becoming developed to   the  p o i n t  where they 
form useful  additional  tools  for  the  aircraft  designer. For example, w i t h  
the  incorporation o f  new features now under  development, the shock-fitting 
finite-difference method will be able  to  accurately  analyze complex flows 
over  general aircraft   configurations,  includirig cri t ical   off-cruise-point 
conditions. The detailed,  accurate  analysis  afforded by finite-difference 
methods suits them particularly well for  a role  complementary to  the  rapid 
design  capabi 1 i t i e s  of 1 ineari zed theory methods. F i n i  te-di  fference methods 
are  a1 so we1 1 suited  for  determining  critical  loads  for  structural  design 
purposes. 
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METHOD OF SHOCK-CAPTURING  SHOCK-F! l l ING 
CHARACTERISTICS  FINITE  DIFFERENCE F IN I TE D I FFERENCE 

.EQUATIONS IN TERMS EQUATIONS IN EQUATIONS IN 
OF INVARIANTS  CONSERVATION  FORM  PHYSICAL  VARIABLES 

.SHOCK  INSERTED IF .SHOCK DISTRIBUTED SHOCK  DISCRETELY 
CHARACTERISTICS  MEET OVER MESH  POINTS F I l l E D  IN M E S H  

.MESH CONTROLLED .MESH  PRESET MESH  CONTROL  BY 
BY  SOLUTION OR ADAPTIVE  CONFORMAL  MAPPING 

Figure  1.- Compzrison  of   features  of method  of characteristics 
and   s t eady ,   i nv i sc id ,   f i n i t e -d i f f e rence   me thods .  
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( IVANOV  AND  NIKITINA) 
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0 SHOCK-F l l l lNG PRESSURE DISTRIBUTIONS 

GENERAL FIGHTER 
0 EXPERIMENT 

-FINITE DIFFERENCE 
(MARCONI,  SALAS. 

AND YAEGER) 

Figure  2.- Examples  of p a s t  a p p l i c a t i o n s   o f   f i n i t e - d i f f e r e n c e  
methods. 
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SHARP  LEADING EDGE 
REPLACED BY  ELLIPSE 

REPLACED BY CONE 
AND FAIRING 

Figure  3 . -  Delta wing  used for   exper imenta l   compar isons  
and m o d i f i c a t i o n s  made fo r   numer i ca l  model.  Leading- 
edge sweep a n g l e ,  A = 7 6 O .  
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Figure  4 . -  C e n t e r l i n e   p r e s s u r e   d i s t r i b u t i o n s   f o r  76’ d e l t a  
wing a t  low  angles  of a t tack .   Exper iment   f rom  re ference  1 4 ;  
l i n e a r i z e d   t h e o r y   b y  Woodward method ( r e f .  2). 
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Figure   5 . -   P re s su re   d i s t r ibu t ion   and   span   l oad ing   fo r  76' 
d e l t a  w i n g  a t  19.7O a n g l e -   o f   a t t a c k   ( r e f .   1 5 ) .  
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Figure  6 . -  Current  work  on generalizing  conformal  mapping 
technique  used with s h o c k - f i t t i n g   f i n i t e - d i f f e r e n c e  
method  by  Moret t i  ( r e f .   16 )  . 



PRESENT  METHOD : 

MESH  L INES  F l lTED 
TO  EMBEDDED  SHOCK 

PROPOSED  METHOD : 

SHOCK  FLOATS  WITHIN 
UNDISTURBED  MESH 

Figure  7.-  Current   work  on  improving  t reatment   of  embedded 
shock waves i n   s h o c k - f i t t i n g   f i n i t e - d i f f e r e n c e  method by 
S a l a s   ( r e f .  1 7 ) .  

CURRENT  METHOD  PROPOSED  METHOD 

STEP S I Z E  SET BY CFL  CRITERION CFL  CRITERION  MET  THROUGH 
CFL  STABIL ITY CANNOT BE MET USE OF BOUNDARY  CONDITIONS 
CRITERION FOR A N Y  STEP S I Z E  AND  SIMULTANEOUS  SOLUTION 

(FOR B' AND A") 

Figure  8.- Current  work   on   ex tending   shock-f i t t ing   f in i te -  
d i f f e r e n c e  method t o   i n c l u d e   r e g i o n s  of supe r son ic   f l ow 
wi th   subson ic  axial  Mach number  by Marconi  and  Morett i  
( r e f .  18). 
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B A S I C   D E S I G N   B Y  
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Figure  9.- Appl i ca t ion  of f i n i t e - d i f f e r e n c e   m e t h o d s   i n   d e s i g n  
process .  
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Figure  10.- A d d i t i o n a l   d e s i g n   a p p l i c a t i o n   o f   f i n i t e - d i f f e r e n c e  
methods made p r a c t i c a l  by t h e i r   d e t a i l e d   a c c u r a c y .  
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THEORETICAL AND EXPERIMENTAL PRESSURE DISTRIBUTIONS 

FOR A 71.2' SWEPT ARROW-WING  CONFIGURATION AT 

SUBSONIC,  TRANSONIC, AND SUPERSONIC SPEEDS 

Percy 3. Bobbi tt 
NASA Langley  Research Center 

Marjorie E .  Manro 
Boeing  Commercial Airplane Company 

SUMMARY 
(D 

A wind-tunnel t e s t  of an arrow-wing body configuration  consisting of f l a t  
and twisted  wings,  as well as a variety of leading- and trailing-edge  control- 
surface  deflections,  has been conducted a t  Mach numbers  from 0.40 t o  2.50 to  
provide an experimental  data  base  for comparison with  theoretical methods. 
Theory-to-experiment  comparisons o f  detailed  pressure  distributions have been 
made using current  state-of-the-art  a n d  newly developed attached- and 
separated-flow methods. The purpose of these comparisons was. to  delineate 
conditions under which these  theories can  provide  accurate  basic and incre- 
mental aeroelastic  loads  predictions. I t  was determined that   current   s ta te-  
of-the-art   l inear and nonlinear  attached-flow methods were adequate  only a t  
small-angle-of-attack  cruise  conditions. Of the  several  "separated-vortex" 
methods evaluated  only  the one u t i l i z ing  a combination o f  linear  source 
and quadratically  varying  doublet  panels showed promise  of  yielding  accurate 
loads  dis t r ibut ions  a t  moderate t o  large  angles o f  at tack.  Force and moment 
predictions  using  the Polhamus suction ar;alogy  agreed  well  with  experiments 
for  b o t h  f l a t  and twisted wings. 

INTRODUCTION 

The determination of critical  design  loads  for  various  structural com- 
ponents  of a i r c r a f t  employing highly swept wings  requires an examination  of 
the  loads at   f l ight   condi t ions  involving moderate to h i g h  angles of a t tack.  
Moderate and high angles of a t tack  in  turn give  r ise  t o  a flow-separation 
vortex a t   t h e  wing leading  edge. When one has t o  re ly  on theory  for  these 
loads,  as  is  usually  the  case  in  parametric  studies  or  for  incremental  aero- 
elastic  effects,   the  lack of a validated  analytical  technique  presents quite 
a  dilemma. Inaccuracies i n  the  predicted  pressure  distribution and related 
loads may r e su l t  i n  an  erroneous  evaluation  of  aeroelastic  effects,  leading 
to  understrength o r  overweight designs, performance panalties and reduced 
fa t igue   l i fe .   Ai rcraf t   s tab i l i ty  and control  estimates and control-surface- 
effectiveness  calculations  will  also  suffer from inaccurate  loads  information. 
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The problem of  predicting aerodynamic pressure  distributions on highly 
swept wings  a t  moderate t o  h i g h  angles of attack i s  by  no  means a new one. 
I t  has received  the  attention of a number of theoreticians  both'here and 
abroad  over the  past 25 years  (e.g. ,   refs.  1 to 5)  b u t ,  unfortunately, 
their  attempts have met w i t h  only  marginal success. Some re l i e f  may  be 
forthcoming, however, i n  the form of methods now being  developed by Boeing 
under contract t o  the Langley Research Center ( r e f .  6 )  and a t  Virginia 
Polytechnic Ins t i t u t e  and State  University  (ref. 7 ) .  

A t  low-incidence cruise  conditions  the  situation is  much bet ter .  
Attached-flow linear  theories  of both the l i f t ing  surface and discrete  sin- 
gular i ty  type have  been found t o  be generally  adequate for aerodynamic 
calculations  for  highly swept  wings. Uncertainty, however, as t o  the  angle 
of  attack ( for  a given wing geometry) a t  which  one should cease t o  re ly  on these 
methods has l imi ted   the i r   u t i l i ty .  In  addition,  the  scarcity of  detailed 
pressure d a t a  on a given  configuration a t  bo th  subsonic and supersonic  speeds 
has prevented a comprehensive assessment of the  unified  subsonic-supersonic 
panel methods. 

O f  course,  analytical methods are  n o t  the  only  predictive weapons aero- 
dynamicists have a t   the i r   d i sposa l .  Wind-tunnel pressure  tests on a specific 
wing shape may  be extrapolated by  means o f  an aeroelastic  solution t o  obtain 
the load dis t r ibut ions for other   e las t ical ly  deformed shapes of that  w i n g .  
Methods for doing th i s  for subsonic-transport-type wings are  well  developed 
and substantiated by f l i g h t  t e s t s .  However, for  h ighly  swept wings and/or  
transonic  flight  conditions where var ious  nonlinear phenomena  become impor- 
t a n t ,  no sat isfactory methods are  available.  Unless we develop rel iable  
empirical  techniques or analytical methods, such as discussed  earlier,  for 
these  types o f  wings ,  the  choice between extensive  tunnel  tests  simulating 
a variety of f l ight  conditions and a nonoptimum design  will  remain. 

The primary  purpose of t h i s  paper i s  t o  report on the  results of  a study ' 

I carried o u t  to  define  the a b i 1 i t . y  of state-of-the-art   as we1 1 as new1.y 
developed techniques t o  predict  detailed  pressures  over  configurations w i t h  
highly swept wings .  A second purpose i s  t o  describe  the scope o f  the  experi- 
mental program carried  out on an arrow-wing configuration t o  make the  present 
theory/experiment  comparisons more comprehensive. The variety of  configura- 
tional  effects examined and the wide Mach number range of the  tests conducted 
make the  data  obtained  especially  valuable for determining  the  efficacy o f  
predictive  techniques,  present and future.  Two wings were tested i n  the 
experimental program; each had the same planform and a i r foi l   sect ion b u t  one 
was f l a t  and the  other  twisted. Both were equipped w i t h  trailing-edge  controls 
while  the f l a t  w i n g  had leading-edge  controls as well. In  addition,  the  "basic' 
rounded leading edge on the f l a t  w i n g  could be replaced w i t h  a sharp one. 

Theories  evaluated i n  the  present paper w i t h  the a i d  of the "arrow-wing" 
pressure and force d a t a  obtained i n  the  experimental program include  linear 
and  nonlinear  attached-flow methods and several  separated-flow  techniques. 
Results of calculations made u s i n g  the Polhamus suction analogy ( r e f .  8)  will 
also be  shown even t h o u g h  t h i s  technique does not  provide  detailed  pressure 
distributions.  They are included because the method is   par t icular ly   effect ive 
i n  predicting  forces and moments and because the  longitudinal  loaddistributions 
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determined by this method have been used,in  conjunction w i t h  the Smith  
separated-flow method ( re f .  3) i n  an e f for t   to  provide a bet ter  overa.11 
detailed  pressure/force  predictive  capability. 

Attempts have  been made to  predict  not  only  the  basic  pressure distri- 
b u t i o n s  on a representative sample of configurations and free-stream 
conditions b u t  also  the  incremental  pressure changes due to  twist. The l a t t e r  
i s  of interest   s ince this calculation is  similar t o  that  often made to   correct  
basic,  rigid-model, wind-tunnel data  for  aeroleastic  effect-s on the   fu l l -  
scale  airplane. Incremental pressures have  been evaluated by both attached- 
and separated-flow  theories. 

Results of the  subsonic and transonic phase of the  present program are  
summarized in NASA SP-347 ( r e f .  9 )  and discussed  in more detail  i n  ref-  
erence 10. Some preliminary  results of the  supersonic phase are given i n  
reference 11 ; complete results  are  contained  in  reference 12. 

SYMBOLS A N D  ABBREVIATIONS 

b 

B L  

C 

- 
C 

Cm 

cN 

'n 

cP 

AcP 

CS 

L. E .  

M 

MS 

S 

wingspan 

buttock 1 i ne 

1 oca1 chord 

mean aerodynamic chord 

root chord 

pitching moment coefficient (moments a b o u t  0.25C) 

normal force  coefficient 

section normal force  coefficient 

pressure  coefficient 

l if t ing  pressure  coefficient 

suction  force  coefficient 

1 eadi ng edge 

Mach  number 

model s ta t ion 

local wing semispan 
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T. E. t r a i  1 i ng edge 

XYYYZ orthogonal  coordinates 

a angle  of  attack 

Y semiapex angle of wing 

&T. E. 

0 velocity  potential 

trailing-edge  control-surface  deflection 

Subscripts x, y ,  and z denote  differentiation. 

.MODELS 

The wind-tunnel-model configuration chosen for  the  present  study i s  shown 
in  figure 1 .  I t   i s  comprised of a highly swept (71 . Z 0 )  w i n g  of aspect 
r a t io  1.65.mounted on the bottom side of a slender body. Actually two 
separate wings  were constructed w i t h  the planform and a i r foi l   sect ion shown 
in  figures 1, and 2. The only  difference between the two  was t h a t  one was 
f l a t ,  i .e. , w i  t h  no camber or  twist, and the  other was twisted (no camber). 
The twist   d is t r ibut ion,  which is  plotted i n  f igure 1 , was taken from a super- 
sonic  cruise  transport  concept and modified  over the inboa rd  t h i r d  t o  f ac i l -  
i t a t e  model construction. 

B o t h  w i  ngs were equipped w i  t h  25-percent-chord t r a i  1 i ng-edge control 
surfaces which  were s p l i t   a t  the  57-percent semispan s ta t ion  t o  permit 
partial  as well as  full  span streamwise  deflections of Oo, k4.10 ,  k8.30, 
+17.7OY and t30.Z0. In  addi t ion,   the   f la t  w i n g  was provided  with removable 
leadi ng-edge segments t h a t  extended  over 1 5  percent of the  streamwise  chord. 
These segments permitted  testing of the  leading-edge segment i n  two drooped 
positions, 5.1° and 12.8O, as well as  undeflected. In order t o  investigate 
the  effect of leading-edge  shape, a second segment was constructed w i t h  
a sharp  leading  edge. A sketch of the  basic rounded leading edge with 
the  sharp  leading edge superimposed i s  given  in figure 1 .  

The 217 pressure  orifices on the wing were equally  divided  into 7 stream- 
wise sections on t he   l e f t  w i n g .  Pressure  taps were located on b o t h  the t o p  
and bottom surfaces a t  the chordwise locations shown i n  f igure 2.  The  body 
or i f ices  were arranged i n  5 streamwise rows of 15 or i f ices  each. An addi- 
tional 8 orifices  in  the  area of the wing-body junction made a t o t a l  of 83 
or i f ices  on t he   l e f t   s ide  of the body. 

The  model  was constructed of s teel  t o  minimize aeroelastic  deflections.  
To ensure  close  control of the model dimensions, a computerized lof t ing 
program was used t o  provide d a t a  for  machining the model components using 
numerical ly  control 1 ed operations. 
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WIND-TUNNEL  TESTS 

The model was t e s t e d   i n   t h e  Boeing  Transonic Wind Tunnel (BTWT) and i n  
the  supersonic  9- by   - / - foo t  1 eg o f   t h e  NASA Ames U n i t a r y  Wind Tunnel. The 
former i s  a con t inuous - f l ow ,   c losed-c i r cu i t ,   a tmospher i c   f ac i l i t y   w i th  a 
12 .5-percent   poros i ty   tes t   sec t ion   measur ing  8 by  12  by  14.5  feet ;   the 
l a t t e r   i s  a c o n t i n u o u s - f l o w ,   c l o s e d - c i r c u i t ,   v a r i a b l e - d e n s i t y   f a c i l i t y  
w i t h  a tes t   sec t ion   measur ing  7 by 9 by  18  feet .   Photographs  o f   the model 
i n   t h e  Boeing and NASA Ames tunne ls   a re   g iven  i n  f i g u r e s  3 and 4. Seven 
Mach numbers from  0.40 t o  1.11 were  tested i n   t h e  BTWT, w i t h   a n g l e  of a t t a c k  
varying  f rom -8O t o  +16O. I n   t h e  Ames f a c i l i t y ,   d a t a  were   ob ta ined  p r imar i l y  
a t  Mach numbers o f  1.7, 2.1,  and 2.5. A f e w   s e l e c t e d   t e s t s   w e r e   r u n   a t  a 
Mach number o f  1.5 t o   p r o v i d e   b e t t e r   c o n t i n u i t y   o f   p r e s s u r e  as a func t i on   o f  
Mach number. However, a t   t h i s  Mach number the  shock  f rom  the  nose  o f   the 
model r e f l e c t e d   o f f   t h e   w a l l  back  across  the  wing t i p  and only   those  pressures 
fo rward   o f   t he   shock   a re   va l i d .  The ma jo r   con f i gu ra t i ons   t es ted   a re  shown i n  
t a b l e s  I and 11. 

THEORETICAL METHODS 

T h e o r e t i c a l   c a l c u l a t i o n s   u t i l i z e d   i n   t h i s   p a p e r   a r e  based  on i n v i s c i d  
theo r ies   f o r   bo th   a t tached  and detached  f lows.  Resul ts  f rom  three  at tached- 
f low  theor ies  are  d iscussed:  one  uses the   l inear ,   subson ic /superson ic ,  
constant-pressure-panel   formulat ion,   the  second  uses a p a n e l   s o l u t i o n   o f   t h e  

. exact   incompress ib le- f low  equat ion  sat is fy ing  the  exact   boundary  condi t ion 
on   the   con f igura t ion   sur face ,  and the   t h i rd   so l ves   t he   exac t ,   non l i nea r ,  
f u l l - p o t e n t i a l   e q u a t i o n   u s i n g  a f i n i t e   d i f f e r e n c e   t e c h n i q u e .  

Four  separated-flow  methods  are  examined;  the f i r s t   i s   t h e   c o n i c a l   f l o w  
method o f  J .  H. B. S m i t h   o u t l i n e d   i n   r e f e r e n c e  3. The second  method i s  due 
t o  E. C. Polhamus  and i s   w i d e l y  known as the  leading-edge  suction  analogy. 
The t h i r d  method  (more a p t l y  termed a technique) i s  one which  combines  the 
Polhamus suct ion  analogy  wi th  the  Smith  method. The l a s t  method t o  be 
examined i s  based  on d i s t r i b u t i o n s   o f   q u a d r a t i c a l l y   v a r y i n g   d o u b l e t  and 
l i nea r l y   va ry ing   sou rce   pane ls .   S ince   t h i s   app roach   i s   s t i l l   under   deve lop -  
ment and o n l y   p r e l i m i n a r y   r e s u l t s   a r e   a v a i l a b l e ,  a f i n a l  judgment  on  the 
accuracy o f   t h e  method i s   n o t   p o s s i b l e .  However, it does  have t h e   a b i l i t y  
t o   t r e a t  a w ide   var ie ty   o f   w ing-body   con f igura t ions   wh i le   the   o lder   separa ted-  
f l o w  methods  can  handle  only  simple  wing  geometries. 

Because o f   t h e   s t r o n g   i n f l u e n c e   o f   t h e   l e a d i n g - e d g e   v o r t e x   f o r   a n g l e s   o f  
a t tack   g rea ter   than a few  degrees,  attached-f low  theories  can be expected t o  
y i e l d  good  agreement  only a t  low  angles of   a t tack.   Detached- f low  theor ies,  
on  the  o ther  hand, shou ld   be   ab le   to  do a good j o b   o f   p r e d i c t i n g   l o a d i n g  
trends a t   h igh   ang les   o f   a t tack   a l t hough   they   canno t  now handle as  geo- 
m e t r i c a l l y  complex con f igu ra t i ons  as the  more  mature  attached-flow  methods. 
A d d i t i o n a l   d e t a i l s   o f   t h e   a n a l y t i c a l  methods a r e   d i s c u s s e d   b r i e f l y  i n  the  
nex t   sec t ion .  
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Attached-Flow  Theories 

One o f   t he   mos t   popu la r   l i nea r   pane l   t echn iques  i n  use  today i s   t h e  
unif ied,  subsonic/supersonic  constant-pressure-panel  method  developed  by 
Woodward ( re f s .   13  and  14). I n   t h e   p r e s e n t   s t u d y  a s l i g h t l y  improved 
v e r s i o n   o f   t h e   o r i g i n a l  Woodward program  contained i n   t h e  FLEXSTAB system 
o f  programs  (see  refs.   15  to  17) has  been  chosen f o r   e v a l u a t i o n .  It should 
be n o t e d   t h a t   t h e  FLEXSTAB aerodynamic  module  has  been  employed as t h e   b a s i c  
1 oads t o o l   f o r   a n o t h e r  SCAR s tudy  ( re f .   18)   and i s   u t i  1 i zed i n   t h e  FLEXSTAB 
system t o   e v a l u a t e   t h e   s t a t i c  and  dynamic s t a b i l i t y ,   t h e   i n e r t i a l  and aero- 
dynamic   l oad ing ,   and   t he   resu l t i ng   ae roe las t i c   de fo rma t ions   o f   a i r c ra f t  
c o n f i g u r a t i o n s .  

The pane l i ng  scheme u t i l i z e d   f o r   t h e   r e s e a r c h   a r r o w   w i n g   o f   t h e   p r e s e n t  
study i s   d e p i c t e d  i n  f i g u r e  5. Note t h a t   t h e   p a n e l s   a r e   o f   n e a r l y   e q u a l  
w i d t h ,   t h e i r   l e a d i n g  and t r a i l i n g  edges a re   a t   cons tan t   pe rcen t   cho rd ,  and 
they   a re  more concentrated  near   the  wing  leading edge  and a t   t h e   f l a p  
h i n g e l i n e s .   I n   a d d i t i o n ,   t h e  edges o f  the  panels  were  chosen  to  coincide 
w i t h   t h e   c o n t r o l - s u r f a c e   h i n g e l i n e s  and b reak l i nes .  

I n   t h e  Woodward/FLEXSTAB panel  method, l i n e  sources  and  doublets  are 
d i s t r i b u t e d   a l o n g   t h e   l o n g i t u d i n a l   a x i s   o f   t h e  body t o   s i m u l a t e   i t s   t h i c k -  
ness  and l i f t i n g   e f f e c t s .   S i m i l a r l y ,   s o u r c e  and vor tex  panels   are  p laced 
i n   t h e   p l a n e   o f   t h e   w i n g   t o   s i m u l a t e   i t s   t h i c k n e s s  and l i f t i n g   e f f e c t s .  To 
a c c o u n t   f o r   t h e   i n t e r f e r e n c e   e f f e c t s  between the  wing and  body, constant -  
p ressure   vor tex   pane ls   a re   p laced on  a she1 1 around  the  body. . This 
" i n te r fe rence"   she l l   se rves   t o   cance l   t he   no rma l   ve loc i t y  components  on 
the  body induced  by  the  wing. A t  subsonic Mach numbers and. the  h igh  super-  
sonic  Mach numbers,  50 l i n e   s i n g u l a r i t i e s ,  168 in te r fe rence   pane ls ,  and 
160  wing  panels  were  used to   represent   the   con f igura t ion .   For   the   very   low 
supersonic Mach numbers  (1.05  and  1.11 ) , t h e  number o f   i n t e r f e r e n c e   p a n e l s  
had t o  be g rea t l y   i nc reased   ( t o   330 )   t o  overcome i n s t a b i l i t i e s   a s s o c i a t e d  
w i t h   t h e   s o l u t i o n .  

The second  attached-f low  method  to be evaluated i s   t h a t   o f  Rubbert  and 
Saar is   ( re fs .   19  .and 20) fo r   t he   numer i ca l   so lu t i on   o f   t he   exac t   i ncompress -  
i b le   po ten t i a l - f l ow   equa t ion   (Lap lace ' s   equa t ion ) ,   w i th   compress ib i l i t y  
e f f e c t s   i n c o r p o r a t e d   v i a   t h e   G o t h e r t   r u l e .   I n   c o n t r a s t   t o  FLEXSTAB, the  
Rubber t -Saar i s   (he rea f te r   re fe r red   t o  as  TEA-230) s o l u t i o n   s a t i s f i e s   t h e  
exact   boundary  condi t ions  ra ther   than  approx imate 1 i n e a r  ones. 

F igure 6 shows a t y p i c a l   p a n e l i n g  scheme used f o r   t h e  TEA-230 rep re -  
sen ta t i on   o f   t he   a r row-w ing  body  model. The source  panels  are  p laced  on  the 
conf igurat ion  sur face;   consequent ly ,  new pane l i ng  was r e q u i r e d   f o r  each 
c o n f i g u r a t i o n .   L i n e a r l y   v a r y i n g   i n t e r n a l  and t r a i l i n g   v o r t e x   p a n e l   n e t w o r k s  
a r e   a l s o  used b u t   n o t  shown. (See r e f .   1 0 . )  The number o f  source  and  v.ortex 
panels was d i f f e r e n t   f o r  each c o n f i g u r a t i o n   b u t   i n   e v e r y  case  more than  800 
source  and 280 vor tex   pane ls  were  used. 

The t h i r d   a t t a c h e d - f l o w  method whose a b i  1 i ty to   p red ic t   a r row-w i  ng 
pressures i s   t o  be determined i s   t h a t   o f  A. Jarneson and D. A. Caughey. 
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T h i s  method, which is s t i l l  under development, employs  a f i n i t e  difference 
technique t o  solve the full  nonlinear  potenti'al  equation  for  three-dimensional 
flow. Satisfaction of the exact boundary conditions i s  f ac i l i t a t ed  by the use 
of a sheared  parabolic  coordinate system i n  which the a i r fo i l   sur face  i s  
coincident  with a coordinate  line. (See f ig .  7 . )  The grid is  stretched i n  
a l l  three coordinate  directions  to minimize the number of to ta l  g r i d  p o i n t s .  
In the calculations presented i n  the present paper  approximately 60 g r i d  
points  are employed on the top and bottom of the a i r fo i  1 s e c t i o n   a t  the 
wing root   ( total  of  120) and 15 on the top and bottom of the t i p  section. 
W i t h  longitudinal g r i d  networks located a t  each  of 21 spanwise s ta t ions  on 
the wing, the resolution  obtained  is more than  twice  that  of the TEA-230 
method. While the method has-  only been applied  to  plain wings  (no body), 
there is almost no l imi t  t o  the  type of wing geometries t ha t  i t  can t r ea t .  

Detached-Flow Theories 

A number of methods are   avai lable  which have the capabili ty  of 
accounting  for the leading-edge  separated  vortex. Many of these make the 
assumption that   the  flow is  conical  and,  as a consequence, are   able   to  
reduce the three-dimensional problem to a two-dimensional  one. Wing plan- 
forms that  conical methods are   able   to   t reat   are   general ly  1 imi ted t o  del tas  
t h o u g h  an extension t o  cranked deltas has been effected  ( ref .   5) .  The 
trailing-edge Kutta condition i s  n o t  s a t i s f i ed  i n  these programs. 

One of the  best known of  the  "conical"  separated-flow programs i s  tha t  
developed by J .  H. B. Smith of  tne RAE ( r e f .  3 ) .  This  approach was pub1 ished 
in  1966  and i s  an  improved version of the well-known Mangler-Smith method of 
1957. Solutions  obtained  with  this method satisfy  the  leading-edge Kutta 
condition and tha t  of pressure  continuity  across  the  vortex  sheet. In 
addition,  the  vortex  sheet  is  constrained  tope a stream  surface  of  the 
three-dimensional  flow. The solution  technique  utilizes a conformal trans- 
formation which in  effect  opens the wing (positioned on the  horizontal  axis) 
into a c i r c l e  and then  squeezes i t  into a ve r t i ca l   s l   i t .  The  wing tips map 
onto  the  origin of the  transformed  plane and the  midpoints  of the upper and 
lower surfaces  are  located on the  vertical   axis  equidistant from the  origin.  
The outer vortex  sheet i n  the  transformed  plane i s  approximated by a ser ies  
of l inear  segments, typically 20 t o  40 i n  number,  which are  joined by a cu t  
t o  a potential  vortex  core. An i terative  technique  is  used t o  determine  the 
shape of the  vortex  sheet,  the  strength  of  the  sheet  segments, and the vortex 
core. 

As noted in  the  Introduction,  results from the Polhamus suction  analogy 
would  be presented even though i t  does n o t  produce detailed pressures. I t  
does, however, predict  longitudinal  load  distributions and i t  i s  capable o f  
doing an excel l en t  j o b  on the 1 i f t  and pitching moment o f  arb i t ra ry  wing 
geometries.  Details  of  this method were f i r s t  published i n  1966 i n  refer-  
ence 8; improvements i n  the  "analogy"  since  that time have greatly  increased 
i t s   capab i l i t i e s .  (See ref .  21 .) In a subsequent paragraph, two simple 
procedures for  u s i n g  the  suction  analogy  longitudinal  load  distribution  along 
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w i t h  the Smi th  separated-vortex method to  obtain ''improved" pressure distri-  
butions  will be described. 

The basic  features of the  suction  analogy  are  depicted  in  figure 8. The 
bottom left-hand  side of the figure  depicts  the  attached-flow  situation where 
linear  theory  predicts a square  singularity i n  the  pressure a t  the  leading 
edge. This s ingular i ty  i n  turn produces a suction  force i n  the  plane of the 
wing .  In practice  the flow a t  moderate angles of attack becomes l ike   tha t  
depicted on the  right-hand panel of the wing  i n  figure 8. The flow separates 
o f f  the  leading  edge, a vortex forms above the w i n g ,  and the flow reattaches 
inboard of  the  leading edge. The suction analogy assumes t h a t  the  force 
required t o  make the flow over  the  vortex  attach on the upper surface is the 
same as  the  leading-edge  suction  force which was l o s t  when the flow separated. 

Suction  force  calculations  carried o u t  f o r  the  present paper were 
determined u s i n g  pressure  distributions  calculated by the FLEXSTAB aero- 
dynamic  module discussed  earlier. These were  added t o  the  potential-flow 
l i f t  modified for large  angles of  attack t o  o b t a i n  the t o t a l  l i f t .  

Since  the  suction  analogy is known to  provide good estimates of the  force 
and  moment.of slender wings one would expect t h a t  the  longitudinal  load  dis- 
tr ibutions determined by the method  would also be i n  good agreement w i t h  
experiment. One advantage t h a t  the  suction  analogy has over  conical  sepa- 
rated-vortex.methods  in  producing  accurate  longitudinal  load  distributions 
i s   tha t  i t  i s  based on potential-flow methods  which satisfy  the  trailing-edge 
Kutta condition where appropriate. While the  suction analogy can produce 
reasonably  accurate  longitudinal  load  distributions i t  i s  incapable of  pre- 
dicting  detailed  pressures. On the  other hand, the  conical  separated-flow 
methods yield  pressure  distributions w i t h  the  right  character b u t  n o t  always 
the r i g h t  magnitude. These two facts  suggest  the  possibil i ty t h a t  a semi- 
empirical method combining b o t h  of these approaches would do a better  overall 
j o b .  Two ways of expediting  this  marriage have  been investigated. The f i r s t  
would simply  take  the  local Smi th  spanwise  pressure distributions and multiply 
them by the  ra t io  of the  local normal force  obtained from the  suction analogy 
by t h a t  obtained by the Smi th  method; i .e. ,   the  integration o f  the spanwise 
pressure  distribution. The second empiricism would be t o  calculate  the  local 
spanwise pressure  distributions w i t h  the Smith method using  values of the 
parameter "a" = ( tan a / t a n  y )  which produces the same local normal force  as 
the  suction  analogy.  This can be done rather  easily by working backward from 
the  empirical  equation  given i n  reference 3 for the  total normal force  coef- 
f i c i en t .  

A new method for  the  prediction o f  wing  pressures  including  the  effect of  
the  leading-edge  spiral  vortex i s  now being  developed under contract  to NASA 
Langley Research Center ( r e f s .  6 and 2 2 ) .  This method is capable of predict- 
i n g  forces , moments , and detailed  surface  pressures on wings of  arbi t rary 
planform, thickness, camber, and twist dis t r ibut ions mounted on a fuselage. 
The w i n g  geometry is  arbitrary  in  the  sense t h a t  leading and t ra i l ing  edges 
may  be swept as  well as curved o r  kinked. 
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The governing  equation is  the l inear  potential  flow  equation w i t h  nonlinear 
boundary conditions which require tha t   the  flow be para l le l   to  the wing surface 
and that  the  free  vortex  sheet,   springing from the  leading and t r a i l i n g  edges, 
be alined w i t h  the local  flow and suppor t  po pressure jump.  T h e  Kutta  condition 
is  imposed  and satisfied  along  all  wing edges. T h i s  problem is  solved numeri- 
cal ly  by an aerodynamic  panel method. The configuration i s  represented by quad- 
r i l a t e ra l  panels on a l l   surfaces  w i t h  quadratically  varying  doublet and l inear  
source s ingular i t ies   dis t r ibuted on them. The vortex core i s  modeled as a sim- 
i le  l ine  vortex  that   receives  vorticity from the free  sheet through a connecting 
:inematic  sheet. The s e t  of nonlinear  equations  is  solved by  an i t e r a t ive  pro- 
:edure, s ta r t ing  w i t h  an  assumed i n i t i a l  geometry. 

Figure 9 shows the  type of  paneling  arrangement used on the wing .  Note 
-.hat the  leading and t r a i l i ng  edges a re  extended fo r  the sake  of  simplicity 
-.o a point  rather  than chopped off  to form  a f i n i t e  t i p .  Th'is should have 
mly a t r i v i a l   e f f ec t  on the answers obtained. The fuselage was not a par t  
lf the  current model; instead,  the wing external  to the body  was  moved i n -  
loard t o  obtain a more r e a l i s t i c  model of  the w i n g  alone.  Results from two 
;ifferent  paneling  densities  are used i n  the  present  paper. For the detailed 
:omparison of  the  basic f l a t  wing ,  pressure  distribution a to ta l  of 212 panels 
'as used: 63 panels t o  describe the w i n g  , 108 panels  to  describe  the  rol  led- 
p vortex, and 41 panels t o  describe the wake. In making  a prediction  of the 
ncremental  load d u e  to   twist  a total  of  142 panels was used w i t h  49 on the 
,i ng . 

LEADING-EDGE VORTEX CHARACTERISTICS 

The large  effect  of the  separated  vortex on the flow f i e l d  above the 
i ng has been mentioned previously b u t  only  in  general  terms. I t   i s  helpful 
n trying to  evaluate  theory/experiment comparisons t o  have i n  mind a  good 
ic ture  of how the  vortex  develops and how i t   i s  affected by changes in  the 
ree-stream  conditions o r  wing geometry. Some of th i s  knowledge can be 
btained by looking a t  upper-surface  isobar  plots. A large number of these 
lo t s  has been generated;  only a representative few will be shown here t o  
rrphas i ze the major e f fec ts  . 

Figure  10 shows formation and development  of the leading-edge vortex on 
re basic  rounded-leading-edge, f l a t  w i n g  a t  a Mach  number of 0.40. A t  2 O  
igle of attack  the  isobars have the  configuration  typical  of  attached  flow. 
Jen a t  4O the  isobars have a "potential" look  except  perhaps  near the t i p  
lere  there is some evidence  of  vortex  formation. The isobar p l o t  f o r  8 O  
igle of  at tack shows  a well-developed  vortex tha t  dominates the flow over 
-le outboard t h i r d  of the w i n g .  For the a = 16' case the vortex i s  c lear ly  
ffecting  the flow over the entire wing. 

The development of  the  leadi ng-edge vortex w i t h  increasing  angle  of 
..tack i s  influenced by the sharpness  of  the  leading  edge, wing twist, and 
ing  camber f o r  a given w i n g  planform. Tests on a  cambered arrow wing have 
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not  yet been carried  out b u t  data  are  available  to  yield some idea of the 
ef fec t  of leading-edge  radius and wing  twist. The f i r s t  of  these  influences 
can be seen by comparing the  isobars of figure 10 w i t h  those of figure 11,  
which are  for  the  sharp-leading-edge  f lat  wing .  I t  i s  evident from figure 11 
that  the  vortex  develops much more rapidly  for the sharp  leading-edge wing 
than for the round. The sharp-leading-edge  vortex  for 4O angle of attack 
is almost  as we1 1 developed as  the round-1 eading-edge one i s  a t  8O. This 
contrast  tends  to  diminish  as Mach number  and angle of attack  are  increased. 
For instance, a t  16O angle of attack  the  difference between the  sharp- and 
rounded-leading-edge  isobar  configurations is  negligible. 

A comparison o f  f igure 12 w i t h  f igure 10 gives one a good idea o f  the 
e f fec t  of  twist on vortex  formation. An angle of attack of nearly 8 O  i s  
required  to produce the same k ind  of  isobar  configuration  as was evident a t  
4O on the f l a t  wing. Since  the  local  angles  of  attack  for  the  twisted wing 
are   less  than  those of  the f l a t  w i n g  this type o f  behavior i s  not  surprising. 

Finally,  the  effect of Mach number  on vortex movement can be seen by 
comparing the  isobar  plots of f igure 13 for  an M = 2.5 w i t h  those of  
f igure 10 which were for M = 0.40. A t  M = 2.5 the  vortex  appears  to form 
a t  only a few degrees  angle of attack b u t  i s  not  as  concentrated as a t  the 
subsonic Mach number. For c1 = 8' the  vortex  appears t o  be f a i r l y  well 
formed and  much fur ther  inboard t h a n  i t  was a t  M = 0.40. Not noted on the 
isobar  plots, b u t  s ignif icant ,   i s   the   fact  t h a t  the  increment  in  pressure 
between isobars on the M = 2.5 plot i-s a factor  of 5 t o  10 less t h a n  on 
the M = 0.40 p l o t .  While there   i s   c lear ly  a vortex  type fl'ow a t  M = 2.5, 
i t  i s  very much weaker t h a n  t h a t  a t  M = 0.40. 

TEST-THEORY COMPARISONS 

The real  value of any aerodynamic theory 1 ies i n  i t s  a b i  1 i ty t o  accurately 
predict   f l ight  o r  wind-tunnel resul ts .  Consequently, the  predictive methods 
t h a t  designers normally  use, or that  the  theoreticians have j u s t  developed and 
hope w i  11 f i n d  acceptance, must be evaluated t h r o u g h  comparisons w i  t h  experi - 
ment. Of course  the  configurations and free-stream  conditions used for the 
comparisons  should be as  similar  as  possible t o  those which one eventually 
expects t o  apply  the  theory. With this  in mind , and recognizing  the 1 imi ted 
amount of  detailed  pressure  data  available for  arrow-wing configurations which 
spans bo th  subsonic and supersonic speed regimes,  the  present  experimental 
program  and associated  theoretical-methods  evaluation were undertaken. Sub- 
sequent  sections  will  describe a number of theory/experiment comparisons made 
in  effecting an evaluation of some of our state-of-the-art  and  newly developed 
methods. 

Attached-Flow Methods 

Before examining theory/experiment  pressure-distributions  correlation i t  
is   ins t ruct ive t o  take a look a t  the   ab i l i ty  of  the  linear  attached  theories 

94 



to  predict  gross aerodynamic quantit ies.  A comparison i s  shown i n  figures  14 
and 15 of experimental and theoretical normal force and pitching moment coef- 
f i c i en t s  over  the  complete Mach number range for   the FLEXSTAB program and a t  
subsonic  speeds  for  the TEA-230 method. The calculations  are i n  good agree- 
ment w i t h  experiment f o r   a l l  Mach numbers a t  low angles of attack. However, 
a t  moderate angles  the TEA-230  method underpredicts  the  data;  the FLEXSTAB 
methods continue  to  agree  quite we1 1. This agreement i s  fortuitous , as w i  11 
be seen i n  the  subsequent  discussion, and points up  once again  the well-known 
fact  that  detailed  pressure  distributions  are  required t o  determine  the 
adequacy of theoretical methods for  predicting load distributions on wings .  

Chordwise distributions of experimental and theoretical  surface  pressure 
on the  flat-wing  configuration  are shown i n  figures 16 t o  23 for  four Mach 
numbers.  Data are  presented  for  three spanwise s ta t ions ,  20, 50, and 
80 percent of the  semispan, and a t  angles of attack of 4' and 1 2 O .  A t  the 
low angle of attack,  generally good agreement w i t h  experimental resu l t s  was 
obtained by the use  of either  attached-flow  theory. However, the  lack of 
agreement of the  upper-surface  pressures a t  the most outboard s t a t i o n   a t  
Mach numbers of 0.85 and 1.05 i s  due t o  t he   s t a r t  of vortex  formation. A t  
M = 1 . 7  the midspan  and outboard  sections  are  affected by the  vortex. No 
significant  degradation of the agreement due t o  separation  is  evident  for 
a Mach number of 2.5.  The  TEA-230 predictions  are somewhat better near  the 
leading edge than  the FLEXSTAB resu l t s ,  which exhibit  the  typical  linear 
theory  leading-edge singularity.  

A t  12' angle of attack good agreement  of the  predictions w i t h  the  experi- 
mental d a t a  i s  obtained  only a t  the most inboard wing section  (2y/b = 0.20) 
for  M =' 0.85 and 1.05.  (See  figs. 17 and 19 . )  A t  the two outboard s ta t ions ,  
neither  the FLEXSTAB nor the TEA-230 resul ts  compare well w i t h  experimental 
data. The distributions  for M = 1 . 7  ( f i g .  2 1 )  indicate a substantial 
e f fec t  of the  vortex a t  the midspan s ta t ion ,  b u t  because the  vortex  crosses 
the  trail ing edge j u s t  beyond this  station  the  theorylexperiment agreement i s  
much better  in  the ou tboa rd  region of the wing. Isobar  plots  indicate  that 
a t  M = 2.50 the  vortex  crosses  the  trailing edge inboard of the midspan 
station;  consequently,  the  theory  in  figure 23 does a better j o b  a t  the  out- 
board stations t h a n  i t  did a t  lower Mach numbers. One f inal  p o i n t  of i n t e re s t  
with  respect t o  these chordwise pressure  distributions  is  the  diminishing 
effect  of the  leading-edge  vortex  as Mach number increases from 1.05  to 2.50. 

The spanwise  load distributions shown i n  f igure 24 demonstrate  the same 
points made ea r l i e r  with  respect  to  the chord  load distributions.  The agree- 
ment i s   b e s t   a t  small angles of attack and near  the wing roo t .  A t  high angles 
of attack,  the  theory  generally  underpredicts  the load level over the  inboard 
half of the w j n g  and overpredicts i t  outboard. For M = 2.5  the  lack of 
agreement near  the wing t i p  for  h i g h  angles  cannot be at t r ibuted t o  the  close 
proximity of a spiral  vortex. The flow is   e i ther   separated over the whole 
chord,  giving r i s e  t o  the near constant  pressure,  or, because the  pressures 
are  approaching the vacuum level ,  they  cannot go  any lower. 

D 

Application of the Jameson-Caughey t r anson ic  wing code t o  the  research 
arrow w i n g  yields  the  results  depicted on figures 25 to  27. Calculations  are 
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shown f o r  Mach numbers o f  0.85,  0.95, and  1.05 a t   t h r e e  spanwise s t a t i o n s  and 
f o r  4? a n g l e   o f   a t t a c k .  The Mach 1.05 c a l c u l a t i o n   i s   p a r t i c u l a r l y   n o t e w o r t h y  
s ince   most   t ranson ic   w ing   codes   a re   l im i ted   to   subson ic  speeds (M < 1 ) by 
v i r t u e   o f   t h e   t y p e   o f   d i f f e r e n c i n g  schemes used. The  Jameson-Caughey method 
i s   a b l e   t o   o b t a i n   a c c u r a t e   t h e o r e t i c a l   r e s u l t s  because i t  employs the  so- 
c a l l e d  Jameson " r o t a t e d "   d i f f e r e n c e  scheme which  takes  proper  account o f  t he  
zone  of  dependence i n   t h e   s u p e r s o n i c   r e g i o n s   o f   t h e   f l o w .  (See r e f .  23.) 

Comparisons o f   t h e o r y  and experiment a t  M = 0.85, f i g u r e  25, show 
e x c e l l e n t  agreement  everywhere  except  c lose  to  the  leading edge  on the  upper 
s i d e   o f   t h e   m o s t   o u t b o a r d   s t a t i o n .   T h i s   d i s c r e p a n c y ,   a s   n o t e d   e a r l i e r ,   i s  
caused  by   the   fo rmat ion   o f   the   lead i  ng-edge vor tex .   Numer ica l   resu l   t s  
ob ta ined  us ing   the  Jameson-Caughey program  a re   very   s im i la r   to   those  ob ta ined 
us ing  the TEA-230. (See f i g .   1 6 . )   C o r r e l a t i o n s   a t  M = 0.95, shown i n  
f i g u r e  26, a r e   a l s o   q u i t e  good b u t   t h e   v o r t e x   f o r m a t i o n   a t   t h e   t i p  has  a 
l a r g e r   e f f e c t  on t h e   p r e s s u r e   d i s t r i b u t i o n   a t   t h i s  Mach number and the  upper 
surface  agreement i s  correspondingly  degraded. 

F i n a l l y   a t  M = 1.05  (see f i g .  27) t h e r e  seems t o  be  an  upward s h i f t   o f  
t h e   e x p e r i m e n t a l   d a t a   r e l a t i v e   t o   t h e   t h e o r y .   T h i s   i s   p a r t i c u l a r l y   n o t i c e a b l e  
o v e r   t h e   r e a r   h a l f   o f   t h e   d i s t r i b u t i o n s   f o r  2y/b = 0.2 and  0.5. It i s   n o t  
c l e a r   w h e t h e r   t h i s   i s  due t o   t h e   e f f e c t   o f   t h e  body ( n o t   a c c o u n t e d   f o r   i n   t h e  
t h e o r y ) ,   t h e   e f f e c t   o f  a r e f l e c t e d  shock   f rom  the   wa l l ,   o r  a v i scous   e f fec t .  

Detached-Flow  Theories 

As i n d i c a t e d   i n   t h e   s e c t i o n  on t h e o r e t i c a l  methods the  leading-edge 
suct ion  analogy was adap ted   f o r   use   w i th   t he  FLEXSTAB aerodynamic  module f o r  
t h e   c a l c u l a t i o n   o f  lift, p i t c h i n g  moment, and l o n g i t u d i n a l   l o a d   d i s t r i b u t i o n .  
Four  arrow-wing  configurations  were  analyzed - t h e   f l a t   w i n g ,   t h e   t w i s t e d  
wing, and t h e   f l a t   w i n g   w i t h  5.1' and 12.8O lead ing-edge  cont ro l -sur face  
d e f l e c t i o n .  (See r e f .  10.) O n l y   r e s u l t s   f r o m   t h e   f i r s t  two o f  these  con- 
f i g u r a t i o n s  will be discussed  here. 

Comparisons o f   t h e   c a l c u l a t e d   t o t a l  lift, p i t c h i n g  moment,  and l o n g i -  
t u d i n a l   l o a d   d i s t r i b u t i o n   f o r   t h e   f l a t  and t w i s t e d   w i n g s   a t  a Mach number 
o f  0.85 a r e   g i v e n   i n   f i g u r e s  28 t o  31. The p o t e n t i a l   s o l u t i o n  by i t s e l f  
underpred ic ts   the   exper imenta l   resu l ts ;   add ing   the   vor tex  lift y i e l d s  a t o t a l  
which  overpredicts  exper iment.  The f a c t   t h a t   t h e   t h e o r y  assumes a f l a t  
sharp-edged  wing  would  lead one t o   e x p e c t   b e t t e r  agreement w i th   the   sharp-  
leading-edge  data i n   f i g u r e  28 than  w i th   the   round edge. This seems t o  be 
the  case, a t   l e a s t   f o r   t h e  lift. 

A recent  improvement  to  the  suction  analogy  method,  termed  the augmented 
v o r t e x - l i f t   c o n c e p t ,  when app l i ed   t o   w ings   w i th   swep t -back   t ra i l i ng  edges 
r e s u l t s   i n  a nega t i ve  l i f t and moment inc rement .   Ca lcu la t ions   fo r   the   a r row-  
wing  increments  were made by  John E. Lamar o f  NASA Langley  Research  Center 
and are   labe led  on f i g u r e  28 as the  augmented v o r t e x  lift and  augmented 
vor tex  increment .  The p r e d i c t i o n   o f   t o t a l  l ift i s   c l e a r l y  improved. To 
o b t a i n   t h e   e f f e c t  on p i t c h i n g  moment, t h e  augmented v o r t e x  l i f t  i s  placed a t  
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the  two-thirds semispan s ta t ion  on the  t ra i l ing edge. As i n  the l i f t  case 
the  pitching moment prediction is  improved by the augmented vortex  increment. 

Whereas the augmented vortex  concept does n o t  provide  for a method of 
predicting  the  associated  reductions  in  the  longitudinal load dis t r ibut ion,  
i t  does indicate  that  the loss would occur i n  the  region a f t  of the apex of 
the  t ra i l ing edge.  This seems t o  be confirmed by the  overprediction of the 
experimental  load a f t  of the  trail ing edge shown i n  f igure 30. 

Li f t  and moment curves for  the  twisted wing are  plotted  in  figure 29. 
The agreement of the  vortex  plus  potential l i f t  and moment w i t h  experiment 
are  about  the same as   for   the   f la t  wing. Indeed the  curves  are  almost 
identical;  twist  primarily  causes a s h i f t  of two t o  three  degrees  in-the 
zero- l i f t  and zero-moment angles of attack. On this basis,  the augmented 
vortex  increments for  the  twisted wing should be nearly  the same as for  the 
f l a t  win they would j u s t  be added t o  the l i f t  and moment a t  an angle of 
attack 2 %; greater. 

Theoretical  predictions of the  longitudinal load distributions  for  the 
f l a t  and twisted wing exceed the  experimental  values  over  the whole length 
of the w i n g .  Generally  the  differences  are n o t  large so the agreement may 
be termed f a i r  t o  good. 

The next  detached-flow method t o  be compared with  experiment i s   t ha t  due 
t o  J .  H.  B. Smith  of the Royal Aircraft  Establishment. This method yields 
detailed  pressures b u t  only f o r  incompressible  flow. Another limitation t o  
the  application of the Smith  method derives from the assumption of conical 
flow; i.e.,   the  pressures beyond the  trailing-edge apex cannot be determined. 
Consequently,  comparisons of the  theoretical and experimental  spanwise 
variations of the  lifting  pressure have  been made only for  longitudinal 
locations u p  t o  93 percent of the r o o t  chord. 

Figure 32  shows resul ts  from the Smith  method  compared to  interpolated 
sharp-edged wing experimental d a t a  ( M  = 0.40) for  x/cr  values of 0.55, 

0.74, and 0.93 and an angle of attack of 12'. A t  x/cr = 0.55, the Smith 
method agrees  fairly well  inboard b u t  peaks a t  a value  almost  twice t h a t  of 
the  experimental maximum. As one moves toward the  trail ing edge,  the  agree- 
ment inboard  deteriorates  to where a t  x/cr = 0.93 the  theoretical  level  is 
almost  twice  the  experimental.  This i s  probably due t o  the  fact  t h a t  the 
Smith  method does n o t  sa t isfy  the Kutta condition. 

The large  differences i n  the peak pressures  outboard  indicate  that  the 
theoretical  vortex  strength is  too  large o r  the  vortex i s  too  close t o  the 
surface. Experimental data summarized in  reference 3 indicate   that ,   for  a 
tan d t a n  y ra t io   l ess  t h a n  1 .0  ( the arrow wing for  c1 = 1 2 O  yields a value 
for  t a n  cl/tan y of approximately 0.6) , the  vortex  will  generally be higher 
and further inboard  than  the  theoretical  location.  Reference 3 also  indicates 
that   for  tan  a/tan y r a t io  on the  order of 1.0 o r  larger  the  position o f  
the  vortex i s  better  predicted and the maximum pressures  are i n  much bet ter  
agreement w i t h  experiment. 
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A second c a l c u l a t i o n  has  been made u s i n g   t h e  Smith method  by  constraining 
the   spanw ise   i n teg ra t i on   o f   p ressu re   d i s t r i bu t i on ;  i .e. , the   l oca l   va lue   o f   t he  
l o n g i t u d i n a l   l o a d ,   t o  have t h e  same value as tha t   g i ven   by   t he   suc t i on   ana logy .  
As noted in t h e   s e c t i o n  on t h e o r e t i c a l  methods t h e r e   a r e  two ways o f   d o i n g   t h i s .  
The c a l c u l a t i o n s  shown o n   f i g u r e  32  (modif ied  Smith  method)  are  for   the 
techn ique  where in   the   va lue   o f   tan   a l tan  y i s  used  which  gives  the same 
v a l u e   o f   t h e   l o n g i t u d i n a l   l o a d  as the   suc t ion   ana logy .  A comparison o f   t h i s  
modif ied  Smith  method  wi th  exper iment and t h e   o r i g i n a l   S m i t h  method shows 
some improvement  inboard o f   t h e   m i d s p a n   s t a t i o n s   b u t  no s ign i f i can t   improve-  
ment  outboard. The second  empir ic ism  suggested  for   the  Smi th method,  whereby 
the  pressures  are  s imply mu1 t i p l i e d   b y   t h e   r a t i o   o f   t h e   s u c t i o n   a n a l o g y  and 
Smi th  method  longi tud ina l   loads,   prov ided no b e t t e r  agreement  than t h a t  shown 
i n   f i g u r e  32. 

The las t   de tached- f l ow  method t o  be e v a l u a t e d   w i t h   t h e   a i d   o f   a r r o w - w i n g  
pressure  data i s  an  improved  vers ion  o f   the  panel   method  deta i led  by Weber 
e t  a1 . i n   r e f e r e n c e  6. (See r e f .  22. ) A b r i e f   d e s c r i p t i o n   o f  i ts   f ea tu res  , 
inc lud ing   the   pane l ing   a r rangement ,  was g i v e n   i n   t h e   t h e o r e t i c a l  methods 
sect ion.   Panel-method  calculat ions  for  M = 0 have  been made f o r   t h e  same 
l o n g i t u d i n a l   l o c a t i o n  and angle  o f   a t tack as those shown i n  f i g u r e  32 f o r   t h e  
"Smith"  method.  Figure 33 compares t h e s e   r e s u l t s   w i t h   t h e  sharp-edged  wing 
d a t a   f o r  M = 0.40. ( N o t e   t h e   o r d i n a t e   s c a l e   i n   f i g .  33 i s  one -ha l f   t ha t  
o f   f i g .  32.) It i s   q u i t e   c l e a r  from f i g u r e  33 tha t   the   separa ted- f low  pane l  
method co r re la tes   w i th   exper imen t  much bet ter   than  the  Smi th method, doing a 
good j o b  on the  1 eve1 o f   the   inboard   p ressures  as we1 1 as the  outboard 
p ressu re   peak .   Spanw ise   d i s t r i bu t i ons   ' o f   p ressu re   f o r   l oca t i -ons   a f t   o f   t he  
t r a i l i n g - e d g e  apex ( n o t  shown i n   f i g .  33)   remain  qu i te  good a l though  the  
theo re t i ca l   p ressu re  peaks  exceed  the  experimental  ones. (See r e f .  11.) 

SIMULATED  AEROELASTIC  CALCULATIONS 

Aside  f rom  parametr ic   s tud ies,   theoret ica l  methods a re  used  mainly  to 
cor rec t   exper imenta l   da ta   f rom a r i g i d   w i n d - t u n n e l  model f o r   t h e   e f f e c t s   o f  
t h e   e l a s t i c   d e f o r m a t i o n   o f   t h e   a i r c r a f t   s t r u c t u r e   u n d e r   l o a d .  Examples o f  
th is   p rocedure   a re  shown i n   f i g u r e s  34 and  35 f o r  Mach 0.85  and 2.1 a t  an 
a n g l e   o f   a t t a c k   o f  8 O .  Here   exper imenta l   da ta   fo r   the   f la t   w ing   a re   taken 
as r e p r e s e n t a t i v e   o f  a t yp i ca l   r i g id -mode l   t unne l   t es t .  A t h e o r e t i c a l   i n c r e -  
men t   ca l cu la ted   f o r   t he  known t w i s t   o f   t h e  model  (supposed e l a s t i c  deforma- 
t i o n )   u s i n g   t h e  FLEXSTAB program i s  added t o   o b t a i n   t h e   p r e d i c t e d   d i s t r i b u t i o n .  
T h i s   r e s u l t   i s  compared w i t h   t h e   t w i s t e d - w i n g   d a t a   a t   t h e  same a n g l e   o f   a t t a c k  
(deformed  air f rame).   Three  spanwise  locat ions  are shown; t h e   s e c t i o n   a t  
2y/b = 0.35 i s   t y p i c a l   o f   t h e   o t h e r   i n b o a r d   s t a t i o n s .  The e r r o r   i n   p r e -  
d i c t i n g   t h e   p r e s s u r e   d i s t r i b u t i o n   i s   s m a l l   a t   t h e   i n b o a r d   s t a t i o n s ,   p r i m a r i l y  
because  the r e l a t i v e   t w i s t   i n   t h i s   r e g i o n   i s   s m a l l .  However, t he re   a re .  
s i g n i f i c a n t   d i f f e r e n c e s   a t   t h e   m i d s p a n  and ou tboard   s ta t i ons  between the  
e x p e r i m e n t a l   f l a t - w i n g   d a t a   t h e o r e t i c a l l y   c o r r e c t e d   f o r   t w i s t  and the 
exper imental   twisted-wing  data.   This i s  because t h e   l i n e a r  FLEXSTAB program 
does no t   accoun t   f o r   t he   non l i nea r   vo r tex   e f fec ts .  
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Since  the 1 inear  attached-flow methods do not do an adequate  job of 
p r o v i d i n g  aeroelastic  corrections of highly swept wings,  a t   l e a s t   f o r   t h e  
e f fec t  of twist, i t  is of interest   to  determine i f  the  separated-flow panel 
program of reference 22 can do  any better.  Figure 36 shows the  resul ts  of 
a crude f i r s t  attempt. Spanwise rather than  chordwise variations of pressure 
are  presented due to  the  paneling  arrangement.  (See  fig. 7 . )  I t  should also 
be noted. tha t  wing  thickness and the  fuselage were not  accounted for  i n  the 
panel model used and only 49 panels were  employed .on the wing ( 7  rows  of 
panels w i t h  7 panels  each). 

Calculations have  been carr ied  out   for   the  f la t  and twisted wing  a t  
M = 0.40 and  an angle of attack of 1 2 O .  As i n  the  calculations  for 
figures 34  and 35 the increment between these two theoretical   results has 
been  added to  the  f lat-plate experimental  data. The simulated  aeroelastic 
prediction  for  the  twisted wing is the  solid  l ine and should be judged by the 
square symbols for  the twisted-wing  experimental  resul t s .  In the outboard 
region a t  the  x/cr = 0.435 s ta t ion ,  where the  experimental  differences  are 
large,  the  simulated  aeroelastic  prediction does .not  agree w i t h  the twisted 
w i n g  data. A t  x/cr = 0.91 the agreement i s   qu i te  good w i t h  the  largest  
discrepancy  occurring around the  75-percent semispan s ta t ion.  Agreement 
between the  prediction and the  twisted-wing d a t a  deteriorates  considerably 
in moving  from the  x/cr = 0.91 s ta t ion t o  x/cr = 1.26.  Theory says t h a t  
the  increment is  negative everywhere, whereas experimentally  there  are b o t h  
positive and negative  increments.  Overall one  would  have to say t h a t  the 
separated-vortex panel program did  not do much better than  the  linear  attached- 
flow panel .method in  predicting  the  "aeroel  astic"  increment. However , i t  
should be  remembered t h a t  the  paneling scheme was very crude (49 panels on 
the wing) and the  fuselage and w i n g  thickness were n o t  accounted for.  Cer- 
tainly  the 63-panel calculat ion  for   the  f la t  wing  shown i n  f igure 33 offers 
some  hope that  when the  fuli  capabi 1 i t y  of the program now being  developed 
can be uti l ized more accurate  incremental  predictions  will  result. 

CONTROL SURFACE EFFECTS 

The experimental program carried  out on the arrow-wing model included a 
number of t e s t s  w i t h  the 1 eadi ng and t r a i  1 ing edges deflected. (See Tab1 es I 
and  11. ) As in  the  case of the  basic f l a t  and twisted wings , theoretical 
calculations were carried o u t  for  the  deflected-control  configurations u s i n g  
the FLEXSTAB and  TEA-230 programs. A sample of these  calculat ions  is  shown 
i n  f igure 37 which depicts  the change w i t h  Mach number of the  chordwise dis- 
t r i  b u t i o n  of pressure  for a t r a i l  ing-edge , control-surface  deflection of 8.30 
and the wing a t  zero  angle of attack. The s ta t ion 2y/b = 0.65 i s  used in 
this figure  since  the agreement between theory and experiment i s  typical of 
that  obtained a t  other spanwise s ta t ions.  I t  i s  apparent from figure 37 that  
the  prediction o f  the  pressures a t  the  leading edge and a t  the hinge1 ine  are 
much better with  the TEA-230  method (only M = 0.40 calculation shown) than 
w i t h  FLEXSTAB. FLEXSTAB overpredicts  the  pressures on the  control  surface a t  
a l l  Mach numbers shown, although a t  this angle of attack  the  distribution 
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forward  o f   the  h inge1  ine i s   q u i t e  good e x c e p t   a t   t h e  1 eading edge. For 
h ighe r   de f l ec t i on   ang les ,   i . e . ,  17.7  and 30.2', t he   f l ow   separa tes  on t h e  
b o t t o m   s i d e   o f   t h e   f l a p  and t h e  agreement becomes worse.   A lso  as  the  f lap 
angle i s  increased a t  subsonic speeds. t h e   c i r c u l a t i o n   i n d u c e d   b y   t h e   f l a p  
causes a lead ing-edge  vor tex   to   fo rm,   fu r ther   impa i r ing   the   agreement   o f  
theory  and  exper iment   near   the  t ip .   S imi lar ly ,  when t h e   w i n g   i s   a t  an 
a n g l e   o f   a t t a c k   s u f f i c i e n t   t o  cause  the  formation of  a leading-edge  vortex 
t h e   e f f e c t i v e n e s s   o f   t h e   o u t b o a r d   p a r t  of t h e   t r a i l i n g - e d g e   c o n t r o l   i s  
great ly   reduced.  (See r e f .  11 . ) 

CONCLUDING REMARKS 

It has  been shown t h a t   t h e   a t t a c h e d - p o t e n t i a l - f l o w  methods  can y i e l d  
good  agreement w i th   exper imenta l   da ta   fo r  a h i g h l y  swept,  arrow-wing  con- 
f i g u r a t i o n   o n l y   a t   l o w   a n g l e s   o f   a t t a c k   s u c h  as  one  encounters a t   c r u i s e  
c o n d i t i o n s   ( l o a d   f a c t o r   o n e ) .  A t  c r i t i c a l   s t r u c t u r a l  and con t ro l   des ign  
cond i t i ons ,   wh ich   usua l l y   i nvo l ve   modera te   t o   l a rge   ang les   o f   a t tack   and /o r  
la rge   con t ro l -sur face   de f lec t ions ,   the   a t tached- f low  theor ies   a re   inadequate .  
A t tempts   t o   i n t roduce   emp i r i ca l   co r rec t i ons   us ing   a t tached-  and detached- 
f l o w  methods  have  been u n s a t i s f a c t o r y .  

C a l c u l a t i o n s   f o r   f o u r   s e p a r a t e d - f l o w  methods  were  compared to   t heo ry .  
The Polhamus suct ion  analogy,  which does n o t   p r o v i d e   p r e d i c t i o n s   o f   t h e  
de ta i led   p ressures ,  showed g e n e r a l l y  good  agreement f o r   t h e  l ift, moment 
and l o n g i t u d i n a l   l o a d   p r e d i c t i o n s   f o r   b o t h   f l a t  and tw is ted   w ings .   Deta i led  
p ressu re   d i s t r i bu t i ons   ca l cu la ted   us ing   t he   Smi th   con ica l   f l ow  method and two 
s l i g h t l y   m o d i f i e d   v e r s i o n s   o f   t h e   S m i t h  method d i d   n o t   a g r e e   w e l l   w i t h   e x p e r i -  
ment p a r t i c u l a r l y  i n  t h e   v i c i n i t y   o f   t h e   v o r t e x .  A new detached-flow  method 
wh ich   uses   l inear ly   vary ing   source  and quadra t i ca l l y   va ry ing   doub le t   pane ls  
showed the   bes t   agreement   w i th   exper imenta l   p ressure   da ta   fo r   the   bas ic   f la t -  
w ing   con f igu ra t i on .   Fu r the r   deve lopmen t   o f   t h i s   t ype   o f   ana lys i s   t echn ique  
i s  mandatory i f  we a r e   t o  be  successful i n   p r e d i c t i n g   t h e   p r e s s u r e s   o n   w i n g s  
w i t h  a separated  leading-edge  vortex.  

The p r e d i c t i o n   o f   c o n t r o l - s u r f a c e - i n d u c e d  and d i r e c t   l o a d s  was more 
accu ra te l y  done by  the TEA-230 program  which  sat is f ies  the  exact   boundary 
cond i t i ons   o f   t he   w ing  and contro l   sur face  than  by  the FLEXSTAB program  which 
uses on ly   p lanar   boundary   cond i t ions .   For   h igh   f lap   de f lec t ions   separa ted  
flow a t   t h e   h i n g e   l i n e  degraded  the  theory/exper iment   corre la t ion.  A t  l a r g e  
f l ap   de f l ec t i ons   and /o r   ang les   o f   a t tack   g rea te r   t han  4' a leading-edge 
vo r tex   ex i s ted   wh ich   g rea t l y   reduced   the   e f fec t i veness   o f   t he   ou tboard   ha l f  
o f   t h e   t r a i l  i ng-edge vor tex.  
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TABLE I.- SUMMARY OF CONDITIONS  TESTED I N  BOEING 
TRANSONIC WIND TUNNEL 

W I N G  T 
I 
I ROUNDED-LEADING-EDGE 1 

t FLAT  WING . 
ROUNDED-LEADING-EDGE i- 

L TWISTED  WING 

EDGE 

~ F I A T  "1 
LEADING-EDGE 

DEFLECTION, 
TRAILING-EDGE 

' degrees degrees 
DEFLECTION, 

0, 2 4.1, 2 8.3, t 17.7, 
2 30.2 

0 P A R T I A L   S P A N  
t - 8.3, t 17.7 

+ 8.3, 2 17.7 

5.1,  12.8 0, t 4.1,.+.  8.3, t 17.7 

TWISTED 1 I 0, + 4.1, 2 8.3, 2 17.7 I 
~. "" 

FLAT 
- " - I 

TWI  STED 0 0, + 4.1, 2 8.3, 2 17.7, 
t 30.2 

MACH  NUMBERS : 0.40, 0.70, 0.85, 0.95. 1.00, 1.05, 1.11 
ANGLE OF ATTACK:  -8' TO 46' (2' INCREMENTS) 

TABLE 11.- SUMMARY OF CONDITIONS  TESTED I N  NASA 
AMES UNITARY W I N D  TUNNEL 

W I N G  

ROUNDED-LEADING-EDGE 
F I A T   W I N G  

- 

I NG-EDGE 
~ ~ 

SHARP-LEAD 
FLAT W I N G  

- - " 

ROUNDED-LEADING-EDGE 
TWISTED  WING 

~- 

~~ 

LEADING-EDGE TRAILING-EDGE TRAILING 
DEFLECTION, DEFLECTION, EDGE 

degrees degrees 

FLAT 0, 2 4.1, + 8.3 0 

P A R T I A L   S P A N  
+ 4.1, + 8.3 

I 

F I A T  1. 0 I o  

TWISTED I 0 I 0, + 8.3 

M A C H   N U M B E R S :  1.70,  2.10, 2.50 
ANGLE OF ATTACK : -8' TO +14' (2' INCREMENTS) + 15' 
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2yl b 
0 .2 .4 .6 .8 1.0 

I 
-~ -7- 

12.8' 
M A X   T H I C K N E S S  3.36 70 30.2' 

Figure 1.- General  arrangement and characteristics 
of arrow-wing  wind-tunnel-model  configuration. 

,-r X = ORIFICE 

BODY STATIONS  (TYPICAL) 

PRESSURE  STATIONS 
I - 

TYPICAL  WING  SECTION 

Figure 2.- Pressure  orifice  locations  on  wind-tunnel  model. 
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Figure  3 . -  F l a t  arrow-wing  model  mounted i n  
Boeing 8 X 1 2  f t  Transonic Wind Tunnel. 

F igure  4 . -  Twisted  arrow-wing  model  mounted 
i n  Ames 9 x 7 f t  Uni ta ry  Wind Tunnel. 

105 



B A S   I C  INTERFERENCE  SHELL  INTERFERENCE  SHELL  PANEL1 NG 
PANELING  USED FOR M = 1.05, 1.11 

Figure  5.- FLEXSTAB pane l ing  scheme fo r   p re sen t   a r row  wing .  

E X A C T   B O U N D A R Y   C O N D I T I O N S  
G O T H E R T   C O M P R E S S I B I L I T Y   R U L E  

DEFLECTED  FLAP 

F i g u r e  6 . -  TEA-230 pane l ing  scheme for   p resent   a r row  wing .  
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p - 

Figure 7.- Sketch showing coordinate  scheme used in Jameson- 
Caughey full-potential-equation numerical method. 

POTENTIAL  L IFT  DISTRIBUTION - FLEXSTAB 

0 SUCTION FORCE CALCULATED  FROM  PRESSURE  DISTRIBUTION 

VORTEX LIFT  OBTAINED  BY  ROTATING  LEADING  EDGE-SUCTION  FORCE 

REATTACHMENT  LINE 

LEADING-EDGE  SUCTION 

REATTACHMENT  LINE 

LEADING-EDGE  SUCTION 

5 L ATTACHED'FLOW 

Figure 8.- Easic  features of leading-edge suction analogy. 
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t z/y 
COMPRESS1 B E  POTENTIAL  FLOW 
ITERATIVE  SOLUTION 

ACTUAL T I P V  

WING  PANELING 

F i g u r e  9.- Three-dimensional vortex program  paneling  scheme. 

F i g u r e  10.- Upper-sur face   i sobars  on rounded-leading-edge f l a t  wing. 
M = 0.40. 
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L 

F i g u r e  11.- Upper-sur face   i sobars   on   sharp- leading-edge   f la t   wing .  
M = 0.40 .  

F i g u r e  12.- Upper-surface  isobars   on  rounded-leading-edge  twisted  wing.  
M = 0.40. 
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a = 2 O  a = 4O a = 8O 

F i g u r e  13.-  Upper-sur face   i sobars   on   rounded- leading-edge   f la t   wing .  
M = 2.50. 

cN 

EXPERIMENT 

C) M = 0.40 0 M = 1.70 - FLEXSTA B 

1 1 1 l 1 1 l  
-6 0 0 0 0 0 6 12 18 

ANGLE OF ATTACK, a, deg 

F i g u r e  14.- T o t a l   n o r m a l   f o r c e   c o e f f i c i e n t  as a func t ion  
of a n g l e  of a t t a c k   f o r   f l a t   w i n g .  
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- FLEXSTA B 
TEA -230 .8 "" EXPERIMENT 

0 M = 0.40 
.6 0 M = 0.85 

A M = 1.05 
.4 0 M = 1.70 

V M = 2.50 
c N  -2 

0 

-. 2 

-.4 

-.12 -.06 0 0 0 0 0 .06 
c m  

Figure 15.- Total  normal  force  as a function of pitching 
moment  coefficients for flat wing. 

0 
V 

"- 

U P P E R   E X P E R I M E N T  
LOWER  EXPERIMENT 
FLEXSTA B 
TEA -230 

A 
2ylb = 0.50 

& 
2ylb = 0.80 

I l l  1 

c -.4 
p -.2 

0 
9 

.5 1.0 0 .5 1.0 0 .5 1.0 

F R A C T I O N  OF LOCAL  CHORD, xlc 

Figure 16.- Surface pressure  distributions at three spanwise locations 
on flat wing. M = 0.85; a = 4'. 

" " .. . 
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0 UPPER  EXPERIMENT 
V LOWER EXPERIMENT 
- FLEXSTAB 
"" TEA -230 

A d A 
Zylb = 0.20 Zylb = 0.50 Zylb = 0.80 -1.0 

-. 8 
-. 6 

p -.2 
0 

.2 

.4 

c -.4 

0 .5 1.0 0 .5 1.0 0 .5 1.0 

FRACTION OF LOCAL  CHORD, xlc 

Figure 17.- Surface  pressure  distributions at three  spanwise  locations 
on  flat wing. M = 0.85; a = 12'. 

0 UPPER  EXPERIMENT 
V LOWER EXPERIMENT 
- FLEXSTAB 

A A A 
2ylb = 0.20 2ylb = 0.50 2ylb = 0.80 

-.8 1-1 
-. 6 

P -.2 
0 

c -.4 

7 
.L 

0 .s 1.0 0 .5 1.0 0 .5 1.0 
FRACTION OF LOCAL CHORD, xlc 

Figure 18.- Surface  pressure  distributions at three  spanwise  locations 
on  flat wing. M = 1.05; a = 4 . 0 
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0 UPPER  EXPERIMENT 
V LOWER EXPERIMENT 

FLEXSTA B 

A 
2ylb = 0.80 

0 .5 1.0 
x/ c 

Figure 19.- Surface  pressure  distributions at three  spanwise  locations 
on flat wing. M = 1.05; ci = 12O.  

0 UPPER  EXPERIMENT 
v LOWER EXPERIMENT 

FLEXSTA B 

A A A 
2ylb = 0.20 2ylb = 0.50 2ylb = 0.80 -. 4 

c -.2 
P o  

.2 0 .5 1.0 0 .5 1.0 0 .5 1.0 
FRACTION OF LOCAL  CHORD, xlc 

Figure 20.- Surface  pressure  distributions at three spanwise locations 
on  flat wing. M = 1.70; a = 4 O .  
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0 U P P E R   E X P E R I M E N T  
0 LOWER  EXPERIMENT 

FLEXSTA B 

2ylb = 0.20 Zylb = 0.50 2ylb = 0.80 -. 6 
-. 4 

"0' 
.2 
.4 

0 .5 1.0 0 .5 1.00 .5 1.0 
F R A C T I O N  OF LOCAL  CHORD,  xlc 

F i g u r e  21.- S u r f a c e   p r e s s u r e   d i s t r i b u t i o n s  a t  three spanwise   l oca t ions  
on f l a t  wing. M = 1.70; a = 1 2 O .  

0 UPPER  EXPERIMENT 
V LOWER EXPERIMENT 

FLEXSTAB 

& A It 
2ylb = 0.20 2ylb = 0.50 2vlb = 0.80 

-.4 
c -. 2 

P o  
.2  

0 .5 1.0 0 .5 1.0 0 .5 1.0 
FRACTION OF LOCAL  CHORD, xlc 

F i g u r e  22.- S u r f a c e   p r e s s u r e   d i s t r i b u t i o n s  a t  three spanwise   l oca t ions  
on f l a t  wing. M = 2.50; a = 4'. 
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0 UPPER  EXPERIMENT 
V LOWER EXPERIMENT 

FLEXSTAB 

A 
VACUUM 

-.4 
-. 2 

.2 

.4 

A 
2ylb = 0.20 2ylb = 0.50 2ylb = 0.80 

C 
P O  

0 .5 1.0 0 .5 1.0 0 .5 1.0 
FRACTION OF LOCAL  CHORD,  xlc 

Figure 23.- Surface  pressure  distribution at three  spanwise  locations 
on flat wing. M = 2.50; cx = 12'. 

EXPERIMENT 
o a = 12' 

.6 

.5 

.4 

- 'nC .3  - 
C 

.2 

.1 

0 

- FLEXSTAB 
"" TEA -230 

7 

0 0 M = 1.05 M = 2.50 

.5 1.0 0 .5 1.0 0 
FRACTION OF SEMISPAN,  2ylb 

.5 1.0 

Figure 24.- Spanwise load distributions  on flat wing at three  Mach 
numbers and three  angles of attack. 
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- J A M E S O N - C A U G H E Y  
J .  0 EXP. - UPPER  SURFACE 

. .  0 EXP. - LOWER  SURFACE 
-2.0 

-1.6 

-1.2 

C p -0.8 

-0.4 

0 

0.4 
0 .5 1.0 0 .5 1.0 0 .5 1.0 

F R A C T I O N  OF LOCAL  CHORD, xlc 

Figure  25.- Comparison of experiment  with Jameson-Caughey t r anson ic  
method. F l a t  wing; M = 0.85; a = 4'. 

- JAMESON-CAUGHEY 
0 EXP. - UPPER  SURFACE 
0 EXP. - LOWER SURFACE 

-1.2 Zylb = 0.2 2ylb = 0.5 
cp -0.8 

-0.4 

0 

0.4 
0 .5 1.0 0 .5 1.0 0 .5 1.0 

FRACTION OF LOCAL  CHORD, xlc 

Figure  26.- Comparison of experiment   with Jameson-Caughey t r anson ic  
method. F l a t  wing; M = 0.95; a = 4'. 
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-2.0 

-1.6 

-1.2 

cp -0.8 

-0.4 

0 

0.4 

- J A M E S O N - C A U G H E Y  
0 EXP. - UPPER  SURFACE 
0 EXP. - LOWER  SURFACE 

7 Zylb = 0.2 

0 .5 1.0 0 .5 1.0 0 .5 1.0 
F R A C T I O N  OF LOCAL  CHORD, xlc 

Figure  27.- Comparison of experiment   with Jameson-Caughey t r a n s o n i c  
F l a t  wing; M = 1.05; a = 4'. method. 

.7 

.6 

.5 

.4 

.3  

.2 

.I 

cL  

0' 

EXP. - SHARP L.E. 
EXP. - ROUND L.E. 

"12 - VORTEX I 

PITCHING  MOMENT 
(FLEXSTAB) 

Figure  28.- Compar ison   of   exper iment   wi th   l ead ing   edge   suc t ion   ca lcu la t ions  
of l i f t  and   p i t ch ing  moment f o r   f l a t  wing. M = 0.85. 

" 

1 1 7  

.. . - .  - 



.7 

.6 

- 

- 

.5 - 

.4 - 

cL 
.3 

.2 

- 

- 

.1 - 

0 4 8 12  16 0 4 8 12 16 
a, deg a, deg 

Figure  29.- Compar ison   of   exper iment   wi th   l ead ing   edge   suc t ion   ca lcu la t ions  
of l i f t  and   p i t ch ing  moment fo r   tw i s t ed   w ing .  M = 0.85. 

.4 r 

MODEL STATION, cm 

F igure  30.- Comparison of expe r imen t   w i th   l ead ing   edge   suc t ion   ca l cu la t ions  
of l o n g i t u d i n a l   l o a d   d i s t r i b u t i o n   f o r   f l a t   w i n g .  M = 0.85. 
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I ,r- EXPER I MENT 

2c ns 
- 

b 

POTENTIAL  LIFT 

50 75 100 125 150 175 200 
MODEL STATION, cm 

FT 

Figure 31.- Comparison of experiment  with  leading  edge  suction  calculations 
of longitudinal load distribution for twisted wing. M = 0.85. 

"- SM ITH METHOD - MOD. SMITH METHOD 
0 EXPERl  MENT M = 0.40 

S H A R P  L.E. 

*cp 1.0 *-I 
0 0.5 1.0 0 0.5 1.0 0.5 1.0 

Figure 32.- Theory/experiment  comparison of spanwise  pressure  distributions. 
Smith and modified  Smith  methods; CL = 12'. 
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0.8 

AcP 
0.4 

0 
H - = 0.55 

0.5 1.0 

THEORY M = 0 
0 0 0 EXPERIMENT M -- 0.40 

SHARP L.E. 

rp 
- = 0.74 

0 0.5 1.0 

0 

0 0.5 1.0 

'ING ' EXPERIMENT 
TWISTED  WING - TWISTED  WING,  PREDICTED 

.9 

.8 

.7 

.6 

.5 

.3  
.2 
.1 
0 

-. 1 

A C  
P -4  

0 .5 1.0 0 .5 1.0 0 .5 1.0 
FRACTION OF LOCAL  CHORD, xlc 

Figure  3 4 . -  P s e u d o - a e r o e l a s t i c   p r e d i c t i o n s   u s i n g   l i n e a r  FLEXSTAB 
program. M = 0.85; a = 8'. 
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A. 
2y lb  = 0.35 
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.1 
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FRAC 

0 F I A T   W I N G  
0 TWISTED  WING EXPERIMENT 
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2ylb = 0.65 

TlON OF LOCAL CHORD, 
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0 .5 1.0 
x lc  

Figure 35.- Psuedo-aeroelastic predictions  using  linear FLEXSTAB program. 
M = 2.10; a = 8'. 

0 FLAT  WING 
0 TWISTED  WING x l c r  0.435 2 - FLAT  WING  EXP.  PLUS 

TWIST  INCREMENT  FROM 
PANEL VORTEX PROGRAM 

1.0 

A C p  .5 

0 

xlc, = 0.435 

- 
.25 .50 .75 I 

xlcr  = 0.91 

0 0  

.25 S O  .75 1 

x lc r  = 1.26 

r EDGE 

.62 .75 1 

FRACTION OF LOCAL  SPAN,  yls 

Figure 36.- Pseudo-aerolastic prediction using separated-flow panel 
program. M = 0.40; a = 12'. 
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UPPER I EXPERIMENT V LOWER & - FLEXSTAB ""_ TEA -230 

C 

FRACTION OF LOCAL  CHORD, xlc 

Figure 37.- Surface  pressure  distributions on flat  wing with - 
control-surface deflection. 2y/b = 0.65; cJTeE. = 8.30; 
a = 00. 
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RESULTS OF RECENT NASA  RESEARCH ON LOW-SPEED AERODYNAMIC 

CHARACTERISTICS OF SUPERSONIC  CRUISE  AIRCRAFT 

Pau l  L. Coe, Jr. 
NASA Langley  Research  Center 

A. B . Graham 
Old  Dominion Un ive r s i ty  

SUMMARY 

The p resen t   pape r   summar izes   t he   r e su l t s   o f   r ecen t  NASA resea rch  on t h e  
low-speed  aerodynamic  character is t ics  of s u p e r s o n i c   c r u i s e   a i r c r a f t .  The 
r e s u l t s   i n d i c a t e   t h a t   t h e   r e l a t i v e l y  low va lues  of l i f t - cu rve   s lope   p roduced  
by highly  swept  arrow  wings,   coupled  with  the low scrape   angle   o f   the   fuse-  
l a g e ,   r e s u l t   i n   r e l a t i v e l y  low va lues ' o f   t ake -o f f -   and   approach   l i f t   coe f f i -  
cients.   Although  acceptable  low-speed  performance is o b t a i n a b l e   f o r   t h e  
conf igu ra t ions   cu r ren t ly   unde r   s tudy ,   t he  low-speed d e f i c i e n c i e s   d i c t a t e  a 
des ign  compromise  which p roh ib i t s   such   conf igu ra t ions   f rom  ach iev ing  maximum 
range   po ten t i a l .  However, through  the  use  of more e f f i c i e n t   h i g h - l i f t   s y s t e m s  
and   t he   app l i ca t ion  of p ropu l s ive - l i f t   concep t s ,  i t  is  p o s s i b l e   t o   o p t i m i z e  
the   eng ine -a i r f r ame   des ign   fo r  maximum r a n g e   p o t e n t i a l   a n d   a l s o   t o   p r o v i d e  
good low-speed  performance. The r e s u l t s   a l s o   i n d i c a t e   t h a t   n o s e   s t r a k e s   p r o -  
v i d e   s i g n i f i c a n t   i m p r o v e m e n t s   i n   d i r e c t i o n a l   s t a b i l i t y   c h a r a c t e r i s t i c s   a n d  
t h a t   t h e   u s e  o'f a p ropu l s ive  l a t e ra l  cont ro l   sys tem may provide  a s o l u t i o n  
to   p rob lems   a s soc ia t ed   w i th   i nhe ren t ly  low l e v e l s  of l a te ra l  c o n t r o l .  

INTRODUCTION 

The NASA Langley   Research   Center   has   in i t ia ted  a broad  research  program 
for   the  development  of a t echno logy   base   fo r   a i r c ra f t   capab le  of c r u i s i n g  
e f f i c i e n t l y  a t  supersonic   speeds .  Such c o n f i g u r a t i o n s   t y p i c a l l y   i n c o r p o r a t e  
a low-aspect-ratio,   highly  swept  arrow  wing  which  has  been  found  to  exhibit  
h i g h   l e v e l s  of  aerodynamic  efficiency a t  design Mach numbers  of 2 . 7 .  (See 
r e f s .  1 and 2 . )  However, t hese   conf igu ra t ions   have   gene ra l ly   exh ib i t ed  rela- 
t i v e l y   p o o r  low-speed  performance  and s t a b i l i t y  a n d   c o n t r o l   c h a r a c t e r i s t i c s .  
(See  refs .  3 and 4 . )  The present   paper   summar izes   the   resu l t s  of r e c e n t  
s tud ie s   conduc ted   t o   exp lo re  means f o r   p r o v i d i n g   s u p e r s o n i c   c r u i s e   a i r c r a f t  
with  improved  low-speed  aerodynamic  character is t ics   in   the areas of pe r fo r -  
mance, l o n g i t u d i n a l   s t a b i l i t y ,   l a t e r a l - d i r e c t i o n a l   s t a b i l i t y ,  and l a t e ra l  
c o n t r o l .  

123 



SYMBOLS 

CL 

c l  

c1 B 
'm 

'n 

CnB 
S 

T 

W 

a 

B 

BLC 
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. .  

l i f t   c o e f f i c i e n t  

ro l l ing-moment   coef f ic ien t  

e f f e c t i v e   d i h e d r a l   d e r i v a t i v e  

pitching-moment  coefffcient 

yawing-moment c o e f f i c i e n t  

s t a t i c   d i r e c t i o n a l   s t a b i l i t y   d e r i v a t i v e  

wing area 

e n g i n e   t h r u s t  

a i rp l ane   we igh t  

a n g l e   o f   a t t a c k  

ang le  of s i d e s l i p  

boundary- layer   cont ro l  

p ropu l s ive  l a t e r a l  c o n t r o l  

LOW-SPEED  PERFORMANCE 

One of t he   fundamen ta l   cons ide ra t ions   i n   t he   des ign  of a n   e f f i c i e n t   s u p e r -  
s o n i c   c r u i s e   v e h i c l e  is t h e   s i z i n g  of t h e   c o n f i g u r a t i o n   w i t h   r e g a r d   t o   w i n g  
area and i n s t a l l e d   t h r u s t   r e q u i r e m e n t s .  It is recogn ized   t ha t   t he   s i z ing   p ro -  
ces s   i nvo lves   cons ide rab le  compromise  and that   low-speed  performance  plays a 
k e y   p a r t   i n   t h e   t r a d e - o f f .  

P r e s e n t e d   i n   f i g u r e  1 is an i l l u s t r a t i o n  o f   t h e   c l a s s i c a l  "thumb p r i n t "  
plot   which shows t h e   v a r i a t i o n  of r a n g e   w i t h   i n s t a l l e d   t h r u s t - w e i g h t   r a t i o  (T/W) 
and  wing  loading (W/S) . From f i g u r e  1 i t  is  s e e n   t h a t   i n c r e a s e d   r a n g e   c a n  
genera l ly   be   ob ta ined  by reducing T/W and   increas ing  W/S. However, as shown 
in   f i gu re   2 ,   l ow-speed   ope ra t iona l   cons t r a in t s   r e l a t ed   t o   app roach   speed   and  
t a k e - o f f   f i e l d   l e n g t h   r e q u i r e m e n t s   p r o h i b i t   t h e   a t t a i n m e n t   o f   t h e  maximum range 
potent ia l .   Therefore ,   improvements   in   the  low-speed  performance,   which  a l low 
t h e   o p e r a t i o n a l   r e q u i r e m e n t s   t o   b e   s a t i s f i e d   w i t h   r e d u c e d   v a l u e s   o f  T/W and 
inc reased   va lues  of W/S, w i l l  r e s u l t   i n   i n c r e a s e s   i n   r a n g e .   F i g u r e  3 i l l u s -  
trates the  increase  in   range  which  has   been  provided  by  improved  low-speed 
per formance   for  a conf igu ra t ion   cu r ren t ly   unde r   s tudy .  The NASA genera ted  
b a s e l i n e  Advanced Supersonic  Technology  Concept  (designated  the AST-100) i s  
p red ic t ed   t o   have  a range of approximately 7413 km (4000  n.  mi.).  Improvements 
i n   t h e  low-speed  performance of t h i s   con f igu ra t ion   have   pe rmi t t ed   t he   l ow-speed  

124 



opera t iona l   r equ i r emen t s   t o   be  met wi th   an   increased   wing   loading   and  a reduced 
th rus t -we igh t   r a t io .  The r e s i z e d   v e h i c l e   ( d e s i g n a t e d   t h e  AST-102) is p r e d i c t e d  
t o   h a v e  a range of approximately 8154 km (4400 n.  mi.), which   r ep resen t s   an  
i n c r e a s e  of ove r   10   pe rcen t   i n   veh ic l e   r ange .  From f i g u r e  3 i t  is s e e n   t h a t ,  
based on t h e   e n g i n e - a i r f r a m e   s i z i n g   s t u d i e s ,   a n   a d d i t i o n a l   i n c r e a s e   i n   r a n g e  of 
approximately 371 km (200 n .  mi.) may be  achieved - p r o v i d e d   t h a t   f u r t h e r  
improvements in   the  low-speed  performance  (which  offset   the   operat ion con- 
s t r a i n t s )   c a n   b e   o b t a i n e d .  It  i s ,  o f   cou r se ,   r ecogn ized   t ha t   no i se   cons t r a in t s  
are of c r i t i ca l  impor tance   and   mus t   a l so   be   cons idered   in   the   f ina l   ana lys i s   o f  
t he   eng ine -a i r f r ame   s i z ing   s tud ie s .  

F igure  4 shows t h e   v a r i a t i o n  of l i f t   c o e f f i c i e n t   w i t h   r e s p e c t   t o   a n g l e   o f  
a t t a c k   f o r   t h e   b a s e l i n e   c o n f i g u r a t i o n   i n   t h e   a p p r o a c h   c o n d i t i o n .  A s  would b e  
expec ted ,   t he   l ow-aspec t - r a t io   h igh ly   swep t   a r row  wing   r e su l t s   i n  a r e l a t i v e l y  
low va lue  of l i f t - c u r v e   s l o p e ,   a n d   t h e  low f u s e l a g e   s c r a p e   a n g l e   c o n s t r a i n s   t h e  
approach l i f t   c o e f f i c i e n t   t o   v a l u e s  of  only  about 0.6. Fur thermore ,   the  rela- 
t i v e l y   h i g h   a t t i t u d e  of t h e   c o n f i g u r a t i o n ,   r e q u i r e d   t o   o b t a i n   t h e   l i f t   c o e f f i -  
c i e n t  of 0.6, r equ i r e s   t he   u se  of a Concorde-type  visor   nose  for   improved  pi lot  
v i s i b i l i t y  and   a l so   r equ i r e s  an e longa ted   l and ing-gea r   i n s t a l l a t ion   wh ich  
r e s u l t s   i n  a weight  and  volume  penalty.  

Langley  Research  Center is c u r r e n t l y   e n g a g e d   i n   r e s e a r c h   s t u d i e s   i n t e n d e d  
t o   e v a l u a t e  means f o r   p r o v i d i n g   i n c r e a s e d   l o w - s p e e d   l i f t   c h a r a c t e r i s t i c s   a n d  
thereby   min imize   o r   e l imina te   the   low-speed   def ic ienc ies .   These   s tud ies   have  
included  the  use of p r o p u l s i v e - l i f t   c o n c e p t s  as shown i n   f i g u r e  5. A photograph 
of a l a rge - sca l e  model  of  an  advanced  supersonic  technology  configuration,  which 
was u s e d   t o   e v a l u a t e   t h e   p r o p u l s i v e - l i f t   c o n c e p t s ,  i s  shown  mounted f o r  tests 
i n   t h e   L a n g l e y   f u l l - s c a l e   t u n n e l   i n   f i g u r e  5. The p r o p u l s i v e - l i f t   c o n c e p t s  
inves t iga ted   for   improved   h igh- l i f t   per formance   inc lude  ( 1 )  the  use  of  boundary- 
l aye r   con t ro l   fo r   enhanced   f l ap   e f f ec t iveness   and   p reven t ion  of f l o w   s e p a r a t i o n  
a t  h i g h   f l a p   d e f l e c t i o n s ,   ( 2 )   t h e   u s e  of upper-surface  blowing (USB) f o r   a d d i -  
t i o n a l   c i r c u l a t i o n   l i f t   ( t h i s   c o n c e p t   a l s o   h a s   a n o t h e r   a d v a n t a g e   i n   t h a t   t h e  
t r a i l i ng -edge   f l ap   sys t em may be   cont inuous ,   ra ther   than   the   segmented   sys tem 
n e c e s s i t a t e d  by the   use   o f   convent iona l   unders lung   engines) ,   and  ( 3 )  t he   u se  of 
s imple   th rus t   vec tor ing   schemes .  

The p o t e n t i a l   b e n e f i t s  of t h e   p r o p u l s i v e - l i f t   c o n c e p t s   i n v e s t i g a t e d  are 
i l l u s t r a t e d   i n   f i g u r e  6 ,  which  shows t h e   v a r i a t i o n  of l i f t   c o e f f i c i e n t   w i t h  
angle  of a t t a c k   f o r   t h e   c o n c e p t s   s t u d i e d .  The d a t a   f o r   t h e   b a s e l i n e   c o n f i g u r a -  
t i o n  are r e p l o t t e d   f r o m   f i g u r e . 4   f o r   c o m p a r i s o n .  From t h e s e   d a t a  i t  can  be  seen 
tha t   bo th   the   th rus t   vec tor ing   and   upper -sur face-b lowing   concepts   can   p rovide  
s u b s t a n t i a l   i n c r e a s e s   i n   t h e   l o w - s p e e d   l i f t   c a p a b i l i t y .   F o r   e x a m p l e ,   b o t h   t h e  
th rus t   vec to r ing   and  USB concepts  are seen   t o   pe rmi t  a l i f t   c o e f f i c i e n t  of 0 .7  
t o  be  obtained a t  a reduced  angle   of   a t tack.  The i n c r e a s e   i n   l i f t   c o e f f i c i e n t  
(from 0.6 t o  0 . 7 )  w i l l  pe rmi t   t he   w ing   s i ze   t o   be   r educed   and   a l low  the  low- 
s p e e d   o p e r a t i o n a l   c o n s t r a i n t s   t o   b e  m e t  w i t h   a n   i n c r e a s e   i n   w i n g   l o a d i n g .   T h i s ,  
i n   t u r n ,  may a l low  the  maximum r a n g e   p o t e n t i a l   t o   b e   r e a l i z e d .   F u r t h e r m o r e ,   t h e  
r e d u c e d   a t t i t u d e   o f , t h e   c o n f i g u r a t i o n  may a l l o w   f o r  a r e d u c t i o n   i n   l a n d i n g - g e a r  
length  and may a l so   e l imina te   t he   v i so r   nose   r equ i r emen t ,   wh ich   r ep resen t s  a 
s ign i f i can t   we igh t   s av ings .  
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LONGITUDINAL STABILITY 

The v a r i a t i o n  o f   p i t ch ing -moment   coe f f i c i en t   w i th   r e spec t   t o   ang le   o f  
a t t a c k   f o r   t h e   b a s e l i n e  AST c o n f i g u r a t i o n  is p r e s e n t e d   i n   f i g u r e  7. A s  can   be  
seen f rom  f igu re  7, t h e   c o n f i g u r a t i o n  i s  in t ended   t o   be   f l own   w i th  a s l i g h t l y  
n e g a t i v e  static margin (i.e., a C m / a C ~  = 0.03) during  the  low-speed  phases  of 
f l i g h t .  The i m p a c t   o f   t h e   l o n g i t u d i n a l   i n s t a b i l i t y  on t h e   h a n d l i n g   q u a l i t i e s  
o f   t he   con f igu ra t ion   and   t he   r equ i r emen t s   fo r   s t ab i l i t y   augmen ta t ion  are d i s -  
c u s s e d   i n   d e t a i l   i n   r e f e r e n c e  5. The primary  concern,  however, i n   t h e  area of 
l o n g i t u d i n a l   s t a b i l i t y  i s  t h e   n o n l i n e a r   v a r i a t i o n  of C, wi th  a. A s  shown 
i n   f i g u r e  7 ,  t h e   b a s i c   a i r f r a m e   e x h i b i t s  a marked nonlinear  pitching-moment 
c h a r a c t e r i s t i c   f o r   a n g l e s  of a t t a c k   g r e a t e r   t h a n   a b o u t  6 O .  Resul t s   o f   f low 
v i s u a l i z a t i o n   s t u d i e s   h a v e   i n d i c a t e d   t h a t   t h i s   n o n l i n e a r i t y  i s  a s s o c i a t e d   w i t h  
the   format ion   of   wing-apex   vor t ices   and   a l so   wi th   the   p remature  s ta l l  o f   t he  
outboard   wing   pane ls .   Prev ious   s tud ies   o f  similar conf igu ra t ions   have  shown 
t h a t   d e f l e c t i o n  of  wing-apex  f laps is an e f f e c t i v e  means of   de lay ing   the   angle  
of a t t a c k  a t  wh ich   t hese   vo r t i ce s   occu r .   Fu r the rmore ,   t hese   s tud ie s   have  shown 
t h a t   t h e   u s e  of a Kruege r   f l ap  on the   ou tboard   wing   pane l  is a n   e f f e c t i v e  means 
f o r   p r o v i d i n g  w e l l  a t t a c h e d   f l o w   t o   s u b s t a n t i a l l y   h i g h e r   a n g l e s   o f   a t t a c k .  A s  
c+n be   seen   f rom  f igure  7 ,  when t h e s e   s u r f a c e s  are deployed on t h e   c u r r e n t  AST 
c o n c e p t ,   t h e   r e s u l t i n g   v a r i a t i o n  of C, w i t h   r e s p e c t   t o  a is e s s e n t i a l l y  
l i n e a r .  It shou ld   be   no ted   t ha t   t he   non l inea r i ty   has  a n e g l i g i b l e   i m p a c t  on 
the   conf igura t ion   dur ing   normal   approach   condi t ions ;   however ,   in   the   gus t  
u p s e t   c o n d i t i o n ,   t h e   n o n l i n e a r i t y  of t h e   p i t c h i n g  moment would   requi re   the  
l o n g i t u d i n a l   c o n t r o l   s u r f a c e s   t o   b e   s i z e d  t o  p r o v i d e   p i t c h  trim for   approximate1  
a 3 0 - p e r c e n t   i n c r e a s e   i n   p i t c h i n g  moment. This   would,   of   course,   require  a s i g -  
n i f i c a n t l y   l a r g e r   c o n t r o l   s u r f a c e ,   w h i c h  would p e n a l i z e   t h e   s u p e r s o n i c   c r u i s e  
performance. 

LATERAL-DIRECTIONAL STABILITY 

Figure  8 p r e s e n t s   t h e   v a r i a t i o n  o f   t h e   s t a t i c   d i r e c t i o n a l   s t a b i l i t y  
d e r i v a t i v e  CnB a n d   t h e   e f f e c t i v e   d i h e d r a l   d e r i v a t i v e  C z B  wi th   angle   o f  
a t t ack .   These   da t a  show t h a t   i n   t h e   n o r m a l   o p e r a t i o n a l   a n g l e - o f - a t t a c k   r a n g e ,  
t h e   c o n f i g u r a t i o n   e x h i b i t s   r e l a t i v e l y  low va lues  of CnB and  high  values  

A s  d i s c u s s e d   i n   r e f e r e n c e  5 ,  t h i s   combina t ion  of  low Cn 
and   h ig  - C z B  r e s u l t s   i n   r e l a t i v e l y   p o o r   l a t e r a l - d i r e c t i o n a l   h a n d h n g  
q u a l i t i e s .   F u r t h e r m o r e ,   t h e   h i g h   l e v e l   o f  - C z B  is f o u n d   t o   r e q u i r e   e x c e s s i v e  
l a t e r a l - c o n t r o l   c a p a b i l i t i e s   i n   o r d e r   t o  meet e s t ab l i shed   c ros swind   l and ing  
cr i ter ia .  Therefore ,   research  i s  c u r r e n t l y   b e i n g   c o n d u c t e d   i n   o r d e r   t o   o b t a i n  
inc reased  levels of and  reduced levels of -C 

CnB 16 
It is ,  of c o u r s e ,   r e c o g n i z e d   t h a t   i n c r e a s e d   d i r e c t i o n a l   s t a b i l i t y   c o u l d  

be   p rov ided   by   i nc reas ing   t he   s i ze   o f   t he   ve r t i ca l  t a i l ;  however, t h i s   mod i f i ca -  
t i o n  would pena l i ze   t he   supe r son ic   c ru i se   pe r fo rmance .   The re fo re ,   t he   u se  .of 
n o s e   s t r a k e s   ( c u r r e n t l y   i n   u s e  on the   Concorde)   has   been   inves t iga ted .   F ig-  
u re  9 shows t h e   f a v o r a b l e   e f f e c t  of t h e   n o s e   s t r a k e s  on C G ~ .  The d a t a   i n d i c a t e  
l a r g e   i n c r e a s e s   i n   d i r e c t i o n a l   s t a b i l i t y  due t o   t h e   s t r a k e s .   F o r   e x a m p l e ,  a t  
the  approach  angle  of a t t a c k  of 8O,  t he   s t r akes   app rox ima te ly   doub le   t he   va lue  
of  CnB. It s h o u l d   b e   n o t e d   t h a t   t h e   p a r t i c u l a r   n o s e   s t r a k e s   i n v e s t i g a t e d  were 
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s imply   i n t ended   t o   de t e rmine   i f   i nc reased  levels of CnB could   be   ob ta ined;  
un fo r tuna te ly ,   t hese  strakes a lso   p roduced  a s l igh t   p i tchup  tendency .   .However ,  
it is c o n s i d e r e d   t h a t   w i t h   c a r e f u l   a t t e n t i o n   t o  strake d e t a i l ,   i n c r e a s e d  
levels of Cn can   be   p rov ided   w i thou t   t he   a t t endan t   p i t chup   cha rac t e r i s t i c s .  B 

I n   a d d i t i o n   t o   r e l a t i v e l y  low levels of CnBy   the   conf igu ra t ion  may a l s o  
b e   s u b j e c t   t o   l a r g e   o u t - o f - t r i m  moments. F igu re  10  shows t h a t   t h e   b a s e l i n e  
c o n f i g u r a t i o n   e x h i b i t e d   l a r g e  asymmetric yawing-moment c o e f f i c i e n t s  a t  h igh  
angles   o f   a t tack   dur ing   wind- tunnel  tests of several models .   Prev ious   s tud ies  
conducted a t  Langley (see, fo r   example ,   r e f .  6)  have shown t h a t   t h e s e  asymmetric 
yawing moments are due t o   t h e   f o r m a t i o n  of asymmetr ica l ly   d i sposed   vor t ices   on  
l o n g   s l e n d e r   f u s e l a g e   f o r e b o d i e s .   F o r   t h e   p r e s e n t   c o n f i g u r a t i o n   t h e   s i g n i f i -  
cance of these  asymmetr ies  is p a r t i c u l a r l y   c r i t i c a l   i n   t h a t  a t  h igh   angles   o f  
a t t ack ,   t he   magn i tude  of the  yawing moment produced a t  B = Oo is found t o   b e  
i n  excess o f   t h e   d i r e c t i o n a l   c o n t r o l  power.  (See f i g .  10.) Such asymmetries 
are p robab ly   s ens i t i ve   t o   Reyno lds  number;  however,  reference 7 i n d i c a t e s   t h a t  
t h i s  phenomenon may p e r s i s t  a t  Reynolds  numbers  corresponding  to  those  of  the 
f u l l - s c a l e   a i r c r a f t .  A s  shown i n   f i g u r e   1 0 ,   t h e   u s e   o f   t h e   p r e v i o u s l y   d i s -  
cussed   nose   s t rakes  is  a n   e f f e c t i v e  means fo r   e l imina t ing   t hese   a symmet r i c  
yawing  moments. 

P r e v i o u s   i n v e s t i g a t i o n s   ( s e e   r e f .  8) h a v e   i n d i c a t e d   t h a t   r e d u c t i o n s  
i n  -CIB may be  obtained by i n c r e a s i n g   t h e   l o a d  on the   i nboa rd   po r t ion   o f  
the  wing.  Figure 11 shows t h e   v a r i a t i o n  of CL w i th  a and  the  corresponding 
v a r i a t i o n  of  CIB wi th  CL f o r  two t r a i l i n g - e d g e   f l a p   d e f l e c t i o n s .  A s  
expec ted ,   i nc reas ing   t he   t r a i l i ng -edge   f l ap   de f l ec t ion   f rom 0' provides   an  
i n c r e a s e   i n   l i f t   c o e f f i c i e n t  a t  a given  angle  of a t t ack   and   a l so   p rov ides  a 
s u b s t a n t i a l   r e d u c t i o n   i n  - C z  a t  a g i v e n   l i f t   c o e f f i c i e n t .   A d d i t i o n a l   r e s u l t s  
o b t a i n e d   f o r   t h i s   c o n f i g u r a t i g n   i n d i c a t e   t h a t   t h e   r e d u c t i o n   i n  - C ~ B  i s  p r i -  
m a r i l y   a s s o c i a t e d   w i t h   t h e   r e d u c t i o n   i n   a n g l e  of a t t a c k  a t  which  the  given 
l i f t   c o e f f i c i e n t  w a s  ob ta ined   and   tha t   the   l eve l   o f  C Q  a p p e a r s   t o   b e  
e s s e n t i a l l y   i n d e p e n d e n t  of t he   spanwise   va r i a t ion  of t h e   d e f l e c t i o n   o f   t h e  
t ra i l ing-edge   f lap   segments .   Al though  fur ther   s tudy  i s  r e q u i r e d   t o   v a l i d a t e  
t h i s   c o n c l u s i o n ,   t h e   d a t a  of f i g u r e  11 i n d i c a t e   t h a t   i f   f u r t h e r   r e d u c t i o n s   i n  
t he   ope ra t iona l   ang le  of a t tack   can   be   ob ta ined   ( for   example   wi th   the   use   o f  
p r o p u l s i v e - l i f t   c o n c e p t s ) ,  it may b e   p o s s i b l e   t o   p r o v i d e   f u r t h e r   r e d u c t i o n s  
i n  -CIB. 

LATERAL CONTROL 

A s  ment ioned   p rev ious ly ,   t he   h igh   l eve l s  of e f f e c t i v e   d i h e d r a l   p r o d u c e d  
by highly  swept   arrow  wings  require   an  excessive amount  of l a t e ra l  c o n t r o l  
power i n   o r d e r   t o   s a t i s f y   e s t a b l i s h e d   c r o s s w i n d   l a n d i n g   c r i t e r i a .   F i g u r e  12 
i l l u s t r a t e s   t h e   s e v e r i t y  of t h e   p r o b l e m   f o r   t h e   b a s e l i n e   c o n f i g u r a t i o n .  The 
s o l i d   c u r v e   p r e s e n t e d   i n   f i g u r e  12 is t h e  amount  of l a te ra l  c o n t r o l   r e q u i r e d  
i n   o r d e r   t o   o b t a i n  l a t e ra l  t r i m  w i th  loo of s i d e s l i p .  The dashed  curve  of 
f i g u r e  12  is t h e  amount  of lateral  c o n t r o l   c u r r e n t l y   a v a i l a b l e   f o r   t h e  con- 
f i g u r a t i o n .  The s i g n i f i c a n t   p o i n t   b r o u g h t   o u t  by t h e   d a t a  of f i g u r e  12 i s  
t h a t  a t  the   normal   approach   condi t ion   the  amount  of la teral  c o n t r o l   r e q u i r e d  
f o r   t h e  NASA base l ine   conf igu ra t ion  is  s i g n i f i c a n t l y   i n   e x c e s s  o f   t he   con t ro l  
c u r r e n t l y   a v a i l a b l e .  
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I n   . l i g h t  of   these   cons idera t ions   Langley  is exp lo r ing  means f o r   p r o v i d i n g  
i n c r e a s e d , l a t e r a l   c o n t r o l   c a p a b i l i t i e s .  One promising  concept  employs  propul- 
sive la teral  c o n t r o l  (PLC) nozz le s  as shown i n   f i g u r e  13. With t h e   p r o p u l s i v e  
lateral  con t ro l   sys t em,  a po r t ion   o f   t he   nozz le   exhaus t   f l ow i s  ven ted   ove r   t he  
t r a i l i ng -edge   f l ap   du r ing   t he   l ow-speed   phases   o f   f l i gh t .   Recen t   s tud ie s   have  
shown tha t   t h i s   a r r angemen t   p rov ides  levels o f   a d d i t i o n a l   c i r c u l a t i o n   l i f t  
which ar.e comparable   wi th   the  USB concept .   In   addi t ion ,   the   a r rangement   a l lows  
inc reased  l a te ra l  c o n t r o l   t o   b e   o b t a i n e d  by  management  of t h e   a d d i t i o n a l   c i r -  
c u l a t i o n   l i f t .   T h i s   i n c r e a s e   i n   c o n t r o l  i s  accompl i shed   by   ro t a t ing   t he   s l i de r  
block  system shown i n   t h e   s k e t c h  of f i g u r e  13. With t h e   s l i d e r   b l o c k   i n   t h e  
c losed   pos i t ion ,   the   exhaus t   f low is p reven ted   f rom  f lowing   ove r   t he   t r a i l i ng -  
e d g e   f l a p   s e g m e n t s ,   a n d   h e n c e ,   a d d i t i o n a l   c i r c u l a t i o n   l i f t  i s  not   genera ted   on  
the   appropr i a t e   w ing   pane l s .   Recen t   s tud ie s   i nd ica t e   t ha t   t h i s   a r r angemen t  
w i l l  provide  approximately a 2 5 - p e r c e n t   i n c r e a s e   i n   r o l l   c o n t r o l .  It should  
b e   n o t e d   t h a t   e v e n   g r e a t e r   i n c r e a s e s   i n   r o l l   c o n t r o l   c a n   b e   p r o v i d e d  by com- 
b i n i n g   d i f f e r e n t i a l   t h r u s t   v e c t o r i n g   w i t h   t h e  PLC concept .  

The impact of t h e   i n c r e a s e d   l i f t   a n d   i n c r e a s e d   r o l l   c o n t r o l   c a p a b i l i t y  
provided by t h e   p r o p u l s i v e  l a t e ra l  con t ro l   nozz le   concep t  i s  i l l u s t r a t e d   i n  
f i g u r e  14. A s  can   be   s een   i n   f i gu re  14, t h e   i n c r e a s e   i n   l i f t   f r o m   t h i s   c o n c e p t  
pe rmi t s  a r e d u c t i o n   i n   a n g l e  of a t t ack   fo r   t he   app roach   cond i t ion ,   wh ich ,  when 
c o u p l e d   w i t h   t h e   i n c r e a s e   i n  l a t e ra l  c o n t r o l ,   p r o v i d e s   t h e   c o n f i g u r a t i o n   w i t h  
s u f f i c i e n t  l a t e ra l  c o n t r o l   t o  meet t h e   c r o s s w i n d   l a n d i n g   c r i t e r i a  a t  the   des ign  
approach l i f t  c o e f f i c i e n t .  

CONCLUDING REMARKS 

The r e s u l t s  of   recent   research  on the   low-speed   aerodynamic   charac te r i s t ics  
o f   supe r son ic   c ru i se   a i r c ra f t   i nd ica t e   t ha t   improved   l ow-speed   pe r fo rmance   can  
be   ach ieved   wi th  more e f f i c i e n t   h i g h - l i f t   s y s t e m s   a n d   t h e   a p p l i c a t i o n   o f  
p r o p u l s i v e - l i f t   c o n c e p t s .  The improved  low-speed  performance  allows  the con- 
f i g u r a t i o n   t o   b e   c o n f i g u r e d  so  as t o   a c h i e v e  i ts  maximum r a n g e   p o t e n t i a l .  The 
r e s u l t s   a l s o   i n d i c a t e   t h a t   s i g n i f i c a n t   i m p r o v e m e n t s   c a n   b e   o b t a i n e d   i n   t h e  
l a t e r a l - d i r e c t i o n a l   c h a r a c t e r i s t i c s   w i t h   t h e   u s e  of   nose  s t rakes   and  by  the 
i n t r o d u c t i o n  of p r o p u l s i v e  l a te ra l  con t ro l   concep t s .  

128 



REFERENCES 

1. Morris ,   Odel l  A.; and  Fournier ,   Roger  H . :  Aerodynamic   Charac te r i s t ics  a t  
Mach Numbers 2.30,  2.60  and  2.96 of a Supersonic  Transp.ort  Model  Having A 
Fixed, Warped Wing. NASA TM X-1115,  1965. 

2. Morris , Odel l  A. ; and   Pa t t e r son ,  James C.  , Jr. : Trans'onic  Aerodhamic 
. .  

C h a r a c t e r i s t i c s  of a Supersonic ' :Transport  Model  With A Fixed,  Warped Wing 
Having 74' Sweep. NASA TM X-1167, -1965. 

3. S h i v e r s ,  James P.; McLemore, H. Clyde;  and  Coe,'   Paul L.,.Jr:: Low-Speed 
Wind Tunnel  Investiga,t , ion of: .,,a Large-Scale Advanc,ed  Arrow Wing Supersonic  
Transport   Configurat ion  with  Engines  Mounted Above t h e  Wing f o r  Upper- 
Surface  Blowing. NASA TM X-72761, 1975. 

4 .  Coe, Paul  L . ,  Jr.;  McLemore, H.  Clyde;   and  Shivers ,  James P . :   E f fec t s  of 
Upper-Surface  Blowing  and.Thrust  Vectoring on Low-Speed Aerodynamic 
C h a r a c t e r i s t i c s   o f  a Large-Scale  Supersonic  Transpo'ft  Model. NASA 
TM X-72792, 1975. 

5.  Grantham, William D . ;  Nguyen, Luat T . ;  Neubauer, M. J . ,  Jr . ;  and  Smith, 
Paul  M . :  S imulator   Study  of   the Low-Speed Handl ing   Qual i t ies   o f  a Super- 
son ic   Cru i se  Arrow-Wing Configuration  During'  Approach  -and  Landing. SCAR 
Conference, Hampton, VA, Nov. 1976,  pp.  100-120.  (Paper  no. 11 o f   t h i s  . 

compilat ion.)  

6. Coe, Paul  L . ,  Jr . ;  Chambers,  Joseph R . ;  and  Letko, William: Asymmetric 
L a t e r a l - D i r e c t i o n a l   C h a r a c t e r i s t i c s  of Pointed  Bodies  of  Revolution a t  
High  Angles  of  Attack. NASA TN D-7095, 1972. 

7. Chapman, Gary T . ;  Keener, Earl R . ;  and  Malcolm,  Gerald N . :  Asymmetric 
Aerodynamic  Forces on A i r c r a f t   F o r e b o d i e s  a t  High  Angles  of  Attack - Some 
Design  Guides.   Stal l /Spin  Problems of M i l i t a r y   A i r c r a f t ,  AGARD-CP-199, 
June 1976,  paper  no.  12. 

8. Lockwood, Vernard E . :  E f f e c t  of T r a i l i n g  Edge F lap   Def l ec t ion  on t h e  
Lateral a n d   L o n g i t u d i n a l - S t a b i l i t y   C h a r a c t e r i s t i c s  of a Supersonic  
Transport  Model Having a Highly-Swept  Arrow Wing. NASA TM X-71936, 1974. 

. .  . . .  



t 
T I  W 

c- 

WI s 

Figure 1.- Variation of range w i t h  T/W and W/S. 

t 
T I  W 

(TAKE-OFF FIELD LENGTH CONSTRAINT 

W I  s 
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Figure  13.-  Sketch of p r o p u l s i v e  l a te ra l  c o n t r o l   n o z z l e .  
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UPPER  SURFACE  NACELLE  INFLUENCE  ON  SCAR  AERODYNAMIC 

CHARACTERISTICS  AT  TRANSONIC  SPEEDS 

Charles E. Mercer  and  George' T. Cars'on,  Jr . 
NASA  Langley  Research  Center 

STJMMARY 

A n  investigation  has  been  conducted  in  the  Langley  16-foot  transonic 
tunnel  to  determine  the  influence  of  upper  surface  nacelles  on  the  aerodynamic 
characteristics  of a SCAR  configuration  at  Mach  numbers  from 0.6 to  1.2. The 
arrow-wing  transport  configuration  with  detached  engines  located  over  the 
wing to produce  upper  surface  exhaust  flow  effects  was  tested  at  angles  of 
attack  from -4" to 8" and  jet  total-pressure  ratios  from 1 (jet  off)  to 
approximately 10. Wing  tip  leading  edge  flap  deflections  of  -loo  to 10" were 
tested  with  the  wing-body  configuration  only  (no  nacelles).  Tests  were  made 
with  various  nacelle  chordwise,  spanwise,  and  vertical  height  locations  over 
the  Mach  number,  angle  of  attack,  and  jet  total-pressure  ratio  ranges.  The 
results  show  that  deflecting  the  wing tip leading  edge  flap  from 0" to  -10" 
increased  maximum  lift  to  drag  ratio  by 1.0 at  subsonic  speeds.  Installation 
of  upper  surface  nacelles  (no  wing/nacelle  pylons)  increased  the  wing-body 
pitching  moment  at all  Mach  numbers  and  decreased  the  drag  of  the  wing-body 
configuration  at  subsonic  Mach  numbers.  Jet  exhaust  interference 
effects  were  negligible. 

INTRODUCTION 

Extensive  research  programs  have  been  conducted  to  define  and  meet  the 
design  requirements  of  a  commercially  acceptable  supersonic  cruise  transport 
aircraft.  The  highly  swept  arrow-wing  supersonic  transport  configuration 
with  engine  nacelles  mounted  under  the  wing  has  been  shown  to  be  aero- 
dynamically  efficient  at  transonic  and  supersonic  speeds.  However,  this  type 
configuration  exhibits  poor  takeoff  and  landing  performance  (refs. 1-4). 
Tests  conducted  in low speed  wind  tunnels  have  shown  that  blowing  the  jet 
exhaust  over  the  upper  surface  of  the  wing  provides an effective  means  for 
providing  the  high  lift  required  for  improved  takeoff  and  landing  performance 
(ref. 5).  

The  purpose  of  the  present  investigation  was  to  determine  the  influence 
of  upper  surface  nacelle  exhaust flow  on the  longitudinal  aerodynamic 
characteristics  of  a  SCAR  configuration  at  transonic  speeds.  The  tests  were 
conducted  in  the  Langley  16-foot  transonic  tunnel  at  Mach  numbers  up  to 1.2 
and  angles of attack  from -4" to 8 " .  Jet  total-pressure  ratio  was  varied  from 
1 (jet  off)  to  approximately 10. Three  different  chordwise,  spanwise,  and 
vertical  height  locations  of  the  nacelles  were  investigated. 
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SYMBOLS 

b wing  span 

drag  coefficient,  Drag/qS cD 

lift  coefficient,  LiftIqS cL 

pitching-moment  coefficient , Pitching  moment/qSc 

pressure  coefficient, LP 
4 

local  geometric  chord  of  wing  at  any  givenspanwise  location 

mean  geometric  chord  of  reference  wing 

'm 

C 
P 

C 

- 
C 

nozzle  exit  diameter De 

lift  to  drag  ratio 

M free-stream  Mach  number 

nozzle  pressure  ratio NPR 

local  static  pressure P 

free-stream  dynamic  pressure 

reference  wing  area 

X axial  distance  from  wing  leading  edge  to  nacelle  exit  at  any 
given  spanwise  station 

lateral  distance  from  body  center  plane  to  nacelle  center  plane 
perpendicular  to  body  center  plane 

Y 

vertical  height  of  nacelle  centerline  relative  to  wing  leading 
edge  at  given  spanwise  station 

Z 

angle  of  attack  of  model  reference  line c1 

wing-tip  flap  deflection  angle  relative  to  model  reference 
line  (positive  leading  edge  up) 

AP local  static  pressure  minus  free-stream  static  pressure 
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APPARATUS AND METHODS 

Wind  Tunnel 

The  16-foot transonic-tunnel,  which  has  an  octagonal  test  section  with 
light  longitudinal  slots, is  an  atmospheric  wind  tunnel  with  continuous  air 
Xxchange  for  cooling. It has  a  remotely  controlled  Mach  number  range  from 
1 to 1.3. The  avera e  Reynolds  number  per  meter  varies  from 9.71 x l o6  at 
i = 0.5 to  12.6 x 10 at M = 1.3. % 

Model  Description 

A photograph  of  the  model  installed  in  the  tunnel  test  section  is  shown 
;n figure 1. A sketch  of  the  SCAR  model  and  air-powered  sting  system  is 
]resented  in  figure 2(a). A three-view  computerized  sketch  showing  nacelle 
-eference  planes  is  shown  in  figure 2(b). The  model  consisted ofanarrow- 
.Jing-body  combination  having an  overall length  of 1 4 1 . 6 1  cm  and a  wing  span 
I f  84 .66  cm.  The  fixed  wing  was  highly  swept  back,  twisted,  and  cambered 
:.ith reflexed  trailing  edge.  The  main  wing  section  has a  leading  edge  sweep 
I f  75" and  the  wing  tips  were  swept 6 0 " .  The  wing  tips  were  detachable  from 
he  main  wing.  Wing  tips  were  available  with  both  positive  and  negative 
Leading  edge  flap  deflections.  Twin  vertical  tails  were  located  near  the  main 
ringlwing-tip  juncture.  Two  engine  nacelles  were  pylon-mounted  over  the  wing 
IS shown  in  figure 2(a). The  engine  nacelles  were  not  attached  to  the  wing-body 
lonfiguration  and  no  winglnacelle  pylon  was  provided  to  simulate  this 
ittachment.  The  nacelle  geometry  was  configured  to  simulate a turbofan-jet 
mgine operating  in  an  afterburning-power  mode.  The  nacelle  support  was 
tesigned  to  independently  support  the  two  nacelles  above  the  wing-body 
lonfiguration  while  providing  the  capability  to  vary  the  location  of  each 
lacelle  relative  to  the  configuration.  The  support  system  also  provided  the 
!leans  for  supplying  high-pressure  air  to  each  engine  nacelle. 

Instrumentation  and  Data  Reduction 

Aerodynamic  forces  and  moments on the  wing-body  configuration  were 
ueasured  with a six-component  internal  strain  gage  balance.  Forces  and 
noments on the  nacelles  were not measured  for  these  tests.  The  upper  surface 
jf the  left  wing  and  lower  surface of the  right  wing  were  pressure-instru- 
llented  with  static  pressure  orifices.  To  insure a turbulent  boundary  layer 
wer the  wing-body  configuration  and  nacelles,  transition  trips  were  appliedto 
:ach  of  these  components. 

This  investigation  generally  covered  a  Mach  number  range  from 0.6  to 1.2. 
ingle  of  attack  was  varied  from -4" to 8" and  jet  total-pressure  ratio  was 
Taried  from 1 (jet  off)  to  approximately 10 depending  on  Mach  number. 
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RESULTS 

Wing-Tip  Leading  Edge  Flap  Effects 

Presented in  figure 3 are  the  effects  of  deflection  of  wing  tip  leading 
edge  flaps on lift  to  drag  ratio.  These  effects are  for  the  wing-body 
configuration  only  without  the  influence  of  the  nacelles.  Lift  to  drag  ratio 
as  a  function  of  lift  coefficient  is  shown  only  for  Mach 0.9. Similar 
results  were  obtained  for  other  Mach  numbers.  Maximum  lift  to  drag  ratio 
occurs  at  a  lift  coefficient  of  0.15 at  all  Mach  numbers.  Also  shown  in 
figure 3 is  the  variation  of  maximum  lift  to  drag  ratio as a  function  of  flap 
angle  for M = 0.6, 0.9, and  1.2.  Leading  edge  flap  deployment  from 0" to -loo 
(leading  edge  down)  increased  maximum  L/D  by 1.0 at  subsonic  Mach  numbers  and 
by  0.5  at M = 1.2.  This  increase in (L/D) is  primarily  a  result  of 

increased  lift  on  the  wing  tips  since  other data,  which  are  not  presented in 
this  report,  show  no  significant  effect on  drag or  pitching  moment  due  to 
flap  deflection. 

max 

Nacelle  Installation  Interference  Effects 

Aerodynamic  force  and  moment  characteristics  of  the  wing-body  configu- 
ration  with  and  without  interference  effects  due  to  nacelle  installation 
(jet  off)  are  presented  in  figure 4 .  Data  are  presented  for  Mach  numbers  of 
0.9 and  1.2 which  represent  subsonic  cruise  and  low  supersonic  flight 
conditions;  data  at  M = 0.9 are  typical  of  other  subsonic  Mach  numbers.  The 
unstable  pitching  moment  coefficient,  shown  in  figure 4 ,  results  from  the 
model  not  having  the  horizontal  and  vertical  tails  which  are  required  to 
balance  the  longitudinal  loads  of  the  aircraft  (reference 1). Nacelle 
installation  effects  increased  the  wing-body  pitching  moment  at  all  Mach 
numbers  investigated.  Installation  of  the  over-the-wing  nacelles  reduced 
wing-body  drag  at  subsonic  speeds,  but  increased  drag  at  M = 1.2.  Little 
effect  of  nacelle  installation  was  observed on  airplane  lift. 

Figure  5  presents  typical  wing  pressure  distributions  with  and  without 
the  presence  of  the  nacelles  (jet  off).  Pressure  coefficients  are  presented 
for  Mach  numbers  of 0.9 and  1.2  and  angles  of  attack  of 0 and 4 degrees. 
Wing  pressures  in  the  proximity  of  the  jet  nacelles  appear  to  be  more  positive 
over  both  the  upper  and  lower  surfaces  of  the  wing  at  M = 0.9. Although  the 
nacelle/support  installation  influenced  the  upper  and  lower  wing  surfaces 
at  subsonic speeds,  little effect due to  the  nacelle/support  installation  was 
observed  on  the  wing  lower  surface  pressure  at  M = 1.2. 

The  effect  of  jet  operation  on  the SCAR aerodynamic  characteristics  is 
presented in  figure 6 for  M = 0.9 and  M = 1.2.  Jet  exhaust  flow  was  varied 
from  jet  off  conditions ( N P R Z  1) up  to a  jet  total-pressure  ratio  of  about 
10. Jet  interference  effects  on  the  wing  appear  to  be  negligible  at  all 
Mach  numbers  and  nacelle  locations  investigated.  This  result  indicates  that 
the  jet  plume  did  not  wash  the  wing  upper  surface  and  that  there  was  no 
overall  alteration  of  the  wing  flow  field  due  to  jet  operation.  Pressure 
distributions,  shown in  figure 7, show pronounced  local  effects  from  jet 
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operation  (see  y/(b/2) = 0.450 and 0.555 in  figure 7(a) for  example).  These 
pressure  perturbations  appear  to  be  self-compensating,  however,  such  that 
little  effect  of  jet  operation  occurs  in  the  total  wing-body  forces  and 
moments  as  shown in  figure 6.  

Nacelle  Chordwise  Location 

The  effect on the  longitudinal  aerodynamic  coefficients  due  to  chordwise 
movement  of  the  nacelles  (along  the  wing  semispan  station  y/(b/2) = 0.46)  is 
presented  in  figure 8. A chordwise  nacelle  location.  near  the  wing  leading 
edge  (x/c = -0.17 and 0.10) had  little  or  no  effect on the  wing-body  force 
and  moment  coefficients.  However,  as  the  jet  nacelle  approaches  the  wing 
trailing  edge (x/c = 0.82), an  increase  in  lift  and a  corresponding 
stabilizing  effect on pitching moment are seen to occur at subsonic  speeds. 
This  indicates  that a  nacelle  location  near  the  wing  trailing  edge  results  in 
a  beneficial  influence  on  the  wing  flow  field.  However,  as  a  result  of 
increased  drag,  maximum  lift  to  drag  ratio  was  decreased  by 1.0 at  subsonic 
speeds  when  the  nacelle  was  located  near  the  wing  trailing  edge.  At M = 1.2, 
nacelle  chordwise  location  had  generally  smaller  effects  on  wing-body  forces 
and  moments  and  has a negli.gible  effect  on  lift to drag  ratio. 

Nacelle  Spanwise  and  Vertical  Location  Effects 

Shown  in  figures 9 and 10 are  the  effects  of  nacelle  spanwise  and 
vertical  height  locations  on  the  wing-body  longitudinal  aerodynamic 
characteristics  for  Mach  numbers  of 0.9  and  1.2.  Neither  lateral  or  vertical 
movement of the  jet  nacelles  had  any  significant  influence  on  the  wing-body 
force  or  moment  coefficients.  Examination  of  wing  pressure  distributions 
(not  shown  herein)  indicates  that  either  lateral  or  vertical  movement  of  the 
jet  nacelles  resulted  in  localized  pressure  gradients  with  self-compensating 
effects  on  forces  and  moments. 

Comparison  With  Theory 

Comparisons  between  the  experimental  pressure  coefficients  on  the  wing 
and  those  predicted  by  the  method  of  Woodward  (reference 6)  are  shown  on 
figure 11 for a Mach  number  of 0.9. Comparison  appears  to  be  poor  mainly  due 
to  theory  not  accounting  for  vortex  flow  which  apparently  is  forming  on  wing 
leading  edge. 

The  predicted  lift  curve  slope  is  similar  to  the  measured  values  but  at 
a slightly  higher  level  as  shown  by  figure 12 .  
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CONCLUDING REMARKS 

An investigation  has  been  conducted  in  the  Langley  16-foot  transonic 
tunnel  to  determine  the  influence  of  upper  surface  nacelles  on  a  supersonic 
cruise  aircraft  at  Mach  numbers  up  to 1.2. Results  from  this  study  indicate 
the  following: 

1. Wing  tip  leading  edge  flap  deployment  of -10' increased  maximum  lift 
to drag  ratio  by 1.0 at  subsonic  speeds. 

2.  Upper  surface  nacelle  installation  effects  increased  the  wing-body 
pitching  moment  at all  Mach  numbers  and  decreased  drag  at  subsonic  Mach 
numbers.  Jet  exhaust  interference  effects  were  negligible  at  all  conditions 
tested. 

3 .  At  subsonic  speeds,  chordwise  movement  of  the  over-the-wing  nacelles, 
from  a  forward  to an aft  location,  resulted in increased  lift  but  a  reduction 
of  lift  to  drag  ratio  as  a  result  of  increased  drag. 

4 .  Spanwise  and  vertical  nacelle  position  had  negligible  effects  on 
wing-body  aerodynamic  characteristics. 
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Figure  1.- Model i n  Langley  16-foot   t ransonic   tunnel .  
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LMAIN FUSELAGE 
AND WINGS 

(a) SCAR model  and air-powered s t i n g  system. 
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LEFT- SIDE VIEW ' 

(b) Computerized three-view sketch of model w i t h  
j et nacelle locat ions. 

Figure 2.-  Sketches of model. 
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F i g u r e  3. -  E f f e c t s  of d e f l e c t i o n   o f   w i n g   t i p  
l e a d i n g   e d g e   f l a p s  on l i f t   t o   d r a g   r a t i o .  

0 WING WITHOUT NACELLES 
WING WITH  NACELLES, x/c=-O.17, 
y/(b/2) = 0.46, z/D, = 2.04 

kc M 0.90 
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F i g u r e  4 . -  Nacelle i n s t a l l a t i o n   i n t e r f e r e n c e  
e f f e c t s .  
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NACELLES 
WITH  WITHOUT "- 0 UPPER  SURFACE - 0 LOWER  SURFACE 

.4- - - 
y/(b/2) = 0.660 

. 0 .25 50 75 1 . 0 0  0 .25 50 .75 1 . 0 0  0 .25 50 .75 1.00 
X/c  

(a) M = 0.9; a = 0'. 

NACELLES 
WITH  WITHOUT "_ 0 UPPER SURFACE 

0 LOWER  SURFACE - 

0 .25  .50  .75 1 . 0 0  0 .25  .50  .75 1.00 0 .25 .50 .75 ID0 
x/c 

(b) M = 0 . 9 ;  O! = 4'. 

Figure 5 .- Typical   wing  pressure   d is tr ibut ions   wi th  
and without jet nacelles. x / c  = -0.17; 
y / (b /2)  = 0.46; z/De = 2.04 .  
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NACELLES 
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4 I" L"l LJ 
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x/c 

( c )  M = 1.2; a = oo. 
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cp -.ar Y/(b/2) 0.450 Y/( b/2) = 0.555 r Y/(b/2) = 0.660 
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x/c 
0 .25 50 .75 1.00 0 .25 50 .75 1.00 0 .25 50 .75 1.00 

(d) M = 1.2; cx = 4 . 0 

Figure 5. - Concluded. 
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1111 IIIII I 

NPR 
6 JET OFF "- 0 UPPER  SURFACE 

0 LOWER SURFACE - 

.4- - - 
0 .25  .50 .75 ID0 0 .25 .50 .75 1 . 0 0  0 .25 .50 .75 1 . 0 0  

x/c 

(a) M = 0.9. 

NPR 
6 JET OFF "- UPPER SURFACE - o LOWER SIJRFACE 

Y/(b/2) = 0.660 

0 .25 .50 .75 1.00 0 .25 50 .75 1.00 0 .25 50 .75 1.00 
x /C 

(b) 24 = 1.2. 

Figure  7.- E f f e c t  of j e t  exhaus t  f l o w  on wing 
p r e s s u r e   d i s t r i b u t i o n s .  a = 4 O ;  x / c  = -0.17; 
y/ (b /2)  = 0 .46 ;  z/De = 2.04.  
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(a) M = 0 .9 ;  NPR = 4 . 6 .  
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.IO 
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CL 

(b) M = 1.2 ;  NJ?R = 8.0. 

F igure  8.- E f f e c t   o f   n a c e l l e   c h o r d w i s e   l o c a t i o n  on 
long i tud ina l   ae rodynamic   fo rces  and moments. 
y/ (b /2)  = 0.46; z/D, = 2.04. 

151 



Y X 
Ib/2) C De 
0.46 - 0. I7 
" -  2 

- 

c m  p, 
0 

-.2 0 .2 .4 
CL 

0 .25 .31 2.04 
0 .58 -0.69 

~. 

K D -4 -8 -.2 0 0 .2 .4 
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Figure.  9- Effec t  of nace l l e   spanwise   pos i t i on  
on  aerodynamic  forces  and moments. 
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(a>  M = 0.9; NFR = 4.6.  
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(b) M = 1.2; NPR = 8.0. 

Figure  10.- E f f e c t   o f   v e r t i c a l   n a c e l l e   h e i g h t  
v a r i a t i o n  on aerodynamic  forces  and moments. 
X/C = -0.17; y/ (b/2)  = 0.46. 
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EXPERIMENT  THEORY ""_ 0 UPPER  SURFACE 
0 LOWER SURFACE 

~ y/(b/2) = 0.300 l;\y/(b/2) = 0.375 -1.2  y/(b/2) 0.090 r 
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Figure  11.- Comparison  between  experimental 
p r e s s u r e   c o e f f i c i e n t s   a n d   t h e o r y ,  of r e f -  
e rence  6. M = 0.9; c1 = 4'; j e t  o f f ;  
X/C  = -0.17; z/De-= 2.04.  

MEASURED LIFT 

1 5 4  

Figure 12.- Measured  and  predicted 
( r e f .  6 )  wing-body lift coeffi- 
cients. M = 0.9; x/c = -0.17; 
y/(b/2) = 0 . 4 6 ;  z/De = 2 . 0 4 .  



AERODYNAMIC VALIDATION OF A SCAR DESIGN 

Robert L. Roensch 
McDonnell  Douglas  Corporation 

SUMMARY 

The r e s u l t s   o f  a wind  tunnel  test of  a model of t h e  McDonnell  Douglas 
S u p e r s o n i c   C r u i s e   A i r c r a f t   j u s t i f y   t h e   d e s i g n   p r o c e d u r e s   u s e d   t o   d e v e l o p   t h e  
conf igura t ion .  The d a t a   o b t a i n e d   w i t h  a baseline  and  improved  performance 
wing  support   the   analysis   and  design  methods.  The minimum.drag is almost 
e x a c t l y  as p red ic t ed .   Desp i t e  small d i s c r e p a n c i e s   i n   t h e   p r e d i c t e d  level  of 
drag-due- to- l i f t ,   the   increments   be tween  conf igura t ions  are as p red ic t ed   and  
can   be   used   to   ident i fy   fur ther   improvements   in   per formance .  The r e s u l t s   a l s o ,  
v e r i f i e d   t h e   a e r o d y n a m i c   e f f i c i e n c y   o f   t h e   c o n f i g u r a t i o n   w i t h  a d e m o n s t r a t e d '  
trimmed L/Dma, of  9.1. It s h o u l d   b e   n o t e d   t h a t   t h i s   c o n f i g u r a t i o n  w a s  n o t  
op t imized   so le ly   for   aerodynamics ,   bu t  was t a i l o r e d   t o   p r o v i d e  a good  match 
between  structural   and  aerodynamic  performance. 

There i s  demonstrable   evidence  that  known ref inements  are p o s s i b l e   t o  
raise t h e  L/Dma, to   9 .6 ,   and  a goal   of  10.3 has   been  set  for   t echnology 
r e s e a r c h  as a r ea l i s t i c  t a r g e t   f o r  an arrow  wing  design a t  a Mach number  of 2 . 2 .  

INTRODUCTION 

A wind  tunnel  test* o f   t h e  McDonnell   Douglas  Supersonic  Cruise  Aircraft ,  
des igned   fo r  a c r u i s e  Mach number of 2 . 2 ,  was conducted i n   t h e  NASA A m e s  Unitary 
Plan Wind Tunne l s .   Ex tens ive   fo rce ,   p re s su re ,   and   f l ow  v i sua l i za t ion   da t a  were 
obta ined   over  a Mach number range  from 0.5 t o  2 . 4 .  Comparisons  between  theory 
and   measurements   o f   bo th   forces   and   pressures   p resented   in   th i s   paper   concen-  
t ra te  o n   t h e   r e s u l t s   o b t a i n e d   i n   t h e  9-Foot  by  7-Foot  Supersonic  tunnel. 
Sch l i e ren   and   t u f t   p i c tu re s   a r e   p re sen ted   t o   he lp   p rov ide   an   unde r s t and ing  of 
t h e   n o n l i n e a r i t i e s   o b s e r v e d  a t  of f -des ign   condi t ions .  

*This  work was performed as an MDC-NASA cooperative  program  under NASA Contract  
NAS1-13633 and w i l l  be   publ i shed  as a c o n t r a c t   r e p o r t   e n t i t l e d  "Aerodynamic 
C h a r a c t e r i s t i c s   o f  a Mach 2 . 2  Advanced Supersonic   Cruise   Aircraf t   Configura-  
t i o n  a t  Mach Numbers from 0.5 t o  2.4."  
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SYMBOLS 

Values are g i v e n   i n   b o t h  S I  and U.S. Customary  Units. The measurements 
and c a l c u l a t i o n s  were made i n  U.S. Customary  Units. 

ang le   o f   a t t ack ,   deg .  

f u s e l a g e  

d r a g   c o e f f i c i e n t  

l i f t   c o e f f i c i e n t  

p i t c h i n g  moment c o e f f i c i e n t   a b o u t  1 / 4  MAC 

v a r i a t i o n  of yawing moment c o e f f i c i e n t   w i t h   s i d e s l i p   a n g l e ,  
l / r a d   ( l / d e g .  ) 

c e n t e r  of g r a v i t y  

p r e s s u r e   c o e f f i c i e n t  

i n c r e m e n t   i n   d r a g   c o e f f i c i e n t  

maximum l i f t - t o - d r a g   r a t i o  

Mach number 

mean aerodynamic  chord  of  the  trapezoidal  wing  formed  by  extending 
t h e   l e a d i n g   a n d   t r a i l i n g   e d g e s   o f   t h e   o u t e r   p a n e l   t o   t h e   a i r c r a f t  
c e n t e r l i n e  

s p a n w i s e   l o c a t i o n   i n   f r a c t i o n   o f   s e m i - s p a n  

wings 

n a c e l l e s  

CONFIGURATION 

A th ree   v i ew  o f   t he  MDC Supe r son ic   Cru i se   A i rc ra f t  i s  shown i n   f i g u r e  1. 
This   273-passenger   a i rc raf t  i s  d e s i g n e d   f o r   r a n g e s   i n   e x c e s s   o f  8300 km 
(4500  n.mi) a t  a takeoff   gross   weight   of   340,194  kg  (750,000  lb) .  It f e a t u r e s  
a 929 m2 (l0,OOO f t2 )   a r row- type   w ing   des igned   fo r  a c r u i s e  Mach number of  2.2 
wi th   t he   p l an fo rm  based  on t h e  NASA SCAT-15F concept ,  a conven t iona l   ho r i zon ta l  
t a i l ,  a s ingle   fuselage-mounted ver t ica l  t a i l ,  and   four   engines  mounted i n  
ax isymmetr ic   nace l les .  The inboa rd   l ead ing   edge   o f   t he   w ing   has  a sweep  of  71 
degrees   wi th   the   sweep   reduced   to   57   degrees   ou tboard   o f   the   l ead ing   edge   break .  
The ave rage   t h i ckness   r a t io   o f   t he   w ing  is s l i g h t l y  less than   t h ree   pe rcen t .  
The t h i c k n e s s   r a t i o  i s  equa l   t o   2 .25   pe rcen t   o f   t he   cho rd  a t  the   wing   roo t   and  
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is cons tan t  a t  t h ree   pe rcen t   o f   t he   cho rd   f rom  the   t r a i l i ng   edge   b reak   t o   t he  
wing t i p .  The development  of t h i s   c o n f i g u r a t i o n   h a s   b e e n   d e s c r i b e d   i n  some 
d e t a i l   i n   r e f e r e n c e s  1, 2,  and 3. 

WIND TUNNEL TEST 

A coopera t ive  MDC-NASA wind  tunnel  test program  using a 1.5-percent scale 
model o f   t h i s   c o n f i g u r a t i o n  w a s  conducted i n   t h e  NASA Ames Uni ta ry   P lan  Wind 
Tunnels i n   t h e  l a t t e r  par t   o f   1975.  Data were obta ined  a t  Mach numbers  from 
0.5 t o   1 . 3   i n   t h e  11-Foot  Transonic  tunnel  and a t  Mach numbers   f rom  1.6  to  2.4 
i n   t h e  9-Foot x 7-Foot Supersonic   tunnel .  A l l  t h e   d a t a  were o b t a i n e d  a t  a 
Reynolds number o f   s l i g h t l y  less than   four   mi l l ion   based   on   the  model MAC. The 
a f t   p o r t i o n  of  the   fuse lage   o f   the   model   depar ted  somewhat f r o m   t h e   a i r c r a f t   i n  
o r d e r   t o  accommodate t h e   b a l a n c e   a n d   s t i n g  as can  be  seen i n   t h e   p h o t o g r a p h s  
o f   t h e  model i n s t a l l e d   i n   t h e   S u p e r s o n i c   t u n n e l   ( f i g .  2 )  and   the   Transonic  
tunne l   ( f i g .   3 ) .   Ex tens ive   p re s su re   da t a  were o b t a i n e d   a l o n g   w i t h   t h e   f o r c e  
data ,  a s  w e l l  as t u f t  and   s ch l i e ren   f l ow  v i sua l i za t ion   pho tographs .  

Three   d i f fe ren t   wings  were tes ted   dur ing   the   p rogram  a long   wi th  two 
d i f f e r e n t   n a c e l l e   i n l e t   d e s i g n s .  The fo l lowing   pe r t inen t   mode l   des igna t ions  
were used   fo r   t he  test:  

B1 b a s e l i n e  model f u s e l a g e .  

W1 wing  optimized a t  a C of 0 . 1  wi thou t   r ega rd   t o  t r i m  drag.  

W2 improved  performance  wing  optimized a t  a C o f  0 . 1  w i t h  a 
p i t c h i n g  moment c o n s t r a i n t   t o   r e d u c e   t h e  t r i m  drag.  

L 

L 

W 3  wing W1 wi th  a f a i r l y   s o p h i s t i c a t e d   r e f l e x   i n   t h e   r e g i o n  
o f   t h e   n a c e l l e s   t o  relieve the   nose  down p i t c h i n g  moments 
genera ted  by t h e   n a c e l l e   f l o w   f i e l d .  

*1 e x t e r n a l   c o m p r e s s i o n   i n l e t   w i t h  a cowl l i p   a n g l e   o f  2 4  
degrees .  

N mixed  compression i n l e t   w i t h  a cowl l i p   a n g l e   o f  6 
degrees .  2 

The r e s u l t s   o f   t h e   n a c e l l e   a n d   w i n g   r e f l e x  test are p r e s e n t e d   f a i r l y  
comple t e ly   i n   r e f e rence  4 and are only  summarized  here. The w i n g   r e f l e x   t e s t e d  
was n o t   t o t a l l y   s u c c e s s f u l   s i n c e  i t  cancel led  only  about  75 pe rcen t   o f   t he  
n a c e l l e   i n d u c e d   p i t c h i n g  moment. A s imple r   r e f l ex   concep t  may w e l l  be   adequate  
f o r   t h i s   t a s k .   F u r t h e r   w i n d   t u n n e l  tests are n e c e s s a r y   t o   d e v e l o p   t h e  optimum 
geometry. The wave d r a g   w i t h   t h e   e x t e r n a l   c o m p r e s s i o n   i n l e t  w a s  approximately 
f ive   d rag   coun t s  (ACD = 0.0005)   h igher   than   wi th   the  mixed  compression  inlet .  
This  i s  the   magn i tude   o f   t he   d i f f e rence   p red ic t ed   by  the method of c h a r a c t e r -  
istics a n a l y s i s   ( r e f .   5 ) .  
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TEST  RESULTS 

The m a j o r i t y   o f   t h e   p r e s e n t a t i o n   d e a l s   w i t h   t h e   r e s u l t s   o b t a i n e d   w i t h   w i n g  
W2. Compar isons   o f   the   wind   tunnel   da ta   for   the  wing-body c o n f i g u r a t i o n   w i t h  
theory  are shown i n   f i g u r e s  4 ,  5, and 6 .  The  wind   tunnel   da ta   have   been   cor -  
r e c t e d   t o   f u l l  scale a i r c r a f t   c o n d i t i o n s .  In a d d i t i o n   t o   t h e   s k i n   f r i c t i o n  
c o r r e c t i o n   f o r   t h e   d i f f e r e n c e   b e t w e e n   f l i g h t   R e y n o l d s  number  and t h e  wind  tunnel  
t es t  Reynolds   number,   the   measured  drag  has   been  increased  to   account   for   the 
e s t ima ted   d i f f e rence   be tween   t he  wave drag   of   the   open   a f te rbody  of   the   model  
a n d   t h e   c l o s e d   a f t   f u s e l a g e   o f   t h e   a i r c r a f t .  The d r a g - d u e - t o - l i f t ,   t h e   l i f t ,  
a n d   t h e   p i t c h i n g  moment h a v e   a l s o   b e e n   c o r r e c t e d   f o r   t h e   e s t i m a t e d   d i f f e r e n c e  
in   each   of   these   parameters   due   to   the   a f te rbody  shapes   o f   the   model   and   the  
a i r c r a f t .  

The z e r o - l i f t  wave d r a g   o f   t h e   c o n f i g u r a t i o n  w a s  e s t i m a t e d   u s i n g   t h e  MDC- 
deve loped   Arbi t ra ry  Body Wave Drag  program  (ref.  6 )  which  calculates ,   based  on 
t h e  area r u l e   t h e o r y   ( r e f .  7 and 8) ,  t h e  wave d r a g  of c o m p l e t e l y   a r b i t r a r y  con- 
f i g u r a t i o n s .  A l l  a n a l y s e s  were per formed  wi th   the   fu l l   geometry   o f   the   conf ig-  
u r a t i o n  a t  t h e   c r u i s e   a t t i t u d e .   D r a g - d u e - t o - l i f t ,   l i f t ,  and  wing-body p i t c h i n g  

'moments were c a l c u l a t e d   w i t h   t h e  MDC v e r s i o n   o f   t h e  Woodward program  (ref .  9 )  
by a d i r e c t   a n a l y s i s   o f   t h e  wing-body conf igu ra t ion   i nc lud ing   w ing   t h i ckness  
and  body  camber e f f e c t s .   S i n c e   t h e  Woodward program, when run  with  wing  and 
body t h i c k n e s s ,   i n c l u d e s  a z e r o - l i f t  wave drag,   an  uncambered  vers ion  of   the 
c o n f i g u r a t i o n  was ana lyzed   wi th   the  Woodward program t o   o b t a i n  a Woodward wave 
drag .   This  was sub t r ac t ed   f rom  the   cambered   conf igu ra t ion  Woodward drag  
ana lys i s   and   t he   r ema inde r  i s  cons ide red   t o   be   t he   d rag -due - to - l i f t   i nc lud ing  
t h e  twist drag.  

A s  can   be   seen   by   the   d rag   po lars  shown i n   f i g u r e  4 ,  the  agreement  between 
the  es t imated  and  measured minimum d r a g   o f   t h e   c o n f i g u r a t i o n   a c r o s s   t h e  Mach 
number spectrum i s  e x c e l l e n t .  The ca lcu la ted   d rag-due- to- l i f t ,   however ,  shows 
a t r e n d   o f   o v e r p r e d i c t i o n  a t  the   l ower   supe r son ic  Mach numbers  and  underpre- 
d i c t i o n  a t  t h e   h i g h e r  Mach numbers.   Almost  perfect   agreement i s  obta ined  a t  
Mach 2 .0 ,  0.2 below  the  design Mach number. This   would   sugges t   tha t   perhaps  
t h e   c o n f i g u r a t i o n   s h o u l d   b e   d e s i g n e d   f o r  a Mach number 0.2 h ighe r   t han   t he  
d e s i r e d   c r u i s e  Mach number. Earlier NASA SCAT wind   tunnel  tests found a 
similar phenomenon t o  exis t .  

The a g r e e m e n t   o f   t h e   d a t a   w i t h   t h e   c a l c u l a t e d   l i f t   c u r v e s  shown i n  
f i g u r e  5 i s  reasonably  good, though  there  is a s l i g h t   o v e r p r e d i c t i o n   o f   t h e   l i f t  
which   increases  as t h e  Mach number i n c r e a s e s .  

The p i t c h i n g  moment c h a r a c t e r i s t i c s  shown i n   f i g u r e  6 show f a i r l y  good 
agreement   be tween  the   da ta   and   the  estimate n e a r   t h e   c r u i s e  CL, which i s  approxi 
mately  0.11. A t  t h e  Mach 2 .2  des ign   condi t ion   the   measured   aerodynamic   cen ter  
i s  approximately 2 .5  pe rcen t   o f  MAC ahead   of   the   es t imated   va lue .  A t  h igher  
C L ' s  t h e   d a t a  show evidence  of  a mild  pi tchup.  The magnitude i s  not   cons idered  
t o   b e  a s i g n i f i c a n t   p r o b l e m   b e c a u s e   t h e   h o r i z o n t a l   t a i l   h a s   s u f f i c i e n t   c o n t r o l  
a u t h o r i t y   t o   c o m p e n s a t e   f o r   t h i s   d e v i a t i o n   f r o m   l i n e a r   p i t c h i n g  moments us ing  
only a f r a c t i o n   o f   t h e   a v a i l a b l e  t a i l  e f f e c t i v e n e s s ,   e v e n  a t  the   des ign   l oad  
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f a c t o r .  The t a i l - o n   d a t a  show t h e  same t r e n d s ,   w i t h   t h e   h o r i z o n t a l  t a i l  
e f f e c t i v e n e s s   r e l a t i v e l y   i n s e n s i t i v e   t o   a n g l e   o f  attack. 

The p r e s s u r e   d a t a   o b t a i n e d   d u r i n g   t h i s  test h e l p   e x p l a i n   t h e   n o n l i n e a r  
b e h a v i o r   o f   t h e   p i t c h i n g  moments. Shown i n   f i g u r e  7 are t h e   e s t i m a t e d   a n d  
measured  pressures  a t  Mach 2.2 on the   uppe r   and   l ower   su r f ace   o f   t he   w ing  a t  an 
angle  of a t t a c k   o f  2.5 degrees,   which is n e a r   t h e   c r u i s e   a n g l e  of a t t a c k .  The 
agreement  between  the Woodward p rogram  p red ic t ions   and   t he   da t a  is f a i r l y  good. 
However, t h e r e  is  a lack  of   agreement  a t  h i g h   a n g l e s   o f   a t t a c k  as shown i n  
f i g u r e  8, which i s  not   unexpected.  The l i n e a r   t h e o r y   p r e s s u r e   c o e f f i c i e n t s  are 
p r e d i c t e d   t o   e x c e e d   t h e  vacuum l i m i t e d  Cp which i s  approximate ly   equal   to  
1 / M 2  (about -0.2 a t  Mach 2 . 2 )  over  much o f   t he   uppe r   su r f ace   o f   t he   w ing ,  
p a r t i c u l a r l y  on the   ou te r   w ing   pane l .  The  measured  lower  surface  pressures are 
i n   r e a s o n a b l y  good ag reemen t   w i th   t he   l i nea r   t heo ry  on t h e   i n b o a r d   p o r t i o n   o f  
t h e   w i n g ,   b u t   t h e r e  is a s i g n i f i c a n t   d e v i a t i o n  on the   ou te r   pane l .   These  two 
e f f e c t s ,   l i m i t i n g  C p ' s  on the   upper   sur face   and  less t h a n   p r e d i c t e d   p o s i t i v e  
p r e s s u r e s   o n   t h e   l o w e r   s u r f a c e ,   c o n t r i b u t e   t o  a loss i n   o u t e r   p a n e l   l o a d i n g  a t  
h igh   ang le s   o f   a t t ack   wh ich   r e su l t s   i n   t he   mi ld   p i t chup   obse rved .  

S m a l l  min i - tuf t s  were a t t a c h e d   t o   t h e   w i n g  t o  l e a r n  how t h e   f l o w   f i e l d  
v a r i e s  as t h e   u p p e r   s u r f a c e   r e a c h e s   t h e   l i m i t i n g  Cp. The r e s u l t s  are shown i n  
f i g u r e  9. A t  the   lower   angle   o f   a t tack   the   f low is very w e l l  behaved. A t  t h e  
h igh   ang le   o f   a t t ack ,  i t  can   be   s een   t ha t   t he   f l ow  has   changed   cha rac t e r  con- 
s i d e r a b l y   b u t   t h e r e  i s  no  evidence  of  any  f low  separation. The t u f t s  on t h e  
lower   sur face  showed  no s i g n i f i c a n t   v a r i a t i o n   o v e r   t h i s   r a n g e   o f   a n g l e   o f  
a t tack.   Schl ieren  photographs  taken  f rom  the  top  of   the  model   over   the same 
angle   o f   a t tack   range  show tha t   t he   , shock  wave which i s  c r e a t e d   a t   t h e   l e a d i n g  
edge  break  sweeps  forward as t h e   a n g l e   o f   a t t a c k  i s  i n c r e a s e d   ( f i g .  1 0 ) .  

The p r e s s u r e ,   f l o w   v i s u a l i z a t i o n ,   a n d   f o r c e   d a t a   o b t a i n e d   d u r i n g   t h i s  test 
c l e a r l y   i d e n t i f y   t h e   c a u s e   o f   t h e   n o n l i n e a r   b e h a v i o r   o f   t h e   p i t c h i n g  moments. 
The arrow-wing  concept i s  c h a r a c t e r i z e d   b y   f a i r l y   h i g h   l o a d i n g   o f   t h e   o u t e r  
panel  which w i l l  c a u s e   t h e   u p p e r   s u r f a c e   t o   r e a c h   l i m i t i n g  Cp 's  a t  moderate 
C L ' S .  While t h i s   d o e s   r e s u l t   i n  a mi ld   p i t chup ,   t he re  are some f a v o r a b l e   s i d e  
b e n e f i t s   i n   t h e   s t r u c t u r a l   a r e a .  The s t r u c t u r a l   l o a d s   t h a t   t h e   o u t e r   p a n e l  must 
ca r ry   a t   supe r son ic   speeds   do   no t  grow as r a p i d l y   w i t h   l o a d   f a c t o r  as t h e   l i n e a r  
theory  would p r e d i c t .   T h i s  may r e s u l t   i n  a reduct ion   in   the   wing   weight   f rom 
t h a t   e s t i m a t e d   u s i n g   l i n e a r   t h e o r y   l o a d s .  

Yawed polars   and  a l i m i t e d  number  of   constant   angle   of   a t tack yaw sweeps 
were o b t a i n e d   t o   e v a l u a t e   t h e   l a t e r a l - d i r e c t i o n a l   c h a r a c t e r i s t i c s  of t h e  con- 
f i g u r a t i o n .  Of i n t e r e s t  w a s  whether a s i n g l e   f u s e l a g e   m o u n t e d   v e r t i c a l  t a i l  
w o u l d   p r o v i d e   a d e q u a t e   d i r e c t i o n a l   s t a b i l i t y   t h r o u g h o u t   t h e   f l i g h t   e n v e l o p e   o f  
t h e   a i r c r a f t .   T h i s   c a n   b e   p a r t i c u l a r l y   s i g n i f i c a n t  a t  low  speeds  and  high 
ang le s   o f   a t t ack .  

The t a i l - o n   a n d   t a i l - o f f   d i r e c t i o n a l   s t a b i l i t y   c h a r a c t e r i s t i c s  (Cn,) of 
t h e  model are shown i n   f i g u r e  11. In   t he   subson ic   r ange ,   no   s ign i f i can t   de t e -  
r i o r a t i o n   o f   t h e   v e r t i c a l  t a i l  e f f e c t i v e n e s s   o c c u r r e d   w i t h i n   t h e   a n g l e   o f  
a t t ack   r ange   fo r   wh ich   da t a  w e r e  ob ta ined .  It i s  a n t i c i p a t e d   t h a t   t h e  t a i l  
e f f e c t i v e n e s s  w i l l  be   reduced a t  h i g h e r   a n g l e s   o f   a t t a c k .   T h i s  w i l l  r e q u i r e  
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t he   u se   o f  strakes on t h e   n o s e  similar to   those   used   on   the   Concorde   and   the  
DC-9-50 t o   p r o v i d e   s a t i s f a c t o r y   d i r e c t i o n a l   s t a b i l i t y   c h a r a c t e r i s t i c s  a t  h igh  
s i d e s l i p   a n g l e s  a t  h i g h   a n g l e s   o f   a t t a c k   i n   t h e  low  speed   f l igh t   reg ime.  .The 
supe r son ic   da t a  show t h a t   f r o m  Mach 1 .6  t o  2.4 t h e r e  i s  a gradual   degrada t ion  
i n  ver t ica l  t a i l  e f f e c t i v e n e s s  as t h e   a n g l e   o f   a t t a c k  is increased .   But ,  a t  
c o n d i t i o n s   c o r r e s p o n d i n g   t o   t h e   d e s i g n   l o a d   f a c t o r  (CL"0.27) the   conf igu ra -  
t i o n  shows p o s i t i v e   d i r e c t i o n a l   s t a b i l i t y .  

VALIDATION OF DESIGN PROCEDURES 

The e x t e n t   t o   w h i c h   t h e   w i n d   t u n n e l  test p rov ides   va l ida t ion   o f   t he   des ign  
p rocedures   u sed   fo r   deve lop ing   t h i s   con f igu ra t ion  i s  shown by  comparing  the 
wing-body charac te r i s t ics   o f   the   base l ine   wing   and   the   improved   per formance  
wing a t  Mach 2.2. A s  shown i n   f i g u r e   1 2 ,   t h e   i n c r e m e n t a l   d i f f e r e n c e s   i n  a l l  
t h e   c o e f f i c i e n t s  are n e a r l y  as p r e d i c t e d .  The change i n   t h e   p i t c h i n g  moment 
observed  between W 1  and W2 i s  o f   s p e c i a l   i n t e r e s t   b e c a u s e   t h e   d e s i g n   o f  W2 
was predicated  on  making  the wing-body p i t c h i n g  moments p o s i t i v e ,   r e q u i r i n g   a n  
u p - t a i l   l o a d   t o  t r i m  t h e   a i r c r a f t .  

The va lue   o f   t h i s   concep t  i s  shown i n   f i g u r e  13. The  trimmed L/Dmax 
shown a s  a f u n c t i o n   o f   c g   l o c a t i o n   i n c l u d e s   t h e   s k i n   f r i c t i o n   a n d  wave d r a g  of 
t h e   h o r i z o n t a i   a n d  ve r t i ca l  t a i l s  as w e l l  as t h e  t r i m  drag   due   to   the   hor izon-  
t a l  t a i l  l i f t  and  drag-due-to- l i f t .   While   the level of   exper imenta l  L/Dmax 
i s  s l i g h t l y  less than   pred ic ted ,   the   exper imenta l   increments   be tween W 1  and 
W2 are almost as p r e d i c t e d .   T h i s   f i g u r e   a l s o   p o i n t s   o u t   t h e  rea l  b e n e f i t  
ob ta ined   by   op t imiz ing   the   wing   for  a d e s i r e d   p i t c h i n g  moment. The h i g h e s t  
ach ievable  L/Dmax can   be   ob ta ined   w i th in   des i r ed   cg  limits. The cg limits 
shown were chosen so t h a t   t h e   a f t   s u p e r s o n i c  limit cor re sponds   t o   t he   subson ic  
n e u t r a l   p o i n t ,   a n  MDC d e s i g n   r e q u i r e m e n t   f o r   t h i s   c o n f i g u r a t i o n .  

CONCLUSIONS 

The r e s u l t s   o f  a wind  tunnel  test  of a model  of  the McDonnell  Douglas 
Supe r son ic   Cru i se   A i rc ra f t   j u s t i fy   t he   des ign   p rocedures   u sed   t o   deve lop   t he  
c o n f i g u r a t i o n .  The d a t a   o b t a i n e d   w i t h  a baseline  and  improved  performance  wing 
suppor t   t he   ana lys i s   and   des ign   me thods ,   w i th   t he   poss ib l e   excep t ion  of some 
d i sc repancy   i n   t he   p red ic t ion   o f   t he   d rag -due - to - l i f t .  However,  even  with 
d i s c r e p a n c i e s   i n   t h e   p r e d i c t e d  leve l  of   drag-due-to- l i f t ,   the   increments   between 
c o n f i g u r a t i o n s  are as p red ic t ed   and   can   be   u sed   t o   i den t i fy   fu r the r   improve -  
ments i n  performance. The r e s u l t s  a l so  v e r i f i e d   t h e  good  aerodynamic  effi-  
c i ency   o f   t he   con f igu ra t ion   w i th  a demonstrated  trimmed L/Dma, of 9.1. It  
s h o u l d   b e   n o t e d   t h a t   t h i s   c o n f i g u r a t i o n  w a s  no t   op t imized   so l e ly   fo r   ae rody-  
namics ,   but  w a s  t a i l o r e d   t o   p r o v i d e  a good match  between  s t ructural   and  aero-  
dynamic  performance. 

There i s  demonst rab le   ev idence   tha t  known ref inements  are p o s s i b l e   t o  
raise t h e  L'Dmax t o  9 .6 ,  and a g o a l  of 10.3 has   been  s e t  for   t echnology 
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r e s e a r c h  as a real is t ic  ta rge t   for   an   a r row  wing   des ign  a t  a Mach number of 2.2. 

The v a l u e   o f   o b t a i n i n g   w i n g   p r e s s u r e   d i s t r i b u t i o n s  as w e l l  as force   and  
f low  v i sua l i za t ion   da t a ,   even   du r ing   t he   ea r ly   s t ages  of the  development  of a 
c o n f i g u r a t i o n ,  w a s  amply demonst ra ted .   Wi th   th i s   degree   o f   de ta i led   da ta  i t  i s  
p o s s i b l e   t o   d e t e r m i n e   t h e   t r u e   l i m i t a t i o n s  of t h e  l inear  t h e o r y   u s e d   i n   t h e  
a i r c r a f t   d e s i g n   p r o c e s s .  

REFERENCES 

1. FitzSimmons, R. D .  and  Hoover, W. C. :  AST-A F i f th   Engine   for   Envi ronmenta l  
Considerat ion.  SAE Paper  730899,  1973. 

2. FitzSimmons, R. D. and  Roensch, R. L . :  Advanced Supersonic   Transport .  SAE 
Paper  750617,  1975. 

3.  Radkey, R. L . ,  Welge, H. R . ,  and  Roensch, R.  L . :  Aerodynamic  Design  of a 
Mach 2 .2   Supersonic   Cru ise   Ai rcraf t .  AIAA Paper No. 76-955,  1976. 

4 .  Welge, H. R . ,  Radkey, R. L . ,  and  Henne, P .  A . :  Nacelle  Aerodynamic  Design 
and   In t eg ra t ion  on a Mach 2 .2   Supersonic   Cru ise   Ai rcraf t .  AIAA Paper 
NO. 76-757,  1976. 

5. Henne, P. A . :  Unique  Application o f  t h e  Method of  C h a r a c t e r i s t i c s   t o   I n l e t  
and  Nozzle  Design  Problems. AIAA Paper No. 75-1185,  1975. 

6.   Gentry,  A. E . ,  Smyth, D.  N . ,  and Oliver,  W. R . :  The Mark I V  Supersonic- 
Hypersonic  Arbitrary-Body  Program. AFFDL-TR-73-159, 1973. 

7 .  Jones ,  R. T . :  Theory o f  Wing-Body Drag a t  Supersonic  Speeds. NACA Report 
1284,  1956.  (Supersedes NACA RM A53H18a, 1953.) 

8. Whitcomb, R. T . :  A Study  of  the  Zero-Lift  Drag Rise C h a r a c t e r i s t i c s   o f  
Wing-Body Combinations Near the  Speed of  Sound. NACA Report  1273,  1956. 
(Supersedes NACA RM L52H08, 1952.) 

9. Woodward, F. A . ,  Tinoco, E. N . ,  and  Larson, J. W.: Analysis  and  Design of 
Supersonic Wing-Body Combinations,   Including Flow P r o p e r t i e s   i n   t h e  Near 
F i e l d .  NASA CR-73106, 1967. 

161 



t-------------OVERALL LENGTH 94.5111 (310 F T I  -1 

-2. 

..... - - : - .................................................... 4 1  - - 
__==____ I OVERALL HEIGHT 

16.7111 (54.8 FT) - 

Figure  1.- MDC b a s e l i n e   s u p e r s o n i c   c r u i s e   a i r c r a f t .  

F igu re  2.- Model i n  Ames 9-foot by 7-foot t unne l .  
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Figure  3 . -  Model i n  Ames 11-foot   tunnel .  

0.20 

0.15 

c L  0.10 

0.05 

0 
0.008  0.010 0.010 0.010 0.010 0.010  0.012 0.014 0.016 0.018 

C D  

F i g u r e  4 .- Wing-body d rag  polars. 
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F i g u r e  5.- Wing-body l i f t   c u r v e s .  
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Figure  6.- T a i l - o f f   p i t c h i n g  moment c h a r a c t e r i s t i c s .  
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Figure  7.-  Low a n g l e  of a t t a c k   c a l c u l a t e d   a n d  
e x p e r i m e n t a l   p r e s s u r e   d i s t r i b u t i o n s  on B W 1 2' 

M = 2.2 
a = 8.7  DEG a Y/(b/2) 
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Figure  8.- High a n g l e  of a t t a c k   c a l c u l a t e d   a n d  
e x p e r i m e n t a l   p r e s s u r e   d i s t r i b u t i o n s   o n  B1W2. 
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M = 2.2 

Figure  9.- Upper s u r f a c e   t u f t s .  
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F i g u r e  10.- Schl ie ren   photographs .  
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MACH NO. 

Figure 11.- M e a s u r e d   d i r e c t i o n a l   s t a b i l i t y   c h a r a c t e r i s t i c s .  
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F i g u r e  1 2 . -  Comparison of wing-body c h a r a c t e r i s t i c s  
for two wing d e s i g n s .  
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M = 2.2 

Figure  13 .- Effec t  of CG l o c a t i o n  on trimmed L/Dma,. 
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.I 
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Walter E. McNeil 1 
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SUMMARY 

A piloted  simulation  study was conducted w i t h  the aim of  advancing the 
development of longitudinal hand1 i n g  qua l i t i es   c r i te r ia  for large  supersonic 
cruise   a i rcraf t .  The areas  of  study  investigated, u s i n g  the NASA Ames F l i g h t  
Simulator  for Advanced Aircraf t ,  included high-speed cruise maneuvering, 
stall-recovery  control power,  and landing approach for normal  and minimum- 
safe  operation. Only the f irst  two areas  are  discussed i n  this paper. Com- 
parisons were made w i t h  exis t ing  cr i ter ia  and, for the  cruise  condition, a 
time  response cr i ter ion was developed which correlated well w i t h  p i l o t  ra t -  
ings and  comments. For low-speed s t a l l  .recovery a new cr i ter ion was dev- 
eloped i n  terms of nose-down angular  acceleration  capabil  ity. The resu l t s  
of the  study were reported i n  reference 1 .  

INTRODUCTION 

Developmental research conducted d u r i n g  the National SST Program  showed 
the  important  benefits i n .  a i r c r a f t  economics tha t  could be gained  through 
advancements i n  flight  control system design. For example, a sophisticated 
s t a b i l i t y  and control augmentation  system can provide sat isfactory handling 
qual i t ies  i n  an a i rplane  af ter   the  low-speed s t a t i c   s t a b i l i t y  of  the bare 
airframe has been sacr i f iced  to  minimize supersonic trim drag .  

These highly-augmented control systems character is t ical ly   generate   a i r -  
plane dynalrlic responses tha t   a re  more  complex than ordinarily  observed, and 
which are  not  adequately  specified by existing handling qua l i t i e s   c r i t e r i a  
( refs .  2 and 3 ) .  The simulation  study  described  herein was conducted t o  
improve the  data base for  establishing  generalized  handling  qualities 
c r i t e r i a  for large  supersonic  cruise  aircraft w i t h  these advanced f l i gh t  con- 
trol  systems, t h u s  allowing  definition of control system design  requirements 
for  normal operation, and establishment of factors  contributing t o  minimum 
s tab i l i ty   l eve ls   for  minimum-safe operation. 

*Performed under contract NAS2-7966 
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SYMBOLS AND ABBREVIATIONS . 
CAS 

cL 
cm 

EAD I 

Fcol 

f Pm 

fPS 

f t  

9 

i n  

L a  

1 b 

max 

NASA 

na  
N 

n Z  

"Z 
PR 

ss 

PT 

9 

cal i brated  airspeed  (knots) 

center of gravity (% CR) 

1 i f t  coefficient 

centimeters 

root chord 

degree 

electronic   a t t i tude  director   indicator  

column force (N, 1 b )  

feet  per  minute 

feet  per second 

feet  

gravi ty  (m/sec2,  ft/sec 2 

inches 

normalized l i f t  per  angle of attack (l/sec) 

pounds 

maximum 

National Aeronautics and Space Administration 

normalized load factor  per  angle of  attack  (g 's/rad) 

newton 

normal load factor  ( g ' s )  

steady  state normal load  factor ( g ' s )  

p i l o t  r a t i n g  

prototype 

pitch angular  acceleration  (deg/sec ) 2 
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I 
- 

rad 

VTlS 

sec 

SST 

T 

T28 

%ax 

5 

e 

%ax 

@S s 

OW 

on 

T '  

8 

radian 

root mean square 

seconds (time) 

supersonic  transport 

time  (seconds) 

time-to-double  pitch a t t i t ude  (seconds) 

time-to-maximum pitch  rate  (seconds) 

damping r a t io  

pitch  attitude  (deg) 

pitch  rate  (deg/sec) 

maximum pitch  rate  (deg/sec) 

steady  state  pitch  rate  (deg/sec) 

vertical  turbulence component , rms (m/sec, fps) 

natural  frequency  (rad/sec) 

SIMULATION  FACILITY 

The pilot  evaluations were performed u s i n g  the NASA-Ames F l i g h t  Simu- 
1 a tor   for  Advanced Aircraft ( F i g .  1 ) . The cockpit i s   ou t f i t t ed  w i t h  two crew 
stations and is  mounted on a large-motion system having six degrees of 
freedom. In addition  to  conventional  cockpit  control and instrument  arrange- 
ments, the  simulator  incorporates a visual  display  generated by a closed- 
c i rcui t   color   te levis ion system w i t h  visual models for  high-altitude  cruise 
or landing approach. All control  forces were simulated by means o f  hydraulic 
control  loaders w i t h  adjustable  force  gradients. Real-time  computations 
necessary for  the  simulation were performed by a large  capacity  digital com- 
puter. A complete  mathematical model of  the Boeing  2707-300 PT (F ig .  2 )  
served  as the basel ine  a i rcraf t   for  this study. 

The cockpit  instrument panel configuration used for  the  portions of the 
study discussed  herein i s  shown i n  Figure 3.  Dominating the  center o f  the 
panel was  an electronic  att i tude  director  indicator,   or E A D I ,  w i t h  which i t  
was possible  to  vary the pi tch  a t t i tude  display  sensi t ivi ty  from 0.41 cm/deg. 
t o  0.76 cm/deg. (0.16 in/deg t o  0.30 in/deg)  for the high-speed cruise 
maneuvering case. 
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HIGH-SPEED CRUISE  MANEUVERING 

The handling qua l i t i es   c r i te r ia   da ta  base for  h i g h  speed cruise maneuver- 
i n g  was to  be based on a i r c r a f t  response character is t ics  and parameters 
related  to  longitudinal  handling  qualities. Response parameters were 
selected  that  describe  the  airplane's  short  period mode character is t ics .  
These parameters were derived from a ser ies  of  airplane  pitch  response  char- 
acter is t ics   resul t ing from a given i n p u t  comand.  Selected as an input com- 
mand, representative  of a typical  pilot  i n p u t ,  was a columg step i n p u t .  The 
response  parameters were pitch  rate  overshoot  ratio  (Qmax/BSs) , time-to-peak 
pitch  rate (T' ), and damping constant ( c w  ). Response parameters were 

%ax n 
selected  as a cr i ter ia   data  base i n  order  to a1  low evaluation of airplane 
handling qua l i t i es  w i t h  airplanes  that have non-linear  longitudinal  charac- 
ter is t ics ,   a i rplanes  that  cannot be represented by a simple second order 
system. Such c r i t e r i a  would be  more generally  applicable  to  large  supersonic 
aircraft ,   the  subject of this study. 

Other  parameters tha t   re la te  t o  longitudinal hand1 ing qual i t ies   that  were 
evaluated i n  this study were the column force  gradient and the  sensit ivity o f  
the  pitch  attitude  display  indicator, i n  this case an  EADI. These parameters 
were considered  relevant  since  they  are  parameters i n  the  pilot-airplane 
control  loop, and conceivably would impact the  handling  qualities  perceived 
by the p i l o t .  

A complete l i s t  of  a l l  parameters  evaluated  along w i t h  parameter  values 
is  presented i n  Table I. Each parameter was varied by the magnitudes i n d i -  
cated, and evaluated  independently w i t h  the  other  parameters  set  at  the 
nominal values as indicated by the arrow i n  the Table. 

To be consistent through the  evaluation a se t  of defined p i l o t  tasks 
was established for each area  studied. The p i l o t  tasks  defined  for  the h i g h  
speed maneuvering study  area  discussed  here  are  presented i n  Table 11. All 
p i l o t  evaluations were rated  using €he Cooper-Harper pilot   rating  scale 
reproduced i n  Figure 4.  

The f l i g h t  condition  selected  for  the high-speed evaluations was the 
condition  occurring a t  the end of  supersonic  climb  for  the 2707-300PT a i r -  
plane,  identified  as  follows: 

o Mach 2.7 

o 18,288 meters (60,000 fee t )a l t i tude  

o 567 knots CAS 

o Gross weight 251,744 kilograms (555,000 pounds) 
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I 

o 62% C R  center of gravity  (aft  1.imit) 

Results of the high-speed maneuvering evaluations can  be sumnarized as 
fol lows : 

o Most sensitive EADI scale  available was found  most desirable. 

o Shor t  period  response  parameters  could be categorized i n  terms o f  
a time  response  envelope cr i ter ion.  

o Column force  gradient was insensit ive w i t h i n  the range evaluated. 

The evaluation  sequence was t o  f i rs t  determine  the  desired  sensitivity 
o f  the  att i tude  display  indicator which for   these  tes ts  was  an electronic 
att i tude  director  indicator (EADI)  and is  described i n  Figure 5, Then the 
desired EADI sens i t iv i ty  was used fo r   a l l  o f  the remaining high speed evalu- 
ations.  Detailed  results of these  evaluations will be presented i n  the  fol-  
lowing paragraphs. 

Pitch  Attitude  Display  Sensitivity 

For a l l   t e s t i n g   a t  h i g h  speed cru ise- the  EADI  was used.  Variation o f  
the  pitch  attitude  scale was desired  as  part o f  the high-speed evaluation 
since a greater   sensi t ivi ty   is   required  a t  h i g h  supersonic  cruise  speeds 
t h a n  a t  subsonic  cruise  speeds. The pitch  att i tude  scale  sensit ivity  require- 
ment should be roughly  proportional t o  the magnitude of the  true  velocity 
vector which defines  the  relationship between a change i n  vertical  velocity 
and a change i n  pitch  att i tude.  For example, one degree of  pitch  att i tude 
a t  Mach 2 . 7  results  in 853 m/min (2800 fee t  per  minute) vertical  velocity, 
while a t  Mach .8 one degree o f  pitch change results  in approximately 244 m/min 
(800 feet  per minute)  vertical  velocity. With the  requirement  established for 
a greater p i t c h  att i tude  sensit ivity,   the  objective was t o  f i r s t  define  the 
optimum pitch  att i tude  sensit ivity and  then  conduct a l l  other  evaluations a t  
t h a t  scale  sensitivity  value. 

Three pitch  scale  values were evaluated as  seen i n  Table I .  The resul ts  
o f  this study  are  presented i n  Figure 6. Both pi lots  conducting th i s  evalu- 
ation  preferred  the .762 cm/deg (.30 in/deg)  sensitivity  according t o  the 
ratings given and according to   t he i r  comments.  They  were both given the i r  
choice o f  any of the three  sett ings  for  the remainder  of the high-speed 
evaluation, and both selected this sett ing,   the most sensi t ive.  Also, i t  
should be pointed o u t  tha t  this was the most sensitive  setting  possible w i t h  
the EADI system available. T h i s  was due to  the  spacing o f  the  pitch  bars. 
approaching the  l imit  of the  screen  size  available.  Pilot comments were 
received d u r i n g  the  evaluation of other  parameters  indicating a more sensi- 
tive  pitch  scale would  be desirable. 
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Pitch Response Parameters 

Results o f  the evaluation of the  three pitch response  parameters  (pitch 
rate  overshoot  ratio,  time-to-peak  pitch  rate, and pitch damping constant) 
are  presented i n  Figures  7, 8, and 9. The overshoot r a t i o  parameter  indicates 
an upper limit a t  7.1 b u t  no lower limit. That i s ,  the smaller  overshoot 
ra t io   the  bet ter .  Also,  the  time-to-peak  pitch  rate  results show  an upper 
limit of  1.2  seconds b u t  no lower limit. The quicker  responding  the  better 
as long  as   that  is combined w i t h  good overshoot  characteristics and  good 
damping. Results o f  pitch damping evaluation show a lower limit o f  sun 
= .55 w i t h  no upper limit; the more  damping the  better  as long as good 
quick  response exis ts .  

These resu l t s  just described  say  that  pilots  like an airplane  that  
responds precisely and quickly and has h i g h  damping. Such results  are 
logical and to  be expected, which tend t o  lend  confidence i n  these  tes t  
resul ts .  

The problem now becomes  one of summarizing these  results i n  an 
analytical manner t o  fcrm the  basis f o r  longitudinal handl i n g  qual i t ies  
c r i t e r i a .  

Cri ter ia  Development 

Previously  established  criteria were investigated t o  determine i f  any 
were adequate and complete for this area  of study. These c r i t e r i a  were: 

Mi 1 F-8785B 

C* Longitudinal Handling Qualit ies  Criterion 

National SST Time Response Criteria (Based on the Shomber-Gertsen 
Cri ter ia)  

Both the Mil F-8785 (Reference 1 ) short period  response c r i t e r i a  and the 
C* Longitudinal Handl ing Qualities  Criterion  (Reference 4 )  were found t o  be 
unsatisfactory i n  a s ignif icant  number o f  cases. The SST time response 
cri teria  (reference  5) were found t o  correlate  very  favorably w i t h  the 
results o f  this  evaluation; and with a slight  modification  they are  believed t o  
be sa t i s fac tory   c r i te r ia  by which t o  judge  high-speed longitudinal handl  i n g  
qua l  i t i e s .  

As mentioned previously,  the SST time response c r i t e r i a   a r e  based on the 
Shornber-Gertsen Cri ter ia  (Reference 6 )  which are  defined i n  Figure 10. The 
problem w i t h  u s i n g  the Shomber-Gertsen Cri ter ia   direct ly  is  t h a t  they  are 
based on a simp1 e second order system and d i rec t  comparison w i t h  higher  order 
systems and non-linear systems would  be inappropriate. However, such a 
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comparison i s  possible by comparing the time history response to  a comnon 
i n p u t  command, such as a column step, of  the second order system to  the h igher  
order system. This was the approach taken d u r i n g  the  Natimal SST Program 
i n  developing  the  longitudinal  response  time  history  criteria which will be 
referred t o  as  the SST Time Response Cri ter ia  i n  this paper. 

The SST Time Response Cri ter ia  were developed from the Shomber-Gertsen 
Cri ter ia  by selecting  points around the boundary and determining  the  response 
to a step i n p u t  fo r  each point. All responses  for  all  points  selected were 
then normalized based on. the  steady  state  value  following  the i n p u t  and over- 
l a id  on top  of each other. A boundary was then drawn that  enclosed  the  over- 
la id  normalized  responses and this boundary then  established  the time response 
c r i t e r i a .  Boundaries can-be developed us ing  either  pitch  rate  or normal load 
factor  as  presented i n  Figure 11. The boundaries for  high-speed cruise must 
be based on the Shomber-Gertsen boundary for  h i g h  values (na  >, 15)  since 
the math  model being  evaluated had na = 16.535 g/rad. 

The SST Time Response Criteria i n  terms  of pitch  rate and load factor 
were both compared w i t h  the  results o f  the  piloted  evaluation  discussed  pre- 
viously. However, the load factor envelope was nct  as  consistent w i t h  the 
results  as  the  pitch  rate envelope was. Therefore, only comparisons w i t h  the 
pitch  rate boundary will be  made i n  this paper. 

Comparison of  the  pitch  response  characteristics o f  the  three  response 
parameters and the SST Time Response Criterion  are  presented i n  Figures  12, 
13, and 14. In Figure 12 the  pitch  rate  overshoot  ratio comparison i s  made. 
As seen i n  this figure,  the comparison i s   qu i t e  good.  Those responses  that 
are w i t h i n  or on the envelope boundary are  rated  satisfactory or bet ter .  The 
only serious  exception i s  a t  the lower boundary where the  cr i ter ion  cal ls  for 
a t   l ea s t  an overshoot r a t i o  of 2.65. As seen,  the  response w i t h  an overshoot 
ra t io  o f  1.94,which has the  best p i l o t  r a t i n g  of  2.3,violates  the boundary. 
No jus t i f ica t ion  i s  apparent for requiring a m i n i m u m  overshoot r a t io  value 
as  the  criterion  presently  does. A t  these low p i t c h  ra te  values associated 
w i t h  Mach 2.7,for a given load factor, the  pitch  rate  overshoot  ratio becomes 
less  important t o  the p i l o t  a t   t he  lower overshoot  ratio.  Therefore, a 
boundary modification i s  recommended to  this  cri terion  consisting of truncat- 
i n g  the lower boundary a t  an overshoot r a t io  of 1.0. 

Figure 13 presents  the comparison of  the  time-to-peak  pitch  rate 
responses w i t h  the time response cr i ter ion envelope. These responses and 
corresponding  average pilot   ratings compare well w i t h  the envelope  boundaries. 
The time-to-peak of  1.4  seconds is just   outside of the  pitch  rate time 
history boundary and is  rated s l i g h t l y  unsatisfactory. The time-to-peak of 
2.0 seconds is considerably  outside  the boundary and the  pilot   ratings 
def ini te ly   ref lect  this. The only  area  of any s l i g h t  disagreement ex is t s  
w i t h  the time-to-peak  of .45 seconds. This does s l i g h t l y  violate  the 
boundary on the low side.  However, i t  should be  remembered that  this portion 
of  the boundary i s  def ini te ly  i n  disagreement w i t h  the  overshoot  ratio  test 
results, and should be modified  as recommended i n  the  discussion of those 
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t es t   resu l t s .  W i t h  this recommended modification  to the boundary, the 
response for the  time-to-peak o f  .45 seconds will then n o t  violate  the 
cri   terion envel ope. 

Comparison of the  pitch  responses based on  damping constant (&, ) 
w i t h  the  cri terion envelope i s  very straightforward as seen i n  Figure '14. 
A l l  responses that  were rated  satisfactory  are well w i t h i n  the envelope and 
the one response that  was unsatisfactory  (pilot r a t i n g  = 4.5) violates  the 
boundary. 

The conclusion is  t h a t  the SST Time Response Criterion w i t h  the recom- 
mended boundary modification  presented-in  Figure  15 does provide an adequate 
and complete method for  verifying  satisfactory high-speed longitudinal 
hand1 i n g  quali t ies  for  the parameters  investigated. 

Col umn Force Grad 1 ent 

Results of  the  evaluation of column force  gradient  are  presented i n  
Figure 16. As seen,  these  results d i d  n o t  establish any preferred boundary 
over the range tested.  No real  conclusions were drawn  from these  data. 

STALL RECOVERY CONTROL POWER 

The purpose of evaluating  stall  recovery  control power  was t o  develop 
a cri terion  that   defines  the magnitude o f  elevator  control power needed for 
safe,  positive  recovery from this h i g h  angle  of  attack, min imum speed 
condition. 

Normal s t a l l  is associated w i t h  a sudden loss of l i f t  and a nose-down 
pitch  reaction which resul ts  i n  a s table  s ta l l  recovery w i t h  m i n i m u m  reaction 
required from the p i l o t .  Delta wing and arrow wing configurations do n o t  
exhibit  the normal s ta l l  character is t ic ,  t h a t  i s ,  there is normally n o t  a 
sudden loss of l i f t  nor a nose-down  moment. With such configurations  the 
s ta l l  speed is  a defined speed known as  the minimum demonstrated  speed, or i n  
more general  terms,  the speed associated w i t h  the maximum demonstrated l i f t  
coefficient.  Establishment  of  the  defined s t a l l  speed i s  based on r e s t r i c t -  
i n g  the  a i rcraf t   to  avoid  encountering  undesirable h i g h  angle  of  attack 
characterist ics such as a loss of  directional  stabil i ty,   pitch u p ,  e tc .  Also, 
one of the  items  that migh t  be l i m i t i n g  a t  the  defined  stall speed i s   the  
amount o f  elevator  control power available i n  the nose-down direction,  since 
the  pilot  must recover  the  aircraft from the  defined  stall speed  manually. 
Defining a criterion  covering  elevator  control power for s t a l l  recovery was 
the purpose o f  this  simulator  evaluation. 

The s t a l l  recovery  control power evaluation was conducted by varying 
the magnitude o f  the  elevator  control power  and having the  pi lot   f ly  a ser ies  
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of  typical  stall  approaches  terminated w i t h  manual s t a l l  recovery. A 
detailed  description  of  the  pilot  task is presented i n  Table 111. 

Longitudinal s t a b i l i t y  from this evaluation was near  neutral  as seen 
i n  Figure 17, which is  typical f o r  an airplane  of this type.  Variations. of 
the elevator  control powerweremade i n  such a manner as  to  not  affect  the 
longitudinal  stabil i ty.  

In addition  to  evaluating the variation i n  elevator  control power the 
e f fec t  of  atmospheric  turbulence was  a1 so determined. Atmospheric turbulence 
was varied from zero t o  2.13 m/sec (7.0 ft /sec)  root mean square  vertical 
gusts. 

Results o f  this study are  presented i n  Figure 18 as a function  of nose- 
down angular  'acceleration  rather  than  elevator  control power t o  make the 
results generally  applicable. Nose-down angular  acceleration was based on 
fu l l  nose-down elevator   a t  the defined s t a l l  speed from a trimmed f l i g h t  
condition.  Corrections  to  the  data were applied  for any out of trim condi- 
t ion   a t   in i t ia t ion  of s ta l l  recovery. 

Some data   scat ter  does result   as can be seen i n  Figure  18, b u t  s a t i s -  
factory  fairings have  been generated.  Also, a boundary i s  shown correspond- 
i n g  to  a pilot   rating of  3.5. The pi lot   ra t ing of  3.5 was selected  as  the 
boundary for  required s ta l l  recovery  control power since  that  is  the d i v i d -  
i n g  l i ne  between a configuration needing improvement and one not needing 
improvement. Stal l  recovery is  an emergency  maneuver for  commercial a i r -  
planes and airplanes must be judged sat isfactory w i t h  no improvement  needed 
for this maneuver to  insure  positive  recovery. 

The e f fec t  of turbulence was to  require an increased nose-down angular 
acceleration w i t h  increased  turbulence  levels. In order  to  general  ize  the 
cri terion  the d a t a  were cross p l o t t e d  t o  p r o v i d e   a n g u l a r  acceleration required 
as a function o f  turbulence  level for a p i l o t  rating o f  3.5. This cr i ter ion 
is presented i n  Figure 19. 

This generalized  criterion  then  gives  the  designer  the  option of estab- 
l i s h i n g  the  required nose-down angular  acceleration based on his particular 
probable maximum turbulence  level  associated w i t h  s t a l l .  As long a s   s t a l l  
recovery i s  n o t  coupled w i t h  some other   s tabi l i ty   or   control  problem, this 
cr i ter ion i s  satisfactory.  

CONCLUDING REMARKS 

Results of this study have shown a requirement for increased  sensitivity 
o f  the  pitch  att i tude  display  at  high-speed cruise.  The desired  sensit ivity 
established  for this evaluation was .762 cm/deg ( . 3  in/deg). 
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Short  period  longitudinal  response  parameters have been shown to  cor- 
relate w i t h  the previously defined SST Time Response Criterion. This cri- 
ter ion w i t h  a recommended modification will define satisfactory  handling 
quali t ies.considering the type of response  characteristics  evaluated i n  this 
study. 

A minimum level of  longitudinal  control power  was defined f o r   s t a l l  
recovery  for   a i rcraf t   that   exhibi t  the de l ta  wing o r  arrow wing s t a l l  char- 
ac te r i s t ics .  The control power was found to  be affected by atmospheric 
turbulence. Correlation  of  longitudinal  control power w i t h  atmospheric 
turbulence as a general  criterion was accomplished. 
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TABLE 1.- HIGH-SPEED CRUISE MANEUVERING TEST CONDITIONS 

VARIED PARAMETERS I RANGE 

EADI PITCH SCALE SENSITIVITY 

PITCH RESPONSE TO A 
COLUMN STEP INPUT 

PITCH RATE  OVERSHOOT 
1.94 
4.10 (I 

RATIO, e,, / 6 ss 6.10 
I 8.20 

.45  sec 

.9O(I 
1.40 
200 

DAMPING CONSTANT, I .36 I /  sec 
.90 (I 

2.42 
45 N l g  (10 Iblg) 

. COLUMN FORCE GRADIENT, Fool / g 

285 (64) 

111 ( 25) 
ma (45) a 

0 NOMINAL VALUES 

TABLE 1 1 . -  HIGH-SPEED CRUISE MANEUVERING PILOT  TASK 

ALTITUDE CHANGES (HOLDING MACH NO. CONSTANT): 

1. CLIMB 76M @ 152MlMINUTE (250 R @ 500 FPM) AND STABILIZE 
2 DESCEND 229M @ 35MIMINUTE (750 FT @ loo0  FPM) AND STABILIZE 
3. CLIMB 35M 8 610MIMINUTE (1ooO-FT @ 2ooo FPM)  AND  STABILIZE 
4. DESCEND 152M @ 152MIMINUTE ( 5 0 0  F T @  Kx) FPM)  AND  STABILIZE 

AIRSPEED CHANGES (HOLDING ALTITUDE CONSTANT): 

1. INCREASE SPEED 20 KNOTS AND  STABILIZE 
2 DECREASE  SPEED 40 KNOTS AND STABILIZE 
3. INCREASE SPEED 20 KNOTS AND  STABILIZE 

HEADING CHANCES (HOLDING ALTITUDE AND AIRSPEED CONSTANT): 

1. TURN 19 LEFT I N  19 BANK AND LEVEL  OFF 
2 TURN 200 RIGHT I N  @ BANK AND LEVEL  OFF 



TABLE I l l . -  STALL RECOVERY PILOT TASK 

1. T R I M M E D   A T   M I N I M U M   O P E R A T I O N  SPEED (145 KNOTS C A S )  

2 REDUCE  THRUST TO ESTABLISH  DECELERATION  RATE 

3. A T M I N I M U M  DEMONSTRATED  SPEED (118 KNOTS  CAS)  INITIATE 
M A X I M U M  EFFORT  STALL  RECOVERY 

4. USE  THRUST  AS  NECESSARY TO M I N I M I Z E   A L T I T U D E   L O S S  

5. CONDUCT  TEST  THREE TIMES  VARYING  AIRCRAFT  DECELERATION 
RATE WITH 1 KNOTlSEC  AS  NOMINAL 

Figure  1.- F l i g h t   s i m u l a t o r   f o r   a d v a n c e d   a i r c r a f t .  
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v W 

WING AREA - 715.3 rn2 ( 7 7 0 0  ft ) 
WING SPAN = 30.9 rn (101.5 f t )  
REF  CHORD - 43.18 rn (141.67 f t )  

Figure  2.- B a s e l i n e   c o n f i g u r a t i o n  (2707-300 PT).  

F i g u r e  3.- Simulator   cockpi t .  
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\PITCH REFERENCE DIGITAL  ALTITUDE 1 
\ 

HORIZON 7 
- \SPEED ERROR 
0 - 

FLIGHT  PATH ANGLE 

POTENTIAL  FLIGHT 
PATH ANGLE 

\"5' P ITCH  LINE 

-10' PITCH  LINE 

.F igure  5.- E l e c t r o n i c   a t t i t u d e   d i r e c t o r   i n d i c a t o r .  

RESPONSE  CONFIGURATION 

* max less - 4  
T max = 0.9 sec 

1% = 0.9 llsec 

/ g  = 111 N l g  (25 I b l g )  

E A D l  SCALE = .76 crnldeg 
1.30 inldeg) 

COOPER.-HARPER 
PILOT  RATING 

8- 
- 

6 -  
- 

4 -  
- 

2 -  
- 

d * m a x I  8 ss = 5.2 

SATISFACTORY 

J I I 1 L 
.4 .5  .6 7 .8 

cmldeg 
I I 1 I I 

.14 .la .22 .26 .30 inldeg 
E A D l  PITCH SCALE 

Figure  6 . -  High-speed   c ru ise   eva lua t ion  of Em1 
p i t c h  scale s e n s i t i v i t y .  
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RESPONSE  CONFIGURATION 

SWn 0.9 l l s e c  
T d  max = 0.9 sec 

F,I lg = 111 N l g  (25  Iblg)  8- 

EADl SCALE = .76  cmIdeg 

6 -  

- 
(. 30 in1 deg) 

SAT I SFACTORY - 

4 !  / 1 LLLLLLU 
COOPER-HARPER 
PILOT  RATING 

PR = 3.5 

2 
- 
1 I I I 

0. 2 4 6 8 
1 
10 

I 

PITCH RATE  OVERSHOOT RATIO, e,, 
Figure  7.- High-speed c r u i s e   e v a l u a t i o n  of 

p i t c h  ra te  o v e r s h o o t   r a t i o .  

RESPONSE  CONFIGURATION 

6 max /*ss = 

Sun = 0.9 l l s e c  

F,I /g = 111 N l g  (25 I b l g )  

EADl SCALE = 
.76  cmldeg 
(. 30 in./ deg) 

6t 
COOPER-HARPER 

PILOT  RATING 

2t 

SAT1  SFACTORY - 

ay ///////////.’ PR = 3.5 

A 

L 

I I I 1 I 1 
0 0.4 0. a 1.2  1.6 2.0 

TIME-TO-PEAK  PITCH R A E ,   T I )  max, sec 

F i g u r e  8.- High-speed c r u i s e   e v a l u a t i o n  of 
t ime-to-peak  pitch rate.  
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RESPONSE  CONFIGURATION 
8 / 8 ss = 5.3 TO 3.8 

T G m X  = .7 TO .95 sec 

EADl SCALE = 

F,I I g  = 111 N l g  (25  Iblg)  

.76 cmldeg 
(.N in./deg)  SAT1 SFACTORY- L 

L 

1 a 
I I I I I 1 

0.4  0.8 1.2 1.6 2.0 2.4 
LONGITUDINAL DAMPING CONSTANT, tun, l / s e c  

Figure  9.- High-speed   c ru ise   eva lua t ion  of 
l o n g i t u d i n a l  damping. 

NORMAL OPERATION 
PR - 3.5 

La IW, CR  ITER I ON naa/un  CRITERION 

O 1  .b .k 1:2 i 6  
DAMPING  RATIO f DAMPING  RATIO f 

REFERENCE: AlAA PAPER 65-780 

Figure  10.- Sh-omber-Gertsen l o n g i t u d i n a l  
h a n d l i n g   q u a l i t i e s  criteria. 

I . -. .. 
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Ks 
e 

PR = 3.5 

8 RESPONSE TO STEP INPUT 
n a  16535 g/md 

7 NORMAL OPERAT I ON 20- 
PR = 3.5 

6 

5 

4 

3 

2 

1 TIME , sec 
-.5- 

0 

Figure  11.- SST time response cr i ter ia  (de r ived  f rom 
Shomber-Ge,rtsen c r i t e r i a ) .  

RESPONSE TO  STEP INPUT 
n a  = 16.535 grad 

NORMALIZED 

Figure  12.- P i t c h  ra te  overshoot  comparison 
with c r i t e r i o n .  
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NORMALIZED 
PITCH RATE 

61 6 55 

' W  E 
RESPONSE  TO STEP INPUT 
n a  - 16535, @rad 

6 

5 

4 

3 

2 

1 

0 

-1 

Figure 13.- Time-to-peak pitch rate  comparison 
with criterion. 

6 

RESPONSE TO STEP INPUT 
n a - 16.535 glmd 

NORMAL I ZE D 
P ITCH RATE 

e /  6 5s 

Figure 14.- Pitch damping comparison with criterion. 
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a r  
RESPONSE TO STEP INPUT 
n a = 16535 g l n d  7 

6 

5 

4 

3 

2 

1 

0 

-1 

F i g u r e  15.- Xodif ied SST high-speed   p i tch  r a t e  
r e s p o n s e   c r i t e r i o n .  

RESPONSE  CONFIGURATION 

6 max l e s s  4 

W max =0.9 
tun = 0.9 l/SeC 8-  MIL-F-8785  LIMITS BASED ON 

A  LOAD FACTOR DESIGN  L IMIT : f i  EADl SCALE = OF 2.5  g'S 
7.6  cmIdeg 
(.30 in./deg) 6 

4 

COOPER-HARPER 

PILOT  RATING 2 1 Ad 
b 

I I I I I 

I I I I 
0 100 200 m 400 N l g  

0 20 40 60 &j I b l g  
COLUMN FORCE GRADIENT 

F i g u r e  16.- High-speed .cru ise   eva lua t ion   of  
column f o r c e   g r a d i e n t .  
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Figure  17.- L o n g i t u d i n a l   s t a b i l i t y  - s t a l l  recovery   eva lua t ion .  

COOPER - 
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Figure  18.- S t a l l   r e c o v e r y   c o n t r o l  power eva lua t ion .  
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NORMAL  OPERATION 
PILOT  RATING - 3.5 

SATISFACTORY 

NOSE-DOWN ANGULAR 
ACCELERATION I 
q , deglsec 2 *t 

1 I 

0 2 4 6 
I I l 

a ftlsec 

VERTICAL TURBULENCE COMPONENT 
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F i g u r e  19.- E f f e c t  of t u r b u l e n c e  on s ta l l  recovery 
c o n t r o l  ,power. 
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HANDLING  QUALITIES  ASPECTS OF 

NASA  YF-12  FLIGHT  EXPERIENCE 

Donald T . Berry,  Donald L .  Mallick, 
and Glenn B . Gilyard 

NASA Dryden  Flight  Research  Center 

SUMMARY 

This  paper  reviews  the  handling  qualities of the YF-12 airplane  as  observed 
during NASA research  flights  over  the  past  five  years.  Aircraft  behavior  during 
takeoff,  acceleration,  climb,  cruise,  descent,  and  landing  are  discussed. Pilot 
comments on the  various  flight  phases  and  tasks  are  presented.  Handling  qualities 
parameters  such  as  period,  damping, amplitude ratios, roll-yaw  coupling,  and 
flight  path  response  sensitivity  are  compared to existing  and  proposed  handling 
qualities  criteria.  The  influence of the  propulsion  systems,  stability  augmentation, 
autopilot  systems,  atmospheric gusts,  and  temperature  changes  are  also  discussed. 
The  results  indicate  that YF-12 experience  correlates well  with flying  qualities 
criteria,  except  for  longitudinal  short  period  damping,  where  existing  and  proposed 
criteria  appear to be more stringent  than  necessary.  Problems with long  period 
flight  path  control  and  inlet  unstarts  are  generic to supersonic  cruise  vehicles,  and 
criteria  for  these  characteristics  do not exist.  The  influence of the  propulsion 
system  must  be  considered  when  evaluating  vehicle  stability  and  control. 

INTRODUCTION 

The YF-12 airplane is the  only true Mach 3 cruise  aircraft  in  the  free  world, 
and,  as  the  record books attest,  aircraft of the YF-12 series  are  the  fastest  in the 
world. Although designated  a  fighter,  the  aircraft  was  designed  for  missile- 
launching  interceptor  and  high-altitude  reconnaissance  roles.  Consequently,  its 
design  emphasizes  range  and  speed,  rather  than  maneuverability.  Flight  research 
programs with this  aircraft  have  offered NASA a  unique  opportunity to observe  the 
handling  qualities of a  supersonic  cruise  vehicle  in  an  actual flight environment. 

This  paper  discusses  aspects of  YF-12 handling  qualities  that  appear to have 
general  applicability  to  supersonic  cruise  vehicles,  with  particular  emphasis on 
operating  problems  and  handling  qualities  criteria. A qualitative  description of 
the  aircraft's  flying  qualities  throughout  the  flight  envelope is presented  in  terms 
Of pilot  comments. Since  the  aircraft is normally  operated with a full-time stability 
augmentation  system (SAS) , this  paper  primarily  discusses  the  augmented  aircraft 
However, some SAS-off cases of special  interest  are  also  covered.  The  latter  part 
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of the  paper  presents  a  detailed  and  quantitative  description of certain  selected 
characteristics.  Correlations with handling  qualities  criteria  are made where 
applicable.  Finally,  the  implications of this  experience  are  discussed  in  terms 
of potential  requirements for future  supersonic  cruise  vehicles. 

SYMBOLS 

Physical  quantities  are  given  in  the  International System of Units (SI) and 
parenthetically  in U .S . Customary Units. All  measurements  were  taken  in 
Customary Units. 

a t lateral  acceleration at aircraft  center of gravity,  g 

a  longitudinal  acceleration at aircraft  center of gravity,  g 
X 

Ah 

M 

incremental  altitude, m (ft) 

Mach number 

change  in normal acceleration  per  unit  change  in  angle of attack, 
g/rad 

roll  rate,  deg/sec 

yaw rate,  deg/sec 

angle of sideslip,  deg 

'a differential elevon deflection,  percent of  maximum 

'r rudder  deflection,  percent of maximum 

~ D R  Dutch roll  damping  ratio 

CSP longitudinal  short  period  damping  ratio 

i, ratio of peak  pitch  rate to steady  state  pitch  rate 

@SS 

'r roll mode  time constant,  see 

5 
S 

spiral mode  time constant,  sec 
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cp bank  angle , deg 

w n DR 

w n SP 

0 
cp 

Dutch roll undamped natural  frequency,  rad/sec 

longitudinal  short  period undamped natural  frequency , rad/sec 

frequency term of bank angle-to-aileron transfer function  numer- 
ator , rad/sec 

AIRPLANE  DESCRIPTION 

The YF-12 airplane is an advanced , twin-engined , delta-winged interceptor 
designed for long-range  cruise  at  speeds  greater  than Mach 3 and  at altitudes 
above 24,384 meters (80,000 feet). A photograph  and  a  three-view  drawing of the 
airplane  are shown in  figures 1 and 2 , respectively. The airplane  has two axi- 
symmetric , variable-geometry , mixed-compression inlets , which supply  air to two 
558 engines. Each inlet  has  a  translating compression spike and forward  bypass 
doors to control  the  position of the  normal  shock  in  the inlet. An automatic inlet 
control  system  varies  the  spike  and  bypass door  positions to maintain the normal 
shock  in  the optimum position, Manual control of the  spike and bypass  doors is 
also  available, which enables  the pilot to fix  the spike and bypass  doors at a 
desired  position. 

Two nacelle-mounted , all-movable vertical  tails  provide  directional  stability 
and  control. Additional directional  stability is provided  by  ventral  fins on the 
nacelles  and  fuselage. Each vertical  tail is canted  inward  and pivots on a small 
stub section  attached directly to the top of each nacelle. Two elevons on each 
wing, one inboard  and one  outboard of each nacelle,  perform the combined 
functions of ailerons and elevators. 

The  airplane is normally operated with a  stability augmentation system (SAS) 
engaged to provide  artificial  stability  in  pitch and yaw, and  damping in  pitch, yaw , 
and roll. An autopilot with pitch  attitude,  knots  equivalent  airspeed (KEAS) , Mach, 
and  altitude hold modes is also  available. Additional details on the flight and pro- 
pulsion  controls  can  be found in  references 1 to 3 .  

QUALITATIVE  DESCRIPTION  OF  AIRCRAFT FLYING QUALITIES 

When test  pilots  discuss  aircraft  handling  qualities , they are more likely to 
concentrate on the poor characteristics  and not mention the good points. In this 
paper both the  desirable  and  undesirable  handling  qualities of the YF-12 aircraft 
are  discussed to give  a complete picture of a  very  impressive  high-speed, 
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high-altitude  aircraft. In  addition  to  the  basic  handling  qualities,  such as  damping, 
force  gradients,  and  control  responses,  other  important  areas,  such  as  pilot visi- 
bility,  structural  modes,  inertias,  and  aircraft  systems,  are  discussed. 

The  pilot  commentary presented  here is a  product of five  years of flight  expe- 
rience  during  the NASA  YF-12 flight  research  program. In this  program,  the 
U .S . Air  Force YF-12A .and YF-12C aircraft  are  used  as  test  vehicles to gather  flight 
data on aerodynamic loads,  propulsion  system  characteristics,  and  other  areas 
unique to the  environment  at  speeds  in  excess of  Mach 3 . O  and  altitudes  above 
24,384 meters (80,000 feet) . The  sequence followed in  the  discussion is that of a 
normal test  flight from takeoff to landing. 

Takeoff and  Initial Climb 

Takeoff is begun with afterburner power  and takeoff acceleration is normally 
good. Back stick  force is applied  at  approximately 160 knots  indicated  airspeed 
(KIAS) and  the  nose  wheel  lifts off at  approximately 180 KIAS . The  aircraft is then 
rotated  and  held  at  a l o o  pitch  attitude  while  it  accelerates to approximately 200 KIAS 
where lift-off occurs.  The  longitudinal  control  response  and  damping  are good 
and  there is no tendency to overrotate or hunt  for  the loo takeoff  attitude.  However, 
the  aircraft's  ride  and  its  response to a  rough  runway make it  difficult  at  times to 
smoothly rotate to and  hold a  given takeoff attitude. At Edwards Air  Force  Base, 
both rough  and smooth runways  are  available to help  evaluate  these  characteristics. 
On a  rough  runway,  the  flexible  fuselage of the YF-12 aircraft  gives  the  pilot  a  very 
bumpy ride  in the  vertical  axis.  This  physical  input to the  pilot,  in  addition to the 
motion of the  aircraft's  nose, makes it  difficult to hold a  precise takeoff attitude. 
The problem involves  a  very uncomfortable ride  and  the  possibility of skipping or 
touching down after  initial lift-off. For the  pilot,  the  problem is not considered 
dangerous,  but  rather  a  nuisance;  for  revenue  passengers,  the  ride may be  objec- 
tionable. 

Gear retraction  results  in  a  moderate  nose-up  trim  change  that is easily con- 
trolled.  The pilot must compensate  for  the  trim  change to avoid  an  excessive nose- 
high  attitude  after takeoff.  Acceleration to 400 KEAS is rapid  and  the normal 
procedure is to reduce  power to military  for  the  initial  climb. Some concentration 
on speed  control is required  during  the  climb.  This may be  partly  due to the  loss 
of the  visual  horizon  as  a  result of the  nose-high climb attitude. In addition,  the 
aircraft's  speed  stability  seems  low. Roll and pitch  control  forces  are harmonized 
and  reasonable;  responses  in  these  axes  are  quite  adequate. All three  axes  are well 
damped with SAS on. Very  little  rudder  activity is required except  for  trim. 

Acceleration  and Climb 

The  subsonic climb is made  to approximately  10,700  meters (35,000 feet) . 
Minimum afterburner is selected  at 6100 meters (20 ,000  feet)  and maximum after- 
burner at 7600 meters (25,000 feet). When a  speed of Mach 0 .9  and  an  altitude of 
10,700 meters (35,000 feet)  are  attained,  a  pushover-type  acceleration is used to 
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reach  supersonic  speed.  The  pushover  acceleration is used  rather  than  a  level 
acceleration to expedite  the  aircraft  through  the  transonic  range of high  drag  into 
the low supersonic  range  where more excess  thrust is available  for  the  continued 
acceleration  and climb to cruise  conditions. 

When the  supersonic climb KEAS is reached,  a  constant KEAS (constant  dynamic 
pressure)  acceleration climb is made to cruise  conditions. Little  trim change is 
required for  this  particular  phase of flight.  The  aircraft's  longitudinal  and  speed 
stability is such  that  the  pilot must pay  attention to KEAS to avoid  overshoots o r  
undershoots  in  speed. A lack of care with pitch  control  inputs may result  in  the 
pilot's  chasing  airspeed (making  continual  corrections to attain  the  desired  air- 
speed).  The autopilot relieves  the  pilot of the  airspeed  control  task.  However, 
if only the  attitude command feature is used on the  autopilot,  the  pilot may still  be 
chasing  airspeed  through  the  pitch command wheel.  The  autopilot KEAS hold mode 
resolves  the problem of airspeed  control  during  the  acceleration  climb. 

A problem that  contributes to the  pilot's  task of maneuvering  the  aircraft is the 
delay  due to inertia, or  the time required to alter  the  aircraft's  vector. Because 
of this  delay,  the  pilot must anticipate  changes  and lead the  aircraft to arrive  at  a 
new speed or altitude without an  overshoot.  This  delay is especially  obvious  in  the 
establishment of a  stabilized point in  cruise. 

Cruise  Flight 

A s  the  aircraft  approaches  the  point to level off for cruise,  it is operating  at 
design  conditions  and  has  excess  thrust  available. Approximately 1000 meters 
(3000 feet) below the  desired  cruise  altitude,  the  pilot must reduce  throttle and 
start  the  noseover  maneuver. Even  with  anticipation  and  experience,  it is difficult 
to maneuver  precisely to the  desired  conditions  and sometimes several  secondary 
adjustments  in  speed  and  altitude  are  required. 

One problem that  was  discovered  early  in  the  program  was  the  excessive  lag  in 
the  pressure  rate of climb indicator.  The  lag  was  such  that  the  pilot would often  be 
chasing  the  pressure  rate of climb.  This problem was  present not only  while 
leveling  off,  but  also  during  cruise.  The  addition of an  inertial  rate of climb 
display  for  the  pilot's  panel  greatly  improved  this  situation.  The  inertial  rate of 
climb display  enabled  the  pilot to control  altitude so well  that  he  then  became  more 
aware of the  inertia  in  speed  response  that is associated  with  the engines,  inlets, 
airspeed,  and,  in some cases,  atmospheric  temperature  changes. In other  words, 
once  the  altitude  was  stabilized  by means of the  inertial  rate of climb information, 
the pilot  noticed it  was  difficult to set  a  throttle  position  that would hold constant 
speed.  This problem was  essentially  solved  by  providing  the  pilot  with  an  inertial 
longitudinal  acceleration  display.  The  addition of an inertial  rate of climb display 
and  an  inertial  longitudinal  acceleration  display  greatly  aided  the  research pilot in 
setting  up  the  numerous  stabilized  test  points  required  in  the  program. 

19 7 

""_. . . ... . .. . ." . . . . ,, 



Stability 

StabiZity  augmentation  system  on. -As noted earlier , the  longitudinal  (speed) 
stability is such  that much effort is required to set  up  a  trim or cruise  condition. 
Once the  condition is established , the  aircraft with the SAS on will  hold speed  and 
altitude  well if not disturbed.  Unfortunately,  small  pitch  attitude  changes not 
immediately apparent to the  pilot  occur , and  by  the time the  pilot  notices  it , a 
moderate altitude  change is underway. In addition , atmospheric  changes  can  cause 
Mach number  changes of kO.05 without  pilot inputs.  Therefore,  the  pilot's  constant 
scanning  and  full  attention  are  required to hold a  precise  test  condition.  The  lateral 
stability  appears to be  neutral with no tendency  for  the  aircraft to roll off. It is 
difficult,  however , to trim  the  aircraft with wings  exactly  level  and  it is not unusual 
to have  a  degree or two of undesired  bank  angle.  Throughout  the flight  envelope , 
the  directional  stability  and  damping  are  very  high.  The  aircraft  tends to change 
slightly  in  directional  trim  with Mach number  change , which may be  due to slight 
differences  in  engine-inlet  performance.  Short  period  damping  in  all  axes is high 
with the SAS on. 

StabiZity  augmentation  system off. -Extended flight  tests  have  been  conducted 
with pitch SAS off and with roll  and yaw SAS off,  but  never with  pitch  and yaw SAS 
off at the same time. With pitch SAS off,  the  short  period is not as well damped , but 
the  decrease  in  damping is not immediately apparent to the  pilot during  cruise condi- 
tions with pulse-type  inputs. With the yaw and  roll SAS off,  the  reduction  in  direc- 
tional  damping  with increasing Mach number  can be  observed  by  the  pilot.  This 
reduction is apparent  in  the  case of a  rudder-induced  sideslip and the slow tendency 
of the  nose to return when the  controls  are  neutralized. In addition , another  phe- 
nomenon related to the  engine-inlet  system will  actually  drive  the  aircraft  into  a 
slowly divergent yaw oscillation with the yaw and  roll SAS off.  This is caused  by 
the  phasing of the automatic inlet  response to the  sensed  sideslip. 

Inlet Unstart 

The  unstarl  condition of the  engine  inlets  introduces  strong  pitch, yaw , and  roll 
moments  to the  aircraft.  Depending on the  aircraft's  attitude at the time of unstart , 
these  inputs  can  be of some concern to the  pilot.  The  aircraft's  response to an 
unsymmetrical unstart is to roll  toward  the  unstarted  inlet  and to pitch  upward. In 
level  flight  with  a  normal  center of gravity  and SAS on, the  unstart is not of great 
concern to the  pilot;  however , the  sharp  cracking  noise , the  vibration  in  the  air- 
craft , and  the  loss of speed  and  altitude  are  disconcerting.  The SAS input , in 
addition to the  pilot's  natural  reaction of forward  stick  and  roll  control , normally 
results  in  a minimal attitude  change.  However, i f  the  unstart  occurs on the  inside 
engine  during  a  turn or a  pullup  maneuver , the  pilot must respond  positively to 
prevent  the  divergence of the  aircraft's  attitude. 

The unstart  converts  a smoothly running , steady  aircraft  into  a noisy , vibrating 
machine that is rapidly  losing  altitude and speed. Planned  and  uplanned unstarts 
have  been  experienced with SAS on and SAS off and  the  pilot's opinion is that  it is 
a much nicer  condition with inlets  started  and SAS on. 
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Descent 

Normal descents  are made with inlets  started  and military power, which results 
in  a long  distance  being  required  for  descent. No unique  handling  qualities  are 
present;  aircraft  handling is similar to that  in  acceleration  and  cruise. In an  emer- 
gency,  a more rapid  descent  can  be made by  setting the inlets to restart  (a  high 
drag condition)  to expedite  the  letdown. Because of the  rapid  rate of engine  cooling, 
some engine damage could occur  in  the  rapid  descent. 

Landing 

The  handling  qualities  in  the  landing  pattern  are  very good.  The aircraft is well 
damped and  control  response is positive.  Throttle and thrust  response  at  landing 
weights is rapid.  There is some tendency  for the approach  speed to vary, which 
could be  due to the  high  sensitivity of thrust  change with throttle movement. The 
aircraft  has  a  positive  ground effect and flare to touchdown is comfortable, usually 
resulting  in smooth landings. A large  drag  parachute  provides  braking  and nose 
steering is available  for  directional  control.  The  military  have  reported  that  land- 
ings on wet runways with high  crosswinds  are  a  problem,  but the  operation  at 
Edwards  has not provided an opportunity to evaluate this  condition. 

Pilot's Summary 

I have  had  the  opportunity to fly a  number of high-speed,  high-altitude  air- 
craft  and, although  they all  have  been  fine  aircraft, I have  been most impressed 
with the YF-12 aircraft. It is a  sophisticated, advanced aircraft  that  flies  in an 
environment unmatched by  other  aircraft and  does it  well. I know that  the manu- 
facturer  has  been  lauded  numerous times for its accomplishments, but  this pilot 
adds  his  congratulations  for  a job well done and still  impressive-even  today, years 
after  its  conception. 

QUANTITATIVE  DESCRIPTION OF AIRCRAFT HANDLING QUALITIES 

The  pilot comments in the preceding section are summarized in  table I to provide 
a convenient cross-reference for  the more quantitative information contained in  this 
section. 

General  Characteristics 

The pilot comments in the takeoff and  landing  phase  (table I) include  a  reference 
to the rough  ride on rougher  portions of the  runway.  Figure 3 shows a  typical YF-12 
response to runway  roughness. Peak-to-peak normal accelerations of over 1 .Og are 
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experienced.  Revenue  passengers may object to such  a  ride,  but for  military 
missions  it is acceptable. 

In the  high-speed  flight phase, the  pilot describes  inlet  unstarts  as  a  discon- 
certing  experience. An example of the  aircraft's  response to a  typical  unstart is 
given  in  figure 4 (ref. 4) .  These time histories  illustrate  an  unstart  that  occurred 
at  approximately Mach 2 .7  with the SAS on and  the  inlets  operating automatically. 
Within the first second  after  the  unstart , the  airplane  decelerates  0.2g  and  experi- 
ences  a peak lateral  acceleration of 0.3g. Obviously , these  accelerations would be 
disturbing to a  passenger , and  even hazardous if  he  were not belted  in  his  seat. In 
addition , the  roll  rate  exceeds loo per second , and a  structural  vibration is evident 
in the  directional mode. Although these motions could disturb  a  passenger , the 
airplane is considered to be well controlled from the  pilot's point of view. However , 
this  control was  achieved with the  aid of lateral  acceleration  feedback loops in the 
SAS and  a  crosstie system  between  the inlets , and by limiting  the aft center-of- 
gravity position to maintain relatively  high  stability  levels. 'Nevertheless , approxi- 
mately 60 percent of rudder and of aileron  was  used to control  the  unstart  reactions. 
No criteria  presently  exist to evaluate  this  situation. 

Longitudinal Characteristics 

Figure 5 summarizes  typical YF-12 longitudinal  characteristics on the  military 
specification Mil-F-8785B format (ref. 5) for  short  period  natural  frequency , o n y  SP 
and normal acceleration  change per unit  change  in  angle of attack n/a. For  the 
acceleration , climb,  and  cruise  flight  phases , n/a  varies from  17g  to 32g per  radian 
and o varies from 2 .O radians  per second to 4 .6  radians  per second  with SAS on. 

With  SAS  off the on for a  high-speed  cruise  case  decreases to 1 . 6  radians  per 

second.  These  characteristics  are well within  the level  one  boundaries  (satisfactory 
for normal operation) , which correlates well with  the  pilot comments  on  good longi- 
tudinal  response , even  for  the cruise  case with SAS off. 

n SP 

SP 

Figure 6 summarizes  longitudinal  short  period damping as  a function of flight 
phases with the  military  specification level one requirements  superimposed. SAS-on 
damping dips below the  requirements  during  the  climb,  but  the  pilots  still  consider ' 

the  aircraft well damped. Even the SAS-off damping is considered  satisfactory  by 
the pilots.  This  indicates  that the  military  specification requirement may be too 
stringent  for  high-altitude climb and  cruise  flight. 

Another criterion of interest is the modified supersonic  transport (SST) pitch 
rate  response  criterion  proposed  in  reference 6 .  This  criterion is in  terms of the 
time history of the aircraft's  response to a  step  control input.  Pure  step  responses 
from flight are not available from YF-12 flights, so step  responses  have  been com- 
puted using  flight  verified data  for  the  aerodynamics  and  control system. In figure  7, 
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typical  responses for  high-speed cruise  are compared to the  pitch rate  response 
criterion.  The SAS-on case  (fig. 7 (a)) meets the  criterion  fairly well , but  the 
SAS-off cruise  case  (fig. 7 (b)) does  not.  The pilot comments indicate  that  this 
SAS-off cruise  case is satisfactory. Although SAS-off experience with  the aircraft 
is quite limited as compared to  SAS-on experience,  there seems to be  a  tendency 
for  the  pilots to be more tolerant of  low damping  for  high-speed cruise  than the 
criterion would indicate.  This SAS-off case  also  did not correlate with  the  military 
specification requirements  for damping;  however  the  military  specification is 
based on a  very limited data  base  (ref. 7 ) .  

The  pilot comments and  aircraft  parameters  discussed so far  are concerned 
with short term control  response , and  in  general , theses  characteristcs  are good. 
However , as table I indicates Mach and  altitude  control  can  be  very  demanding. 
This  behavior is related to the  phugoid  and  long term control  response of the air- 
craft. Many factors  are involved , such  as an unfavorable  balance of kinetic to 
potential energy , atmospheric  disturbances , low levels of speed  stability , low air- 
craft  drag,  changes of thrust with Mach number , cockpit displays , and  autopilot 
behavior. It is beyond the  scope of this  paper to consider  these  factors  in  depth , 
but the following discussion will attempt to provide an appreciation of these  various 
influences. 

Because  kinetic energy  increases with the square of velocity whereas potential 
energy  increases  directly with height  large  altitude  changes at high  speed are 
equivalent to small Mach number  changes. A s  a  consequence , if Mach number is to 
be closely controlled,  large  altitude  changes may be  required to maintain flight at  a 
constant  energy  level.  Supersonic  cruise  aircraft must fly near  their limit Mach 
numbers  for maximum efficiency and  therefore  very  little Mach number  change  can 
be  tolerated. When  Mach number  disturbances  that can be induced  by  atmospheric 
temperature  changes  are  considered , the  scope of the problem becomes more appar- 
ent.  Figure 8 shows the  theoretical  altitude  change  required to compensate for  a 
l o o  C ( 1 8 O  F )  change  in atmospheric temperature while  maintaining cruise Mach 
number. The  calculation  assumes  constant energy flight , which  implies that Mach 
number is controlled with the  elevons  and  the  throttles are  fixed. The required 
altitude  excursion  increases  parabolically with cruise Mach number. Consequently , 
a Concorde aircraft  requires almost ten times the  altitude  change of a B-52 aircraft 
and  a YF-12 aircraft  requires twice  that of a Concorde aircraft.  This situation can 
be  alleviated somewhat by  the use of throttle  control , but  as  the pilot comments 
indicate,  throttle  response  at  cruise  speeds is sluggish  (due to  low thrust to weight 
ratios  at  cruise) . This  sluggish  response makes it difficult for the  pilot to anticipate 
the  results of his control inputs. In addition , excess  thrust  tends to increase with 
Mach number  for efficient supersonic  cruise  aircraft , which destabilizes  the  air- 
craft's long  period modes of motion. When the  inlets  are fixed , the  propulsion 
system is less efficient and  the  long  period modes are  slightly  stable or neutral. 
With the  inlets  operating automatically however , the  long  period motion is diver- 
gent. The time history  in  figure 9 illustrates  this effect. 

Improved displays , such  as  the  inertial  rate of climb and  longitudinal  accelera- 
tion displays,  help  the  pilot cope with these  problems. However , an autopilot is still 
considered  necessary to reduce pilot  workload for long  flights  typical of a  cruise 
vehicle. An autopilot using conventional  control  laws  (that is , controlling Mach 
number with elevons) will induce  large  altitude  excursions , just  as  a human pilot 
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does.  However,  studies on the YF-12 simulator  have  shown  that if elevons are  used 
to control  altitude  and  an  autothrottle is used to control Mach number, good flight 
path  control  can  be  achieved,  even in the  presence of atmospheric  temperature 
changes.  This is illustrated  in  figure 10. Concorde  experience  (ref. 8) has  also 
shown  the  need  for  a  supersonic  cruise  autothrottle.  Additional  information on 
YF-12 flight  research on autopilots  for  supersonic  cruise  vehicles  can  be  found in 
reference 2 .  

Lateral-Directional  Characteristics 

Table I1 summarizes  typical YF-12 lateral-directional  characteristics  throughout 
the  flight  envelope.  The  military  specification  (ref. 5) requires  a minimum Dutch 
roll  frequency of 0 . 4  radians  per second  and  a minimum Dutch roll  damping  ratio of 
0.15 for  level  one  (satisfactory, normal operation)  for  takeoff,  landing  climb,  and 
cruise for  a YF-12-class (class II-L) aircraft.  The YF-12 aircraft with SAS on is 
well  within  these  requirements.  The  military  specification  requirement of a maxi- 
mum roll mode constant, rr , of 1 . 4  seconds is also  met.  The  slightly  positive  spiral 
stability is well  within  the  military  specification  requirement of a time  to double of 
no less  than 20 seconds. 

0 
Note that  the Dutch roll-aileron  coupling  parameter, OL, is close to 1 . 0  

indicating  little or  no Dutch roll  excitation  due to aileron  control  inputs,  throughout 
the  flight  envelope.  This  was  achieved without interconnects or special  turn  coordi- 
nation channels  in  the SAS system  which is unusual  for  an  aircraft with a  flight 
envelope as  large  as  that of the YF-12 aircraft. In general,  the SAS-on lateral- 
directional  behavior of the  aircraft is very  good,  as  the pilot comments indicate. 

n DR 

An interesting  aspect of lateral-directional  behavior  occurs with SAS  off above 
Mach 2 .5 .  Automatic inlet  operation  causes  significant  changes  in  the  aircraft's 
lateral-directional  characteristics  as  compared to the  aircraft with inlets  fixed.  This 
is illustrated  in  figure  11,  which  shows  flight  data of the  aircraft's  response to a 
rudder  pulse with the  inlets  fixed and  with the  inlets  operating  automatically. When 
the  inlets  are  fixed,  the Dutch roll  oscillations  converge  but when the  inlets  operate 
automatically,  the Dutch roll motions diverge.  For  a SAS-failed case,  the Dutch roll 
damping  meets  the  military  specification  requirements  with  inlets fixed,  but with 
inlets automatic it  does  not.  However,  because of the  long  period of the motion, the 
aircraft  can  be safely  controlled  until SAS is brought  back on line or the  aircraft 
decelerates to a  lower Mach number. Although  complete loss of  SAS is a rare  occur- 
rence  because of the  high  reliability of the  triply  redundant  system  the YF-12 expe- 
rience  illustrates  the  need to consider  propulsion  system  effects when evaluating  the 
stability  and  control  characteristics of a  supersonic  cruise  vehicle. It is also  inter- 
esting to note  in  table I1 that automatic inlet  operation  increases  the Dutch roll  fre- 
quency  and  changes  the  phase of w / b .  A detailed  analysis of these phenomena is 
contained  in  reference 9 .  
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CONCLUDING REMARKS 

In general,  the YF-12 aircraft  has  very good handling  qualities,  considering 
the large  flight envelope of the  aircraft. Longitudinal  and lateral-directional  charac- 
teristics  agree well  with existing  short  period  criteria,  except  for  longitudinal 
damping where both  the  military  specification  and  the supersonic  transport  pitch 
rate  response  criteria  appear to be more stringent  than  necessary  for climb and 
cruise  at  higher  altitudes. 

Pilot comments indicate  difficulties  with  inlet  unstarts  and  long  period  flight 
path  control.  These  problems  are  generic to supersonic  cruise  vehicles  and good 
criteria for these  characteristics do not exist. Improved displays  and autopilot 
functions are needed to provide  satisfactory  flight  path  controls.  The  occurrence of 
inlet  unstarts must be  rare and automatic controls may be  required to minimize their 
effects if  they' do occur. 

The  influence of the  propulsion system on the aircraft's  stability  and  control 
must be  considered when evaluating  the  aircraft's  handling  qualities. 

Inertial  rate of climb and  longitudinal  acceleration  displays  in  the  cockpit  help 
the pilot to establish  stabilized  conditions. 

20 3 



REFERENCES 

1. 

2 .  

3. 

4. 

5 .  

6 .  

7 .  

8. 

9 .  

McMaster , John R .  ; and  Schenk , Frederick L . : The Development of the 
P-12-Series  Aircraft Manual and Automatic Flight  Control  System. AIM 
Paper 73-822, Aug. 1973. 

Gilyard, G .  B . ; Smith, J .  W .  ; and  Falkner , V . L . :  Flight  Evaluation of a 
Mach 3  Cruise  Longitudinal  Autopilot. AIAA Paper 74-910, Aug. 1974. 

Burcham,  Frank W., Jr .; Holzman, Jon K . ;  and  Reukauf,  Paul J .: Preliminary 
Results of Flight  Tests of the  Propulsion  System of a YF-12 Airplane  at 
Mach Numbers to 3 . O .  AIAA Paper 73-1314, Nov. 1973. 

Berry,  Donald T . ; and  Gilyard, Glenn B . : Airframe/Propulsion System 
Interactions-An  Important  Factor in  Supersonic  Aircraft  Flight  Control. 
AIAA Paper 73-831, Aug. 1973. 

Flying  Qualities of Piloted  Airplanes. Mil. Spec. MIL-F-8785B  (ASG) , 
Aug.  7, 1969. (Supersedes MIL-F-O08785A(USAF) , Oct . 31, 1968, 
and MIL-F-8785  (ASG) , Sept . 1, 1954).  

Sudderth, Robert W .  ; Bohn, Jeff G . ; Caniff , Martin A .  ; and  Bennett, 
Gregory R .  : Development of Longitudinal  Handling  Qualities  Criteria 
for  Large Advanced Supersonic  Aircraft. NASA CR-137635, 1975. 

Chalk, C .  R .  ; Neal, T .  P .  ; Harris,   T.  M .  ; Pritchard,  F. E .  ; and 
Woodcock, R .  J . : Background Information and  User Guide for 
MIL-F-8785B  (ASG) , "Military  Specification-Flying  Qualities of 
Piloted Airplanes". AFFDL-TR-69-72, A i r  Force  Flight Dynamics Lab. , 
Wright-Patterson A i r  Force  Base,  Aug. 1969. 

World News. FLIGHT International,  Oct. 9 ,  1975, pp.  512-514. 

Gilyard, Glenn B . ; Berry,  Donald T . ; and  Belte , Daumants: Analysis 
of a  Lateral-Directional  Airrrame/Propulsion  System  Interaction of a 
Mach 3 Cruise  Aircraft. AIAA Paper 72-961 , Sept. 1972.  

204 



TABLE I.  -SUMMARY  OF  PILOT  COMMENTS 

Takeoff and  Landing 

Poor ride on rough  runway 
Very good handling  qualities 
Good longitudinal  control 
Good  SAS-on damping 
Speed  stability low 
Sensitive  throttle 

Acceleration  and Climb 

Speed  stability low 
Autopilot speed  control  desired 

High-speed  Flight  and  Cruise 

SAS -on longitudinal  damping  high 
SAS-off longitudinal  damping low but  satisfactory 
Speed  stability low 
High workload to control Mach and  altitude 
Standard  flight  path  displays  inadequate 
Inertial  displays  great improvement 
SAS-on lateral-directional  damping  high 
SAS-off lateral-directional  damping  divergent  but 

Unstarts  disconcerting 
controllable 
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CENTERBODY SPIKE 

Figure 2.- Three-view drawing of test airplane. 
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Figure 3 . -  YF-12 response to runway  roughness  during takeoff. 
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Figure 4 . -  Time history of typical unstart. SAS on; 
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Figure 5.- Typical YF-12 longitudinal  characteristics and MIL-F-8785B 
requirements for acceleration, climb, and cruise. 
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Figure 6.- Typical  YF-12  longitudinal short period damping ratios. 
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Figure 7.- Comparison of computed YF-12 step responses with modified 
supersonic  transport high-speed pitch rate  response criterion. 
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Figure 9.- YF-12 long period response to drag pulse. M 3.0. 
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SIMULATOR STUDY OF THE LOW-SPEED  HANDLING  QUALITIES 

OF A SUPERSONIC  CRUISE  ARROW-WING  TRANSPORT 

CONFIGURATION  DURING  APPROACH AND LANDING 

William D. Grantham,  Luat T. Nguyen, M. J. Neubauer, Jr. 
NASA Langley  Research  Center 

Paul M. Smith 
Vought  Corporation  Hampton  Technical  Center 

SUMMARY 

A fixed-based  simulator  study  was  conducted  to  determine  the  low-speed 
flight  characteristics  of  an  advanced  supersonic  cruise  transport  having  an 
arrow wing,  a  horizontal  tail,  and  four  dry  turbojets  with  variable  geometry 
turbines.  The  primary  piloting  task  was  the  approach  and  landing. 

The  results  of the study  indicated  that  the  statically  unstable  (longi- 
tudinally)  subject  configuration  has  unacdeptable  low-speed  handling  qualities 
with  no  augmentation.  Therefore  a  hardened  stability  augmentation  system 
(HSAS)  will  be  required to achieve  "acceptable"  handling  qualities  should  the 
normal  operational  stability  and  control  augmentation  system  (SCAS)  fail. In 
order to  achieve  "satisfactory"  handling  qualities,  considerable  augmentation 
was  required.  Although  the  SCAS  developed  in  this  study to achieve  satis- 
factory  handling  qualities  was  complex,  it  is  within  current  technology. 

It  was  concluded  from  the  results  of  this  study  that  additional  research 
is  required  to  achieve  improved  lateral-directional  static  stability  and 
satisfactory  control  power  on  the  subject  supersonic  cruise  transport  config- 
uration - particularly roll control  power  and  reduced  dihedral  effect. 

INTRODUCTION 

During  the  National  Supersonic  Transport (SST) Program  of  the  early 1960'~~ 
various  aerodynamic  research  studies  conducted  at  NASA  Langley to develop an 
efficient  supersonic  cruise  transport  airplane  resulted  in the  highly-swept, 
arrow-wing  configuration  designated  the  SCAT-15F.  The  SCAT-15F  offered 
considerable  promise  for  superior  supersonic  cruise  performance;  but  unfortu- 
nately,  such  configurations  designed  for  high-speed  flight  do  not  usually 
possess  good  low-speed  handling  characteristics.  Some  early  wind-tunnel  and 
piloted  simulation  studies  (for  examples  see  refs. 1 and 2) identified  some  of 
the  low-speed  handling  problems  of  the  SCAT-15F. Also, in 1968, the  Boeing 
Company  made  an  in-depth  study  of  a  supersonic  cruise  transport  concept  which 
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was based on t h e  NASA arrow-wing SCAT-15F conf igura t ion  (see f i g .  l), and t h e  
r e s u l t s  are r e p o r t e d   i n   r e f e r e n c e  3. That  airplane  configuration  promised good 
take-off  and  landing  performance  by  uti l izing a l i f t i ng   cana rd   and  a small 
ho r i zon ta l  t a i l ;  the  pr imary  purpose  of   the  canard w a s  t o   t r i m   t h e   p i t c h i n g  
moments due t o   t h e  wing t ra i l ing-edge   f lap   def lec t ions .   Al though  the  use of a 
canard  improved t h e  trimmed l i f t - t o - d r a g   r a t i o s ,   t h e r e  was an   assoc ia ted  
r e d u c t i o n   i n   a i r p l a n e   s t a b i l i t y  for similar center -of -gravi ty   pos i t ions .  

S ince   t he   ea r ly  1 9 7 0 ' ~ ~  t h e  Langley  Research  Center  has  been  conducting 
extensive  wind-tunnel tes ts  in   suppor t   o f   the   Supersonic   Cru ise   Ai rcraf t  
Research (SCAR) Program t o  improve t h e   s t a b i l i t y   c h a r a c t e r i s t i c s  of t h e  arrow- 
wing conf igura t ion  a t  high  angles  of a t tack  ( low  speeds)   without  a canard 
and with  an a f t  mounted ho r i zon ta l  t a i l .  The r e s u l t i n g  improvements i n  
l o n g i t u d i n a l   s t a b i l i t y  were  achieved by c a r e f u l   a t t e n t i o n   t o  wing planform, 
leading-edge  radius ,   leading-edge  high-l i f t   devices   and  locat ions,   and  t ra i l ing-  
edge f l a p   l o c a t i o n ,   s i z e ,  and d e f l e c t i o n .   U t i l i z i n g   t h e s e  improved  aerodynamic 
character is t ics ,   performance  calculat ions  have shown t h a t   w i t h  2 t o  3 percent  
nega t ive   s ta t ic   marg in ,   th i s   conf igura t ion   should   p roduce   l i f t - to -drag   ra t ios  
as good as those   o f   the   s tab le   concept   wi th  a forebody  canard. However, t h e  
r e s u l t s  of l a t e r a l - d i r e c t i o n a l   s t a b i l i t y  and con t ro l   ana lyses   i n   r e f e rence  4 
i n d i c a t e d   t h a t   t h e  arrow-wing concept   had  several   inherent   def ic iencies  - 
espec ia l ly   in   the   h igh- l i f t   l anding   approach   conf igura t ion .   Spec i f ica l ly ,  
t hese  were s luggish  roll response  and  inadequate   wings- level   s idesl ip   capabi l i ty  

S ince   the   a forement ioned   s tud ies  were made without a p i l o t   i n   t h e   l o o p  
and   s ince   the   ana lyses   o f   those   s tud ies  compared t h e   c a l c u l a t e d  dynamic 
s t a b i l i t y   c h a r a c t e r i s t i c s  of an  advanced  supersonic   cruise   a i rplane  design 
wi th   c r i te r ia   deve loped   for   convent iona l   a i rp lanes ,   the   subjec t   s imula t ion  
study w a s  undertaken t o   i n v e s t i g a t e   t h e  low-speed,  pilot-in-the-loop  f l ight 
c h a r a c t e r i s t i c s  of an  advanced,  arrow-wing  supersonic  cruise  transport   airplane 
performing  representative  approach  and  landing  tasks.  The pr imary  object ive 
of th i s   s imula t ion   s tudy  w a s  t c  obta in   suf f ic ien t   in format ion   to   p rovide  
guidance  for   future  low-speed research  requirements .   Other   major   object ives  
of the  present   s tudy were: 

1. Evalua te   the   genera l   handl ing   qua l i t i es  of the  unaugmented a i rp l ane  i n  
t h e  approach  configuration  and a t  the  approach  speed. 

2. Develop the  s tabi l i ty   augmentat ion  and  f l ight   control   systems  required 
t o   a c h i e v e   s a t i s f a c t o r y   h a n d l i n g   q u a l i t i e s  (Normal Operational  Augmentation) as 
well as acceptable   handl ing  qual i t ies   (Hard  Augmentat ion) .  

3. Determine t h e   c o n t r o l  power r e q u i r e d   t o  meet t he  e s t a b l i s h e d   c r i t e r i a .  

4. Eva lua te   t he   e f f ec t s  of various  atmospheric  conditions,   including 
heavy  turbulence,   steady  winds,   and  wind  shear  on  the  abil i ty  of  the  pilot   to 
make a sat isfactory  approach and landing.  

5 .  Attempt t o  determine i f  ex i s t ing   hand l ing   qua l i t i e s   c r i t e r i a   can   be  
app l i ed   t o   s t a t i ca l ly   uns t ab le   supe r son ic   c ru i se   t r anspor t   a i rp l anes ,  
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SYMBOLS 

Values are g iven   i n   bo th  S I  and U.S. Customary Units .  The measurements 
:.nd ca l cu la t ions  were made i n  U.S. Customary Units .  

'ref re ference  mean aerodynamic  chord, m (ft) 

acce le ra t ion  due t o   g r a v i t y ,   m e t e r s / s e c 2   ( f t / s e c  
2 

I x,Iy,Iz moments of i ne r t i a   abou t  X ,  Y , and Z body axes , r e s p e c t i v e l y ,  

kilogram-meters2  (slug-ft 2 ) 

product  of  inertia,   kilogram-meters  (slug-ft  ) 2 2 

per iod   o f   l ong i tud ina l   sho r t   pe r iod   o sc i l l a t ion ,   s ec  

per iod  of  Dutch r o l l  o s c i l l a t i o n ,   s e c  

r o l l i n g  and p i tch ing   angular   ve loc i t ies ,   respec t ive ly ,   deg/sec  
or radlsec 

wing, a rea ,   meters2  ( ft  2 

s t a t i c  n o r m a l   a c c e l e r a t i o n   g u s t   s e n s i t i v i t y ,   g / ( m / s e c )   ( g / ( f t / s e c ) )  

Laplace  operator 

t h r u s t ,  newtons  (pounds f o r c e )  

t i m e   t o  damp t o  one-half  amplitude,  sec 

time to   double   ampli tude,   sec  

a i r s p e e d ,   k n o t s   ( f t l s e c )  

airplane  weight,   newtons  (pounds  force) 

angle  of a t t a c k ,  deg 

angle   of   s idesl ip ,   deg 

p i t c h   a n g l e  , deg 

r o l l  angle ,  deg 

heading  angle,  deg 

control-column  def lect ion,   posi t ive for p u l l   f o r c e ,  deg 
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flap  deflection,  deg 

'I R 

w SP 

% 

C 
La 

n/a 

t @=30° 

P1' p2 

pedal  travel , centimeters ( inches ) 

rudder  deflection,  deg 

aileron  deflection,  positive  for  right roll command,  deg 

flaperon  deflection,  positive  for  right  roll  command,  deg 

asymmetric  deflection  of  spoilers  for roll control,  positive for 
right roll command,  deg 

horizontal-tail  deflection,  positive  when  trailing  edge  is  deflected 
down,  deg 

wheel  deflection,  deg 

Dutch roll damping  ratio 

short  period  damping  ratio 

damping  ratio  of  numerator  quadratic of transfer  function 

air  density,  kilograms/meter3  (slugs/ft  3 ) 

time  constant  of r o l l  mode, see 

undamped  natural  frequency  of  Dutch roll mode,  rad/sec 

longitudinal  short-period  undamped  natural  frequency,  rad/sec 

undamped  natural  frequency  appearing  in  numerator  quadratic  of 
@/6 transfer  function,  rad/sec a 

lift  per  unit  angle  of  attack  per  unit  of  momentum,  per  second 

lift  coefficient  curve  slope  per  unit  angle  of  attack,  per  radian 

steady-state  normal  acceleration  change  per  unit  change  in  angle 
of  attack for  an  incremental  horizontal-tail  deflection  at 
constant  airspeed,  g  units/radian 

phase  angle  expressed  as  a lag for a cosine  representation  of  the 
Dutch roll oscillation  in  sideslip,  deg 

time  required  to roll 30°, sec 

rolling  angular  velocities  at  the  first  and  second  peaks  of  a roll 
rate  oscillation,  deg/sec or rad/sec 

218 



Subscripts : 

C commanded 

ss steady  state 

osc oscillation 

ave  average 

Abbreviations : 

HSAS hardened  stability  augmentation  system 

IFR instrument  flight  rules 

ILS  instrument  landing  system 

PR  pilot  rating 

SCAS  stability  and  control  augmentation  system 

DESCRIPTION OF SIMULATED  AIRPLANE 

The airplane  concept  studied  is  a  resized  version  of  the  configuration 
described  in  reference 4. It  is  a  conventional  fossil-fueled  supersonic  cruise 
transport  incorporating  four  under-the-wing,  single-spool,  dry  turbojets  with 
variable  geometry  turbines.  A  three-view  sketch of the  simulated  airplane  is 
presented  in  figure 2; its  geometric  characteristics  are  given  in  table I; and 
the  engine  response  characteristics  used  in  the  simulation  axe  presented  in 
figure 3. 

The  static  aerodynamic  data  were  estimated  based  on  various  low-speed  wind- 
tunnel  test  results,  e.g.  references 5 and 6, and  corrected  for  configuration 
differences.  The  control  surfaces  used  for  low-speed  lateral  control  consisted 
of  outboard  ailerons,  outboard  spoiler  slot  and  inverted  spoiler  slot 
deflectors,  and  inboard  flaperons.  The  rigid  lateral  control  data  were 
estimated  based  on  unpublished  aileron  control  tests,  and  the  flaperon,  spoiler 
slot  and  inverted  spoiler  slot  deflector  data  were  taken  from  reference 3, and 
modified  to  account  for  the  size  and  location  of  the  subject  airplane's  control 
surfaces.  A  40-percent chord,  full-span  rudder  was  used  for  low-speed 
directional  control.  The  rigid  rudder  effectiveness  data  were  estimated  by 
using  the  method  presented  in  reference 4. The  reduction  of  lateral  control 
effectiveness  due to  wing  flexibility  was  estimated  based  on  the  data  presented 
in  reference 3; and the  reduction  of  directional  control  effectiveness  due to 
fuselage  side-bending was  based  on  unpublished  data. The  methpds  presented in 
reference 7 were  used  to  estimate  the  aerodynamic  effects  of  ground  proximity. 
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The dynamic  stability  derivatives  were  estimated  using a combination of 
the  forced  oscillation  test  data  of  reference 1 and  the  estimation  techniques 
of reference 8. 

The  mass  and  dimensional  characteristics,  and  the  control-surface 
deflection  and  deflection  rate  limits  are  presented  in  table I. 

DESCRIPTION  OF  SIMULATION  EQUIPMENT 

The  fixed-base  simulator  had  a  transport-type  cockpit  which  was  equipped 
with  conventional  flight  and  engine-thrust  controls  and  with  a  flight- 
instrument  display  representative of  those  found in current  transport  airplanes. 
(See  fig. 4.) Instruments  indicating  angle  of  attack,  sideslip,  and  flap 
angle  were  also  provided. A conventional  cross-pointer-type  flight  director 
instrument  was used, but  the  command  bars  (cross  pointers)  were  driven  by  the 
main  computer  program. 

The  simulator  control  forces  were  provided  by  a  hydraulic  servosystem  and 
were  functions  of  control  displacement  and rate, The  control  characteristics 
of the  simulator  are  defined  in  table 11. Real-time  digital  simulation 
techniques  were  used  wherein  a  digital  computer  was  programed  with  equations  of 
motion  for  six  degrees of freedom. The  simulator  did  not  incorporate  cockpit 
motion. 

A visual  display  of  a  hypothetical  airport  (fig. 5) was  used  in  order  to 
provide  visual  cues  for  the  flare  and  landing.  The  display  consisted  of  a 
closed-circuit  television  presentation,  viewed  through  a  collimating  lens  in 
the  pilot's  windshield,  of the  simulated  approach to a  3505-meter (11,500 ft) 
runway.  (See  fig. 6.) Each  flight  was  terminated  at  touchdown;  the  roll-out 
was  not  simulated. 

TESTS  AND  PROCEDURES 

The  low-speed  flight  characteristics  of the  subject  supersonic  cruise 
transport  airplane  are  presented  and  discussed  in  relation  to  pilot  opinions 
and  ratings  (see  table I11 for  pilot  rating  system).  Three  research  pilots 
participated  in  the  simulation  program  and  used  standard  flight-test  procedures 
in  the  evaluation of the  handling  qualities.  The  primary  piloting  task  was  the 
approach  and  landing. 

The ILS approach  was  initiated  with  the  airplane  in  the  power-approach 
condition  (power  for  level  flight)  with  a  lateral  offset  from  the  localizer  and 
at an  altitude  below  the  glideslope.  The  pilot's  task  was  to  capture  the 
localizer  and  glideslope  and  to  maintain  them  as  closely as possible  while 
under  IFR  conditions.  At  an  altitude  of 61 meters ( 2 0 0 .  ft)  a visual  display  of 
the  runway  and  surrounding  area  was  displayed to the  pilot,  and  from  that 
altitude  the  pilot  attempted to  land  the  airplane  visually  (with  limited 
reference  to  the  flight  director). 
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The various  atmospheric  conditions  simulated  included  calm a i r ,  heavy 
turbulence,   steady  crosswinds,   and  various wind shears. 

RESULTS AND DISCUSSION 

The r e s u l t s  of t h i s   s t u d y  are d i scussed   i n  terms of   the   p rev ious ly  stated 
ob jec t ives .   A l so ,   t h roughou t   t he   d i scuss ion ,   t he   p i lo t   r a t ings   l i s t ed   fo r   t he  
v6r ious   condi t ions  w i l l  be  an  average of t h e   r a t i n g s  from a l l  p i l o t s  who "flew" 
t h a t   p a r t i c u l a r   c o n d i t i o n .  

The dynamic s t a b i l i t y  and  response  character is t ics   of   the   s imulated  super-  
son ic   c ru i se   t r anspor t   a i rp l ane   fo r   va r ious   l eve l s   o f   s t ab i l i t y   augmen ta t ion  
are p r e s e n t e d   i n   t a b l e s  I V  and V. 

Basic  Airplane (No Augmentation) 

The p i l o t   r a t i n g   a s s i g n e d   t o  t he  long i tud ina l   hand l ing   qua l i t i e s  of t h e  
unaugmented a i rp l ane  w a s  seven. A s  can  be  seen  from  table I V Y  t h e  time t o  
double   ampli tude  ( t2)  of the  longi tudina l   aper iodic  mode i s  4.6 seconds, which 
night be expected t o  be  unacceptable   s ince  the  landing  approach minimum-safe 
(PR = 6 .5 )  c r i t e r ion   o f   r e f e rence  9 stated tha t  a t 2  < 6 seconds would be 
unacceptable. A comparison  of t h e   p i t c h  ra te  response  of the unaugmented 
3Lrplane t o  the  desired response i s  p resen ted   i n   f i gu re  7 ,  and shows that the  
response t o  a column s tep   input   appears  as an acce le ra t ion  command ins t ead  of 
ihe   des i red  rate command. Table V i n d i c a t e s  tha t  t h e   a i r p l a n e   a l s o  has less 
than   s a t i s f ac to ry   p i t ch   con t ro l  power. 

A p i lo t   ra t ing   o f   seven  w a s  a s s i g n e d   t o  t h e  unaugmented lateral- 
l i r e c t i o n a l   h a n d l i n g   q u a l i t i e s .  The major  objections  were: (1) unacceptably 
la rge   adverse   s ides l ip   excurs ions   in   tu rns ;   (2)   eas i ly   exc i ted ,   l igh t ly  damped 
l u t c h   r o l l  mode; ( 3 )  poor r o l l  and  heading  control;  and ( 4 )  s l u g g i s h   r o l l  
response w i t h  low r o l l  damping. The dynamic parameters shown i n  table  I V  
i nd ica t e   accep tab le   ro l l  (TR < 3.0) and  Dutch r o l l   c h a r a c t e r i s t i c s  
(3dwd > 0 . 0 5 )  acco rd ing   t o   r e f e rence  10. However, the  p i l o t s  commented that 
nore r o l l  damping and  Dutch roll damping w e r e  desirable. The pr imary  factor  
,hat c o n t r i b u t e d   t o   t h e   p o o r   p i l o t   r a t i n g   f o r   t h e   l a t e r a l - d i r e c t i o n a l   c h a r a c t e r -  
i s t i c s  w a s  the   l a rge   adverse   s ides l ip   excurs ions   exper ienced   dur ing   ro l l ing  
naneuvers. This  c h a r a c t e r i s t i c  i s  i n d i c a t e d   i n   f i g u r e  8,  and  compared wi th  
,he desired response   for  a lateral  con t ro l   s t ep   i npu t .   Fo r  a s t e p   i n p u t  it i s  
i e s i r a b l e   t o   h a v e :  (1) a fast roll rate response that  reaches a reasonably 
: teady   s ta te   va lue   wi th  a minimum o f   o s c i l l a t i o n s ;  ( 2 )  e s s e n t i a l l y   z e r o  
: ides l ip   p roduced   by   the   ro l l   cont ro l   input ;   and  (3)  an  immediate  response i n  
leading. However, it i s  obvious  from  figure 8 t h a t   f o r  a lateral  c o n t r o l   s t e p  
lnput on this unaugmented conf igura t ion ,  a l a r g e  amount of   adverse   s ides l ip  i s  
:xperienced  that  washes out  t he  roll rate (4) i n  a shor t   per iod ,of  time and 
J s o  c a u s e s   a n   u n d e s i r a b l e   l a g   i n   t h e   i n i t i a t i o n  of t u r n  rate ($)  . This l a r g e  
idve r se   s ides l ip   cha rac t e r i s t i c ,   i n   combina t ion   w i th  the low r o l l  damping, 
-equi red   cons tan t   a t ten t ion   and   cons iderable   e f for t  on t h e   p a r t  of t he  p i l o t ;  
-ven then ,   t he   l a t e ra l -d i r ec t iona l   con t ro l   r ema ined   ve ry   poor .  
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It must   be   no ted   tha t   a l though  the   longi tudina l  and l a t e r a l - d i r e c t i o n a l  
h a n d l i n g   q u a l i t i e s   o f   t h i s  unaugmented supe r son ic   c ru i se   t r anspor t   a i rp l ane  
were assigned a p i l o t   r a t i n g   o f   s e v e n  when eva lua ted   i nd iv idua l ly ,   t he  
combina t ion   of   these   resu l ted   in  a PR = 10 f o r  a l l  aspec ts   o f   the   a i rp lane .  
Therefore,  it i s  apparent   tha t   cons iderable   s tab i l i ty   and   cont ro l   augmenta t ion  
w i l l  b e   r e q u i r e d   t o   a c h i e v e   s a t i s f a c t o r y   h a n d l i n g   q u a l i t i e s   f o r   t h e   l a n d i n g  
approach p i l o t i n g   t a s k .  

Normal Opera t iona l   S tab i l i ty   and   Cont ro l  
Augment a t  ion System ( SCAS ) 

Based on t h e  results obtained for t h e  unaugmented conf igu ra t ion   t he  
approach   se lec ted   for   des ign   of   the  SCAS w a s  t h a t   t h e  system  should  provide 
s a t i s f a c t o r y   h a n d l i n g   q u a l i t i e s  (PR < 3.5)  a t  a l l  f l i gh t   cond i t ions   eva lua ted  
dur ing   the   s tudy .  A block  diagram o f  t h e  SCAS design  obtained w i t h  t h i s  
approach i s  shown i n   f i g u r e  9 .  

Longitudinal ly ,  a h igh   ga in   p i t ch  rate command/attitude  hold  system w a s  
chosen  because: (1) s t a b i l i z a t i o n  of t he   uns t ab le  mode w a s  achieved  with  the 
p i tch   a t t i tude   feedback;   (2)   the   sys tem  provided  good short-per iod  character-  
i s t i c s  and fast r e sponse   t o   p i lo t   i npu t s ;   and  ( 3 )  t h e   a t t i t u d e   h o l d  feature 
minimized  dis turbances  due  to   engine  coupl ing  effects   and  turbulence.  

Laterally, a roll r a t e  command/attitude  hold system w a s  employed t o   p r o v i d e  
a fast  roll mode and quick,  uniform  response t o   p i l o t   i n p u t s ;   t h e   a t t i t u d e   h o l d  
feature r e s u l t e d   i n  a n e u t r a l l y   s t a b l e   s p i r a l  mode while   counteract ing 
d is turbances   due   to   tu rbulence .   Di rec t iona l ly ,  roll rate and roll a t t i t u d e  
feedbacks were used to   p rov ide   t u rn   coord ina t ion  and  improved  Dutch roll 
c h a r a c t e r i s t i c s .  A roll con t ro l   t o   rudde r   i n t e rconnec t  w a s  a l s o   i n c l u d e d   t o  
reduce   adverse   s ides l ip  and therefore   minimize  Dutch  rol l   coupl ing  during roll 
maneuvers (obta ined  w@/wd % 1). 

An a u t o t h r o t t l e  was also  used as p a r t  of the  normal  operational augmen- 
ta t ion   tha t   main ta ined   the   se lec ted   a i r speed   dur ing   the   approach  and landing.  
Since  the  s imulated  engine dynamics  produced  very  quick  thrust   response,   the 
au to th ro t t l e   gene ra l ly   ma in ta ined   t he   des i r ed   a i r speed   w i th in   22   kno t s ,  and 
therefore   reduced  the  pi lot   workload on the  landing  approach.  Although th i s  
a i rp l ane  i s  flown w e l l  up the  "backside"  of   the   thrust   required  curve at t h e  

would p r i m a r i l y   u s e   p i t c h   a t t i t u d e   f o r   a i r s p e e d   c o n t r o l  and t h r u s t   f o r   g l i d e -  
pa th   con t ro l ,  the  simulated  quick,  engine-thrust   response  allowed  the  use  of 
thrust   (manual ly  or au tomat i ca l ly )   fo r   a i r speed   con t ro l  and thus   enabled   the  
p i l o t   t o   u s e   p i t c h   a t t i t u d e   f o r   g l i d e p a t h   c o n t r o l  - which i s  a v e r y   n a t u r a l ,  
simple  technique. 

The long i tud ina l  SCAS ( f i g .  9 )  provided  pi tch rate p r o p o r t i o n a l   t o  column 
de f l ec t ion ,  and  produced  the  desired  character is t ics   of   rapid,  well-damped 
r e s p o n s e s   t o   p i l o t   i n p u t s  as w e l l  as i n h e r e n t   a t t i t u d e   s t a b i l i t y .   F i g u r e  10 
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shows t h e  improvement i n   p i t c h  rate response  provided  by  the SCAS, and it can 
be  seen from t a b l e  N t h a t   t h e   t i m e   t o  double  amplitude  ( t2)  of  the  longitu- 
dinal   aper iodic  mode increased from 4.6 seconds  with no augmentation  to. 
i n f i n i t y   w i t h   t h e  SCAS configuration. With t h i s  augmentation  system  operative, 
t he   ave rage   p i lo t   r a t ing  for the   longi tudina l   handl ing   qua l i t i es  on t h e  ILS 
approach was  improved  from  seven with no augmentation t o  two. 

Also shown i n   f i g u r e  9 is  a block  diagram  of   the  la teral-direct ional  SCAS. 
Late ra l ly ,  a r a t e  comman'd system  provided roll r a t e   p r o p o r t i o n a l   t o  wheel 
pos i t ion ,  and the   d i rec t iona l   sys tem  cons is ted  of severa l   tu rn   coord ina t ion  
features .   Table  I V  shows t h a t   t h e  Dutch r o l l  c h a r a c t e r i s t i c s  were improved 
considerably;  (q$/wd) w a s  increased from  0.565 t o  1.03, which i n d i c a t e s   t h a t  
t h e  Dutch roll osc i l la t ion   should   be  much l e s s   e a s i l y   e x c i t e d   f o r   r o l l - c o n t r o l  
inputs ,  and t h e  damping parameter  (<dad) was increased from  0.066 r a d / s e c   t o  
0.182 rad/sec.  The improvement i n  the ro l l   r e sponse  and damping a re   i nd ica t ed  
by the  reduct ion of TR from 1 . 6  s e c   t o  0.38 sec (table I V )  . 

Figure 11 shows t h e  improvement i n   t h e  roll rate  response  provided by t h e  
SCAS; by e l imina t ion   of   the   l a rge   adverse   s ides l ip ,   the   ro l l - ra te   reversa l  was 
eliminated  and  the  heading  response w a s  immediate  (no l a g ) .  The l a t e r a l  SCAS 
a l s o  provided a des i rab le   ro l l -a t t i tude-hold  feature which  proved t o  be  very 
beneficial ,   par t icular ly   during  landing  approaches made in  simulated heavy 
turbulence. With t h i s  augmentation  system  operative,   the  average  pilot   rating 
for t he   l a t e ra l -d i r ec t iona l   hand l ing   qua l i t i e s  on t h e  ILS approach w a s  improved 
from  seven  with no augmentation t o  two with  augmentation. 

With t h e  SCAS o p e r a t i v e ,   t h e   o v e r a l l   p i l o t   r a t i n g  of th i s   s imula ted  
supersonic  cruise  transport   airplane  for  the  landing  approach  piloting  task 
was two. 

Hardened S t a b i l i t y  Augmentation  System (HSAS) 

A s  discussed  previously,   the   configurat ion had  unacceptable low-speed 
handl ing   qua l i t i es   wi th  no augmentation.  Therefore, a hardened s t a b i l i t y  
augmentation  system (HSAS) w i l l  be  required  to  achieve  acceptable  handling 
qua l i t i es   should  tkie normal operational  augmentation (SCAS) f a i l .  (The term 
"hardened" SAS implies   suff ic ient   redundancy  to   negate  loss of t h i s  system.) 

The HSAS design  objective w a s  to   p rovide  improved handl ing   qua l i t i es  so  
tha t   accep tab le   p i lo t   r a t ings  (PR 5 6 .5 )  could  be  obtained  for  the  approach  and 
landing  task,  and t h a t  the  system  be  kept as simple as p o s s i b l e   t o  maximize 
r e l i a b i l i t y  and ease of implementation. The HSAS design  obtained  using  this  
approach i s  shown i n   f i g u r e  12 .  Longitudinaily, a f i l t e r ed   p i t ch   r a t e   f eedback  
sigllal  acting  through a re la t ive ly   h igh   ga in  w a s  used t o  r educe   t he   i n s t ab i l i t y  
of the   uns tab le  mode and t o  enhance the   shor t   per iod   charac te r i s t ics .  
La te ra l ly ,  a simple roll damper provided a f a s t e r  roll mode and increased Dutch 
roll damping. Di rec t iona l ly ,  roll r a t e  feedback w a s  used to   p rovide :  
(1) improved turn-entry  coordination; ( 2 )  reduced  Dutch r o l l  coupling  during 
r o l l  maneuvers (increased  (o$/wd); and (3 )  f u r t h e r  enhancement  of t h e  Dutch 
roll damping.  Note that  only two angu la r   r a t e   s igna l s   (p i t ch   r a t e  and roll 
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rate) were r e q u i r e d   f o r  the HSAS implementation so t h a t   s e n s o r   r e l i a b i l i t y  
problems  and  mechanization  complexity  would be minimized. The a u t o t h r o t t l e  
w a s  a l s o   c o n s i d e r e d   t o  be p a r t  of t h e  HSAS. 

The a v e r a g e   p i l o t   r a t i n g   a s s i g n e d   t o   t h e   l o n g i t u d i n a l   h a n d l i n g   q u a l i t i e s  
when t h e  HSAS was o p e r a t i v e  was fou r .  The pr imary   ob jec t ion  w a s  t h e  less than  
d e s i r e d   p i t c h  damping. Table I V  shows t h a t   t h e   s h o r t - p e r i o d  damping r a t i o  
(SSP) f o r   t h i s   c o n f i g u r a t i o n  i s  0.693,  which  would  normally  indicate  adequate 
damping;  however , t he   s lowly   d ive rgen t   ape r iod ic  mode (t2 = 25.3  sec)   superim- 
p o s e d   o n   t h e   s h o r t - p e r i o d   r e s p o n s e   c a u s e d   t h e   m o t i o n s   t o   a p p e a r   t o   t h e   p i l o t  as 
be ing   inadequate ly  damped. It should be n o t e d   t h a t   r e f e r e n c e  9 a l s o   i n d i c a t e d  
a c c e p t a b l e   p i l o t   r a t i n g s  (PR 6 .5)  when t2 w a s  g r e a t e r   t h a n  6 seconds. 
Figure 1 0  compares the  p i t c h   r e s p o n s e   t o  a column s t e p   f o r   t h e  unaugmented 
a i rp l ane ,   w i th  SCAS opera t ive ,   and   wi th  HSAS ope ra t ive .  The reason a higher  
ga in  was not  implemented f o r   t h e   p i t c h  rate damper, i n   o r d e r   t o   s a t i s f y   t h e  
p i l o t ' s   o b j e c t i o n  of  low p i t c h  damping, was t h a t  more  damping  would make t h e  
p i t c h  axis unacceptably  s luggish.  It i s  obvious  from  Figure 1 0  t h a t   t h e  HSAS 
conf igura t ion  i s  a l r e a d y   v e r y   s l u g g i s h   i n   p i t c h ,  compared t o   t h e  SCAS 
conf igura t ion .  

The a v e r a g e   p i l o t   r a t i n g   a s s i g n e d   t o   t h e   l a t e r a l - d i r e c t i o n a l   h a n d l i n g  
q u a l i t i e s   w i t h   t h e  HSAS ope ra t ive  w a s  fou r .  The pr imary  object ions  were 
s luggish  r o l l  r e sponse   and   l e s s   t han   des i r ed   ro l l  damping.  Figure 11 shows a 
comparison  of t h e  roll r e s p o n s e   t o  a l a te ra l  c o n t r o l   s t e p   i n p u t  f o r  t h e  HSAS, 
SCAS, and  unaugmented conf igu ra t ions .  

Ef fec ts   o f   Turbulence  on  Landing  Apporach 

F l i g h t   i n   r o u g h  air  w a s  evaluated  by  using a turbulence  model  based on t h e  
Dryden s p e c t r a l  form. The root-mean-square value o f   t h e   l o n g i t u d i n a l ,  la teral ,  
and v e r t i c a l   g u s t - v e l o c i t y  components was 2.7 m/sec ( 9  f t / s e c )   a n d   t h e s e   v a l u e s  
were  described by the  p i l o t s  as be ing   representa t ive   o f   heavy   tu rbulence .  

S t a t i c  n o r m a l   a c c e l e r a t i o n   g u s t   s e n s i t i v i t y   c a n   b e   d e f i n e d  as San = CL,PV. , 
2w/s 

t h a t  i s ,  the v e r t i c a l   r e s p o n s e  of a n   a i r p l a n e   t o   t u r b u l e n c e  i s  d i r e c t l y  
p r o p o r t i o n a l   t o   t h e   p r o d u c t  of l i f t - cu rve   s lope   and   ve loc i ty ,   and  i s  inve r se ly  
p r o p o r t i o n a l   t o   t h e  wing loading.  Table V I  p r e s e n t s  a comparison  of Sari f o r  

the   sub jec t   supe r son ic   c ru i se   t r anspor t   and  a typical   present-day  subsonic  j e t  
t ransport   dur ing  the  landing  approach.   Note  t ha t  the  lower  value  of  CL, f o r  

t he   sub jec t   supe r son ic   t r anspor t  i s  o f f se t   by   t he   l ower  wing loading  and 
s l igh t ly   h ighe r   a i r speed .   The re fo re ,   t he  two  San va lues  are near ly   equal ;  

t h e   s u p e r s o n i c   c r u i s e   t r a n s p o r t   a c t u a l l y  showing a s l igh t ly   l ower   va lue .  From 
cons idera t ion  of t hese   po in t s ,   t he   r e sponse   o f   t he   sub jec t   supe r son ic   c ru i se  
a i rp l ane   t o   a tmosphe r i c   t u rbu lence  would not  be  expected t o  be any  worse  than 
the   response   o f   p resent -day   subsonic   t ranspor t   a i rp lanes  - neglec t ing  
f l e x i b i l i t y   d i f f e r e n c e s .  
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The p i l o t s  commented %hat t h e   p i l o t   r a t i n g   f o r   t h e   a p p r o a c h   t a s k  on t h e  
sub jec t   supe r son ic   c ru i se   t r anspor t   a i rp l ane  was degraded  by  one  rating when 
the  landing  approach w a s  made i n   t h e   s i m u l a t e d  heavy  turbulence  s ince  the ILS 
g l ides lope   t r ack ing   t a sk   r equ i r ed   cons ide rab le   p i lo t   e f fo r t  - added p i l o t  
workload. 

Crosswind  Landings 

Both  steady  crosswinds  (up t o  20 knots)   and  crosswinds  with  horizontal  
shear were simulated.  The p i lo t ing   technique   used   for  making the approach and 
landing w a s  t h e  same f o r  a l l  crosswind  conditions  flown. The technique 
consisted  of - crabbed  approach,  and a t  some nominal a l t i t ude ,   u sua l ly   abou t  
1 5  meters (50 f t ) ,  changing t o  a s ides l ipp ing ,  wing-down condi t ion.  

The requirements  of  reference 1 0  are tha t   t r anspor t   a i rp l anes   w i thou t  
crosswind  landing  gear  be  capable  of  landing  in 90° crosswinds up t o  30 knots ,  
and that  t h e  la teral  cont ro l   used  shal l  not  exceed 75 percent   o f   the   cont ro l  
power ava i lab le .   F igure  13 i n d i c a t e s   t h e  amount of s t eady- s t a t e   s ides l ip ,  bank 
angle ,   rudder   def lect ion,   and la teral  con t ro l   de f l ec t ion   r equ i r ed   fo r   s ide -  
sl ipping  crosswind  approaches a t  an   a i r speed  of 153 knots  ( t he  nominal  approach 
speed) .  It can be seen that  75 percent   of   avai lable  lateral  con t ro l  w a s  
r equ i r ed   fo r  a crosswind component of  approximately 2 1  knots .  It i s ,  the re fo re ,  
obvious tha t  th i s   supe r son ic   c ru i se   t r anspor t   a i rp l ane   cou ld   no t  be landed 
(wi th  an adequate l a te ra l  cont ro l   marg in)   in  90' crosswinds  higher  than 
approximately 20 knots .  Also, from a p i l o t i n g   s t a n d p o i n t ,   t h e   l a t e r a l -  

approach  condi t ion  to  a s i d e s l i p p i n g ,  wing-down condi t ion becomes increas ingly  
d i f f i c u l t  as t h e  90° crosswind  increases  above  approximately 15 knots .  It i s ,  
therefore,   concluded from these ground-based,  fixed-cockpit  simulator results 
tha t   the   subjec t   supersonic   c ru ise   t ranspor t   a i rp lane   should   be   equipped   wi th  
crosswind  gear   and/or   provided  with  addi t ional   rol l   control  power. 

' d i rec t iona l   con t ro l   coo rd ina t ion   r equ i r ed  for t h e   t r a n s i t i o n  from a crabbed- 

It should  be  mentioned tha t  although the  accuracy   of   the   cont ro l  
coordinat ion w a s  the  prime f a c t o r  tha t  a f f e c t e d   t h e   p i l o t ' s   a b i l i t y   t o  make 
"precise"   landings  in   high  crosswinds,   def ic iencies   of  the  v i sua l   p re sen ta t ion  
( l a c k  of pe r iphe ra l   v i s ion  and  adequate  height  cues)  and  possibly  the  lack of 
c o c k p i t   m o t i o n   a l s o   a f f e c t e d   t h e   p i l o t ' s   a b i l i t y   t o  make sa t i s f ac to ry   l and ings  
in   l a rge   c rosswinds .  

Dynamic S t a b i l i t y  Requirements  and C r i t e r i a  

For s e v e r a l   y e a r s   t h e   a i r c r a f t   i n d u s t r y  has been aware t h a t  many of   the  
e x i s t i n g   s t a b i l i t y   r e q u i r e m e n t s   o f   a i r c r a f t   h a v e  become outdated  because of 
t h e  expansion  of  flight  envelopes  and the increases   in   a i rp lane   s ize .   Al though 
research  i s  present ly   being  conducted  in  an e f f o r t   t o  remedy t h i s   s i t u a t i o n ,  
t o  date e s s e n t i a l l y  no c l e a r l y   d e f i n e d  stability requirements   and  cr i ter ia   have 
been   e s t ab l i shed   fo r   a i r c ra f t  similar t o   t h a t   f o r   t h e   s u p e r s o n i c   c r u i s e   t r a n s -  
por t .   Therefore ,   in  an e f f o r t   t o   a i d   i n   t h e   e s t a b l i s h m e n t  of new s t a b i l i t y  
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requi rements ,   the  low-speed handl ing   qua l i t i es   parameters   o f   the   subjec t  
supersonic   t ranspor t  are compared w i t h   e x i s t i n g   h a n d l i n g   q u a l i t i e s   c r i t e r i a .  

Two of   the  most   wide ly   used   longi tudina l   handl ing   qua l i t i es   c r i te r ia  are 
p resen ted   i n   f i gu re  1 4 .  Figure 14(a) shows the  short-per iod  f requency 
requirements  of  reference 1 0 ,  and as can   be   s een ,   t h i s   c r i t e r ion   ag rees   w i th  
t h e  results obta ined   dur ing   the   p resent   s imula t ion   s tudy .   F igure   14(b)  shows 
t h e  Shomber-Gertsen l o n g i t u d i n a l   h a n d l i n g   q u a l i t i e s   c r i t e r i o n   o f   r e f e r e n c e  11. 
T h i s   c r i t e r i o n  relates t h e   a b i l i t y  of t h e   p i l o t   t o  change f l i g h t   p a t h   w i t h  
normal a c c e l e r a t i o n   t o   t h e   f a c t o r  La. By us ing   t h i s   pa rame te r ,  and  by 
recogniz ing   tha t  the  p i l o t ' s  mode of   control  i s  no t   cons t an t   fo r  a l l  f l i g h t  
regimes, a c r i t e r i o n   f o r   s a t i s f a c t o r y   s h o r t - p e r i o d   c h a r a c t e r i s t i c s  w a s  
deve loped   tha t   cor re la tes  w e l l  wi th   cur ren t   a i rp lane   exper ience ,  and reasonably 
w e l l  w i th   t he   r e su l t s   ob ta ined   du r ing   t he   p re sen t  low-speed supersonic   c ru ise  
t ranspor t   s imula t ion  program. The low-speed p i t c h  ra te  r e sponse   c r i t e r ion  
shown i n   f i g u r e  1 5  , and r epor t ed   i n   r e f e rence  1 2 ,  was based on t h e  Shomber- 
Ger t sen   c r i t e r i a .  As can  be  seen,  there i s  excel lent   agreement   of   the   resul ts  
ob ta ined   dur ing   the   p resent   s tudy   and   th i s  low-speed p i t c h   r e s p o n s e   c r i t e r i o n  
when the normal operational  augmentation (SCAS) w a s  opera t ive .  The c o n s t r a i n t s  
imposed  upon t h e   u s e  of t h i s   c r i t e r i o n ,  however, negates  i t s  use   for   any   of   the  
o ther   conf igura t ions   eva lua ted   dur ing   the   p resent   s tudy .  The pi tch  divergence 
c r i t e r i o n  of re ference  9 ,  with a t ime-to-double  pitch  att i tude  of 6 seconds o r  
g r e a t e r   f o r  the  most uns t ab le   roo t ,  was considered when t h e  HSAS and unaug- 
mented conf igura t ions  were eva lua ted ,   and   the   subjec t   s imula t ion   resu l t s   agreed  
very w e l l  w i t h  t h e   c r i t e r i o n .  

The roll ra te  and  bank a n g l e   o s c i l l a t i o n   l i m i t a t i o n s   c r i t e r i a  of 
re ference  1 0  are p resen ted   i n   f i gu re  16. Figure 16(a)  re la tes  the  phase  angle 
of   the  Dutch roll component of s i d e s l i p  ($8 )  t o   t h e  measure   o f   the   ra t io   o f   the  
o s c i l l a t o r y  component of roll ra te  t o   t h e   a v e r a g e  component  of roll ra te  Po,, , - 

'ave 
and f i g u r e   1 6 ( b )   r e l a t e s   t h e  measure  of the  r a t i o  of t h e   o s c i l l a t o r y  component 
of bank a n g l e   t o  the  average component of bank angle  @osc wi th  q8. The 

condi t ions  evaluated  during  the  present   s imulat ion  s tudy are ind ica t ed   i n   t hese  
p l o t s ,  and it can   be   seen   tha t   these   s imula ted   charac te r i s t ics   agree ,  
reasonably w e l l ,  wi th   the   a forement ioned   c r i te r ia  - p a r t i c u l a r l y   t h e   f u l l y  
augmented (SCAS) and  unaugmented condi t ions .  

G 

Figure 17 p resen t s  a c r i t e r i o n   f o r   s a t i s f a c t o r y   r o l l - s i d e s l i p   c o u p l i n g  
c h a r a c t e r i s t i c s .   T h i s   c r i t e r i o n  relates p i l o t   r a t i n g   t o  t he  roll coupling 
parameter W@!Wd, as p resen ted   i n   r e f e rence  13, and the   cond i t ions  flown  during 
the   p resent   s lmula t ion  are ind ica ted .  It i s  seen tha t  t h e   r e s u l t s  of t h i s  
s tudy  agree  very well w i t h  t h i s   c r i t e r i o n .  

I n  gene ra l ,  it i s  concluded t h a t   t h e  r e su l t s  of   the   p resent   s imula t ion  
s t u d y   a g r e e   w i t h   t h e   e s t a b l i s h e d   h a n d l i n g   q u a l i t i e s   c r i t e r i a   u s e d   f o r  
comparison i n   t h i s   p a p e r .  

226 



SUMMARY OF RESULTS 

A fixed-base  simulator  program w a s  conducted t o  determine  the low-speed 
f l i g h t   c h a r a c t e r i s t i c s  of an  advanced  supersonic  cruise  transport   having  an 
arrow  wing,  an aft  mounted hor izonta l  t a i l ,  and four dry tu rbo je t s   w i th  
va r i ab le  geometry turb ines .  The pr imary   p i lo t ing   task  w a s  the  approach  and 
landing. The r e s u l t s  may be summarized as follows: 

1. This   s ta t ica l ly   uns tab le   ( longi tudina l ly)   supersonic   c ru ise   t ranspor t  
configuration  has  unacceptable low-speed handl ing   qua l i t i es   wi th  no augmen- 
ta t ion.   Therefore ,  a hardened s t a b i l i t y  augmentation  system (HSAS) w i l l  be 
required  to   achieve  acceptable   handl ing  qual i t ies   should  the normal opera t iona l  
s t a b i l i t y  and control  augmentation  system (SCAS) f a i l .  

2 .  The longi tudina l  normal o p e r a t i o n a l   s t a b i l i t y  and control  augmentation 
system,  consisting  of a high-gain  pitch  rate  command/attitude  hold  system  and 
an au to thro t t le ,   essent ia l ly   e l imina ted   the   longi tudina l   cont ro l   p roblems.  The 
l a t e r a l - d i r e c t i o n a l  SCAS, consis t ing  of  a r o l l   r a t e  command/attitude  hold 
system,  and of roll rate ( p ) ,   r o l l   a n g l e  ($1, and roll cont ro l   def lec t ion  (aw)  
feedback  s ignals   to   the  rudder ,  made the   l a te ra l -d i rec t iona l   handl ing  
c h a r a c t e r i s t i c s   s a t i s f a c t o r y .  With these  augmentation  systems  operative,  the 
average  pilot   rating  for  the  instrument  approach task was 2.  

3. The hardened s t a b i l i t y  augmentation  system ( H S A S ) ,  designed t o  provide 
"acceptable"  handling  quali t ies  with maximum s i m p l i c i t y   ( f o r   r e l i a b i l i t y  and 
ease of implementation),  consisted  of a f i l t e r e d   p i t c h   r a t e  feedback  s ignal   to  
the   longi tudina l   cont ro l   sur face  for add i t iona l   p i t ch  damping,  and a roll rate 
feedback  signal t o  t h e   r o l l   c o n t r o l   s u r f a c e s  as wel l  as to   t he   rudde r  for 
addi t iona l  roll damping and  improved turn-entry  coordination. With t h i s  HSAS 
operat ive,   the   average  pi lot   ra t ing  for   the  instrument   approach  task w a s  4. 

4. The ava i lab le   cont ro l  power for a l l  axes ( r o l l ,   p i t c h ,  and  yaw) w a s  
determined t o  be  inadequate  to meet ex is t ing   handl ing   qua l i t i es  and  crosswind 
requirements . 

5.  The response of the   subjec t   supersonic   c ru ise   t ranspor t   a i rp lane   to  
atmospheric  turbulence would not  be  expected t o  be  any  worse  than the response 
of present-day  subsonic  transport   airplanes - n e g l e c t i n g   f l e x i b i l i t y  
d i f fe rences .  However, t h e   p i l o t s  commented that t h e   p i l o t   r a t i n g   f o r   t h e  
approach  task on the  subject   supersonic   cruise   a i rplane w a s  degraded  by  one 
r a t i n g  when the  landing  approach was made in   the   s imula ted  heavy  turbulence 
s ince  the  gl ideslope  t racking  task  required  higher   pi lot   workload.  

6. In   gene ra l ,  it i s  concluded that t h e  results of t h e  subject  simulation 
s tudy   agree   wi th   the   es tab l i shed   handl ing   qua l i t i es   c r i te r ia   used   for  
comparison i n   t h i s  paper. 

7 .  It i s  concluded t h a t   a d d i t i o n a l  low-speed research is requ i r ed   t o  
achieve   sa t i s fac tory   cont ro l  power on th i s   supersonic   c ru ise   t ranspor t  
configuration - p a r t i c u l a r l y ,  roll con t ro l  power. 
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TABLE  I.- MASS AND  DIMENSIONAL  CHARACTERISTICS OF SIMULATED 
SUPERSONIC  CRUISE  TRANSPORT  AIRPLANE 

(LANDING WEIGHT) 

Wing span. m ( f t )  . . . . . . . . . . . . . . . . . . . .  38.66 (126.83) 

Wing leading-edge sweep.  deg . . . . . . . . . . . . . . .  74.00/70.84/60.00 

Reference mean aerodynamic  chord. m ( f t )  . . . . . . . .  27.00 (88.59) 

Center-of-gravity  location.  percent F ref . . . . . . . . . . . . . . . .  56 

S t a t i c  margin.  percent . . . . . . . . . . . . . . . . . . . . . . .  (-3.2) 

Ix. kg-m2 (slug-ft  ) 6.887. 550 (5.080. 000) 

Iy. kg-m2 (slug-ft  ) 67.994. 260  (50.150. 000) 

2 

2 

2 

. . . . . . . . . . . . . . . .  

. . . . . . . . . . . . . . . .  
kg-m2 (slug-ft  . . . . . . . . . . . . . . . .  72.902. 230  (53.770. 000) . IZ . 

Ixz . kg-m2 (slug-ft  ) . . . . . . . . . . . . . . . .  .2.833. 660 (.2. OgO.000) . 
2 

Maximum control-surface  deflections:  ~3~.  deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 20 

6f .  deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0 t o  40 

6.. deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
6af .  deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
6s. deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 5 0  

6,. deg . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 35 

Maximum control-surface  def lect ion  ra tes :  

. 

. + 30 

. + 22.5 

. 

. 

.. . deg/sec . . . . . . . . . . . . . . . . . . . . . . . . . . .  
6. . deg/sec . . . . . . . . . . . . . . . . . . . . . . . . . . .  

. + 50 

. + 10 

ia. deg/sec . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 70 
Baf.  deg/sec . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 40 

Bs. deg/sec . . . . . . . . . . . . . . . . . . . . . . . . . . . .  . + 50 

6.. deglsec . . . . . . . . . . . . . . . . . . . . . . . . . . .  + 50 

. 

. 

. 
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Control 

Column : 

Forward 

Aft 

Wheel 

Pedal 

TABLE  11.-  SIMULATOR  CONTROL  CHARACTERISTICS 

M a x i m u m  
Travel In 

14.0 

18.0 

155.0 

cm 

16.43 

21.34 

~16.48 

- +8.89 

in. 

6.47 

8.40 

- ~6.48 

53.50 

Breakout 
Force 

N 

15.5 

13.3 

15 .3  

lb f 

3.5 

3.0 

3.5 

Force Gradient 

" 

N/cm 

17.5 

3.8 

70.0  

lbf /in. 

10.0 

2.2 

40.0 
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TABLE V.- CONTROL  RESPONSE  CHARACTERISTICS OF SIMULATED  SUPERSONIC 
CRUISE  TRANSPORT AIRPLANE 

'..Augmentat ion 
-1 None HSAS* SCAS* 

Satisfactory  Acceptable 
Parameter\ Criterion  Criterion 

"m.":b- .- ""- "_ ~ 

..-..-- "._ 

Longitudinal 

.. - -I- 
'ma ' rad/sec' I-. 062' 

.243 

16.84 

- .111 
1.299 

1.042 

2.66 

- lSee 1 5  fig.l See  figure 1 5  - 

.203 

9.54 

.802 

.121 

.052 

3.88 

Lateral 

,205 

!O. 86 

.a96 

.007 

.052 

2.65 

* Autothrottle  on. 
+ Minimum  demonstrated  speed of 125 knots. 

See  figure 18 

See  figure 1 6  

See  figure 16 

See  figure 18 

See  figure 18 

>.25 
" 

See  figure 16 

See  figure 16  

Note  that  at  the  design  minimum 
demonstrated  speed  of 140 knots  the  criterion  is  satisfied. 
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TABLE VI.-  COMPARISON OF SIMULATED  SUPERSONIC  CRUISE  TRANSPORT AND 
TYPICAL  SUBSONIC  JET  TRANSPORT  GUST 

SENSITIVITY  PARAMETERS pan = - cL:v] 
2w/s 

AIRPLANE 

Supersonic 
c r u i s e   t r a n s p o r t  

Subsonic j e t  
t r a n s p o r t  

1924.5 
432640) 

800.7 
180000) 

" 

---"- 
Jing Area! W/S 

m 2 
k.N /m2 

( f t 2 )  ( lbf  /st2 

256.2 3.13 
(2758)  (65.3) 

cL 

RAD-1 
a ,  

2.06 

4.85 

VY 
n/sec 

f t / s e c )  

78.8 
258.4) 

72.1 
236.5) 

0.056 
(.017) 

.069 
( .021)  
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1-89.92 (295.00) _1 
Figure 1.- Boeing  model 969-336C based on NASA SCAT-15F conf igura t ion .  

A l l  l inear   d imens ions  are i n  meters ( f e e t ) .  

38.66 

(34.17) 

Figure  2.- Three-view  sketch of s imula t ed   a i rp l ane .  
A l l  dimensions are i n  meters ( f e e t ) .  
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THRUST, 
percent 

TIME, sec 

Figure 3 . -  Simulated  engine  response  characteristics. 

Figure 4 . -  Simulator cockpit and instrument display. 
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F i g u r e  5 . -  Photograph of l a n d i n g   s c e n e  
equipment   and  a i rport   model .  

F i g u r e  6 .  - V i e w  of -runway as s e e n  by 
p i l o t   p r i o r   t o  touchdown. 
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24 I- 

PITCH. RATE, 

deglsec 
e, 

I / UNAUGMENTED 

t .4 0 

- DES I RA  BLE 

DEFLECTION, 

deg %' 2l I 2 3 4 5 6 7 8  

TIME,  sec 

F i g u r e  7.- Comparison of d e s i r a b l e   p i t c h  ra te  
' r e s p o n s e   c h a r a c t e r i s t i c s  wi th  t h o s e  of 

unaugmented   a i rp lane .  

." . " 
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6 
W' 

percent 

i, 
deglsec 

K 
deglsec 

- .-  DESIRABLE  RESPONSE 
RESPONSE OF AUGMENTED  CONFIGURATION 

80 r 
40 0 I 

I I I J 

0 2 4 6 8 10 
TIME, sec 

240 

Figure 8.- Comparison of desirable  lateral-directional  response 
characteristics  with those obtained  for  unaugmented 
configuration. 



I + 
9 . c  

LONGITUDINAL 

6w 

% - 
-35 DIRECTIONAL 

Figure  9.-  Normal o p e r a t i n g   s t a b i l i t y  and c o n t r o l  
augmentation  system (SCAS). 

2.4 r I U N A U G M E N T E D  (PR = 7) 

PITCH  RATE, 2.0 1.6 L SCAS (PR = 2) " --  """""_ 
I 

I I I I I I I 

DEFLECTION, 
bc. deg 0 1 2 3 4 5 6 7 8  

TIME,  s e t  

Figure  10.- Comparison of p i t c h  rate response 
c h a r a c t e r i s t i c s  for var ious   cont ro l   sys tems.  
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6w, 
percent -, 

0 
8 -  / / 

""- " 
I- - SCAS  (PR = 2) 

6, -e-.-. HSAS  (PR = 4) - 
degl sec NAUGMENTED 

(PR = 7) 

-2 2 I I I I 

k 
degl sec 

6 -  

4 -  

2 -  

0 

-2 - "" "" - J 

'8" 
/ 

/ 
/ 

/ 
/ 

/ 

6 -  0 

4 -  
/ 

2 -  

0 2 4 6 8 10 

0 

0 
0 
/ 

I 

TIME, sec 

Figure 11.- Comparison of l a t e ra l -d i r ec t iona l   r e sponse  
t o  a l a t e r a l   c o n t r o l   s t e p   i n p u t  for var ious   con t ro l  
sys  tems . 
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Figure  12. -  Hardened s t a b i l i t y  

DIRECTIONAL 

augmentation  system (HSAS). 

- 
PERCENT  LATERAL  CONTROL 

- 
(LATERAL CONTRC 

- 

- 

- 
0 5 10 15 20 25 30 

STEADY 90' CROSSWIND VELOCITY, knots  

00 

80 

LATERAL 
60 CONTROL 

AVA I LABLE, 
percent  

40 

20 

0 

Figure  13 . -  I n d i c a t i o n  of crosswind t r i m  c a p a b i l i t y  (+ = 0 0 
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50 L- O HSAS 

I I I I I I I I I  I I I 1 I I I I I  

1 10 100 
nla, g unitslrad 

(a)   Longi tudinal   short-per iod  f requency 
requirements of r e fe rence  10. 

0 HSAS 

UNACCEPTABLE n SCAS 
SUBSONIC JET 

TRANSPORTS 

ACCEPTABLE 

oPR = 4 

SAT1  SFACTORY 

0 .  .2 .4 .6 .8 1.0  1.2  1.4  1.6 
SHORT-PERIOD  DAMPING  RATIO. C s p  

(b)  Shomber-Gertsen  longitudinal  handling 
q u a l i t i e s  of r e fe rence  11.  

Figure  14.-  Long i tud ina l   hand l ing   qua l i t i e s  cr i ter ia .  
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3.5 

3.0 

2.5 

- e 2.0 4, 
1.5 

1.0 

.5 

0 

- 

NORMAL  OPERATION 
PR = 3.5 

TIME, sec 

F i g u r e  15.- Low-speed ra te  response  
c r i t e r i o n  of r e f e r e n c e  12. 
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0 UNAUGMENTED 
(PR = 7) 

UNACCEPTABLE 

ACCEPTABLE 

.I)/,,;,; :LDF+Y4;,[/-+ 
SATISFACTORY SCAS 

.A (PR = 2) 
0 -40 -80 -120 -160 -200 -240 -280 -320 -360 

'+$, deg 

(a) R o l l  rate oscillation limitations. 

0 UNAUGMENTED 

UNACCEPTABLE 

// / 

SATISFACTORY \L 
I I I I I I SCAS A 

0 -40 -80 -120 -160 -200 -240 -280 -320  -360 

(b) Bank  angle oscillation limitations. 

Figure 16.- Lateral-directional handling  qualities 
criteria of reference 10. 
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2t 

0 UNAUGMENTED 
0 HSAS 
A SCAS 

A 

11 I I I I I I I I I I I 
.3  .4 .5 .6 .7 .8 .9 1.0 1.1  1.2 1.3 1.4 115 

ROLL COUPLING  PARAMETER, w o / w d  

F i g u r e  17 . -  V a r i a t i o n   o f   p i l o t   r a t i n g  wi th  r o l l  
coupl ing  parameter .   (Shaded area p r e s e n t e d  
i n  ref .  13. )  
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0 UNAUGMENTED 
0 HSAS 
A SCAS 

UNACCEPTABLE 

UNICyT:B: ,h ACCEPTABLE 

.M 
-10 1 

L L L l  
10 

ROLL  MODE  TIME  CONSTANT. T ~ ,  sec 

( a )   Ro l l   acce l e ra t ion   r e sponse   boundar i e s  
, fo r   l a rge   a i r c ra f t .   Boundar i e s   f rom 

re fe rence  10. 

70 - 
60 - 

50 - 

ROLLING 4o 
VELOCITY. 

0 
deglsec 30 - 

20 - 

B LE 

10 - OHSAS 

I I I I I I I I I I I I I I I I I I I  
0 .2 .4 .6 .8 1.0 1.2 1.4. 1.6 1.8 2.0 

ROLL MODE TIME CONSTANT, T ~ ,  sec 

(b) Ro l l  ra te  r e s p o n s e   c r i t e r i o n   f o r  
t r a n s p o r t   a i r c r a f t .   B o u n d a r i e s  
from re fe rence  14 .  

Figure  18.- Lateral  response cri teria.  
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FLEXSTAB - A COMPUTER PROGRAM FOR THE PREDICTION OF LOADS AND 

STABILITY AND CONTROL OF FLEXIBLE  AIRCRAFT 

Brian R. Perkin 
Boeing Aerospace Company 

Larry L. Erickson 
NASA Ames Research  Center 

SUMMARY 

This paper  describes and i l l u s t r a t e s   capab i l i t i e s  of the FLEXSTAB Computer 
Program System. FLEXSTAB i s  a system of  computer  programs f o r  performing 
aeroelast ic   analysis  o f  a wide var ie ty  o f  current and future   a i rcraf t   configu-  
ra t ions.  There a re  two versions  of FLEXSTAB: a NASA controls-fixed  version? 
ident i f ied  as Level 1 FLEXSTAB; and an Air Force  version,**  identified  as 
Level 2 FLEXSTAB, which provides for   ac t ive   cont ro ls   ana lys i s   a t  low frequencies 
The aerodynamic theory used i n  FLEXSTAB i s  applicable t o  both steady and 
unsteady,  subsonic and supersonic  flow for multiple  wing-body-tail-nacelle 
configurations  with a plane  of symmetry. For unsteady  flow  calculations, an 
unsteady  aerodynamic  theory i s  used which i s   appropr ia te   for   the  low reduced 
frequencies  associated  with  aircraft   f l ight dynamics. The a i r c r a f t  may  be 
modeled a s   e i t he r  a r ig id  o r  f lex ib le   s t ruc ture .  FLEXSTAB will trim the 
a i r c r a f t  i n  s teady  reference  f l ight  and compute b o t h  s t a t i c  and dynamic 
s t a b i l i t y  and control  derivatives and the stabil i ty  behavior  about the trim 
condition. The a i rp lane   l i f t ing   p ressure   d i s t r ibu t ion ,  aerodynamic and i n e r t i a  
loads and deflected  shape  are  also computed. 

INTRODUCTION 

FLEXSTAB i s  a system  of  computer programs for performing  aeroelastic 
analysis  o f  a wide variety  of  current and future aircraf t   configurat ions.  
There a re  two versions  of FLEXSTAB: a NASA, controls-fixed version, identified 
a s  Level 1 FLEXSTAB ( r e f .  1  and 2 ) ;  and an Air Force vers ion,   ident i f ied  as  
Level 2 FLEXSTAB ( r e f .   3 ) ,  which provides   for   act ive  controls   analysis   a t  low 
frequencies.  Effort i s  current ly  underway t o  consolidate  these two versions 
into a Level 3 FLEXSTAB program. T h i s  paper  describes the NASA version  of 
FLEXSTAB i n  some deta i l  w i t h  a brief description of  the Air Force  version. 

* Sponsored by  NASA.Ames under Contracts NAS2-5006 and NAS2-7729. 
.. "" . .~. . . ". "- .. "" -" . . . "" ~ . j  .~ .~ . . .~ .. 

** Sponsored by the Air Force Flight Dynamics Laboratory under Contracts 
F33615-72-C-1172 and F-33615-75-C-3132. 
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The degree to  which aeroelasticity  influences  aircraft  f l i g h t  behavior, 
such as   s tab i l i ty   o r   cont ro l lab i l i ty  and structural  loads,  varies  greatly from 
a i r c ra f t   t o   a i r c ra f t ,  depending upon configuration and performance requirements 
Obviously the  aeroelastic  effects become  more s ignif icant  w i t h  the  trend  to 
lighter  weight, more f lexible   a i rcraf t   s t ructures .  The  low aspect   ra t io ,  t h i n  
wing ,  slender body configurations  of  large  supersonic  aircraft  are a prime 
example. The aeroelast ic   effects   for  this c lass  of a i r c ra f t   a r i s e  from complex 
structural  deformation  shapes (relative  to  higher  aspect  ratio  configurations) 
affecting both the  loads and the s t a b i l i t y .  Further, because some of  t he i r  
structural  motions may have characteristic  frequencies  approaching  those o f  
t he i r  r i g i d  body motions, dynamic s t a b i l i t y  may  be significantly  affected by 
the dynamics of the  structure through aerodynamic coupling between the r i g i d  
body and structural  motions. 

In recognition  of  these needs, NASA, and la te r   the  U.S. Air Force,  sponsor 
the development of the FLEXSTAB computer programs. These are regarded as 
f i r s t  generation programs which par t ia l ly   sat isfy  the need fo r  an automated 
aeroelastic  analysis  tool.  

This paper presents a brief  introduction  to  the  capabilities and limit- 
ations of the FLEXSTAB programs. Some of the  capabi l i t ies   are   i l lustrated by 
resul ts  from application  of FLEXSTAB t o   a c t u a l  and proposed aircraft   configur- 
a t i o n s  including  the YF-12A a i rcraf t ,   the  NASA Arrow-Wing Supersonic  Cruise 
Aircraft ,  and the Boeing  Fixed-Wing SST. 

FLEXSTAB CAPABILITIES 

The NASA Level 1 FLEXSTAB is  a system o f  fourteen  separate computer 
programs ( total1 i n g  about 100 000 source  statements) using l inear  theories  to 
evaluate  controls-fixed  static and dynamic s t a b i l i t y ,  trim s t a t e ,   i ne r t i a l  and 
aerodynamic l o a d i n g ,  and e l a s t i c  deformations  of aircraft   configurations a t  
subsonic and supersonic  speeds. The functional  configuration of Level 1 
FLEXSTAB is  shown i n  f igure 1 .  A wide range  of analysis  capabili ty has been 
incorporated  into  the FLEXSTAB system as shown i n  table  1 .  A typical  analysis 
sequence i s  shown i n  f igure 2.  

The aerodynamic theory is  applicable  to bo th  steady and unsteady,  subsonic 
and supersonic  flow for  multiple  wing-body-tail-nacelle  configurations w i t h  
a plane of symmetry. The aerodynamic theory i s  a linearized  potential flow 
theory and contains a low frequency  approximation to  unsteady flow. A single 
aerodynamic paneling scheme can be used for  steady and unsteady,  subsonic and 
supersonic  flow.  Structural  flexibility and inertial   properties  are modeled 
using an elastic  axis  representation w i t h  beam f i n i t e  elements (internal t o  
FLEXSTAB). A1 so, structural  properties  generated  externally by programs such 
as NASTFUN@ or ATLAS can be interfaced w i t h  FLEXSTAB where a better  structural  
definition i s  required, such as   for  low aspect   ra t io   a i rcraf t .   Structural  and 
aerodynamic properties  are  integrated us ing  a mean-axis representation. The 
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I- 

dynamics of  amflexible  aircraft   are  resolved  into  structural  dynamic f ree  
vibration modes superimposed on r i g i d  body dynamics. The equations  of motion 
are  expressed  for a steady,  reference motion t o  determine trim and s t a t i c  
s t ab i l i t y ,   i ne r t i a l  and aerodynamic loading, and e l a s t i c  deformations. They 
are  also  expressed i n  terms of  unsteady  perturbations  about the reference 
motion to  determine dynamic s t a b i l i t y  by characterist ic  roots  or by time 
histories  following an initial  perturbation  or  following  penetration  of a 
discrete  g u s t  flow f ie ld .  A brief description of these  capabili t ies w i t h  
corresponding  limitations  follows. 

FLEXSTAB AERODYNAMIC  MODELING 

Geometry 

The user i n p u t s  the aerodynamic geometry o f  a symmetric configuration  as 
a series  of  slender bodies w i t h  interference  surfaces and t h i n  surfaces  as 
shown i n  f igure 3 .  A fuselage, a nacelle,   or an external  store  is  represented 
by a slender body o f  revolution. The  body camber i s  defined  as camber slopes 
w i t h  respect t o  a s t ra ight  aerodynamic mean centerline,  and the boundary 
conditions  are  set up  on a cylindrical  surface o f  revolution. This aerodynamic 
mean centerline  also  defines  the  elastic  axis for the body. Interference 
effects  on a slender body are accounted for by an interference  shell which i s  
a cylinder o f  constant polygonal cross  section. A wing ,  horizontal t a i l ,  
ver t ica l   t a i l ,   o r  any other l i f t i n g  surface  (including  control  surfaces)  is 
represented by l inearization o f  the boundary conditions a b o u t  a mean plane. 

Aerodynamics 

The aerodynamic influence  coefficient method used i n  FLEXSTAB to  solve 
the  linearized  potential flow equations i s  an extension  of  the  constant 
pressure panel i n g  technique due t o  Woodward ( re f .  4 ) .  For each of  the 
components i n  the aerodynamic model, FLEXSTAB computes aerodynamic influence 
coefficient  matrices which relate   pressure  a t  one aerodynamic panel to  the 
flow incidence and incidence  rates o f  another  panel.  Incidence  angles  are 
expressed i n  terms  of the  configuration geometry (involving camber, twist  , 
thickness,  dihedral , control  surface  deflection) , a i r c r a f t   a t t i  tude and motion, 
and e l a s t i c  deformations. The f low boundary conditions  are  the flow 
incidences.  Interference  effects between t h i n  bodies and slender  bodies  are 
approximately  accounted for  by vortex  panels on the t h i n  bodies and by inter-  
ference  surfaces  (she1 1 s )  enclosing each slender body. 

For unsteady flow calculations, an unsteady aerodynamic theory i s  used 
which is  appropriate  for  the low reduced frequencies  associated w i t h  a i r c ra f t  
f l i g h t  dynamics. The theory i s  not  intended to  deal w i t h  h i g h  frequency 
motion such as encountered i n  f l u t t e r   o r  dynamic loads due t o  atmospheric 
turbulence ( f i g .  4) .  The unsteady f low model i s  unique i n  t ha t  i t  has the 
same three-dimensional capability  as  the  steady flow model a t  both supersonic 
and subsonic  speeds . . . a feature  not found i n  other  unsteady  formulations. 
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Also, unlike other  supersonic schemes such as  the Mach  Box method,,the FLEXSTAB 
aerodynamic model does  not require the introduction  of "diaphragm regions"  for 
wings w i t h  subsonic  edges. 

Nonlinear and viscous  effects  are  not accounted for  analytically  since 
the aerodynamic formulation is  based on linearized  potential flow  theory. The 
severity  of  these  limitations i s  a function  of  the  configuration and f l i g h t  
condition. To par t ia l ly   a l leviate   this   l imitat ion,   provis ion has been made 
for incorporating  user  specified changes to  the aerodynamic matrices, flow 
incidence  vectors, aerodynamic force and  moment coefficients,  and l i f t i n g  
pressure  distributions. 

FLEXSTAB STRUCTURAL MODELING 

The user can model the   a i rc raf t   e i ther   as  a r i g i d  or   f lexible   s t ructure .  
For a flexible  structure,  two modeling options  are  available  (see f i g .  5 ) .  If  
the  s t ructure   is  amenable to  an e l a s t i c  a x i s  idealization, an internal 
structures program us ing  beam type  finite-elements i s  provided. In this  case,  
the  user  supplies FLEXSTAB w i t h  the   e las t ic   axis  geometry, and s t i f fness  
(EI,  GJ)  and  mass information. 

For e l a s t i c  modeling of complex s t ructures ,  FLEXSTAB will accept the 
structural  output of external   f ini te  element programs such as NASTRANB or 
ATLAS ( f i g .  6 ) .  In this case, a general  three-dimensional model  must  be 
"reduced" to  .an equivalent  representation  consistent w i t h  the FLEXSTAB aero- 
dynamic  model. That i s ,  the   f lex ib i l i ty  and iner t ia   def ini t ions  are  reduced 
t o  structural  nodes located on the mean aerodynamic plane of  t h i n  bodies and 
on the mean aerodynamic center1  ines o f  slender bodies ( f i g .  5 ) .  

A f lexible  structure can be represented i n  e i ther  of two ways. 

1 .  Static-Elastic - The structural  deformations  are assumed t o  occur 
s t a t i ca l ly ,  and a l l   e f f ec t s  due t o  structural   vibration  are ignored. 
Using this assumption,  the  structural  deformations  are  related t o  
the  applied  loads by the  f lexibi l i ty  matrix of the  unrestrained 
vehicle and are  i n  phase w i t h  the r i g i d  body motion. 

2.  Residual-Elastic - The structural  dynamic motion i s  accounted for 
by us ing  the  free-vibration-mode  shape  amplitudes  as  structural 
degrees  of freedom. FLEXSTAB uses  the  "residual  flexibility" 
technique, whereby the dynamic e f fec ts  of just the lower frequency 
modes (which are most 1 ikely  to  couple w i t h  the r i g i d  body motion) 
are  retained. The dynamic e f fec ts  o f  the  higher  frequency modes are  
neglected, b u t  t he i r   s t a t i c   f l ex ib i l i t y   e f f ec t s   a r e   r e t a ined  (hence 
the name residual f l  exi b i  1 i t y )  . The frequencies of  the  retained 
modes  must not  violate  the low frequency  approximation of the 
unsteady  aerodynamics. 
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In bo th  cases   the  iner t ia l   re l ief  i s  included i n  the  f lexibil i ty  matrix 
which i s  then  transformed to  the mean-axis system. The s ta t ic -e las t ic  approach 
i s  used for  the trim and s t a t i c   s t a b i l i t y  problems; a lso,  i t  i s  usually  quite 
adequate for dynamic s tabi l i ty   cases  i n  which the  lowest  structural v i b r a t i o n  
frequency i s  re la t ive ly   fa r  removed from the  frequency o f  the  a i rcraf t   short-  
period motion. The residual  flexibility  technique i s  provided for  analyzing 
dynamic s t ab i l i t y  problems i n  which the lower structural  frequencies and the 
short-period  aircraft motion may  be close enough together  to  significantly 
couple  the a i r c r a f t  " r i g i d "  body  and structural  dynamic motion. 

In general,  the  present FLEXSTAB versions  are n o t  applicable t o  dynamic 
loads  analysis. This i s  because  of the low reduced frequency  approximation 
used for  the unsteady  aerodynamics and the  simplifications made i n  the 
structural  dynamic  model. The structural  simplifications  define  the  fuselage 
mass  and s t i f fness  along a s t ra ight   l ine   e las t ic   ax is  and neglect  all  rotary 
iner t ia  terms, ( f i g .  7 ) .  For a wing surface, a dumbbell mass representation 
i s  used to  represent  the wing panel inertial   properties.  

PROBLEM ANALYSIS 

The aerodynamic and structural  representations  are combined i n t o  an 
aeroelast ic   set  of  equations which govern the  aircraft  loads and f l i g h t  
behavior. Except for  the time his tor ies  response and the  postprocessing of 
the  loads,  solutions t o  these  equations  are computed i n  the   Stabi l i ty  
Derivatives and  S ta t ic   S tab i l i ty  (SD&SS) program. Figure 8 presents a 
schematic o f  the SD&SS program i l lustrat ing  the  user  i n p u t  including  the 
empirical  data and the program o u t p u t .  The basic  calculations for the trim 
solution and s t a b i l i t y  and control  are  further  described below. 

Trim S o l u t i o n  

From user  specified  values o f  steady  reference  flight  conditions  (load 
factor or pitch  rate,  flightpath  angle  or thrust, yaw and rol l   ra tes  , bank 
angle, and a l t i tude  or speed and  dynamic pressure), FLEXSTAB computes the trim 
parameters and trimned force  coefficients shown i n  table 2. Three solution 
o p t i o n s  are  available:  

1 .  Trim solution'with  constant  coefficients: Here, a l l   the  aerodynamic 
force  coefficients  are computed analytically by FLEXSTAB, and the 
trim parameters are  obtained  directly from the  linearized  equations 
o f  motion. 

2 .  I terat ive trim solution: In this case  the  user can supply a table 
of nonlinear  force and moment coefficients  to  replace  all   or a 
portion o f  the FLEXSTAB computed r i g i d  aerodynami-c coefficients;  
aeroelastic increments to  these  coefficients  are computed on the 
basis o f  linear  theory. 

253 



3. User specified trim parameters: This option  allows the user to  
specify  values  for  the trim parameters, thus, i n  general  leaving 
the   a i rc raf t  i n  an unbalanced load  condition.  This  option i s  useful 
for  calculating  loads  per u n i t  control  surface  deflection,  for 
specifying untrimmed f l i g h t  maneuvers, o r   fo r  matching r i g i d  model 
wind tunnel test   conditions.  

After  the trim variables  are  obtained  (or  specified), FLEXSTAB computes 
l i f t ing  pressure  dis t r ibut ions,  aerodynamic and inertial   loads a t  aerodynamic 
centroids, and e las t ic   def lect ions due t o  these  loads. In addition, for 
steady  symnetric f l i g h t ,  the aerodynamic pressures can be integrated  over  user 
specified port ions o f  the  a i rcraf t  t o  o b t a i n  shear, bending, and torque 
reactions  to  the  applied  airloads (ALOADS program) when the  structural  model 
originates from an external  f inite element program. 

S tab i l i ty  and Control Calculations 

The FLEXSTAB analysis proceeds by perturbing  the  aircraft  motion variables 
(both r i g i d  and e l a s t i c )  about t he i r  values  for  the  reference f l i g h t  condition. 
This resul ts  i n  explicit  matrix  equations from  which the   s ta t ic  and dynamic 
s t a b i l i t y  and control  derivatives  are computed. These der ivat ives ,   l i s ted i n  
tables 3 and  4, are  computed for both l o n g i t u d i n a l  and  lateral   directional 
motions. The linearized flow equations used i n  FLEXSTAB govern f i rs t  order 
aerodynamic effects ;  second-order  nonlinear  terms, such as  the  product o f  
angle o f  attack w i t h  angle  of  sideslip,  are  neglected. For small dihedral 
configurations  these  second-order  terms can s ignif icant ly   affect   the  yaw ra te  
and  sides1 i p  s tabi l i ty   der ivat ives   ( ref .  5 ) .  

The s tab i l i ty   charac te r i s t ics  about  the  reference  condition  are computed 
for  two cases, 1 .  s ta t ic   ( s teady   s ta te  f l i g h t ) ,  and 2 .  dynamic, (time  varying 
motion of the   a i rc raf t ) .  For the   s ta t ic   case ,   the   s ta t ic   s tab i l i ty  parameters 
l i s t ed  i n  table 2 are  computed. For the dynamic case ,   the   a i rc raf t   s tab i l i ty  
behavior i s  determined w i t h  controls  fixed.  (In  the Air Force version of 
FLEXSTAB, reference 3,  the low frequency dynamics of  vehicles w i t h  feedback 
control s and sensors can be evaluated) . Using the 1 inearized  equations of 
motion, the  roots  of the corresponding  characteristic  equation  are computed. 
These roots i n  turn supply  the dynamic modes of motion together w i t h  the 
associated  frequencies and  damping coefficients.  Each real  root and each 
osci l la tory  pair  o f  roots  are  described  individually. For each mode the 
following is   pr inted:  

. Times  and  number o f  cycles  to  one-half  (or  double) and 
one-tenth amp1 itude 

. Frequency and period 

. Logarithmic decrement and ratio  of  successive maximum 
d i  spl acement 
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. Undamped natural  frequency 

. Damping r a t io  

. Phase and amp1 itudes  of modal coupling terms 

Time Histories Response 

The nonlinear  perturbation  equations  of motion are  numerically  integrated 
us ing  a Runge-Kutta procedure to  determine  the time histories  response. The 
time his tor ies  response is  required when the  user wants to  investigate  the 
dynamic s t a b i l i t y  due to ;   (a )  the large  perturbations  to motion variables, 
and ( b )  a discrete  gus t .  Three types  of  discrete gust i n p u t s  may be specified, 
these  are  sine,  1-cosine, and modified  square wave. Nonlinear aerodynamic data 
may be i n p u t  as a tabular  series  for  calculating  the  response.  Specification 
of  the  discrete gust must be consistent w i t h  the  limitation of the low 
frequency  approximation. 

APPLICATIONS OF LEVEL 1 FLEXSTAB 

Some of  the capabi 1 i t i e s  o f  FLEXSTAB are   i l lustrated by the  results from 
application  to  different  airplane  configurations. The NASA Arrow-Wing 
Supersonic  Cruise Aircraft  has been  used t o  i l lustrate  the  prediction of 
s t a b i l i t y  and control  parameters  for the rigid and flexible  Girplane. Also, 
comparisons between FLEXSTAB resu l t s  and resul ts  from other  analysis  tools,  
wind tunnel t e s t s ,  and flight  data  are  presented for the YF-l2A, an  Arrow-Wing- 
Body configuration,  the Boeing  Fixed-Wing SST, and the Space Shuttle  Orbiter. 
The YF-12A resul ts   are   for  a f lex ib le   a i rc raf t  and the  other  three for r i g i d  
a i   rc ra f t .  

NASA Arrow-Wing Supersonic  Cruise  Aircraft 

This configuration was used by Boeing i n  support  of  the NASA SCAR program 
( re f .  6 ) .  In tha t  program FLEXSTAB was used to  determine  the  aeroelastic 
loads  using elastic  properties  supplied by the ATLAS finite-element  structural 
analysis program. FLEXSTAB has also been  used to   predict   the   s tabi l i ty  and 
control  parameters  for  the  configuration.  Figure 9 shows the aerodynamic 
paneling used i n  the  analysis.  Tables 5-8 l i s t  the   s tab i l i ty  and control 
parameters for  bo th  the r i g i d  and elast ic   a i rplane  as  o u t p u t  by FLEXSTAB. 
T h e  e las t ic   a i rplane parameters a re  shown for  both the "free-free  structure" 
and the  "fixed-free  structure". The free-free  airplane  analysis i s  programmed 
i n  the FLEXSTAB code. The e l a s t i c  displacements and rotations i n  the  free-free 
analysis  are w i t h  respect  to a mean axis system w i t h  the  origin  selected a t  the 
a i r c r a f t  mass center. The elast ic   dis tor t ions  re la t ive t o  a mean-axis system 
correspond t o  those of the  actual  unrestrained  flight  vehicle and do not 
contribute t o  the  l inear and angular momenta of  the  relative motion w i t h  
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respect  to  the body axes. Hence, the  origin of the body axes remains a t   t he  
a i r c r a f t  mass cen te r   a t  every  instant and reduces the ine r t i a l  coupling 
between the  overall and re la t ive  deformation  motions. The fixed-free  airplane 
analysis  consists  of us ing  a cantilevered (clamped) f l e x i b i l i t y  matrix which 
contains  implicit ly  the  inertial   relief  effects.  The fixed-free  airplane 
analysis was patched i n t o  the FLEXSTAB code for  this example to   i l l u s t r a t e   t he  
significance of  the mean-axis formulation. The fixed-free  type of  solution i s  
sometimes used i n  present  .aircraft  design, b u t  the free-free  solut ion  is  more 
representative of the  airplane i n  f l igh t .  Tables 5-8 show the effects  o f  
using  the  free-free  analysis. The difference between the  free-free and 
fixed-free  analyses for the trim a ( A a  =0.800°) represents  the  angle through 
which the mean axis  rotates  relative t o  the clamped axis.  The e f fec t  of this 
rotation can be s ignif icant  for the  s tabi l i ty   der ivat ives  as presented i n  
tables 6 and 7. 

Y F-12A 

A comparison between the FLEXSTAB predicted and f l i g h t  measured deformed 
shape  of the YF-12A i s  shown i n  figure 10. These resul ts   are   for  a load 
factor of 1 a t  a Mach  number o f  2.8. For this f l i g h t  condition  the agreement 
i s  generally good. A t  subsonic Mach numbers there i s  n o t  such good agreement. 
This i s  probably due t o  the  chine induced vortex  flows which FLEXSTAB cannot 
model. 

Arrow-Wing-Body Configuration 

Reference 7 presents comparisons  of theoretical and experimental  transonic 
pressure  distributions for an arrow-wing-body configuration. Example resul ts  
a t  M=0.85 for  a = 2 . l 0  and 7 . 9 O  are  given i n  figure 11 for 2 spanwise 
locations. In a d d i t i o n  t o  w i n d  tunnel resu l t s ,  2 s e t s  o f  analytic  potential 
flow resul ts   are  shown;  one o f  these is  from FLEXSTAB and the  other  is  from 
Boeing program TEA-230. The FLEXSTAB resul ts  for the i n d i v i d u a l  upper and 
lower surface  pressures were  computed from a Boeing modified  version of  
FLEXSTAB. The released  version o f  FLEXSTAB computes only  the  pressure 
difference between the lower and upper surfaces (1 i f t i n g  pressure). 

A t  a = 2 . l 0  b o t h  FLEXSTAB and TEA-230 predict  pressure  distributions 
which  compare well w i t h  the  experimental  results. In contrast  t o  the mean 
surface  paneling method  used i n  FLEXSTAB, the TEA-230 model employs 
on-thesurface panel i n g  and boundary conditions. This feature  enables  the 
actual w i n g  leading-edge  pressures t o  be  more closely  predicted by TEA-230 
t h a n  by FLEXSTAB. 

A t  a = 7.9O the  presence of a vortex  spiraling o f f  the w i n g  leading edge 
alters  the  pressure  distribution  over a major po r t ion  o f  the wing .  As seen 
i n  figure 11 the  analyt ic   resul ts   s t i l l   agree w i t h  experiment a t  the inboa rd  
station b u t  n o t  a t  the outboard  station. This i s  because neither of  the two 
analytic methods  can model the  leading-edge  vortex  flow. 
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Boei  ng  Fi  xed-Wing SST 
1 

FLEXSTAB and  wind  tunnel  comparisons f o r   t h e  Boeing  Fixed-Wing  Supersonic 
Transpor t  (B2707-300) a re  shown i n  f i g u r e  12.  These a n a l y t i c   r e s u l t s  were 
computed from an e a r l y   v e r s i o n   o f  FLEXSTAB. The f i gu re  shows t h e   v a r i a t i o n  
i n  l i f t - c u r v e   s l o p e  and  aerodynamic  center  with Mach number.  Agreement 
between the  measured  and FLEXSTAB p r e d i c t e d   r e s u l t s   i s  good. For  supersonic 
Mach numbers the  aerodynamic  center  predicted  by FLEXSTAB tends t o  be s l i g h t l y  
a f t   o f   t h e  measured loca t ions ,  and the  lift curve   s lope  tends   to   be   s l igh t ly  
h i  gh. 

Space S h u t t l e   O r b i t e r  

Figures  13  and  14 show comparisons o f   p i t c h i n g  moment c o e f f i c i e n t s  due t o  
p i t c h   r a t e  c ,, ( t a b l e   3 )  and  due t o   r a t e   o f  change o f   a n g l e   o f   a t t a c k  
C m z  ( t a b l e  4Y”for the  Space S h u t t l e   O r b i t e r .  Wind tunne l   va lues   f o r   t he  
sum (Cmn + cmz) a re  compared t o  FLEXSTAB computed  values i n  f i g u r e  13. The 
agreemeat i s  remarkably good consider ing  the  unst reaml ined shape o f   t h e  
Orb i te r .  I n  cont ras t   to   w ind   tunne l  measurements i n  which  on ly   the sum 
c 4 + C m d  i s  genera l l y  measured, FLEXSTAB computes  each de r i va t i ve   separa te l y .  
T B s e  areashown i n   f i g u r e  14  where it i s  seen t h a t  Cm$ i s  d e s t a b i l i z i n g   a t  
the  supersonic Mach number. 

LEVEL 1 FLEXSTAB  DOCUMENTATION, AVAILABILITY AND IMPLEMENTATION 

The documentation f o r   L e v e l  1 FLEXSTAB i s   l i s t e d  under  references 1  and 2. 

Both a CDC and  an I B M  v e r s i o n   o f   t h e  NASA FLEXSTAB Program a re   ava i l ab le  
f rom COSMIC through a lease  arrangement.  Inquir ies  concerning  the  lease 
should be made to :  

Computer Software Management and In format ion  Center  
Barrow  Hal  1 
Un ive rs i t y   o f   Georg ia  
Athens,  Georgia 30601 

The CDC vers ion  has  been executed  on  the  fol lowing  computers,  using 
FORTRAN Extended  compi 1 e rs  : 

1. CYBER 70, Model 73, SCOPE 3.4 Operating  System 

2. CDC 6600, KRONOS 2.1  and SCOPE 3.4 Operat ing Systems 

3. CDC 7600, SCOPE 2.1.3 Operat ing System 

257 



The IBM version  requires both the G and H compilers and has been executed 
on the  following  computers: 

1. IBM 360-91/0S 

2. IBM 360-67/0S 

Additional  information on the program implementation  requirements i s  
summarized i n  reference 1 .  

L E V E L  2 FLEXSTAB CAPABILITIES 

The Air Force has developed additional  capabili t ies for FLEXSTAB for   the 
evaluation of the low frequency dynamics of control  configured  vehicles  (ref. 
3 ) .  These capabili t ies  are  subject  to  the same limitations  as Level 1 FLEXSTAB 
imposed by the  structural modeling and the low frequency aerodynamic approxi- 
mation. The additional  capabili t ies can be summarized as:  

Active  Control s Capabi 1 i t y  
User Specification of Linear  Control System 
Sensor  Simulations 
Time Histories of Controlled  Airplane 
RMS Aircraft Motion Due t o  Turbulence PSD 
Frequency Response Calculations 
Structural Damping 
Modal Truncation Formulation for  the  Structural Dynamic  Model 
Plotting o f  Dynamic Analysis Data 
Data Interface For Flight  Simulators 
Fore and Aft Gust Capability 
Aerodynamic  Hinge Moments 

This extended capabili ty o f  FLEXSTAB allows  the  analytical  representation 
o f  arbi t rary combinations  of active  control systems and l inear  systems analysis 
o f  the  response t o  turbulence and control commands. Nonlinear  response t o  
discrete  gusts and control commands  may also be evaluated by time his tor ies  
generated by the system. 

The functional  configuration o f  the Level 2 FLEXSTAB system i s  shown i n  
figure 15. The program system to t a l s  twelve separate programs w i t h  about 
140 000 source  statements.  Five of  the programs remain the same as for Level 1 
FLEXSTAB, s ix  have  been modified,  mainly t o  allow  definition of motions a t  
the  sensor  locations used by the  flight  control  system, and one program, the 
l inear  system analysis,  is.new. 

The program has been  used by the Air Force for  research on the  following 
a i r c ra f t ;  YF-16, B-1 ,  C-5A, and the F-111 TACT. Also the program i s  being used 
i n  a preliminary  design mode of operation  for system integration i n  support  
of f i r e  control  systems on the  airborne  laser weapons program. 

258 



Figure 16 shows a typical result from Level 2 FLEXSTAB f o r  the B-52E a i r -  
craf t   response  to  a l a t e r a l  g u s t  w i t h  and without a yaw s t a b i l i t y  augmentation 
system (yaw SAS). 

LEVEL 2 FLEXSTAB DOCUMENTATION,  AVAILABILITY AND IMPLEMENTATION 

The documentation f o r  Level 2 FLEXSTAB i s  l i s t e d  under reference 3 .  The 
program i s  available  only  for  application  to  Departgent  of Defense  problems 
from the Air Force by sending a request  to: 

AFFDL 
F1 i g h t  Control Division 
Wri ght-Patterson Air Force Base 
Ohio 45433 

The Level 2 version  has been executed on the CYBER 74 and CDC 6600 under 
the KRONOS 2.0 and 2 .1 ,  SCOPE 3.4 and NOS/BE Operating  Systems. 

CONCLUDING REMARKS 

The development  of the Level 1 FLEXSTAB computer program system  provides 
a f i r s t  generation program t o  par t ia l ly   sat isfy  the  requirement  for an auto- 
mated aeroelast ic   analysis   tool .  The system i s  based on integrated  aero- 
dynamic, s t ruc tu ra l ,  and dynamic analytical  methods app l i cab le   t o   a i r c ra f t  
configurations  having a plane  of symmetry. The aerodynamic analysis may be 
supplemented o r  modified w i t h  empirical  data. Also the system  includes  the 
low frequency  aerodynamic effects  appropriate  for  evaluating the s t a b i l i t y  o f  
1 a rge   a i rc raf t .  

Through appl icat ion  to   several   d i f ferent   a i rcraf t   configurat ions i t  has 
been shown that   the   l inear ized  theory employed i s  capable  of p r o v i d i n g  aero- 
e las t ic   ana lys i s  o f  complex configurations. The linearized  theory  provides 
good correlation  with  experiment  as  long  as the flow  over the configuration 
remains attached,  although i n  some cases i t  may a l so  provide useful  data f o r  
separated flow conditions. Further work i s  required  to  develop methods of 
representing  leading-edge  vortex flow. 

The Level 2 system  integrates the aerodynamic and s t ruc tura l  methods used 
in Level 1 w i t h  control  system  dynamics. The resul t ing system i s  capable o f  
analyzing  the  s ta t ic  and low frequency dynamic charac te r i s t ics  o f  control 
configured  vehicles. 

By ref ining the s t ruc tura l  modeling and p r o v i d i n g  full  unsteady  aero- 
dynamic capabi l i ty ,  the FLEXSTAB system  could be applied  to  prediction  of 
dynamic loads a t  higher  structural   frequencies.  
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I 

Symbols used in Table 1 and Figure 8 

El beam flexural rigidity 

GJ beam torsional rigidity 

[LSC] steady lifting aerodynamic influence coefficient matrix 

P, 0, R components of angular velocity, w 

u, v, w perturbation components of velocity 

P density of air 

8, @, J/ Euler angles 

Subscripts: 

1 reference  state 

Superscripts: 

(dot) first derivative with respect to  time 
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TABLE 2.- STATIC STABILITY AND TRIM PARAMETERS 

TRIM  PARAMETERS 

ff 

angle of sideslip P 
angle of attack 

rudder  deflection angle 'r 

aileron  deflection angle 'a 

elevator  deflection angle 6e 

T thrust 

Y f l ightpath angle 

TRIMMED  FORCE  COEFFICIENTS 

lift coefficient 
drag  coefficient 
pitching  moment  coefficient 
sideforce  coefficient 
rolling  moment  coefficient 
yawing  moment  coefficient 

STATIC  STABILITY  PARAMETERS 

hn-h 

hn. 
h,-h 

36e/an (=x) ''e 

static  margin 
neutral point 
maneuver  margin 

elevator  angle  per g (turn,  pullup) 

a€i,/aV I speed stick  stability 
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TABLE 5.- NASA ARROW-WING SUPERSONIC CRUISE AIRCRAFT STATIC STABILITY 
AND TRIM PARAMETERS 

Static  stability parameters 

hn-h 

hn 

a6,/an (= -"> deg./g 
A6 
n- 1 

ase/av deg./ft/se 

hm-h 

!C. 

F Free-Free 
Rigid 

5.318 

0 
2.298 

0 

0 

144 000 

7.319 

0.0983 
0.62  13 
0.1010 

-8.000 

0.0070 
- 

rplane 
Static-Elastic 

5.441 

0 
14.156 

0 

0 

144 000 

7.349 

0.0183 
0.5413 
0.0205 

-2.416 

0.0010 

Weight = 298  636 Kg CL = 0.0666 C.G = 0.523 E 
(657.000 Ib) M = 2.9 h = 17435 m 

(57 200 f t )  

T Fixed-Free Airplane 

Static-Elastic 

6.241 

0 
14.156 

0 

0 

144 000 

6.549 

0.0183 
0.5413 
0.0205 

-2.42  1 

0.0010 
~~ 
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TABLE 6. -  NASA  ARROW-WING  SUPERSONIC  CRUISE  AIRCRAFT  STATIC  STABILITY 

DERIVATIVES AND CONTROL  EFFECTIVENESS  COEFFICIENTS 

~ - _ _ ~  

C 

C 
LO 

D O  

cmO. 

C  Ideg. 

C  Ideg. 

C Beg. 

CLJrad. 

.Lfl 

0, 

ma .. - - ~- . 

4 

4 
CD"lrad. 

C  had.  

C  Ideg. 

C  Ideg. 

C  Ideg. 

CyA/rad. 
P 

C y J r a d .  
P 

CnA/rad. 

CyAIrad. 
r 

CyA/rad. 
r 

C,,Jrad. 
r 

"6 
'6, 

Dhe 

" 6  e 
. -. .- . . .  

- . . 

c Ideg. 
Y P  

P 

P 

'6 a 

Cc Ideg. 

C, Ideg. 

C  Ideg. 

C  Ideg. 

" 

'ha 
Cngaldeg- 

C B e g .  
' 6  r 

C y h  /deg. 

C ldeg. 
r 

"6 r 

. .  

" - 

.. . 

Free-Free  Airplane 

Rig id  

". 

-0.090394 

0.004326 

0.016662 

0.029008 

0.003038 

-0.002851 
. ~. - ~ ." 

0.636205 

0.068107 

-0.881881 
~- 

0.-000939 

0.000059 

-0.0009  18 

-0.002286 
. " 

-0.133523 

0.006054 

0.219438 
-. 

-0.007389 

-0.167888 
. . "" 

-0.003305 

0.000038 

0.001279 
-~ 

-0.0 

-0.0001  15 

0.00001 1 

0~000228" 
.. 

-0.000002 

-0.000172 

I Static-Elastic 

-0.087729 

0.004246 

0.010725 

0.026645 

0.0029  16 

-0.000486 

0.345434 

0.047567 

-0.727361 
" 

0.000568 

0.000046 

~~ 

-0.000566 
I~ 

-0.001445 

-0.099685 

0.005165 

0.128576 
~ .___ 

-0.018225 

-0.1  14434 

-0.001722 

0.0002  14 

0.000292 

0.000010 

-0.000057 

.~ ~ ~ 

0.000003 

0.00007 1 

0.00001 5 

-0.000069 
. ~~~ 

T; Fixed-Free  Airplan 

Static-Elastic 

-0.093639 

0.004306 

0.010831 

0.02391 8 

0.002955 

-0.000438 

0.500099 

0.072209 

-0.730188 

0.000804 

0.000780 

-0.000570 

0.006297 

-0.100626 

0.004863 

0.172671 

-0.025462 

-0.122142 

-0.002574 

0.000327 

0.000443 

0.00001 3 

-0.000057 

0.000004 

0.000 163 

0.000003 

-0.000086 
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TABLE 7.- NASA  ARROW-WING  SUPERSONIC  CRUISE  AIRCRAFT DYI '2 I IC  

STABILITY  DERIVATIVES 

F 
i 

Free-Free Airplane Fixed-Free Airplar 
Rigid 

-0.048826 

-0.006662 

0.058374 

0.064077 

0.005  153 

0.008657 

-0.280092 

-0.015575 

-0.062581 

-0.021  108 

0.0097  10 

0.014685 

-0.043381 

-0.043000 

-0.043619 

-0.059523 

-0.00241 2 

-0.015210 

Stat icEXstic 
0.064902 

0.004098 0.024072 

~- ~- 

K244706 - - 

-0.021734 -0.024995 
. ~. .~ 

0.06851 1 

0.004428  0.059 1 10 

0.045412 

0.008273 0.007856 

0.047567  0.072209 

-0.727361  -0.730188 

-0.01  1722 

-0.002221 -0.003486 

-0.020624 

0.008969  0.010627 

-0.031054  -0.040741 
~ 

-0.0090 16 -0.008496 

-0.051572  -0.049689 

-0.058859 -0.059655 

-0.001590 -0.001705 

-0.015543 -0.015375. 
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Interfaced  Systems 
NASTRAN 

Host 
SAMECS Operating 
ATLAS 

System 

7 -  

1 
I 1 i 

1 I 1 - AIC  matrix  correction - External  structural - Aerodynamic  loads 
influence  coefficients 

Aerodynamic  influence 
coefficients Structural loads 

Normal modes Time  histories  plots 

Elastic axis plots  Time histories 

Internal  structural Pressure distribution 
influence  coefficients 

Stability derivatives 
& static stability 

Aerodynamic  Modeling  Structural  Modeling  Problem  Analysis 
1 

Figure  1.- Level 1 FLEXSTAB func t iona l   conf igura t ion .  

Aerodynamic  matrices 

e Unsteady (low frequency) 
e Steady 

Structures 

e Structural  grid point geometry 
e Free flexibility  matrix  and 

e Rigid  body  inertia  and  modes 
residual flexibility  matrix 

Free vibration modes 
e Generalized mass 
e Generalized stiffness 

load factor, 

1 

Stability Derivatives  and  Static 
Stability Program 

Static  stability  section 
Static  stability  and  control parameters 

e Trim state 
Deformed shape 
Structural  loads 

e Lifting surface pressure 

Perturbation  section 

derivatives 
Dynamic  stability  and  control 

e Dynamic  structural  load  coefficients 

Characteristic  roots  section 
Dynamic modes of motion 

Damping 
Frequencies 

I 
I 

Time Histories  Program 

Aerodvnamic  Loads  Proaram I 

e Aerodynamic loads 

e Deformed shape (external 
structures model  only) I 

(Internal  Structures Model  Only: 
Structural  Loads Program 

e External 
structural loads 

Perturbation loads 
on elastic axis 

Figure  2.- FLEXSTAB analysis   sequence.  
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X A x i s  

COMPONENTS 

Thin surfaces 

Bod ies   o f   revo lu t i on  

Interference  shel l  

Wing,  tails,  struls 

Fuselage.  nacelles 

(Polygon of constant  
cross  section) I 

3-6" 

ASSEMBLY 

Figure 3 . -  FLEXSTAB aerodynamic  geometry  modeling. 

Increasing complexity of math model * 
Rigid Static Dynamic 

Flexibility Flexibility 

FLEXSTAB  Aerodynamics not valid 
for high  frequency  structural modes. 

I 

"g 
Disturbance 

for high  frequency  discrete gusts or random 
atmospheric  turbulence. 

Figure 4. - Limi ta t   ions  

Flight'  path 
after gust I 

FLEXSTAB Aerodynamics is appropriate 
for "rigid  body"  motions and structural 
modes at  low frequencies,  where  strong 
coupling may occur. 

I I 

on low  frequency  aerodynamic  approximation. 
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0 I N T E R N A L L Y   P R O D U C E D   E L A S T I C   A X I S   M O D E L  

Straight  line  elastic  axis 
for fuselage 

E X T E R N A L L Y   S U P P L I E D   F I N I T E   E L E M E N T   M O D E L   R E D U C E D  TO L I N E   A N 0   P L A N A R   M O D E L  

Translational degrees 
of  freedom  only. 

Figure  5.- FLEXSTAB s t ruc tu ra l   mode l ing .  

F L E X S T A B  A T L A S ,   N A S T R A N  

0 Aerodynamic  model and 
equations of motion  for 
unrestrained elastic 
aircraft 

e Structural  mod I 

[-I 0 C - Free flexibility - c_ Pb]  - Mass distribution 

0 Aeroelastic loads [k i  , Irmd , [Oh] - Generalized stiffness 
mass and mode shape 
matrices 

F o r c U  
aerodynamic 
centroids; reactions 

Pressure 
distributions 

e Equivalent  nodal forces 
due  to  aerodynamic and - 
inertial forces - 0 Stress analysis 

Figure  6. - FLEXSTAB/ATLAS, NASTRANm interface. 
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TRUE AERODYNAMIC GEOMETRY 

n 

Upswept  aft  fuselage 

FLEXSTAB AERODYNAMIC GEOMETRY 

A of  interference  shell 
+" Fin  placed  at edge 

camber slopes defined  along  straight 
Fuselage  is  a body  of   revolut ion  p lus 

aerodynamic  mean  centerline. 

F LEXSTAB ELASTIC  AXIS 

/ Defined  along  aerodynamic 
Mass and  stiffness  properties 

mean  centerline. 
(No rotary  in8rt ia) 

Figure 7.- FLEXSTAB modeling limitations. 

a Altitude 
'SD&SS data deck 

Rotational velocities; P,, 01, R1 
a Load  factor nz instead of  Q1 
b Roll angle; q41 

1 

a Wing geometry; S,, E, b 
Flightpath angle, '11. or  thrust, TI 
Rigid, static-elastic, or  

Type  of reference motion , 
b Number o f  engines and location 
b Engine angular momentum 
a Control surface data 

Panel area ratios 
a External pressure distribution 

Recycle  data 

residual-elastic 

From GD 

O r E L -  \ From  ISIC/NM 

Airplane t r im parameters 

01, angle o f  attack for   t r im 
he,. elevator t r im setting 

Reference T1  (or  811, thrust  lor  pitch  attitude) 
equations Dl, sideslip angle fo r  trim * 

ha,,  aileron t r im setting of 
* motion 

4 
Nonlinear  wind 
tunnel  data 

grl, rudder trim setting 

Static results I 
a Reference structural loads 
a Steady pressure distribution 

Static  margin 
Neutral  point 

a Speed stability derivatives 
a Static  stability  derivatives Maneuver margin 

Elevator angle per  g 

Dynamic results 

a Unsteady pressure distribution 
a Dynamic  stability  derivatives 

a Dynamic elastic axis loads 
b Generalized aerodynamic modal forces 

Input option Airplane  control derivatives 

dynamic  stability  due to  control  surfaces 
drrivativm a Characteristic  equation  rooting 

ALOAOS [tuture 

J 

ran)  PDPLOT 
Tb 

Figure 8.- Schematic of the SD&SS program. 
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D 

Figure 9.- NASA Arrow-Wing s u p e r s o n i c   c r u i s e   a i r c r a f t  aerodynamic p e n d i n g .  

M = 2.8 nz = 1 

Nacelle $ 
WBL 100 ""- Body E 

Body Station 

Figure  10.-  FLEXSTABlflight  deformed shape of YF-12A. 
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' FLEXSTAB 

0 Experiment 
--- TEA - 230 

2ylb = 0.20 

.50 
X I C  

1 .oo 

2yIb = 0.80 

0 .50 
xlc 

1 .oo 

(a) M = 0 . 8 5  and cx = 2 . J - O .  

- FLEXSTAB 

0 Experiment 
"_ TEA - 230 

.40 
0 

X I C  
.50 1 .oo 0 .50 

x l c  
1 .oo 

(b) M = 0.85 and CY = 7.9'. 

Figure 11.- Flat wing pressure  distribution of Arrow-WLng - body. 
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0 1  I I I J 

6ol 8 

- 0 Wind  tunnel  data 
FLEXSTAB 

48 I 
0 .4 .8 1.2 1.6 2.0 2.4 2.8 

1 

Mach number 

Figure 12.- E f f e c t  of Mach number on l i f t - c u r v e   s l o p e  and 
aerodynamic  center  of  Boeing  fixed-wing SST. 

Mach number 

Figure  13.  - Space s h u t t l e   o r b i t e r   v a l u e s  of Cm; + C,&. 
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A R 
Orbiter  wind 
tunnel model 

) 
.2 .4 .6 .8 1 .o 1.2 

I I I I -I 

Mach number 

Figure 14.- FLEXSTAB values  of and C&- 
4 

Interfaced Systems 
NASTRAN KONPACT 

Host ATLAS 
--c Operating SAMECS 

1 \ a 1  
T I I  

AIC matrix correction - - Linear systems  analysis 
influence coefficients 
External structural 

I. 

Aerodynamic influence - 
mefficimts Normal modes plots - Time histories 

- Geometry definition Pressure distribution + 

Elastic axis plots 

Internal structural 
influence coefficients 

Aerodynamic Modeling Structural Modeling Problem Analysis 

Stability derivatives 
& static stability 

I 

*Modified  for level 2 
*'Level 2 addition 

Figure 15.- Level 2 FLEXSTAB func t iona l   con f igu ra t ion .  
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159 090 Kg 648.6 Km/Hr 1219.2 m 
(350 000 Ibs) (350 kn EAS, M = 0.569) (4000 ft) 

2. 

0. 

- 1. 
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/- -, With Yaw SAS 

I 1 \ I _" / 
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\ / 1"- /- 
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0. 
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0. 
3. 
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Time, Secs 

Figure  16.-  B-52 response t o  l a te ra l  gust a t  B.S.616. 
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PROPULSION  SYSTEM/FLIGHT  CONTROL  INTEGRATION 

FOR SUPERSONIC  AIRCRAFT 

Paul J .  Reukauf and  Frank W . Burcham, Jr . 
NASA Dryden  Flight  Research  Center 

SUMMARY 

The NASA Dryden  Flight  Research  Center is engaged in  several  programs to 
study  digital  integrated  control  systems.  Such  systems allow minimization of 
undesirable  interactions while maximizing performance at  all  flight  conditions .. One 
such  program is the YF-12 cooperative  control  program. In this  program, the 
existing analog air-data  computer,  autothrottle,  autopilot,  and  inlet  control  systems 
are to be converted to digital  systems  by  using  a  general  purpose  airborne computer 
and  interface  unit.  First,  the  existing  control laws are to be programed  and  tested 
in  flight.  Then,  integrated  control  laws,  derived  using  accurate mathematical 
models of the airplane and propulsion system in conjunction with modern  control 
techniques,  are to be tested  in  flight.  Analysis  indicates  that  an  integrated 
autothrottle-autopilot gives good flight  path  control  and  that  observers  can  be  used 
to replace failed sensors. 

INTRODUCTION 

Supersonic  airplanes,  such  as  the XB-70,  YF-12, F-111, and F-15 airplanes, 
exhibit  strong  interactions between  the  engine  and  the  inlet or between  the propul- 
sion  system  and  the  airframe (refs. 1 and 2 ) .  Taking  advantage of possible  favor- 
able  interactions and  eliminating or minimizing unfavorable  interactions is a  chal- 
lenging  control problem with the  potential  for  significant  improvements  in  fuel 
consumption, range, and performance. 

In the past,  engine,  inlet, and  flight  control  systems  were  usually  developed 
separately, with  a minimum of integration. It has often been  possible to optimize 
the  controls  for  a  single  design  point,  but off-design  control  performance usually 
suffered.  The evolution of propulsion and  flight  controls is depicted in  figure 1. 
Early  aircraft had totally separate  propulsion  and  flight  control  systems. Because 
these  systems  were manually controlled  by  the  pilot,  they  were low response 
systems. With the  advent of jet  engines  and  supersonic  aircraft, more complex con- 
trol  systems  were  required. In the  flight  control area, stability  augmentation sys- 
tems were  used to compensate  for unstable or high  rate  conditions  and  autopilots 
were  used to reduce pilot  workload. In the  propulsion  control  area,  active  controls 
were  devised to control  engine  nozzles  and  supersonic  air  inlet  systems.  However, 
even  at  this  stage of complexity,  the  propulsion  and  flight  control  systems  had  a 
minimum  of integration.  Recently,  the  first  step toward integration  has  been  taken 
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by mechanizing autothrottles. When used  in  conjunction with an autopilot , an auto- 
throttle allows precise  altitude  and Mach number  control.  For  efficient  flight of 
future multimission aircraft , total  integration of the  propulsion  and  flight  control 
systems will be  necessary to minimize undesirable  interactions  and to optimize air- 
craft  performance  across  the  full  flight  envelope. 

Because of the  size  and complexity of the  controls  integration  problem,  digital 
control is considered  necessary. Digital control  systems  provide  the logic necessary 
to handle  the many variables  and offer advantages  in  terms of speed,  accuracy , and 
flexibility.  The  recent development of flight-qualified  digital  computers  has made it 
attractive to investigate  the  use of digital  integrated  systems. In addition , analytical 
methods for  analysis of large-scale , multivariable  control  problems  are now in 
common use. 

The NASA Dryden  Flight  Research  Center (DFRC) has  begun to investigate  and 
evaluate  advanced  control  concepts  that show potential  for improved aircraft perform 
ance.  The  investigations  include  the  evaluation of  new controls  hardware  in  flight, 
the  application of modern  system analysis  techniques  to  existing  systems , and 
studies  in  the  area of propulsion  system/airframe  interactions.  Figure 1 shows  threc 
programs  undertaken  at DFRC to investigate  digital  control  techniques  and  integratec 
control  laws.  The F-111 integrated  propulsion  control  system (IPCS) program 
studied  interactions  between  the'inlet  and  the  engine  (ref. 3) . The YF- 1 2  coopera- 
tive  airframe/propulsion  control system  program is directed  toward  the  control of 
adverse  interactions between the  inlet  and  airframe,  which  can  be  severe  for  high 
speed  cruise  airplanes. For example,  reference 4 indicates  that  the  inlet  bypass 
doors  can  generate as  great  a  yawing moment as  the  rudders  and  in  certain  cases can 
cause  the  aircraft's Dutch roll mode  to become unstable.  The F-8 digital  fly-by-wire 
program  has  already shown  that digital  control  systems  can be used  in  flight-critical 
applications (ref. 5 )  . During  a  future  program , such  as  the F-15 program , a totally 
integrated  engine , inlet , and  airframe  control  system will be  designed. 

This  paper  describes  the YF-12 cooperative  airframe/propulsion  control system 
program:  the  program  guidelines , the  systems to be controlled , the  selection of the 
digital  system , and  the  advanced  control  laws  presently  being  considered. 

SYMBOLS 

Physical  quantities  are  given  in  the  International System of Units (SI) . Measure- 
ments were  taken  in U .S . Customary Units. 

a normal  acceleration n 

PpLM inlet  total pressure  used  for  calculation of duct  pressure  ratio 

PsD 8 inlet  static  pressure  used  for  calculation of duct  pressure  ratio 

ps static  pressure  measured  at  the  nose boom 
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' t  total pressure  measured  at  the  nose boom 

nose boom differential  pressure  measured  in  the  pitch  plane 

nose boom differential  pressure  measured  in  the yaw plane 

angle of attack 

angle of sideslip 

change from initial  conditions 

PROGRAM GUIDELINES 

The  primary  purpose of the YF-12 cooperative  airframe/propulsion  control 
;ystem program is to evaluate  the  benefits  in  aircraft  performance  derived from the 
Gystems integration  concept.  The  program  has two phases  (fig. 2)  . In the  first 
3hase (fig. 2 (a)) , the  existing  analog  air-data  computer,  autopilot,  inlet  control, 
md  autothrottle  systems  are  converted to digital  systems. Each of these  analog 
;ystems has  a  suitable  backup mode of operation, so redundancy is unnecessary  for 
light  safety.  This  digital  system  will  be  flight  tested to validate  the  hardware  and 
software . 

In the  second  phase  (fig. 2 (b)) , the  systems are  integrated  by  using  control 
aws  developed from models of the  propulsion  system  and  the  airplane's  aerodynam- 
cs .  Optimal control methods as well as  classical methods  will be  used to derive  the 
lew control  laws. 

During  the  program,  the  existing  system's  hardware is to be  used:  that is, the 
ictuators,  transducers, and  fuel  controls are to remain  unchanged.  The  primary 
2mphasis of the  propulsion  system  control  study is on the  inlet.  Engine  control 
3hanges  will be limited to throttle  inputs  and  possibly  trim  functions  for some engine 
larameters.  Engine  control  was  studied  in  detail  during  the F-111 IPCS program 
(ref. 3 ) .  

AIRPLANE DESCRIPTION 

The  two-place,  twin-engined YF-12 airplane  (fig. 3) is capable of extended 
light  at Mach numbers  greater  than 3 . 0  and  at  altitudes  above 24 ,380  meters.  The 
iirplane  has  a  delta  wing planform and  a long,  slender  fuselage  with  prominent 
Irhines. A nacelle is mounted approximately  halfway out on each  wing. An all- 
novable  vertical fin is mounted on top of each  nacelle to provide  directional  control 
md  stability. Longitudinal  and  roll  control is provided  by  elevons located inboard 
and outboard of each nacelle.  The  propulsion  system of the  airplane  consists of an 
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axisymmetric  mixed-compression  inlet  and  a 558 afterburning  turbojet  engine.  The 
airplane  has  an  air-data  system  which  determines  such  parameters  as Mach number, 
altitude , angle of attack , and  angle of sideslip. An autopilot , inlet  computers , and 
autothrottles  provide automatic control  for  the  airplane  and  inlets. A block  diagram 
of the  existing  analog  control  system is shown in  figure 4 .  

AIR-DATA  SYSTEM 

The  air-data  system  (ref. 6) is composed of a  nose boom and  an  air-data com- 
puter . The  nose boom  of the YF-12 airplane  (fig. 5) features  a compensated  pitot- 
static  probe  and  an offset hemispherical  head  flow-direction  sensor.  The compen- 
sated  Pitot-static  probe  senses impact pressure , p t  , at  the  probe  tip  and  static 
pressure, p at two sets of orifices.  These  orifices  provide  the  pressure  measure- 
ments for  the  airplane's  air-data  computer , inlet  computers , and  pilot instruments. 
Measurements of angle of attack  and  angle of sideslip  are obtained from the hemi- 
spherical  head  flow-direction  sensor. Flow angularity  in  the  pitch  and yaw planes 
is determined from the  four  surface  pressures on the  hemispherical  head. A compu- 
ter  uses  the  differential  pressures Ap, and Ap to compute angle of attack  and  angle 
of sideslip. P 

s' 

The  air-data  computer  (fig. 5) converts  Pitot-static  pressures  into  proportional 
rotary  shaft  positions,  which  are  equivalent to static  pressure and  dynamic pres- 
sure .  Total  temperature,  used  in  the  calculation of true  airspeed, is converted to a 
shaft  position. By means of analog  computation,  which uses  cams,  gears,  and  gear 
differentials , these  shaft  rotations  are  transposed  into  data  outputs  and  the  terms 
necessary  for  further  internal  computation.  The  outputs  include  true  airspeed , 
pressure  altitude, Mach number , knots  equivalent  airspeed (KEAS) , Mach number 
and  altitude  rates of change, and  logarithmic  representations of static  pressure and 
compressible  dynamic  pressure. Also calculated are  differences  between Mach num- 
ber and  a Mach number  schedule , differences  between KEAS and  a KEAS schedule , 
and  a KEAS bleed  schedule  as  a  function of  Mach number. 

AUTOPILOT  SYSTEM 

The autopilot subsystem  provides  a way to achieve hold modes in  the  roll  and 
pitch  axes  during  flight.  The autopilot performs  best  at  the  design  flight  conditions. 
The  use of the  autopilot is optional  and often depends upon the mission requirements. 
The  autopilot uses  outputs from the  air-data  computer , the automatic  navigation 
system , and  the  flight  reference  system to maintain its modes of operation.  The 
autopilot outputs  are summed with stability augmentation  system (SAS) outputs  and 
applied to the  flight  control  surface  actuators. 
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Roll Axis 

The  roll autopilot (fig. 6) provides  three modes of control:  attitude  hold, 
heading hold , and automatic navigation. In the  attitude hold mode , a  roll  rate gyro 
input  and  an  attitude hold reference  signal from the  flight  reference  system  are  used. 
In the automatic navigation mode , automatic  navigation  system  outputs are  used. In 
the  heading hold mode , outputs from the  flight  reference  system are  used. Roll axis 
autopilot  outputs are  combined  with roll SAS outputs,  and  the  resulting  signals  are 
supplied to the  elevon  actuators. 

Pitch Axis 

The autopilot pitch  axis  provides  five modes of control:  attitude  hold, Mach 
hold , KEAS hold , altitude hold , and Mach trim. An automatic t r i m  circuit  functions 
during all of these  modes. A block  diagram  showing inputs to the  pitch  autopilot is 
shown in  figure 7 .  The  attitude hold mode uses  the  pitch  attitude  reference, loga- 
rithmic  static  pressure , and  pitch  rate gyro inputs. A pitch wheel on the  pilot's 
panel allows minor corrections to the  reference  attitude.  The Mach hold mode uses 
signals of  Mach number error  and Mach number  rate of change from the  air-data 
computer.  The KEAS hold mode is similar to the Mach hold mode except  that KEAS 
rate of change  and KEAS error  inputs  are  used.  The KEAS hold mode is capable of 
maintaining  a  specified KEAS bleed  line.  The  altitude hold mode uses  signals of 
altitude  and  altitude  rate of change from the  air-data  computer to keep  pressure  alti- 
tude  constant. Modifications to the  altitude hold mode are  discussed  in  reference 7 .  
The  pitch  axis autopilot outputs  are combined with the  pitch SAS outputs  and  fed to 
the elevon actuators. 

The Mach number  trim  system  provides  artificial  speed  stability  during  aircraft 
accelerations  or  decelerations  in  the Mach number range from 0 . 2  to 1 . 5  whenever 
the  pitch  autopilot is disengaged.  The  system  uses Mach number  inputs from the 
air-data  computer,  which,  after  processing,  are fed to the  pitch  trim  actuator. 

AUTOTHROTTLE  SYSTEM 

The  autothrottle  system  has two control modes: Mach number  hold  and KEAS 
hold.  The  purpose of the  system is to  allow these modes of operation  without 
changing  the  longitudinal  flight  path of the  airplane. Mach number error , KEAS 
error ,  and  pitch  attitude  inputs go to the  system from the  air-data  computer  and  the 
flight  reference  system  (fig. 8 ) .  The  autothrottle  computer  processes  the  inputs 
and  produces  a command signal  which  goes to the  autothrottle  servos. Both engines 
are  controlled  symmetrically.  Autothrottle  authority is limited to the  afterburning 
range. 
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INLET  SYSTEM 

The  inlet  (fig. 9)  is of the  translating  spike  typey with  approximately 40 percent 
of the  compression occurring  externally  and 60 percent  internally.  Boundary.  layer 
air is removed through  a  slotted  surface on the  spike  and  a ram scoop or  shock trap 
on the  cowl.  Forward  bypass doors of the  rotary  type  are  used to match engine 
airflow to inlet airflow and to control  the  position of the  terminal  shock  wave. Aft 
bypass  doors  just  in  front of the  compressor  face  provide  additional  bypass  capacity 
for  intermediate Mach numbers. Aft bypass airflow and  shock  trap  bleed  air  are 
ducted  rearward to the  ejector of the 558 engine.  Spike  bleed  and  forward  bypass 
flow are  dumped overboard  through  louvered  exits. A more  detailed  description of 
the  inlet is given  in  reference 8 .  

INLET  CONTROL  SYSTEM 

In the automatic inlet  control  system , normal acceleration from a  transducer  near 
the  aircraft  center of gravity  as well as  Ap a' APp P,, and p t  from the  nose boom 
are fed  into  the  inlet  computer. Each inlet  has  a  separate  control  system, one of 
which is shown in  figure 10 .  The  outputs of each  computer are commanded spike 
position  and commanded duct  pressure  ratio. 

Spike Position Loop 

The  spike  position loop is used to control  the  inlet's  throat  area  and  contraction 
ratio.  The  schedule is primarily  a  function of airplane Mach number  which is 
derived from p and p in much the same manner as  in  the  air-data  computer.  The 
nominal spike  schedule is biased to more forward  positions when deviations from 
nominal values of angle of attack  angle of sideslip or  normal  acceleration  occur. 

S t 

Duct Pressure Ratio Loop 

The  duct  preszure  ratio loop is used to control  the  position of the  terminal  shock 
wave  in  the  inlet.  The  duct  pressure  ratio is the  ratio of a  static  pressure  in  the 
inlet  throaty P s D 8 ,  to an impact pressure on the  outer  surface of the cowl , P p L M .  
The  throat  static  pressure  varies  as  a  function of the  terminal  shock  wave  position. 
The  forward  bypass  doors  are  used to  move the  terminal  shock wave until  the  duct 
pressure  ratio  measured  by  the  system matches the  duct  pressure  ratio commanded 
by  the  inlet  computer.  There is a nominal duct  pressure  ratio  schedule  which  varies 
with airplane Mach number.  This  schedule  was  derived from wind  tunnel  and  flight 
tests  and is intended to result  in  the  desired  shock  position.  The  schedule is biased 
to a  lower  duct  pressure  ratio  for  deviations from nominal values of angle of attack 
angle of sideslip  and  normal  acceleration. At a  given  flight condition this  lower 
duct  pressure  ratio command increases  the  opening of the  forward  bypass  doors  and 
moves the  terminal  shock  wave  farther  downstream. 
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Restart Mode 

The automatic inlet  control system is equipped  with  an  inlet  unstart  sensor to 
detect  when  the normal shock moves outside  the  inlet. When an unstart  occurs,  the 
unstarted  inlet is switched to an open loop restart mode. The  forward  bypass  doors 
open at maximum rate to the  full open position,  and the spike moves 0 . 3 8 1  meter 
forward or  full  forward if it is retracted  less  than 0 . 3 8 1  meter.  The  spike  then 
returns slowly to the scheduled position and  the  bypass  doors slowly  close to return 
the  duct  pressure  ratio to the  scheduled command. 

The  airplane  rolling  and  yawing motions associated  with  an  inlet  unstart can be 
severe  (ref. 2 ) .  To reduce the severity of the' unstart  transient,  the  opposite  inlet 
switches automatically into  the restart mode at  the same time as  the affected inlet. 
This mode,  which is called  a  crosstie , is so effective  that sometimes the pilot  cannot 
tell which  inlet unstarted . 

Aft Bypass Door Control System 

The aft bypass  doors on the YF-12 airplane  are positioned by  the  pilot. The 
system consists of a commanded voltage  which is nulled  by  position  feedback from 
the  actuator. 0 

Manual Inlet Control System 

The  pilot  can  position  the spike  and  forward  bypass  doors of each  inlet  manually. 
The  primary  parameter  used for manual inlet  control is the  cockpit  display of Mach 
number. 

DIGITAL CONTROL SYSTEM 

In the  digital  control  system  (fig. 11) , the  analog air-data computer , autopilot , 
autothrottle, and  inlet  control  systems are replaced  by  a  digital  computer  and an 
interface  unit. All  the signals  are  available for calculations , making signal  integra- 
tion easy. The digital system  also makes it relatively  easy to  modify the  individual 
systems with software  changes. 

At first,  the existing  control  laws  are to be  programed  and  the  systems  kept 
separate.  This will  not make use of the  full  capability of the  digital  computer.  The 
development of the  advanced  control  laws  necessary for  the complete integration of 
the  various  systems is expected to be  quite complex. Therefore , a  large  capacity , 
high  speed computer is considered  necessary for real-time  computations. 
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CRITERIA FOR COMPUTER  SELECTION 

Because  the  primary  purpose of the  program is research  and  the  objective of the 
research is the total integration of the  systems  described,  the computer  had to  meet 
several  criteria to insure that its  capabilities  were not a  limiting  factor in  the  reali- 
zation of the  project's  goals.  The computer  had to have  the following features: 
performance  comparable to the  state of the art  in computer  technology; a  central 
processing  unit with a  word  length of at  least 16 bits;  a memory capacity of 
32 , 000 words , expandable to 65 , 000 words; floating  point  arithmetic hardware; 
rapid  input-output  processing  capability;  basic  operational  software , including  an 
assembler, FORTRAN compiler,  utility  routines,  diagnostics,  loader,  and  software 
debugging  aids; compatibility  with commercial grade  peripheral equipment (fig. 1 2 ) ;  
compliance with military  standard MIL-E-5400 (the  airborne  avionics  specification) ; 
go/no go selftestability ; microprogramability;  and  compatibility  with  a  hardware 
bootstrap  loader. 

The computer selected on the  basis of these  criteria is a  general  purpose, 16-bit 
digital computer with 32,000 words of memory and  built-in  trigonometric  and  hyper- 
bolic functions.  Its execution times are 1 microsecond for  an  addition , 6 . 4  micro- 
seconds  for  a  multiplication , and 10  microseconds for a  division. The interrupt 
scheme h$s three  levels with 13 interrupts.  There  are  eight  independently  access- 
ible  input-output  channels. 

INTERFACE UNIT 

The interface  unit is required to communicate with  the digital computer through 
a memory interface from a  dedicated block of computer-addressable memory. It 
must also  convert  aircraft  signals  into twos complement binary  representations  and 
convert  digital  computer  parameters  into  correct  aircraft  representations.  The 
interface must provide  status information to the  digital computer  and  the aircraft. 
The  input and  output  signal  transfers  are  handled  by  a block of computer- 
addressable memory in the  interface  unit. The signal  conditioning , demodulation, 
multiplexing,  and  conversion  should not introduce  errors  in  excess of 2 percent of 
full  scale. 

Table 1 lists  the  input and  output signals  the  interface must process.  Spare 
channels not used  for  the  conversion of the aforementioned systems  are to be  used 
later. The  unit  should be capable of converting  all the signals shown in  table 1 at 
a  rate of 200 samples per  second. Even though a  high sample rate capability is not 
necessary  for  all  parameters,  there  are some parameters with bandwidths of 
20 hertz  in  the  inlet  system. In addition,  the  Tustin  transform  technique  is  being 
used  where  possible  and  a  rate of 200 samples per second may be  necessary for an 
accurate  representation.  Other transform  techniques  will be  used if  computer speed 
becomes a limiting factor. Once a  parameter  has  been sampled it is stored  in the 
random access memory for use  by  the  computer. The ac  signals  are sampled at  the 
peak of their  respective  references. 
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FLIGHT  SYSTEM  SIMULATION 

Before  being  installed  on  the  airplane,  the  digital  system  (hardware  and soft- 
ware)  must  be  verified. A complete digital  system,  identical to the  flight  system y 

has  been  interfaced  with a fixed-base  hybrid  simulator.  The  hybrid  simulator is 
programed to reproduce  the  aircraft  and  propulsion  system  dynamics  in  real time 
across  the  full  flight  envelope. Al l  signals  input to the  digital  control  system  are  in 
the same form as  they would appear  on  the  airplane.  This  closed loop simulator is 
the  basis  for  all  software  design  and  verification  during  the  program. 

The  software  has  been  programed  in modular form, with  each module corres- 
ponding to an  analog  system on the  airplane. Each of the modules is checked out on 
the  closed loop simulator  and  compared to its analog  counterpart. Each module 
checked so far  has  exactly  reproduced  the  performance of the  analog  system  it 
replaced when run  at  an  adequate  sample  rate.  The  closed loop simulator is also 
used to determine  the  sample  rate  necessary  for  proper  operation of the  digital 
module. A s  an  example figure 13 shows time histories of various  parameters  in 
the  closed loop simulation  with the  digital  air-data  system  in  the  loop.  The  basic 
conditions are a  speed of Mach 3 and  an  altitude of 22 , 100 meters  with  the  altitude 
hold mode engaged.  The  parameters  are  compared  for sample rates of 3 samples 
per second  and 15 samples per second  with  a  static pressure fluctuation input.  The 
figure  shows  a  definite  stepping action in  the elevon  and  autopilot  elevon command 
signal  traces at . 3  samples  per  second.  Therefore  a sample rate  greater  than  three 
was  selected  for  air-data  parameters. 

INTEGRATED  CONTROL LAWS 

Plans  for  the  last  part of the  program  include  the  derivation  and  flight  testing of 
some integrated  control  laws. Modern system  analysis  techniques are to be  used  for 
the  derivation  because  these  techniques are suited to large  multivariable  problems. 
An additional goal of the  program is to evaluate  the  performance of reduced-state 
feedback  controllers as compared to full-state  feedback  controllers,  which  are 
generally  unobtainable  in  actual  applications. 

Mathematical models are  necessary  for  the  derivation of optimal control  laws. 
Two nonlinear mathematical models-one of the  propulsion  system  and  one of the 
airplane's  aerodynamics-have  been  created.  These models have  been  verified  with 
comparisons to flight  test  data  (ref. 9) and  are  the  basis  for  all  other mathematical 
models to be  used  during  the  program. 

Several  interesting  performance  criteria  have  been  proposed  for development of 
integrated  control  laws. One of these  criteria is the minimization of flight  path  and 
Mach number  deviations  during  the  cruise  portion of the  flight. A study of the 
longitudinal  control  problem  by  other  investigators  used  linear  quadratic  regulator 
theory to derive  the  control  laws.  The  results  indicated  that an autothrottle- 
autopilot  combination was  effective  in  maintaining Mach number  and  altitude 
simultaneously. 
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An example of the  aircraft's  response  (as  predicted by a mathematical model) to 
a step  increase  in  temperature is shown in  figure 14. The  solid  lines  indicate  the 
response with the  presently mechanized altitude hold control  laws  and  the  dashed 
lines  indicate  the  response with a  partial-state  feedback  controller  which  was 
derived  using  linear  quadratic  regulator  theory.  The  air-data  system  interprets  the 
step  increase  in  temperature  as  a  step  decrease  in Mach number of approximately 
0 . 0 3  and  a  step  increase  in  pressure  altitude. In the  altitude hold case , the  aircraft 
immediately dives  and  then  goes  into  a  lightly damped altitude  oscillation. By the 
end of the time history  the Mach number  has  decreased  by  approximately 0.45. In 
comparison,  the  partial-state  feedback  controller  does  a much better job: it  uses 
the  autothrottle to compensate  for the Mach number  loss  and  thus  controls Mach 
number  and  altitude  simultaneously. Upon sensing  the Mach number  decrease,  the 
power lever  angle is commanded  to +loo, which is its  full  authority , thus compen- 
sating  for  the  loss  in  thrust. Very little elevon is commanded as compared to the 
- 3 O  commanded in  the  altitude hold case. The  airplane's Mach number  and  altitude 
show only small deviations from their  original  values.  Toward  the  end of the  trace, 
the  power lever  angle is commanded  to -loo to compensate  for the  slight  overshoot 
in Mach number. 

Because the  digitized  systems are  single  channel , a  study of fail  operational 
techniques  for  nonredundant  sensors is of interest. A technique which uses 
observers to reconstruct  the  unavailable  states is discussed  in  reference 10 .  
Figure 15 shows the  reconstruction of yaw rate,  roll  rate,  bank  angle,  and  angle of 
sideslip  using  the  technique  and  assuming information  only from roll  attitude , 
rudder  deflection,  and  aileron deflection signals. For this time history,  the model 
used  by  the  observer  was not a  perfect model of the  actual  system: some of the 
model coefficients were 100 percent  in  error. The  figure  indicates  that  it is feasible 
to use  reconstructed  signals for  control  purposes  in  the  case of sensor  failures. 
Further  work is necessary to explore  the  use of these  techniques  for  the  stochastic 
case. 

Two additional areas of interest  are also  being  considered:  a  controller to 
maximize range  during  cruise  and  a  controller to minimize deviations from optimal 
climb profiles which have  been  calculated a p r i o r i .  

CONCLUDING REMARKS 

Airframe/propulsion system interactions  can  be  severe  for  high  speed  cruise 
airplanes. To achieve  the efficiency required  for  future multimission aircraft , a 
totally integrated  propulsion/flight  control  system will be  necessary.  Because of 
the  size  and complexity of the  controls  integration  problem,  digital  control  systems 
are considered  necessary. Digital systems allow the  flexibility  and  logic to minimize 
undesirable  interactions  while optimizing aircraft  performance  across  the  full  flight 
envelope. 

The NASA Dryden  Flight  Research  Center is engaged  in  several  programs to 
study  digital  integrated  control  systems.  The YF-12 cooperative  control  program is 
using  this technology to digitally  mechanize the  inlet  control system , autopilot, 
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autothrottle  and  air-data  computer.  This  digital  system will allow mechanization 
of advanced  integrated  control laws for  investigation of their  benefits  for  high  speed 
aircraft. Preliminary  analytical  studies  indicate  that  an  autothrottle-autopilot com- 
bination  can  achieve  simultaneous Mach number  and  altitude  control.  These  studies 
also  indicate  that  observers can be used to effectively reconstruct failed sensor 
signals. 
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TABLE 1.- INTERFACE UNIT  SIGNAL REQUIREMENTS 

29 2 

~ 

Signal 

Autopilot synchros 
Inlet  synchros 
Autopilot transducers  (ac) 
Inlet  transducers  (ac) 
Autothrottle  transducers  (ac) 
Autopilot transducers  (dc) 
Autothrottle transducers  (dc) 
Air-data  transducers  (dc) 
Spare  dc  channels 
Digital  air-data  transducers 
Instrumentation  (digital) 
Control  switches  (discrete) 
Spare  discretes 
28-volt dc  power 

(b) Outputs 

Signal 

Autopilot (ac) 
Inlet  (ac) 
Autothrottle  (ac) 
Inlet  (dc) 
Inlet  (discrete) 
Autothrottle  (discrete) 
Mach t r i m  (discrete) 
Failure  master  (discrete) 
Air  data  (digital) 
Instrumentation  (digital) 
Synchro  test 
Spare  discretes 

Number 

5 
2 

13 
1 4  

3 
5 
1 
3 
8 
2 
2 

22 
16 
3 

Total: 99 

- 

Number 

4 
2 
2 
6 
6 
2 
1 
1 
3 
1 
1 

16  

Total: 45 

- 
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Figure 2.- Digital  integrated  airframe/propulsion  control program. 
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Figure 3 . -  Three-view  drawing of YF-12 airplane. 
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Figure 8.- Autothrottle system. 
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Figure  13.- E f f e c t  of sample ra te  on   d ig i t a l   sys t em  r e sponse .  
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FLUTTER  SUPPRESSION BY ACTIVE CONTROL AND ITS BENEFITS 

Robert  V. Doggett ,  Jr. 
NASA Langley Research Center 

and 

James L. Townsend 
The  Boeing Company 

SUMMARY 

A g e n e r a l   d i s c u s s i o n   o f   t h e   a i r p l a n e   a p p l i c a t i o n s   o f  active f l u t t e r  sup- 
press ion   sys tems is p r e s e n t e d   w i t h   f o c u s   o n   s u p e r s o n i c   c r u i s e   a i r c r a f t   c o n f i g u -  
ra t ions .   Topics   addressed   inc lude  a b r i e f   h i s t o r i c a l   r e v i e w ;   b e n e f i t s ,   r i s k s ,  
and  concerns;   methods  of  application; and app l i cab le   con f igu ra t ions .   H igh l igh t  
r e s u l t s  are presented  f rom  previous  analyt ical   and  wind-tunnel   model   s tudies  
f o r   s u p e r s o n i c   c r u i s e   a i r c r a f t   c o n f i g u r a t i o n s .   T h e s e   r e s u l t s  show t h a t   s i g n i f i -  
c a n t   i n c r e a s e s   i n   f l u t t e r   s p e e d   ( o r   f l u t t e r  dynamic pressure)   can   be  accom- 
p l i shed  by u s i n g   a c t i v e   f l u t t e r   s u p p r e s s i o n .  

Resul t s   o f  a s tudy  are  p resen ted   where   t he   d i r ec t   ope ra t ing   cos t s  and 
performance  benefi ts   of  an arrow-wing  supersonic   cruise   vehicle   equipped  with 
a n   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m  are compared wi th   cor responding   cos ts   and  
performance  of  the same b a s e l i n e   a i r p l a n e   w h e r e   t h e   f l u t t e r   d e f i c i e n c y  w a s  
co r rec t ed  by passive m e t h o d s   ( i n c r e a s e s   i n   s t r u c t u r a l   s t i f f n e s s ) .  The des ign ,  
s y n t h e s i s ,  and  conceptual  mechanization of t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s -  
t e m  are d iscussed .  The r e s u l t s  show t h a t  a subs t an t i a l   we igh t   s av ings   can   be  
accomplished  by  using  the  act ive  system.  For   the same payload  and  range, air-  
p l a n e   d i r e c t   o p e r a t i n g   c o s t s  are reduced by us ing   t he   ac t ive   sys t em.  The 
r e s u l t s   a l s o   i n d i c a t e   t h a t   t h e   w e i g h t   s a v i n g s   c a n   b e   t r a n s l a t e d   i n t o   i n c r e a s e d  
range  or   payload.  

INTRODUCTION 

Commercial a i r p l a n e   d e s i g n e r s  are  c o n s t a n t l y   s t r i v i n g   t o   i m p r o v e   a i r p l a n e  
performance. One technique   cur ren t ly   be ing   cons idered  i s  the   i nc reased   u se   o f  
a c t i v e   c o n t r o l s .  An a c t i v e   c o n t r o l   a p p l i c a t i o n   t h a t  is r e c e i v i n g  more  and  more 
a t t e n t i o n  is  a c t i v e   f l u t t e r   s u p p r e s s i o n .  The s u b j e c t   o f   t h i s   p a p e r  is  t h e  
app l i ca t ion   o f  act ive f l u t t e r   s u p p r e s s i o n   t o   s u p e r s o n i c   c r u i s e   a i r c r a f t .  

This   paper  is  d i v i d e d   i n t o   f o u r   m a j o r   s e c t i o n s .   I n   t h e   f i r s t   s e c t i o n ,  
e n t i t l e d   l l B a c k g r o u n d , ' t   a c t i v e   f l u t t e r   s u p p r e s s i o n  i s  desc r ibed  i n  g e n e r a l  terms, 
a b r i e f   h i s t o r i c a l   r e v i e w  is presented ,  and r e a s o n s   f o r   t h e   i n t e r e s t   i n   u s i n g  
an  active s y s t e m   f o r   s u p e r s o n i c   c r u i s e   a i r c r a f t  are poin ted   ou t .   In   the   second 
sec t ion ,   en t i t l ed   "Genera l   D i scuss ion   o f   Ac t ive   F lu t t e r   Suppres s ion , "   such   t op ic s  
as b e n e f i t s ,   r i s k s ,  and  concerns;  methods of app l i ca t ion ;   and   app l i cab le  con- 
f i g u r a t i o n s  are a d d r e s s e d .   I n   t h e   t h i r d   s e c t i o n ,   e n t i t l e d   " P a s t   S u p e r s o n i c  
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I C r u i s e   A i r p l a n e   F l u t t e r   S u p p r e s s i o n   S t u d i e s , "   h i g h l i g h t   r e s u l t s   f r o m   a n a l y t i c a l  
studies  and  wind-tunnel model i n v e s t i g a t i o n s   f o r   s u p e r s o n i c   c r u i s e   a i r p l a n e  
conf igu ra t ions  are p r e s e n t e d .   I n   t h e   f o u r t h   s e c t i o n ,   e n t i t l e d  "Arrow-Wing 
Active F lu t t e r   Suppres s ion  System  Design  and  Benefits ,"  results are presented  
from a s tudy   t ha t   examines   t he   po ten t i a l   d i r ec t -ope ra t ing -cos t  (DOC) b e n e f i t s  
of  an active f l u t t e r   s u p p r e s s i o n   s y s t e m   f o r   a n  arrow-wing c o n f i g u r a t i o n   t h a t  
requi red  a s u b s t a n t i a l   i n c r e a s e   i n   s t r u c t u r a l   w e i g h t   t o   p r o v i d e   s u f f i c i e n t  
s t i f f n e s s   f o r   s a t i s f a c . t o r y   f l u t t e r   m a r g i n s .  Direct comparisons are made 
between the   a i rp l ane   w i th   t he   ac t ive   f l u t t e r   suppres s ion   sys t em and t h e  same 
b a s e l i n e   a i r p l a n e   w i t h  a p a s s i v e   f l u t t e r   s o l u t i o n   ( i n c r e a s e s   i n   s t r u c t u r a l  
s t i f fnes s ) .   I n   add i t ion ,   t he   des ign ,   syn thes i s ,   and   concep tua l   mechan iza t ion  
of t h e  active f l u t t e r   s u p p r e s s i o n   s y s t e m  are descr ibed .  

BACKGROUND 

Supe r son ic   Cru i se   A i rp l ane   F lu t t e r   Cha rac t e r i s t i c s  

F l u t t e r  is  a n   o s c i l l a t o r y   i n s t a b i l i t y   t h a t  must  be  properly  accounted  for.  
i n   a i r c r a f t   d e s i g n .   I n   f a c t ,   F e d e r a l   A v i a t i o n   A d m i n i s t r a t i o n  (FAA) r e g u l a t i o n s  
r e q u i r e  a c o m m e r c i a l   t r a n s p o r t   t o   b e   f l u t t e r   f r e e  a t  speeds 20 p e r c e n t   g r e a t e r  
than   the   des ign   d ive   speed  VD. Although  f lu t te r   has   caused   problems  in  
present-day  subsonic j e t  t r anspor t   des ign ,  and i n  some instances  has  impacted 
engine   loca t ions  on t h e  wing ,   s a t i s f ac to ry   f l u t t e r - f r ee   con f igu ra t ions   have  
been   r ea l i zed   u sua l ly   w i thou t   r equ i r ing   s ign i f i can t   i nc reases   i n   s t ruc tu ra l  
s t i f f n e s s  and r e s u i t i n g   i n c r e a s e s   i n   s t r u c t u r a l   w e i g h t .   T h a t  is, a s t r eng th -  
d e s i g n   s t r u c t u r e  had s u f f i c i e n t   o r   v e r y   n e a r l y   a d e q u a t e   s t i f f n e s s   t o   s a t i s f y  
f l u t t e r   r e q u i r e m e n t s .  However, s tud ies   have  shown t h a t   i f  wing a s p e c t   r a t i o s  
f o r   t h i s   t y p e  of a i r p l a n e   i n c r e a s e   t o   v a l u e s   a b o v e   a b o u t   1 0 ,   s u b s t a n t i a l   s t i f f -  
Eess i n c r e a s e s   f o r   f l u t t e r   a v o i d a n c e  may be   requi red .  

A l though   no   ac tua l   supe r son ic   c ru i se   a i rp l ane   has   been   bu i l t   i n   t he   Un i t ed  
States,  several   designs  have  been  taken  to   suff ic ient   depth  to   indicate   that  
t h e   f l u t t e r   d e f i c i e n c y   o f  a s t r eng th -des ign   s t ruc tu re  may be   r a the r   l a rge .  
This  is i l l u s t r a t e d   i n   f i g u r e s  1 and 2 ,  w h e r e   t h e   f l u t t e r   b o u n d a r y   r e l a t i v e   t o  
the  operating  boundary i s  shown f o r  two s t rength-des ign   supersonic-cru ise  
v e h i c l e s ,  namely, t h e   n a t i o n a l  program conf igu ra t ion  and a ve r s ion  of t h e  NASA 
arrow-wing conf igura t ion .  More i n f o r m a t i o n   o n   t h e   f l u t t e r   c h a r a c t e r i s t i c s  of 
t hese  two conf igu ra t ions  is p resen ted   i n   r e f e rences  1 and 2 ,  r e spec t ive ly .  
The a p p l i c a t i o n  of p a s s i v e   f l u t t e r   s o l u t i o n s   ( i n c r e a s e s   i n   s t r u c t u r a l   s t i f f -  
ness ,  mass balance,  e tc . )  t o   i n c r e a s e   t h e   f l u t t e r   s p e e d s   t o   a n   a c c e p t a b l e   l e v e l  
r equ i r ed   t he   add i t ion  of over 4536 kg (10 000 lbm)  of s t ruc tu ra l   we igh t   i n   bo th  
cases. (Other  strength-design arrow-wing c o n f i g u r a t i o n s ,   a l t h o u g h   f l u t t e r  
d e f i c i e n t ,   h a v e   f l u t t e r   c h a r a c t e r i s t i c s   d i f f e r e n t  from  those shown i n   f i g .  2 
and consequen t ly   r equ i r ed   d i f f e ren t  amounts   of   increased  s t ructural   weight .  
(See r e f s .  3 and 4 . ) )  Such  weight   addi t ions ,   o f   course ,   pena l ize   the   a i rc raf t  
by i n c r e a s i n g   t h e   i n i t i a l   c o s t s ,   r e d u c i n g   p a y l o a d  and range,   and  increasing 
d i r ec t   ope ra t ing   cos t s   t h roughou t   t he   ope ra t iona l   l i f e .   Consequen t ly ,   t he re  
i s  cons ide rab le   i n t e re s t   i n   deve lop ing   be t t e r   me thods  of i n c r e a s i n g   f l u t t e r  
speed  which  can  be  used i n   p l a c e   o f ,   o r   i n   c o m b i n a t i o n   w i t h ,   t h e   t r a d i t i o n a l  
passive  methods. 
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Active F lu t t e r   Suppres s ion  

Active f l u t t e r   s u p p r e s s i o n  is a n   a l t e r n a t i v e   t o   p a s s i v e   f l u t t e r   s o l u t i o n .  
An active sys tem  of fe rs  a means  of a r t i f i c i a l l y   s t i f f e n i n g  and  damping t h e  
a i r c r a f t   s t r u c t u r e   t o   i n c r e a s e   t h e   f l u t t e r   s p e e d  by using  aerodynamic  control 
s u r f a c e s  which are ac t iva ted   by   cont ro l   sur face   ac tua tors   th rough a feedback 
sys tem  cont ro l  l a w  (feedback  gains)  which  receives  structural   motion  informa- 
t i o n  from  dynamic  motion  sensors .   Al though  act ive  f lut ter   suppression may 
e l imina te   t he   r equ i r emen t   fo r  added s t r u c t u r a l   w e i g h t   t h a t   j u s t   g o e s   a l o n g   f o r  
t h e   r i d e ,  so  to   speak ,  it may also  increase  a i rplane  complexi ty   and  system 
maintenance  costs.   That is, t h e r e  are both  advantages  and  disadvantages  to  
t h e   u s e  of   an  act ive  system. The re la t ive margin  that   the   advantages  outweigh 
the   d i sadvantages  i s  undoubtedly a governing  factor   in   whether   an active f l u t -  
ter suppression  system is cons idered   for   implementa t ion   in   any  new a i r p l a n e  
design.  

Other  Active  Control  Concepts 

A c t i v e   f l u t t e r   s u p p r e s s i o n  i s  only  one of many active cont ro l   concepts  
t h a t  are currently  being  considered  to  improve  the  performance  of new technol- 
ogy a i rp l anes .   (See   r e f s .  5 and 6.)  Other  concepts are r e l a x e d   s t a t i c   s t a b i l -  
i t y ,   g u s t   l o a d   a l l e v i a t i o n ,   r i d e   q u a l i t y   c o n t r o l ,  and maneuver load   con t ro l .  
I n   f a c t ,   d u r i n g   t h e   p a s t   d e c a d e ,  some of these   concepts   have   a l ready   begun  to  
a p p e a r   i n   p r o d u c t i o n   a i r c r a f t   a l t h o u g h ,   i n  most cases, they  have  been add-on 
systems  that  were no t   i nc luded   i n   t he   p re l imina ry   des ign .  A good i l l u s t r a t i o n  
is t h e   r i d e   q u a l i t y  improvement  system t h a t  w a s  developed and c e r t i f i e d   f o r  
t h e  Boeing 747  s u b s o n i c   t r a n s p o r t   a i r p l a n e   ( r e f .  7 ) .  

H i s t o r i c a l  R e v i e w  of Act ive   F lu t te r   Suppress ion  

A c t i v e   f l u t t e r   s u p p r e s s i o n  is no t  a new idea .  The concept i s  suggested 
i n  a 1955 c l a s s i c   t e x t b o o k   ( r e f .  8), and i t  i s  a na tura l   ou tgrowth  of a f l i g h t  
f l u t t e r   t e s t i n g   t e c h n i q u e   p r o p o s e d  a year  ear l ie r  ( r e f .   9 ) .   I n   t h e  l a t e  1950's 
t o  mid-1960's  very l i t t l e  r e sea rch  w a s  done   on   ac t ive   f l u t t e r   suppres s ion  as is 
evidenced by t h e   l a c k  of p u b l i s h e d   p a p e r s   f o r   t h i s  time pe r iod .   In   t he  mid t o  
l a te  1960's, some in t e re s t   i n   t he   sub jec t   deve loped .   Fo r   example ,  a t  Lockheed- 
Georgia, some ana lyses  and experiments were conducted t o   d e m o n s t r a t e   t h e   u s e  
of s e r v o - c o n t r o l   t o   d e l a y   f l u t t e r   o n s e t   ( r e f .  10); Boeing  conducted  analytical  
s t u d i e s  of p o s s i b l e   f l u t t e r   s u p p r e s s i o n   s y s t e m s   f o r   t h e   n a t i o n a l   s u p e r s o n i c  
t r a n s p o r t  (SST) c o n f i g u r a t i o n   ( r e f .  11); and t h e  NASA i n i t i a t e d  some combined 
a n a l y t i c a l  and wind-tunnel  model  studies  (ref.  1 2 ) .  I n   t h e   1 9 7 0 ' s   i n t e r e s t  
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c o n t i n u e d   t o  increase as is evidenced  by  the  increasing number of   publ ished 
papers   which   descr ibe  a v a r i e t y   o f   a n a l y t i c a l   a n d   e x p e r i m e n t a l   s t u d i e s   ( r e f s .  
13   t o   39 )  .l 

A s ign i f i can t   deve lopmen t   du r ing   t he   ea r ly   1970 ' s  w a s  t he   i nc lus ion   o f  
a c t i v e   f l u t t e r   s u p p r e s s i o n  as o n e   o f   t h e   a c t i v e   c o n t r o l   c o n c e p t s   t o   b e  demon- 
s t r a t e d   d u r i n g   t h e  B-52 c o n t r o l   c o n f i g u r e d   v e h i c l e  (CCV) program  (refs .  18, 
3 4 ,   3 8 ,  and 40). The s u c c e s s f u l   f l i g h t   d e m o n s t r a t i o n  beyond t h e   b a s i c   a i r p l a n e  
f l u t t e r   s p e e d  by u s i n g   t h e  B-52 CCV a i r p l a n e   g a v e   a n   a f f i r m a t i v e   a n s w e r   t o   t h e  
q u e s t i o n   w h e t h e r   a n   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m   c a n   b e   d e s i g n e d ,   b u i l t ,  
and d e m o n s t r a t e d   i n   f l i g h t .  Of cour se ,   t he  B-52 system w a s  developed  to  meet 
r e sea rch  program ob jec t ives   and  was no t   des igned   t o  meet the  requirements   of  a 
commercial   airplane  system. Some wind-tunnel   model   s tudies  were conducted  in  
c o n j u n c t i o n   w i t h   t h e   f l i g h t  tests ( r e f s .  28 and 3 1 ) .  Because   the   model   resu l t s  
c o r r e l a t e d  w e l l  w i t h   f l i g h t - t e s t   r e s u l t s ,  i t  w a s  confirmed  that   models   can  be 
u s e d   t o   p r e d i c t   a c c u r a t e l y   f l i g h t   f l u t t e r   s u p p r e s s i o n   r e s u l t s .   T h i s   a c c o m p l i s h -  
ment i s  impor t an t   because   unce r t a in t i e s   i n   p re sen t -day   f l u t t e r   ana lys i s   t ech -  
n i q u e s   r e q u i r e   e x t e n s i v e   u s e  of   wind-tunnel   model   tes t ing  in   developing  and 
v a l i d a t i n g   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m s   f o r   c o m m e r c i a l   t r a n s p o r t   a i r c r a f t .  

GENERAL DISCUSSION OF ACTIVE FLUTTER  SUPPRESSION 

Al though  o ther   top ics  are m e n t i o n e d ,   t h e   d i s c u s s i o n   i n   t h i s   s e c t i o n  
focuses  on t h e   b e n e f i t s ,   r i s k s ,   a n d   c o n c e r n s   a s s o c i a t e d   w i t h   a c t i v e   f l u t t e r  
suppres s ion .   In   p repa r ing   t h i s   s ec t ion ,   t he   au tho r s   found   ve ry   u se fu l   t he  
in fo rma t ion   i n  two e x c e l l e n t   p a p e r s   ( r e f s .  5 and 6) t h a t   d e s c r i b e   t h e   p r o s p e c t s  
f o r  many a c t i v e   c o n t r o l   a p p l i c a t i o n s   i n c l u d i n g   f l u t t e r   s u p p r e s s i o n .  

The implementation  of  an active f l u t t e r   s u p p r e s s i o n   s y s t e m  on a commercial 
t r a n s p o r t   a i r p l a n e  w i l l  depend   on   t he   t i p   o f   t he  scales shown i n   f i g u r e  3 where 
t h e   p o t e n t i a l   b e n e f i t s  are shown b a l a n c e d   a g a i n s t   t h e   r i s k s .  The  most o f t e n  
s t a t e d   b e n e f i t  i s  t h a t   f o r   a n   a i r p l a n e   w i t h  a f l u t t e r   d e f i c i e n c y ,   a n   a c t i v e  
system may r e q u i r e  a smaller i n c r e a s e   i n   a i r c r a f t   w e i g h t   t h a n   t h a t   w e i g h t  
i n c r e a s e   r e q u i r e d  by a p a s s i v e   f l u t t e r   s o l u t i o n .  However, t h i s  smaller weight 
i n c r e a s e  is  o n l y   t h e   a p p a r e n t   b e n e f i t .  A t r u e   b e n e f i t  w i l l  on ly  exist  i f  th i s  
we igh t   r educ t ion   can   be   t r ans l a t ed   i n to  a performance,   or   economic,   benefi t .  
It i s  t h i s   p e r f o r m a n c e   b e n e f i t   t h a t  mus t   be   ba lanced   aga ins t   the   r i sks .  The 
term "performance  benefit ' '  as used   here in  is c o n s i s t e n t   w i t h   t h a t  of r e f e r e n c e  6 

'Although t h e   r e f e r e n c e  l i s t  i n   t h i s  pape r  c o n t a i n s  numerous papers   on 
a c t i v e   f l u t t e r   s u p p r e s s i o n ,   t h e  l i s t  i s  c e r t a i n l y   n o t  a l l  i n c l u s i v e .  It is 
in tended   to   be   on ly  a r ep resen ta t ive   s ampl ing   o f   t he  many pape r s   ava i l ab le ,  
and wi th   one   except ion   ( re f .  2 7 )  is l i m i t e d   t o   p a p e r s   t h a t  are ava i l ab le   w i th -  
o u t   r e s t r i c t i o n .   P e r m i s s i o n   t o  c i t e  r e fe rence  27 and t o   i n c l u d e  material 
t h e r e f r o m   i n   t h i s   p a p e r  w a s  g ran ted  by the  Department of T ranspor t a t ion ,  
Fede ra l   Av ia t ion   Admin i s t r a t ion .   The i r   coope ra t ion   i n   t h i s   r ega rd  i s  hereby 
acknowledged. 
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where  performance was def ined  as "a p r .oduc t iv i ty   i nc rease   o f   su f f i c i en t  magni- 
t u d e   t o   p r o v i d e  a r easonab le   r e tu rn   on   i nves tmen t . "   Th i s   de f in i t i on  i s  r a t h e r  
broad  and is n o t   l i m i t e d   t o   t h e   u s u a l  items such as increased  speed  and  longer 
r ange . 

Many of   the   r i sks   and   concerns  relative t o   t h e   u s e  of active f l u t t e r  sup- 
p re s s ion  are because i t  is a new technology. The manufacturer   has  l i t t l e  p a s t  
exper ience   on   which   to   base   the   cer t i f ica t ion  of such  systems. The  manufac- 
t u r e r   a l s o  is concerned  about  the  apparent  weaknesses i n   a n a l y t i c a l  methods i n  
accura te ly   p red ic t ing   sys tem  per formance .  The u s e r s ,   p r i m a r i l y   t h e   a i r l i n e s ,  
are concerned  about  such items as maintenance  costs  and r e l i a b i l i t y .  Here 
aga in   l ack   o f   p rev ious   expe r i ence  i s  the  key  ingredient.   Because  maintenance 
c o s t s  are a l a r g e   f r a c t i o n  of t h e   t o t a l  DOC of  commercial   transport   airplanes,  
any   apprec iab le   g rowth   in   these   cos ts   could  more t h a n   o f f s e t   o t h e r  economic 
advantages  of   using  an active f lu t t e r   suppres s ion   sys t em.  

Design  Cycle   Integrat ion 

The b e n e f i t s  of a c t i v e   f l u t t e r   s u p p r e s s i o n  w i l l  undoubtedly  be a func t ion  
of when t h e   d e c i s i o n  is made t o   c o n s i d e r  i t s  use.  If it is considered as an  
o p t i o n   i n   t h e   p r e l i m i n a r y   d e s i g n   s t a g e ,   t h e   p o t e n t i a l   b e n e f i t  may be  consider- 
ab ly   l a rge r   t han  i t  would b e   i f  i t  i s  i n i t i a l l y   c o n s i d e r e d   a f t e r   t h e   p r e l i m i -  
nary   des ign  i s  c o m p l e t e .   I n   t h e   f i r s t  case, the   ac t ive   sys t em is a n   i n t e g r a l  
part of t h e   a i r p l a n e   d e s i g n ,  and i ts  requi rements   for   such   th ings  as hydrau l i c  
sys t em  capac i ty ,   con t ro l   su r f ace   s i ze  and l o c a t i o n ,  and a c t u a t o r  power and 
frequency  response are considered a t  the   ou t se t .   I n   t he   s econd   ca se ,   t he  
ac t ive   sys tem is a s u b s t i t u t e   f o r  a passive  system. A t  t h i s   s t a g e ,   t h e   i n t r o -  
duc t ion  of t he   ac t ive   sys t em may requi re   changes   in   a l ready   des igned   sys tems 
such as hydrau l i c  power and con t ro l   su r f ace   ac tua to r s .   Fu r the rmore ,  a t  t h i s  
s t age   t he   ac t ive   sys t em  des ign  w i l l  p robably   be   cons t ra ined   to   use   ex is t ing  
con t ro l   su r f aces  whose s i z e  and l o c a t i o n  were se lec ted   wi thout   any   cons idera-  
t i o n  of a c t i v e   f l u t t e r   s u p p r e s s i o n .  

A l though   t he   po ten t i a l   bene f i t s  may be l a rge r   t he   soone r   t he   dec i s ion  is 
made, i t  can  be  a . rgued  that   the  ear l ie r  t h e   d e c i s i o n ,   t h e   g r e a t e r   t h e   p o t e n t i a l  
t e c h n i c a l   r i s k .   T h i s  is because a major  unforeseen  problem may arise a f t e r  
t h e  commitment t o   a c t i v e   f l u t t e r   s u p p r e s s i o n   h a s   b e e n  made and  considerable 
money and time have   been   expended.   Analy t ica l   uncer ta in t ies   in   accura te ly  
pred ic t ing   ac t ive   sys tem  per formance  may be a c r i t i ca l  f a c t o r   i n   n o t   i d e n t i f y -  
ing a major   problem  ear ly   in   the  design  cycle .   Perhaps some r e d u c t i o n   i n   t h i s  
technica l   r i sk   can   be   accompl ished  by jud ic ious  u s e  of wind-tunnel  model tests 
t o   v a l i d a t e   a n a l y t i c a l  methods as e a r l y   i n   t h e   d e s i g n   c y c l e  as poss ib l e .  
Candidate tests would i n c l u d e   t h e  measurement of cont ro l   sur face   aerodynamic  
c h a r a c t e r i s t i c s   b e c a u s e ,   i n  many ins tances ,   ex is t ing   aerodynamic   theor ies  do 
n o t   p r e d i c t   c o n t r o l   s u r f a c e   c h a r a c t e r i s t i c s   t o   t h e   r e q u i r e d   a c c u r a c y .  

Limited  Applicat ion System 

One primary  concern  about active f l u t t e r   s u p p r e s s i o n  i s  t h a t  i t  would be a 
f l i g h t  c r i t i c a l  system  and  would  have t o  be as r e l i a b l e  as t h e   p a s s i v e   f l u t t e r  
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s o l u t i o n   s t r u c t u r e   t h a t  i t  rep laces .   Th i s   conce rn  is c e r t a i n l y   j u s t i f i e d  i n  
l i g h t  o f   t he   cu r ren t  state o f   t h e  art  i f   t h e  active system is  r e q u i r e d .   t o  
i nc rease   t he   f l u t t e r   speed   f rom  be low  the   des ign   d ive   speed  VD t o   t h e   f l u t t e r  
margin  requirement  1.2 VD. Presen t ly ,  i t  a p p e a r s   t h a t   o n l y   l i m i t e d   a p p l i c a -  
t i o n s   o f  active f lu t t e r   suppres s ion   shou ld   be   cons ide red .  By l imi t ed   app l i ca -  
t i o n s  is mean t   t ha t   t he  active s y s t e m   p r o v i d e s   o n l y   t h e   r e q u i r e d   f l u t t e r  
margin,  VD t o  1 . 2  VD (or  a po r t ion   o f   t he   marg in ) .   .The   i dea   o f  
l i m i t e d   a p p l i c a t i o n  is i l l u s t r a t e d   s c h e m a t i c a l l y   i n   f i g u r e  4 .  Any f l u t t e r  
def ic iency   be low VD i s  co r rec t ed  by a p a s s i v e   f l u t t e r   s o l u t i o n .   C o n s e q u e n t l y ,  
t h e   a i r p l a n e  would b e   f l u t t e r   f r e e   t h r o u g h o u t  i ts  normal   f l ight   envelope  and 
t h e   f l u t t e r   s u p p r e s s i o n   s y s t e m  would provide  the  required  20-percent   margin  of  
s a f e t y .  

C o n s i d e r a b l e   p r e c e d e n t   e x i s t s   t o d a y   f o r   u s i n g  mode damping  systems i n  
commerc ia l   a i rp lane   opera t ions .  Some commerc ia l   t ranspor t s   opera te   wi th  yaw 
dampers t h a t  are f l i g h t   s a f e t y   c r i t i c a l .   F o r   e x a m p l e ,   o n e   h i g h l y   s u c c e s s f u l  
subsonic  j e t  t r a n s p o r t   a i r p l a n e   u s e s  a d u a l  yaw damper system.  Although  only 
one  system is r e q u i r e d   t o   b e   f u n c t i o n a l   f o r   d i s p a t c h ,   b o t h   s y s t e m s  must  be 
w o r k i n g   f o r   t h e   a i r p l a n e   t o   o p e r a t e   t h r o u g h o u t  i t s  f u l l   f l i g h t   e n v e l o p e .   I f  
o n e   s y s t e m   f a i l s   d u r i n g   f l i g h t ,   t h e   a i r p l a n e   o p e r a t i o n a l   a l t i t u d e  is r e s t r i c t e d  
t o  below  about 9250 m (30 000 f t ) .  A t  t h i s   a l t i t u d e  and  below,  the  unaugmented 
Dutch r o l l   c h a r a c t e r i s t i c s  are cons ide red   accep tab le   fo r   commerc ia l   a i rp l ane  
ope ra t ions .  

A l i m i t e d   a p p l i c a t i o n   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m  relies on a similar 
o p e r a t i n g   r e s t r i c t i o n   ( s p e e d   r e d u c t i o n   r a t h e r   t h a n   a l t i t u d e   r e d u c t i o n )   a n d  a 
. fa i l -opera t iona l   mechaniza t ion .  Of cour se ,   t he re  are p r e s e n t l y  no FAA regula-  
t i o n s  on a c t i v e   f l u t t e r   s u p p r e s s i o n .  The lack  of  a s p e c i f i c  FAA p o l i c y  is 
n a t u r a l l y  a concern  because  the  cer t i f icat ion  requirements   and  costs   represent  
an unknown r i s k .  

Appl icable   Conf igura t ions  

I n   r e f e r e n c e  6 ,  some q u a l i t a t i v e   i n d i c a t i o n  of t h e   r e l a t i v e   b e n e f i t s  of 
a c t i v e   f l u t t e r   s u p p r e s s i o n  are p r e s e n t e d   f o r   s e v e r a l   d i f f e r e n t   a i r p l a n e  vari- 
ab le s .  Some of t h e s e   r e s u l t s  are r e p e a t e d   i n   f i g u r e  5 for   speed   range ,   g ross  
weight ,  and  wing aspect r a t i o .  N o t e   t h a t   t h e   r e l a t i v e   b e n e f i t s   f o r   t h e   r a n g e s  
of these  parameters  which are a p p l i c a b l e   t o   s u p e r s o n i c   c r u i s e   a i r p l a n e s   ( l a r g e  
speed  range,  heavy  gross  weight,  and  low t o   m o d e r a t e   a s p e c t   r a t i o )  are con- 
s idered   to   be   modera te   to   major .  It s h o u l d   b e   r e c o g n i z e d   t h a t   a c t i v e   f l u t t e r  
suppress ion  w i l l  n o t   b e   b e n e f i c i a l   f o r  a l l  conf igu ra t ions ,   and ,   i n  some 
i n s t a n c e s ,   t h e   a i r p l a n e   a c t u a l l y  may be   pena l i zed   i f   an   ac t ive   sys t em is chosen 
over a passive  system. A c a s e   i n   p o i n t  is one  of   the  designs  generated  during 
t h e  NASA-sponsored Advanced Transport  Technology (ATT) Program  (see  ref .  41) 
where i t  w a s  concluded  for   one of t h e   d e s i g n s   s t u d i e d   t h a t   t h e   b e n e f i t s  of an 
ac t ive   sys t em would be  more t h a n   o f f s e t  by the  complexi ty  of such a system. 
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I n t e r r e l a t i o n  With Other Active  Control  Concepts 

I n  a new a i rp l ane   des ign   where   t he   des igne r s   a t t empt   t o   t ake   advan tage   o f  
as many a c t i v e   c o n t r o l   a p p l i c a t i o n s  as p r a c t i c a b l e ,  i t  may n o t   b e   p o s s i b l e   t o  
make the   dec i s ion   t o   imp lemen t   an   ac t ive   f l u t t e r   suppres s ion   sys t em  independen t  
of   the  decis ion  to   implement   other   concepts .   For   example,  a f l u t t e r   s u p p r e s -  
s i o n   s y s t e m   n a y   b e   r e q u i r e d   i n   o r d e r   t o   a c h i e v e  maximum b e n e f i t s   f r o m  a load  
a l l e v i a t i o n   s y s t e m .  The i n t e r r e l a t i o n  of v a r i o u s   a c t i v e   c o n t r o l   c o n c e p t s   f o r  
s u p e r s o n i c   c r u i s e   a i r c r a f t  is d i s c u s s e d   i n   r e f e r e n c e  42. I f  more than  one 
concept is  implemented, there may be   advantages  i n  common system  components. 
For  example, f l u t t e r   s u p p r e s s i o n   a n d   g u s t   l o a d   a l l e v i a t i o n   s y s t e m s  may u s e  
some o f   t he  same con t ro l   su r f aces   and   ac tua to r s .  

PAST  SUPERSONIC  CRUISE  AIRPLANE  SUPPRESSION  STUDIES 

I n   t h i s   s e c t i o n ,   h i g h l i g h t   r e s u l t s   f r o m  some f l u t t e r   s u p p r e s s i o n   s t u d i e s  
tha t   have   been   conducted   for   supersonic   c ru ise   a i rp lane   conf igura t ions  are 
presented .  Remember t h a t   f l u t t e r   s u p p r e s s i o n   s t u d i e s   f o r   o t h e r   c o n f i g u r a t i o n s  
may b e   a p p l i c a b l e   t o   s u p e r s o n i c   c r u i s e   a i r c r a f t .   F o r   e x a m p l e ,   f r o m   t h e   r e s u l t s  
of t h e  B-52 CCV model /a i rp lane   s tud ies   ment ioned   prev ious ly ,  i t  can  be con- 
c l u d e d   t h a t   f u l l - s c a l e   s u p e r s o n i c   c r u i s e   a i r c r a f t   f l u t t e r   s u p p r e s s i o n   s y s t e m  
performance  can  be  accurately  simulated by us ing   appropr i a t e ly   s ca l ed  wind- 
tunnel  models. 

Nat iona l   Conf igura t ion   Analy t ica l   S tudies  

Dur ing   the  la t ter  s t a g e s  of the  Nat ional   Program, some a n a l y t i c a l   s t u d i e s  
were made by  The  Boeing Company to   de t e rmine   whe the r   an   ac t ive   f l u t t e r   suppres -  
s ion   sys t em  cou ld   be   u sed   e f f ec t ive ly   t o   i nc rease   t he   f l u t t e r   speed  of t h e  
n a t i o n a l   c o n f i g u r a t i o n .  A s  po in ted   ou t   p rev ious ly ,   the   s t rength-des ign  con- 
f i g u r a t i o n  w a s  r a t h e r   f l u t t e r   d e f i c i e n t   ( s e e   f i g .   l ) ,  and a s u b s t a n t i a l   i n c r e a s e  
i n   s t r u c t u r a l   w e i g h t  w a s  r e q u i r e d   f o r  a p a s s i v e   f l u t t e r   s o l u t i o n .   D u r i n g   t h e s e  
s t u d i e s ,  i t  w a s  assumed t h a t   s a t i s f a c t o r y   f l u t t e r   m a r g i n s  would be  achieved by 
a c o m b i n a t i o n   o f   p a s s i v e   a n d   a c t i v e   f l u t t e r   s o l u t i o n s   ( t h e   l i m i t e d   a p p l i c a t i o n  
concept   ment ioned   prev ious ly) .   Al though  the   comple te   resu l t s   o f   these   s tud ies  
are n o t   g e n e r a l l y   a v a i l a b l e   i n   t h e   l i t e r a t u r e ,  some informat ion  is contained 
i n   r e f e r e n c e  11. Various  combinat ions  of   aerodynamic  control   surfaces ,   types  
and l o c a t i o n s  of  motion  sensors,   and  feedback  control laws (feedback  gains)  
were i n v e s t i g a t e d .  One combinat ion  of   control   surfaces   and  motion  sensors  
t h a t   y i e l d e d  a s u b s t a n t i a l   i n c r e a s e   i n   a i r p l a n e   f l u t t e r   s p e e d  i s  shown i n  
f i g u r e  6. Some r e s u l t s   o b t a i n e d  a t  a Mach number M of 0.90 by u s i n g   t h i s  
combination are p r e s e n t e d   i n   f i g u r e  7 as t h e   v a r i a t i o n   i n  damping wi th   a i r speed  
f o r  two of t h e   i m p o r t a n t   f l u t t e r  c r i t i ca l  modes,  namely, a wing mode and a 
wing-body mode. The e f f e c t i v e n e s s   o f   t h i s   a c t i v e   s y s t e m   i n   s u b s t a n t i a l l y  
i n c r e a s i n g   t h e   f l u t t e r   s p e e d   o f   t h e  unaugmented b a s i c   a i r p l a n e  is r e a d i l y  
appa ren t .   Fo r   t he   bas i c   a i rp l ane ,   bo th  modes f l u t t e r   n e a r   t h e   d e s i g n   d i v e  
speed VD. The active s y s t e m   i n c r e a s e d   t h e   f l u t t e r   s p e e d   f o r   b o t h  modes t o  a t  
least the 1 .2  VD f lu t te r   marg in   requi rement .   Indeed ,  a t  t h i s  v e l o c i t y ,   b o t h  
damping t r e n d s  are t o w a r d   i n c r e a s i n g   s t a b i l i t y .  
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DOT Technology  Follow-On  Model  Study 

A f t e r   t h e   c a n c e l l a t i o n   o f   t h e   N a t i o n a l   P r o g r a m ,   t h e   D e p a r t m e n t   o f   T r a n s -  
p o r t a t i o n  (DOT) sponsored  a wind-tunnel  model active f l u t t e r   s u p p r e s s i o n   s t u d y  
as p a r t   o f   t h e  SST Technology  Follow-On  Program.  The r e s u l t s  of t h i s   s t u d y  
are g i v e n   i n   r e f e r e n c e   2 7 ,   a n d   o n l y  some o f   t h e   h i g h l i g h t s  are p r e s e n t e d   h e r e .  
The  model was a 1 /20 - sca l e   l ow-speed   mode l   o f   t he   na t iona l   con f igu ra t ion  that  
w a s  m o d i f i e d   t o   i n c l u d e   a c t i v e - c o n t r o l   a e r o d y n a m i c   s u r f a c e s   f o r   f l u t t e r   s u p -  
p r e s s i o n   a n d   s t a b i l i t y   a u g m e n t a t i o n .  A pho tograph   o f   t h i s   mode l  i s  p r e s e n t e d  
i n   f i g u r e  8. Dur ing   the   wind- tunnel  tests, t h e   f u l l - s p a n   m o d e l  was mounted  on 
a c a b l e   s u s p e n s i o n   s y s t e m   t o   s i m u l a t e   t h e   f r e e - f l y i n g   c o n d i t i o n .   T h r e e  active 
f l u t t e r   s u p p r e s s i o n   s y s t e m s  were i n v e s t i g a t e d .   T h e   f i r s t   u s e d   t h e   i n b o a r d  
a i l e r o n s ;   t h e   s e c o n d   u s e d   t h e   o u t b o a r d   a i l e r o n s ;   t h e   t h i r d   u s e d   b o t h   t h e  
inboa rd   and   ou tboa rd   a i l e rons .   The   l oca t ions   o f   t hese   con t ro l   su r f aces  are 
shown i n   f i g u r e  9. T h e   e x p e r i m e n t a l   f l u t t e r   r e s u l t s   f o r  a l l  t h r e e   s y s t e m s  are 
p r e s e n t e d   i n   f i g u r e  10. A l l  three s y s t e m s   i n c r e a s e d   t h e   f l u t t e r   s p e e d   o f   t h e  
unaugmented a i r c r a f t .  T h e   i n b o a r d - o u t b o a r d   a i l e r o n   s y s t e m   p r o v i d e d   t h e   l a r g e s t  
i n c r e a s e ,   a b o u t  11 p e r c e n t .  A c o m p a r i s o n   o f   t h e   e x p e r i m e n t a l   r e s u l t s   w i t h  
a n a l y t i c a l   r e s u l t s  w a s  somewhat c o n t r a d i c t o r y .   T h e   a n a l y s i s   a c c u r a t e l y   p r e -  
d i c t e d   t h e   i n b o a r d   a i l e r o n   s y s t e m   e x p e r i m e n t a l   r e s u l t s .  However, t h e   a n a l y s i s  
f o r   t h e   o u t b o a r d   a i l e r o n   s y s t e m   p r e d i c t e d   a b o u t  a 1 3 - p e r c e n t   i n c r e a s e   i n  
f l u t t e r   s p e e d ,   a b o u t   f o u r  times t h e   e x p e r i m e n t a l   v a l u e .   T h e   r e a s o n   f o r   t h i s  
d i s c r e p a n c y  i s  unknown a t  p r e s e n t .  

I n c i d e n t a l l y ,   t h i s   m o d e l  w a s  damaged n e a r   t h e  end of the  wind-tunnel   pro-  
gram. S i n c e   t h a t  time i t  h a s  become t h e   p r o p e r t y  of t h e  NASA and  has   been 
r e p a i r e d .   A d d i t i o n a l   t e s t i n g  is  p l a n n e d   i n   t h e   L a n g l e y   t r a n s o n i c   d y n a m i c s  
t u n n e l   t o   s t u d y   d i f f e r e n t   f l u t t e r   s u p p r e s s i o n   s y s t e m s  as w e l l  as o t h e r  active 
c o n t r o l   a p p l i c a t i o n s .  

Delta-Wing F lu t t e r   Suppres s ion   Mode l   S tudy  

For a number of   years   the   Langley   Research   Center   has   been   sponsor ing  
c o n s i d e r a b l e   r e s e a r c h   a c t i v i t y   i n  act ive f l u t t e r   s u p p r e s s i o n .   B o t h   i n - h o u s e  
and c o n t r a c t o r  work  have  been  involved. Much o f   t h i s   a c t i v i t y   h a s   u t i l i z e d  a 
c a n t i l e v e r   d e l t a - w i n g   m o d e l   t h a t  was e q u i p p e d   w i t h   h y d r a u l i c a l l y   a c t u a t e d  
l e a d i n g - e d g e   a n d   t r a i l i n g - e d g e   c o n t r o l   s u r f a c e s   f o r  ac t ive  f l u t t e r   s u p p r e s s i o n .  
A l though   t h i s   mode l   does   no t  scale d y n a m i c a l l y   a n y   p a r t i c u l a r   a i r p l a n e   c o n f i g u -  
r a t i o n ,  i t  i s  r e p r e s e n t a t i v e   o f  a c o n t e m p o r a r y   s u p e r s o n i c   c r u i s e   a i r p l a n e  
des ign .  A photograph  of  the  model  mounted i n   t h e   L a n g l e y   t r a n s o n i c   d y n a m i c s  
t u n n e l  i s  shown i n   f i g u r e  11. One o f   t h e   p u r p o s e s   o f   t h i s   m o d e l   s t u d y  w a s  t o  
e x p e r i m e n t a l l y   e v a l u a t e   a n d   v a l i d a t e   t h e   a e r o d y n a m i c   e n e r g y   a p p r o a c h   t o  active 
f l u t t e r   s u p p r e s s i o n   t h a t  w a s  d e v e l o p e d   i n   r e f e r e n c e   1 5 .   T h i s   g o a l  w a s  success-  
f u l l y   a c c o m p l i s h e d ,   a n d   t h e   s t u d y  i s  d e s c r i b e d   i n   d e t a i l   i n   r e f e r e n c e  3 5 .  

Some a n a l y t i c a l   a n d   e x p e r i m e n t a l   r e s u l t s   f r o m   t h e   d e l t a - w i n g   s t u d y  are 
p r e s e n t e d   i n   f i g u r e s   1 2   a n d  13. T h e s e   d a t a  are p r e s e n t e d   i n  terms of  dynamic 
p r e s s u r e   r a t h e r   t h a n   v e l o c i t y  as w a s  t h e  case f o r  t h e  two previous  examples .  
An impor t an t   po in t   can   be  made b y   r e f e r r i n g   t o   t h e   c a l c u l a t e d   r e s u l t s  shown i n  
f i g u r e   1 2   f o r   v a r i o u s   l o c a t i o n s   o f   a e r o d y n a m i c   c o n t r o l   s u r f a c e s   a n d   w i n g  
mot ion   s enso r s  - a c c e l e r o m e t e r s   i n   t h i s  case. T h r e e   p o s s i b l e   l o c a t i o n s   o f  
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the   pa i r   o f   l ead ing-edge  and t r a i l i ng -edge   con t ro l   su r f aces  were inves t iga t ed  
wi th   t h ree   poss ib l e   acce le romete r   l oca t ions   fo r   each   con t ro l   su r f ace   a r r ange -  
ment. The g r e a t e s t   i n c r e a s e   i n   f l u t t e r  dynamic p res su re  w a s  o b t a i n e d   f o r   t h e  
ou tboa rd   con t ro l - su r face   l oca t ion   w i th   t he   acce le romete r s   a l i ned   w i th   t he   ou t -  
board  edges  of   the   control   surfaces .  However,  on t h i s  model t h e   i n s t a l l a t i o n  
of t h e   o u t b o a r d   c o n t r o l   s u r f a c e   a c t u a t o r s  was n o t   p r a c t i c a l   w i t h o u t   v i o l a t i n g  
the   ex te rna l   con tour  of t h e   a i r f o i l   s e c t i o n .   F o r   t h i s  and o the r   r ea sons ,   t he  
control   surface  arrangement   chosen w a s  t h e  midspan s t r i p .  The p o i n t   t o   b e  
made is t h a t   o n   t h i s  model, as undoubtedly w i l l  b e   t h e  case i n   a i r p l a n e   a p p l i -  
c a t i o n s ,   t h e r e  were p r a c t i c a l   c o n s i d e r a t i o n s   t h a t   r e a l l y  had no th ing   t o   do  
w i t h   t h e   f l u t t e r   s u p p r e s s i o n   s y s t e m   i t s e l f   t h a t   p l a y e d   a n   i m p o r t a n t   r o l e   i n  
t he   cho ice  of sys t em  tha t  was a c t u a l l y  implemented. 

The  delta-wing  model w a s  used  over   the Mach number range  from 0.60 t o  
0.90 to   demonst ra te   successfu l ly   the   aerodynamic   energy   approach .  Some experi-  
m e n t a l   a n d   a n a l y t i c a l   r e s u l t s   o b t a i n e d  a t  a Mach number of 0 .90 .a re  shown i n  
f i g u r e   1 3   f o r   t h e   t h r e e   c o n t r o l  l a w s  s tud ied ,   des igna ted  as c o n t r o l  l a w s  A, B y  
and C y  r e spec t ive ly .  Which c o n t r o l   s u r f a c e s  were used,  and  whether two- 
dimensional ( 2 D )  or   three-dimensional  (3D) unsteady  aerodynamics were used i n  
.determining  the  feedback  gains   const i tuted  the  differences  between  the  three 
c o n t r o l  laws. These  differences are i n d i c a t e d   i n   f i g u r e   1 3 .  A l l  t h r e e   c o n t r o l  
l a w s  were e f f e c t i v e   i n   i n c r e a s i n g   t h e   f l u t t e r  dynamic p res su re  of t h e  unaug- 
mented b a s i c  model. One word of cau t ion  - a l though   t he   t r a i l i ng -edge   con t ro l  
( l a w  C) i n d i c a t e d   t h e   l a r g e s t   i n c r e a s e   i n   f l u t t e r  dynamic p r e s s u r e ,   t h i s   d o e s  
not  mean t h a t  a t r a i l i ng -edge   con t ro l   sys t em i s  b e t t e r   n e c e s s a r i l y   t h a n  a 
leading-edge  t ra i l ing-edge  control   system.  Analyt ical   s tudies   (not  shown i n  
t h e   f i g u r e )   i n d i c a t e d   j u s t   t h e   c o n t r a r y .  S e e  r e fe rence  35 f o r   d e t a i l s .  

The only   d i rec t   compar ison   tha t   can   be  made between  experiment  and  analy- 
sis is f o r   c o n t r o l  l a w  A, s i n c e   t h i s  is the   on ly  case where  the  model w a s  
a c t u a l l y   t a k e n   t o   f l u t t e r   w i t h   t h e   f l u t t e r   s u p p r e s s i o n   s y s t e m   o p e r a t i o n a l .  
For l a w  A, t h e   a n a l y s i s  and experiment are i n  good agreement. However, t o  
o b t a i n   t h e   a n a l y t i c a l   r e s u l t s  shown, the  theoret ical   unsteady  aerodynamic 
c h a r a c t e r i s t i c s  of t h e   c o n t r o l   s u r f a c e s  were ad jus ted  by using  measured  hinge- 
moment d a t a   t h a t  had  been  determined  previously  for  this  model.   If   purely 
theoret ical   aerodynamics are used i n   t h e   c a l c u l a t i o n s ,   t h e   p r e d i c t e d  improve- 
ment i n   f l u t t e r  dynamic p res su re  is c o n s i d e r a b l y   l a r g e r   t h a n   t h a t  shown i n   t h e  
f i g u r e .  

System  and  Technology  Assessment S tud ie s  

The NASA has  sponsored several system and technology  assessment   s tudies  
f o r  advanced   supe r son ic   c ru i se   a i r c ra f t .  Both  in-house  and  contractor act ivi-  
t ies have  been  included. (A b ib l iography  of   publ i shed   repor t s   f rom  these   s tud ies  
is  g i v e n   i n   r e f .  4 3 . )  

The  system  and  technology  studies,   taken as a who le ,   i nd ica t e   t ha t  a 
sav ings   i n   s t ruc tu ra l   we igh t   can   be   accompl i shed  by us ing   an  active f l u t t e r  
suppression  system  on  an  advanced  supersonic   cruise   a i rplane and t h a t   t h i s  
we igh t   s av ing   can   be   t r ans l a t ed   i n to  economic bene f i t s ,   such  as a d e c r e a s e   i n  
d i r e c t   o p e r a t i n g   c o s t s   o r   a n   i n c r e a s e   i n   r a n g e .  The magnitude of t h e   p o t e n t i a l  
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bene f i t ,   a l t hough   cons ide rab ly  smaller t h a n   t h a t   o f  some o t h e r  active c o n t r o l  
a p p l i c a t i o n s   s u c h  as r e l a x e d  s ta t ic  s t a b i l i . t y ,  w i l l  become l a r g e r  as technology 
advances  occur,  w i l l  b e  a f u n c t i o n  of whether   o ther  active con t ro l   sys t ems  are 
i n c l u d e d   i n  the pre l iminary   des ign ,   and  w i l l  b e   a f f e c t e d   b y   t h e   u s e  of o t h e r  
advanced  technologies  such as compos i t e   s t ruc tu res .  

ARROW-WING ACTIVE FLUTTER  SUPPRESSION  SYSTEM  DESIGN AND BENEFITS 

P r e s e n t e d   i n   t h i s   s e c t i o n  are t h e   r e s u l t s   o b t a i n e d   t o   d a t e   f r o m  a s tudy  
tha t   compares   the  re la t ive s t ruc tu ra l   we igh t ,   pe r fo rmance ,   and   d i r ec t   ope ra t ing  
c o s t s  of an   a r row-wing   supe r son ic   c ru i se   a i r c ra f t   con f igu ra t ion   t ha t  had i t s  
f l u t t e r   d e f i c i e n c y   c o r r e c t e d  by an active f l u t t e r   s u p p r e s s i o n   s y s t e m   w i t h   t h e  
corresponding  weight,   performance,  and DOC o f   t he  same base l ine   a i rp lane   where  
t h e   f l u t t e r   d e f i c i e n c y  w a s  co r rec t ed  by us ing  a pass ive   sys tem  ( increased  
s t r u c t u r a l   s t i f f n e s s ) .  The b a s e l i n e   a i r p l a n e  w a s  the   s t rength-des ign   conf igu-  
r a t ion   deve loped  by  The  Boeing  Commercial A i rp l ane  Company d u r i n g   t h e  NASA- 
sponsored   a r row-wing   s t ruc tura l   des ign   concepts   s tud ies .   (See   re f .  2 . )  The 
geometry   o f   th i s   conf igura t ion  i s  shown i n   f i g u r e   1 4 .  The f l u t t e r   d e f i c i e n c y  . 

of t h i s   a i r p l a n e  w a s  l a r g e  (see f ig .   2 ) ,   and  4627 kg  (10 200  lbm)  of s t r u c t u r a l  
weight w a s  r e q u i r e d   t o   i n c r e a s e   t h e   f l u t t e r   s p e e d   t o   t h e   1 . 2  VD requirement .  
T h i s   a i r p l a n e  is r e f e r r e d   t o  as t h e  passive sys tem  a i rp lane .  The o t h e r  air- 
p l a n e ,   r e f e r r e d   t o  as the   ac t ive   sys t em  a i rp l ane ,   u sed   t he  same base l ine   des ign ,  
b u t   t h e   f l u t t e r   d e f i c i e n c y  w a s  co r rec t ed  by a combination of pas s ive  and active 
sys t em  app l i ca t ions .  A p a s s i v e   s o l u t i o n  w a s  u s e d   t o   i n c r e a s e   t h e  minimum 
f l u t t e r   s p e e d   t o  VD, and  an active f l u t t e r   s u p p r e s s i o n   s y s t e m  w a s  u sed   t o  
f u r t h e r   i n c r e a s e   t h e   f l u t t e r   s p e e d   t o   1 . 2  VD. Th i s  i s  t h e   l i m i t e d   a p p l i c a t i o n  
concept   descr ibed   prev ious ly .   In   the   fo l lowing   d i scuss ion ,   the   des ign  cr i ter ia ,  
synthesis ,   and  conceptual   mechanizat ion of t h e  active f l u t t e r   s u p p r e s s i o n   s y s -  
t e m  are desc r ibed .   F ina l ly ,   t he   r e su l t s   o f   an   economic   ana lys i s  are presented  
where t h e  DOC of t h e   a c t i v e   s y s t e m   a i r p l a n e  are compared d i r e c t l y   w i t h   t h e  DOC 
of the   pass ive   sys tem  a i rp lane .   This   compar ison   g ives  a d i r e c t   i n d i c a t i o n  of 
t h e   b e n e f i t s   o f   u s i n g   a n   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m   f o r   t h e  arrow-wing 
conf igu ra t ion   s tud ied .  

Design Criteria 

B a s i c a l l y ,   t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m   d e s i g n   c r i t e r i a  were 
based   on   contemporary   indus t ry   des ign   prac t ices   and   ex is t ing  FAA a n d   m i l i t a r y  
r egu la t ions   and   spec i f i ca t ions .  

F l u t t e r  cri teria.-  The b a s i c   f l u t t e r   r e q u i r e m e n t ,  as shown i n   f i g u r e   1 5 ,  
was t h a t   t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m  would  provide a 20-percent 
i n c r e a s e   i n   t h e   f l u t t e r   s p e e d ,  VD t o   1 . 2  VD. A pass ive   sys tem w a s  to   be  used 
t o   c o r r e c t   a n y   d e f i c i e n c i e s  below VD. A t  speeds less than VD,  t h e   a c t i v e  
system w a s  r equ i r ed   t o   p rov ide   t he   equ iva len t  of 3 p e r c e n t   s t r u c t u r a l  damping 
f o r  a l l  f l u t t e r  c r i t i c a l  modes. I n   a d d i t i o n ,  cr i ter ia  were adopted  which 
r e q u i r e d   t h a t   t h e  damping  of o the r  modes c o u l d   n o t   b e   s i g n i f i c a n t l y   r e d u c e d .  
For   example ,   the   r ide   qua l i ty  of t h e   a c t i v e   s y s t e m   a i r p l a n e   c o u l d   n o t   b e  
s i g n i f i c a n t l y   d e g r a d e d  by t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m .   H a n d l i n g  
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pa l i t i e s  were required  to   remain  essent ia l ly   unchanged,  active f l u t t e r  sup- 
i ress ion  system  on  or   off .   Furthermore,  cri teria governing  repeated  loads on 
:he s t r u c t u r e  were adopted s o  t h a t   f a t i g u e   l o a d i n g   i n   t u r b u l e n c e  would be  no 
yeater f o r   t h e  active sys t em  a i rp l ane   t han   fo r   t he   pas s ive   sys t em  a i rp l ane .  
l a i n  and  phase  margin  requirements were adopted  al%o. A t  VD, t h e  active sys- 
:em w a s  r e q u i r e d   t o   h a v e  6 dB gain  and 45" phase  margins. 

Turbulence criteria.- A s i g n i f i c a n t   f a c t o r   i n   t h e   d e s i g n  of an active 
Tlu t te r   suppress ion   sys tem i s  to   accoun t   p rope r ly   fo r   a tmosphe r i c   t u rbu lence  
-2nd gus t s   because   s t ruc tu ra l   r e sponses   r e su l t i ng   f rom  tu rbu lence   can   p l ace  
a d d i t i o n a l  demands on   t he   f l u t t e r   suppres s ion   sys t em  tha t   can   cause   sys t em 
s a t u r a t i o n .  The turbulence  cri teria are shown i n   f i g u r e   1 6 .   T u r b u l e n c e   e f f e c t s  
..rere al lowed  to   degrade  system  performance  but   not   to  levels below  those 
requi red  by t h e   f l u t t e r  cri teria.  That is, turbulence   e f fec ts   could   p roduce  
r e d u c t i o n s   i n   t h e  damping i n  a c r i t i ca l  f l u t t e r  mode t o   l e v e l s  below  those i n  
smooth a i r ,  b u t   n o t   t o  levels below 3 p e r c e n t   e q u i v a l e n t   s t r u c t u r a l  damping. 

F l i g h t   s a f e t y   a n d   r e l i a b i l i t y  criteria.- The b a s i c   f l i g h t   s a f e t y  cri teria 
das tha t   t he   f l u t t e r   suppres s ion   sys t em  r ema in   comple t e ly   ope ra t iona l   fo l low-  
ing  a f i rs t  f a i l u r e .   T h a t  is ,  a f a i l -ope ra t iona l   sys t em w a s  requi red .  The 
system was n o t   r e q u i r e d   t o   b e   f u n c t i o n a l   f o r   d i s p a t c h   n o r  w a s  i t  r e q u i r e d   t h a t  
a mis s ion   be   abor t ed   fo l lowing   an   i n - f l i gh t   f a i lu re .  However, should a system 
f a i l u r e   o c c u r ,   e i t h e r  o n   t h e   g r o u n d   o r   i n   f l i g h t ,   t h e   a i r p l a n e   o p e r a t i o n a l  
envelope would be   p lacarded   to   insure   the   20-percent   f lu t te r   marg in .   For  
example, i f   a n   i n - f l i g h t   f a i l u r e   o c c u r s  when t h e   a i r p l a n e  i s  f l y i n g  a t  a speed 
g rea t e r   t han  80 percent  of VD, speed would be   reduced   to   p rovide   the   requi red  
20 -pe rcen t   f l u t t e r   marg in   i n   ve loc i ty .   I f   on ly  a s i n g l e   f a i l u r e   o c c u r s ,   t h e  
a i r p l a n e  i s  st i l l  f l u t t e r   f r e e   t o   1 . 2  VD. Should a f a i l u r e   b e   d e t e c t e d   o n  
t h e  ground p r i o r   t o   t a k e - o f f ,   t h e   a i r p l a n e   c o u l d  s t i l l  be   d i spa tched ,   bu t  its 
opera t ing   envelope  would b e   r e s t r i c t e d   t o   p r o v i d e   t h e   f l u t t e r   m a r g i n ,   t h a t  is, 
lower  speed  climb  and  descent  schedules.   Recall   that   the  passive  system  pro- 
v i d e s   s a f e t y  from f l u t t e r  up t o  VD. 

I n   e s t a b l i s h i n g   t h e   r e l i a b i l i t y   r e q u i r e m e n t s ,   ? h e   b a s i c   c o n s i d e r a t i o n  was 
tha t   t he   chances  of a f a i l u r e   o r   o t h e r   e v e n t   o c c u r r i n g   t h a t  would r e s u l t   i n  a 
ca t a s t rophe  would be   ex t remely   remote .   In   th i s  case, the   ca t a s t roph ic   even t  
w o u l d   b e   e n c o u n t e r i n g   f l u t t e r .   F o r   f l u t t e r   t o   o c c u r ,   b o t h  of the   fo l lowing  
must  occur:  (1)  the  airplane  must  be a t  a speed   grea te r   than  VD and 
(2 )   t he re  must be  a t o t a l   f a i l u r e  of t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m .  
For   system  design  purposes ,   the   probabi l i ty   of  a t o t a l   f a i l u r e  of t h e   f a i l -  
ope ra t iona l   sys t em w a s  chosen   to   be  less than 1 x 10-4 which is a v a l u e  con- 
s i s t e n t   w i t h   t h e  s ta te  of   the  a r t  i n   f a i l - o p e r a t i o n a l   f l i g h t   c o n t r o l   s y s t e m s ,  
perhaps  even  on  the  conservat ive  s ide.  The same p r o b a b i l i t y   v a l u e  w a s  s e l e c t e d  
f o r   b e i n g  beyond VD. Admi t t ed ly ,   t h i s   cho ice  w a s  somewhat a r b i t r a r y ,   b u t  it 
is be l i eved   t o   be  a rea l i s t ic  va lue .  The two c o n t r i b u t o r s   t o   f l u t t e r  were con- 
s i d e r e d   t o   b e   i n d e p e n d e n t ;   t h e r e f o r e ,   t h e   p r o b a b i l i t y   o f   f l u t t e r   o c c u r r i n g  i s  
less than  1 x Th i s   va lue  is c o n s i s t e n t   w i t h   v a l u e s   u s u a l l y   q u o t e d   f o r  
t he   chances   o f   expe r i enc ing   p r imary   s t ruc tu ra l   f a i lu re .  
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Analy t i ca l  Development 

I n   t h e   a n a l y t i c a l  development   of   the   act ive  f lut ter   suppression  system, 
the   a i rp lane   equat ions   o f   mot ion  were expres sed   i n  terms of genera l ized  modal 
coord ina tes .   These   equat ionsOwere   t ransformed  to   Laplace   var iab le   space   where  
t h e   s y n t h e s i s  w a s  accomplished  by  using  root   locus  analysis   methods.  

S t r u c t u r a l  and  aerodynamic  modeling.-   The  airplane  structure was modeled 
by a f in i t e - e l emen t   i dea l i za t ion   deve loped   fo r  The  Boeing  Commercial  Airplane 
Company's ATLAS i n t e g r a t e d   s t r u c t u r a l   a n a l y s i s  and  design  system.  Although 
t h e   b a s i c   m a t h e m a t i c a l   s t r u c t u r a l  model w a s  a l r e a d y   a v a i l a b l e   ( s e e   r e f .  2) ,  
some modi f ica t ions  were necessa ry   t o  meet the  needs of t he   p re sen t   s tudy .  

The aerodynamic  model w a s  developed by us ing  a f in i t e - e l emen t   so lu t ion  
of t he   l i nea r ,   uns t eady ,   compress ib l e   f l ow  equa t ions   t ha t   p rov ide   con t inuous  
so lu t ions   t h roughou t   t he  Mach number r ange ,   subson ic ,   t r anson ic ,  and super- 
sonic .  The technique w a s  developed  by  Kenneth L .  Roger  and h i s   a s s o c i a t e s  a t  
Boeing-Wichita,  and is cur ren t ly   unpubl i shed .   Unpubl i shed   resu l t s  show t h a t  
t h e  method is  as a c c u r a t e  as o t h e r  similar e x i s t i n g   m e t h o d s ,   b u t . i s  computa- 
t i o n a l l y  more e f f i c i e n t .  The t echn ique   r equ i r e s   t he   a i rp l ane   t o   be   subd iv ided  
into  an*arrangement   of   t rapezoidal   boxes,   provides  a very  general   model ing 
c a p a b i l i t y ,  and  accounts   for   such  things as in t e r sec t ing   su r f aces ,   ou t -o f -p l ane  
su r faces ,  and a rb i t r a ry   a r r angemen t  of con t ro l   su r f aces .   Fo r   t he   s t eady- s t a t e  
case, t h e  method is similar t o   t h a t   d e s c r i b e d   i n   r e f e r e n c e  44; f o r   t h e  sub- 
sonic   unsteady  f low  case,  i t  s h a r e s   c e r t a i n  similarities wi th   the   double t -  
l a t t i ce  method ( r e f .   4 5 ) .  

S ince   t he   a i rp l ane   equa t ions  of motion were expres sed   i n   t he   Lap lace  
domain, i t  w a s  necessary   to   t ransform  the   f requency-dependent   (ac tua l ly   reduced  
f requency)   uns teady   aerodynamic   coef f ic ien ts   in to   func t ions  of the   Laplace  
va r i ab le .   Th i s   t r ans fo rma t ion  w a s  accomplished  by a l e a s t - s q u a r e s   c u r v e - f i t t i n  
procedure  which  used  ra t ional   funct ions of t he   Lap lace   va r i ab le   w i th   fou r th -  
order  denominators.   This  technique  has  been  used  previously  with good r e s u l t s .  
(See  refs .   14  and  16.)  0 

System  synthes is . -   Dur ing   the   in i t ia l   synthes is   s tud ies ,   var ious  combina- 
t i o n s  of aerodynamic  control   surfaces   and  accelerometer   locat ions were inves- 
t iga ted   in   combina t ion   wi th   d i f fe ren t   feedback   cont ro l  laws. The c o n t r o l  
sur faces   and   acce lerometer   loca t ions  are shown i n   f i g u r e   1 7 .  The  midspan 
c o n t r o l   s u r f a c e  and   acce lerometer   loca t ion   chosen   for   the   f ina l   synthes is  are 
shown darkened i n   f i g u r e   1 7 .  The acce lerometer   loca t ion   chosen  was a t t r a c t i v e  
f o r  two r easons .   F i r s t ,   because  of l o c a l   s t i f f e n i n g  produced  by the   eng ine  
support  beams, very  l i t t l e  response of t h e  wing is  produced a t  t h i s   p o i n t  by 
higher   f requency modes which are n o t   f l u t t e r  c r i t i ca l .  Second, s t u d i e s   i n d i -  
c a t e d   t h a t   t h e   p r e c i s e   l o c a t i o n  of the   acce le rometer  was n o t   c r i t i c a l ;   t h u s  
the   conceptua l   ins ta l la t ion   o f   the   acce le rometer  was f a c i l i t a t e d .  

Although the   chosen   cont ro l   sur face ,   acce le rometer   loca t ion ,   and   feedback  
c o n t r o l  l a w  were e f f e c t i v e   i n   p r o v i d i n g   t h e   r e q u i r e d   f l u t t e r   s p e e d   i n c r e a s e ,  a 
n o n f l u t t e r - c r i t i c a l  mode w a s  a d v e r s e l y   a f f e c t e d   i n   t h a t   t h e   g a i n   a n d   p h a s e  
margin  requirements were n o t   s a t i s f i e d .   T h i s   e f f e c t  was co r rec t ed  by adding 
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-.n a f t - fuse lage   acce le rometer   whose   s igna l  w a s  added t o   t h e  wing  accelerometer  
:ignal,  and  by  making a small adjustment  i n  the   f eedback   con t ro l  l a w .  

A block  diagram of t h e   f i n a l   f l u t t e r   s u p p r e s s i o n   s y s t e m  is presented  i n  
Figure 18. No te   t ha t   ga in   s chedu l ing  is p rov ided ,   bo th   i n  terms of Mach number 
3. and  dynamic  pressure  q.  Scheduling w a s  used   because   the  active f l u t t e r  
Suppression  system is  o n l y   r e q u i r e d   t o   p r o v i d e   t h e   f l u t t e r   m a r g i n   o v e r  a por- 
Lion  of t h e   f l i g h t   e n v e l o p e ,   p r i m a r i l y  i n  the   t r anson ic   r eg ime .  A t  o t h e r  
[ l i g h t   c o n d i t i o n s ,   t h e   p a s s i v e   s y s t e m   p r o v i d e s   s u f f i c i e n t   s t i f f n e s s   t o   g i v e  
ihe  required  20-percent   margin.  

The c a l c u l a t e d   v a r i a t i o n  of  damping i n   t h e  c r i t i ca l  f l u t t e r  mode wi th  
zquiva len t   a i r speed  is shown i n  f i g u r e   1 9   f o r   t h e  active system  on  and  off.  
I 'hese  data are f o r  a Mach number of   0 .90.   The  effect iveness   of   the  active 
s y s t e m   i n   i n c r e a s i n g   t h e  damping is obvious.  

System  Mechanization 

No hardware items were b u i l t   d u r i n g   t h i s   s t u d y ,   b u t   t h e   r e q u i r e d   h a r d w a r e  
was d e f i n e d   i n   s u f f i c i e n t   d e t a i l  so  t h a t  realist ic estimates could  be made of 
Iitanufacturing  costs  and  weight.  Such  information was requi red   for   the   economic  
a n a l y s i s .  A s impl i f ied   b lock   d iagram  of   the   sys tem  mechaniza t ion  is presented 
i n   f i g u r e  20. An impor t an t   pa r t  of the  mechanizat ion w a s  the   modi f ied  non- 
l i n e a r   d e s c r i b i n g   f u n c t i o n   a n a l y s i s   t h a t   a c c o u n t e d   f o r   s u c h   n o n l i n e a r   e f f e c t s  
as sys t em  sa tu ra t ion   due   t o   t u rbu lence .   Th i s   ana lys i s   de t e rmined   t he   con t ro l  
s u r f a c e   p h y s i c a l   s i z e   ( t h e   l o c a t i o n  was de termined   dur ing   the   synthes is ) ,   and  
t h e   p o s i t i o n  and ra te  limits. C o n t r o l   s u r f a c e   s i z e  and  motion limits p l u s  
hinge-moment r e q u i r e m e n t s   d i c t a t e d   t h e   c o n t r o l   s u r f a c e   a c t u a t o r   s e l e c t i o n  
which, i n   t u rn ,   de f ined   t he   hydrau l i c   sys t em  f low- ra t e   r equ i r emen t s .  The f low 
ra te  e s s e n t i a l l y   s p e c i f i e d   t h e   h y d r a u l i c   s y s t e m  power and  cool ing  requirements .  
I n   t h i s   a p p l i c a t i o n ,   t h e   h y d r a u l i c   a n d   e l e c t r i c a l  power requirements   of   the  
f l u t t e r   s u p p r e s s i o n   s y s t e m  were eas i ly   hand led  by t h e   e x i s t i n g   b a s e l i n e  a i r -  
p lane   hydraul ic  and e l e c t r i c a l  power sys t ems .   Th i s   s i t ua t ion  may exis t  i n  
o t h e r   a p p l i c a t i o n s  as w e l l ,  s i n c e   d e s i g n  of t h e s e  sys t ems  i s  normally  based 
on peak  requirements  which  occur a t  lower  speeds.  A t  the   h igher   speeds ,   where  
t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m   h a s   s u b s t a n t i a l  power r equ i r emen t s ,   t he  
b a s e l i n e   a i r p l a n e  had s u r p l u s   h y d r a u l i c   a n d   e l e c t r i c a l  power a v a i l a b l e  beyond 
expec ted   a i rp lane   requi rements .  

Of cour se ,   du r ing   t he   concep tua l   mechan iza t ion   t he   r e l i ab i l i t y   r equ i r e -  
ments  had  to  be  taken  into  account.   For  example,  t r i p l e  tandem a c t u a t o r s  were 
r e q u i r e d   f o r   e a c h   c o n t r o l   s u r f a c e .  

The est imated  weight  of t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m  w a s  159  kg 
(350  lbm).  This  weight estimate inc ludes  a l l  system  components  such as actua-  
t o r s  and   e l ec t ron ic s .  The weight   o f   the   pass ive   sys tem  par t   o f   the   l imi ted  
a p p l i c a t i o n   f l u t t e r   s u p p r e s s i o n   s y s t e m  w a s  about 317 kg (700 lbm).   Therefore ,  
t h e   t o t a l   w e i g h t  of t h e   f l u t t e r   s u p p r e s s i o n   s y s t e m   f o r   t h e   a c t i v e   s y s t e m  air- 
p lane  w a s  476 kg  (1050  lbm). When compared  with  the 4627 kg (10 200  lbm) of  
s t r u c t u r e   t h a t  w a s  needed f o r   t h e   p a s s i v e   s y s t e m   a i r p l a n e ,   t h e r e  is a n e t  
weight   savings of about  4151 kg (9150  lbm). 
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Economic Evalua t ion  

An economic  evaluat ion  s tudy w a s  made t o   o b t a i n  a d i rec t   compar ison   of  
t h e  DOC of the active s y s t e m   a i r p l a n e  with t h e  DOC of the pass ive   sys tem air- 
plane.   Although t h i s  economic  s tudy  has   not   been  completed,  it is  be l i eved  
that t h e  f i n a l   r e s u l t s  may i n d i c a t e   o n l y   c h a n g e s  i n  d e , t a i l ,   b u t  no  changes i n  
substance.  

The criteria used i n  the economic  comparison are (1) direct   comparison  of  
active sys t em  a i rp l ane   w i th   pas s ive   sys t em  a i rp l ane ,  (2) performance  evaluated 
a t  constant  payload,  and (3) cost   analysis   based  on  procurement   and  maintenance 
c o s t s   o f  similar complex  equipment. The b a s i c   c r i t e r i o n  w a s  t ha t   t he   compar i son  
would b e  made f o r  the two a i rp lanes   where  the only   d i f fe rences   be tween them 
would b e   i n  the t y p e   o f   f l u t t e r  improvement  system  employed. Some a i r p l a n e  
c h a r a c t e r i s t i c s   u s e d  i n  t h e  economic ana lyses  are p r e s e n t e d   i n   t a b l e  I. Of 
c o u r s e ,   f o r  the same payload   and   fue l   loading   the   t ake-of f   g ross   weights   o f   the  
two a i r p l a n e s  are d i f f e ren t   because   o f   t he   4151   kg  (9150  lbm)  weight  saving 
b e n e f i t   r e a l i z e d   b y   u s i n g   t h e  active f l u t t e r   s u p p r e s s i o n   s y s t e m .  The s p e c i f i c  
methodology  used i n   t h e  economic  analysis  i s  d e s c r i b e d   i n   r e f e r e n c e   4 6 .  C r e w  
c o s t s ,   f u e l ,   d e p r e c i a t i o n ,   a n d   i n s u r a n c e  were c a l c u l a t e d  by the   conven t iona l  
ATA formula,   us ing  1976  coeff ic ients .   Procurement   and  maintenance  costs   of   the  
f l u t t e r   c o n t r o l   s y s t e m  were es t ima ted   s epa ra t e ly   based   on  a comparison w i t h  
contemporary  complex  systems  of a similar na tu re .  

Some DOC r e s u l t s   f o r   t h e  two a i r p l a n e s  are p r e s e n t e d   i n   f i g u r e  23 as a 
func t ion  of s t a g e   l e n g t h .  The DOC o f   t h e   a c t i v e   s y s t e m   a i r p l a n e  are lower 
throughout   the   range  shown. For  example,   for a 3000-nautical-mile t r i p ,  t h e  
r educ t ion  is about  2 pe rcen t ,   $9 .54   pe r   nau t i ca l  mile (ac t ive)   versus   $9 .73  
p e r   n a u t i c a l  mile (pass ive) .   These   da ta  were obta ined  by u s i n g   t h e  same pay- 
l o a d   f o r   b o t h   a i r p l a n e s .  The take-off   gross   weights  were d i f f e r e n t .  The f u e l  
cost   used w a s  10.83 cents per  l i ter  (41   cen ts   per  U.S. g a l l o n ) .  

The items which c o n t r i b u t e d   t o   t h e  DOC sav ings  are shown i n   f i g u r e  24. 
The fue l ,   dep rec i a t ion ,   and   i n su rance   cos t s  were less whereas a s l i g h t   i n c r e a s e  
in   a i r f r ame   ma in tenance   cos t  was ind ica t ed .  DOC items such as crew c o s t s  and 
engine  maintenance were unchanged. About 71   pe rcen t  of t h e  DOC sav ings  
obta ined  by u s i n g   t h e   a c t i v e   f l u t t e r   s u p p r e s s i o n   s y s t e m  were produced  from 
fue l   s av ings ,   wh ich   co r re l a t e   w i th   t he   l ower   t ake -o f f   g ros s   we igh t .  The o t h e r  
major   cont r ibu tor  was deprec ia t ion   (about  25 p e r c e n t   o f   t h e   t o t a l   s a v i n g s ) .  
Th i s  was d u e   p r i m a r i l y   t o   t h e   f a c t   t h a t   t h e   e s t i m a t e d   p u r c h a s e   p r i c e  of t h e  
a c t i v e   s y s t e m   a i r p l a n e  was about  2-1/4  percent less t h a n   t h a t   o f   t h e  passive 
sys tem  a i rp lane .  

The net   weight   savings  gained by u s i n g   t h e  active f l u t t e r   s u p p r e s s i o n  
sys tem  can   be   t rans la ted   in to   an   increase   in   range   or   payload .   For   example ,  
i f   b o t h   a i r p l a n e s  are assumed t o  have   the  same take-off  gross  weights  and 
equa l   pay loads ,   t he   r ange   o f   t he   ac t ive   sys t em  a i rp l ane  may be   increased  by 
about  186  n. m i .  Th i s  is accomplished by absorbing  the  weight   savings as 
a d d i t i o n a l   f u e l .   F o r   t h e  same take-off   gross   weight   and  equal   range,  a payload 
inc rease  of several   thousand  pounds i s  a n o t h e r   p o s s i b l e   o p t i o n .   I n   t h i s  case, 
addi t iona l   payload  is c a r r i e d ,   i n s t e a d  of a d d i t i o n a l   f u e l .  
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CONCLUDING REMARKS 

A gene ra l   d i scuss ion  of t h e   a p p l i c a t i o n  of active f l u t t e r   s u p p r e s s i o n  
sys t ems   fo r   i nc reas ing   a i rp l ane   f l u t t e r   speeds   has   been   p re sen ted .  The d i s -  
cussion  focused on a p p l i c a t i o n s   t o   s u p e r s o n i c   c r u i s e   a i r c r a f t .   I n   a d d i t i o n   t o  
the   p re sen ta t ion  of some general   background  information  concerning active 
f l u t t e r   s u p p r e s s i o n ,   s u c h   t o p i c s  as b e n e f i t s ,   r i s k s ,  and concerns;  methods of 
app l i ca t ion ;  and appl icable   conf igura t ions   have   been   d i scussed .  

H igh l igh t   r e su l t s   ob ta ined   du r ing   p rev ious   ana ly t i ca l  and  wind-tunnel  model 
expe r imen ta l   s tud ie s  made for   supersonic   c ru ise   a i rp lane   conf igura t ion’s   have  
been   presented   and   d i scussed .   These   resu l t s  show t h a t   s u b s t a n t i a l   i n c r e a s e s  
i n   f l u t t e r   s p e e d   ( o r   f l u t t e r  dynamic  pressure)  can  be  obtained by using  an 
active s y s t e m   f o r   t h e   c o n f i g u r a t i o n s   s t u d i e d .  

R e s u l t s   o b t a i n e d   t o   d a t e   i n  a s t u d y   t o   d e t e r m i n e   t h e   d i r e c t   o p e r a t i n g  
costs   and  performance  benefi ts   of   applying  an active f l u t t e r   s u p p r e s s i o n   s y s t e m  
t o   a n  arrow-wing supe r son ic   c ru i se   veh ic l e   have   been   p re sen ted .   In   t h i s   s tudy ,  
a direct   comparison w a s  made between a base l ine   a i rp l ane   equ ipped   w i th   an   ac t ive  
sys t em  to   co r rec t   t he   f l u t t e r   de f i c i ency   and   t he  same base l ine   a i rp l ane   w i th  a 
p a s s i v e   s y s t e m   ( i n c r e a s e s   i n   s t r u c t u r a l   s t i f f n e s s ) .  The des ign ,   syn thes i s ,  
and conceptual  mechanization of the  act ive  system  have  been  descr ibed.   Resul ts  
of t h i s   s t u d y   i n d i c a t e   t h e   f o l l o w i n g :  

1. A subs tan t ia l   a i rp lane   weight   sav ing   can   be   accompl ished  by us ing   t he  
ac t ive   f l u t t e r   suppres s ion   sys t em  r a the r   t han   t he   pas s ive   sys t em.   Th i s   we igh t  
saving i s  about  4151 kg (9150  lbm). 

2 .  For  the same payload   and   range ,   the   use   o f   the   ac t ive   f lu t te r   suppres-  
s ion   sys t em  dec reases   t he   d i r ec t   ope ra t ing   cos t s  as compared w i t h   t h e   p a s s i v e  
system  ai rplane.   For  a 3000-nau t i ca l -mi l e   t r i p ,   t h i s   s av ing  i s  about 2 pe rcen t .  
The ma jo r   f ac to r s   con t r ibu t ing   t o   t h i s   r educ t ion   a r e   l ower   fue l   cos t s  and 
deprec i a t ion .  

3.   For  the same payload ,   the   range   of   the   ac t ive   sys tem  a i rp lane   can   be  
increased  about  186 n.  m i .  o v e r   t h a t  of t he   pas s ive   sys t em  a i rp l ane  by  absorb- 
ing   the   weight   sav ings  as a d d i t i o n a l   f u e l .  

4.   For  the same range ,   the   payload   of   the   ac t ive   sys tem  a i rp lane   can   be  
increased   over   tha t   o f   the   pass ive   sys tem  a i rp lane  by absorbing  the  weight  
sav ings  as add i t iona l   pay load .  
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TABLE I.- SOME CHARACTERISTICS OF ARROW-WING CONFIGURATION 

CRUISE  MACH NUMBER 2.7 

NUMBER OF CREW MEMBERS 3 

NUMBER OF ENGINES 4 

THRUST PER ENGINE 235 7% N (53 000 Ibf) 

MAXIMUM  TAEOFF GROSS WEIGHT 339 287 kg (748 OOO Ibm) 

NUMBER OF FIRST CLASS SEATS 0 

NUMBER OF TOURIST SEATS 234 

PAY LOAD 22 226 kg (49 OOO Ibm) 

MAXIMUM LANDING  WEIGHT 217 724 kg (480 OOO Ibm) 

AIRFRAME STRUCTURAL WE1  GHT 
- ~ ~ ~ - ~  

PASSIVE SYSTEM AIRPLANE 101 605 kg (224 OOO Ibm) 

ACTIVE SYSTEM AIRPLANE 97 454 kg (214 850  Ibm) 

DIFFERENCE 4 151 kg ( 9 150 Ibm) 

1.2 
' "D 

600 - 

EQUIVALENT 

knots 
AIRSPEED, 400 - LEVEL 
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Figure 1.- Strength-design national configuration flutter boundary. 
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Figure 2.- Strength-design arrow-wing flutter  boundary. 
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Figure 3.- Benefits and risks of active  flutter  suppression. 

323 



EQUIVALENT 
AIRSPEED 

FLUTTER BOUNDARY 

MACH NUMBER 

Figure 4 . -  Limited  application  flutter suppression system concept. 
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Figure 5.- Effects of several  parameters on  active flutter 
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324 



Figure 6 . -  National configuration active flutter suppression system. 
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Figure 7.- Calculated active  flutter  suppression system results 
for  national  configuration (M = 0.90). 
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Figure 8.- Low-speed active  flutter suppression model 
mounted in wind tunnel. 
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Figure 9.- Low-speed model active  flutter  suppression systems. 
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Figure 10.- Experimental  results for low-speed active flutter 
suppression  model. 

Figure 11.- Delta-wing active  flutter  suppression model 
mounted in wind tunnel. 

327 



PERCENT INCREASE IN 
FLUTIER DYNAMIC PRESSURE 

'IJRFACE INBOARD CENTER OUTBOARD 

INBOARD 
STRIP 

MIDSPAN 
STRIP 26 17 a 

OUTBOARD 6 STRIP 

EACH STRIP 

----A - ENGINE 

Figure 12.- Calculated effects of control surface and 
accelerometer locations on delta-wing model flutter 
dynamic pressure. 
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Figure 13.- Experimental and calculated active flutter 
suppression  results for delta-wing model (M = 0.90). 
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Figure 14.- Arrow-wing configuration. 
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Figure 15.- Flutter design criteria for  arrow-wing active 
flutter suppression system. 
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Figure 16.- Turbulence  design  criteria  for arrow-wing active 
flutter suppression system. 
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Figure 17.- Control  surface and accelerometer  locations 
surveyed  during synthesis of  arrow-wing active  flutter 
suppression system. 
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Figure 18.- Block diagram of arrow-wing active  flutter 
suppression system. K denotes gain and S is the 
Laplace variable. 
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Figure 19.- Calculated  variation of damping in critical 
flutter mode with equivalent airspeed for arrow-wing 
flutter suppression system on and off (M = 0.90): 
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Figure 20.- Mechanization of arrow-wing active  flutter 
suppression system. 
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Figure 21.- Variation of direct operating  costs (DOC) with 
stage  length for active  system  airplane and passive 
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INTRODUCTION 

Warner L. Stewart  
NASA Lewis  Research Center 

The m a j o r   a t t r i b u t e s  of a commerc ia l   supersonic   c ru ise   a i rc raf t  are 
c lose ly   r e l a t ed   t o   t he   cha rac t e r i s t i c s   o f   t he   p ropu l s ion   sys t em.   Th i s  is  
obv ious ly   t rue  of the   envi ronmenta l   fac tors  of no i se  and  exhaust  emissions, 
which are d i r e c t   p r o d u c t s  of the  engines .   Addi t ional ly ,   the   propuls ion 
sys t em  we igh t   ( i nc lud ing   fue l )   cons t i t u t e s   t he   l a rges t   s ing le   f r ac t ion ,o f  
t he   a i rp l ane   g ross   we igh t .  A s  a r e s u l t ,   t h e   a i r p l a n e   s i z e  and ope ra t ing  
economics are cr i t ica l ly   dependent   on   such   engine   parameters  as s p e c i f i c  
f u e l  consumption  and  thrust-weight  ratio.  

The normal d i f f i c u l t i e s  of s e l e c t i n g   a n  optimum engine  design are com- 
pounded  by the  wide  range  of   operat ing  condi t ions  for  a supe r son ic   a i rp l ane .  
For  example, i f  w e  trace through a t y p i c a l   m i s s i o n   ( f i g .  l ) ,  the  engine must 
provide   adequate   t akeoff   th rus t   wi th  a minimum of  weight  and  without  exceeding 
a l lowable   no ise   and   po l lu t ion  limits; it must   c l imb,   accelerate ,   and  possibly 
c ru i se   subson ica l ly   w i th  good e f f i c i e n c y ;  i t  must c ru i se   supe r son ica l ly   w i th  
very good ef f ic iency ,   aga in   wi thout   exceeding   po l lu t ion  l i m i t s ;  hold  and 
o ther   reserve   requi rements  a t  the  end  of t h e   f l i g h t   a g a i n   p l a c e  a premium 
on subson ic   e f f i c i ency .  

Some of t he   eng ine   des ign   conf l i c t s   t ha t  arise from  such a mission are 
i n d i c a t e d   i n   f i g u r e  2.  For good subson ic   e f f i c i ency ,  w e  would d e s i r e  a high- 
bypass-rat io   turbofan,   such as i s  used i n  modern  wide-body t r a n s p o r t s .  But 
f o r  good supe r son ic   e f f i c i ency ,  w e  p r e f e r  a low-bypass-ratio  engine,  approach- 
ing  a t u r b o j e t .  Also,  f o r  low j e t  no i se  we would prefer   an   engine   wi th  low 
j e t  v e l o c i t y  a t  takeoff ;   however ,   the   turbojet- type  engine  tends  to   have  high 
j e t  ve loc i ty .   Conf l i c t s   such  as t h e s e   h a v e   l e d   t o   i n t e r e s t   i n   t h e   c o n c e p t  of 
a va r i ab le -cyc le   eng ine ,   t ha t  i s ,  an  engine  that   can  vary i t s  mode of  opera- 
t i o n   d u r i n g   f l i g h t   i n   o r d e r   t o   b e s t   s u i t   t h e   n e e d s  o f   e a c h   p a r t i c u l a r   f l i g h t  
segment. 

F igure  3 o u t l i n e s   t h e   s t r u c t u r e  of t h e  NASA r e sea rch  program t h a t  i s  
aimed a t  provid ing   the   t echnology  base   tha t  is needed f o r  a successfu l   p ropul -  
s ion   sys t em  des ign .   F i r s t ,   t he re  i s  an  ongoing  baseline  program  in a l l  t h e  
va r ious   d i sc ip l ines   a f f ec t ing   eng ine   des ign .  Much of t h i s   b a s e l i n e   a c t i v i t y  
is appl icable   to   any   engine   type ,   subsonic   o r   supersonic .   Supplement ing   th i s  
gene ra l   r e sea rch  is t h e  more focused work under SCAR, which i s  d i r e c t e d  a t  
the  unique  problems of supe r son ic   f l i gh t .   I nc luded   he re  is re sea rch  on no i se  
and p o l l u t i o n   r e d u c t i o n   ( c o v e r e d   i n   d e t a i l   i n   S e s s i o n  I V  - Environmental 
F a c t o r s ) ,   i n l e t   s t a b i l i t y ,   e n g i n e   s t u d i e s ,  and materials. On t h e   b a s i s  of 
t h e   r e s u l t s  of t h e   b a s e l i n e  and SCAR r e sea rch ,  w e  are now i n i t i a t i n g   t h e  
Component Test Program,  which w i l l  experimental ly   s tudy some of the   un ique  
components  and/or  operating  conditions on a l a r g e r  scale than w a s  p rev ious ly  
accomplished. A poss ib l e   fo l low-on   t o   t h i s   phase  would  be  an  actual   experi-  
mental   engine.  
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A ma jo r   pa r t   o f   t he  SCAR program  has  been  the  engine  studies.  A s  shown 
i n   f i g u r e  4 ,  t h e s e   s t a r t e d   i n  1973 wi th  a very  broad  examinat ion  of  a l a r g e  
number of  conventional and va r i ab le -cyc le   concep t s .   I n   t he  la ter  yea r s   a t t en -  
t i o n  w a s  focused i n  g r e a t e r  and g r e a t e r   d e t a i l  on a smaller number of  surviving 
concepts.  The i d e n t i f i c a t i o n  of  favored  concepts w a s  accomplished  with  the 
a s s i s t ance   o f   t he   va r ious   a i r f r ame   sys t em  s tudy   con t r ac to r s .  Also,  the  engine 
s t u d i e s   h e l p e d   t o   i d e n t i f y   t h e   t e c h n o l o g y   d e f i c i e n c i e s   t h a t  were addres sed   i n  
t h e   o t h e r  SCAR research  programs. And in   t u rn ,   t he   r e su l t s   o f   t hose   p rog rams  
were i n c o r p o r a t e d   i n   t h e   s t u d i e s  as they became a v a i l a b l e .  

The f i r s t  two p a p e r s   i n   t h i s   s e s s i o n  summarize t h e   e n g i n e   s t u d i e s   t h a t  
were performed  by  General   Electric and P r a t t  & Whitney  under  contract   to NASA. 
The next   paper   descr ibes   the  Component Test Program t h a t  w i l l  experimental ly  
i n v e s t i g a t e  some key   aspec ts   o f   the   engine   concepts   ident i f ied  by t h e   s t u d i e s .  
The remain ing   four   papers   d i scuss   in   genera l  terms p r o g r e s s   i n  some of the  
major   technologies   that  are re levant   to   supersonic   p ropuls ion   sys tem  des ign .  
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VARIABLE STREAM CONTROL ENGINE CONCEPT FOR ADVANCED 

SUPERSONIC AIRCRAFTS- FEATURES AND BENEFITS 

Robert A. Howlett 
Pratt & Whitney  Aircraft Group 

SUMMARY 

The Variable Stream Control Engine being studied  for advanced  supersonic  cruise air- 
craft  shows potential  for significant  environmental and performance  improvements  relative 
to first-generation  supersonic turbojet engines. This engine concept  has two separate flow 
streams - each  with  independent  burner and nozzle  systems. By unique  control  of  the  ex- 
haust  temperatures  and  velocities  in  these two coannular  streams,  significant  reduction  in 
jet noise may  be  obtained. This engine has  the  potential  for  other  major  improvements, in- 
cluding  matching  the  engine  flow  schedule  with the  inlet airflow at critical  operating  points, 
improved  stability,  and  a less severe thermal  environment  for  the  thrust  augmentor  and 
nozzle/reverser  systems.  Technology  programs are required to qualify  and demonstrate 
these potential  improvements.  The  most  critical  programs  are:  expanded  configuration 
testing  and large-scale noise tests  of  coannular nozzles, and experimental  evaluation  of  ad- 
vanced combustor  concepts  for  the  duct  burner. 

INTRODUCTION 

The  National  Aeronautics  and Space  Administration (NASA) is engaged in  studies of 
advanced technology for  future supersonic  commercial  aircraft,  with  emphasis on improving 
environmental  and  economic  characteristics. As part  of  this overall program,  Pratt & Whit- 
ney  Aircraft (P&WA)  is conducting advanced propulsion  studies which are directed  toward 
three basic objectives: 

Evaluation of a  variety of conventional and unconventional engine types,  in  terms 
of  environmental  and  economic  factors, 

Identification  of engine concepts  that  warrant  further  study. These studies in- 
clude  engine/airframe  integration  evaluation, and an assessment of the  impact  of 
advanced technology, 

Direction  of  critical  technology  programs so that a data base can  be  established 
for guiding future  supersonic  engine design decisions. 

The time  frame for  this  study program is consistent  with advanced technology  projec- 
tions  that would  provide the capability  for  a U.S. entry  into  the commercial  supersonic air- 
craft  market by the  late 1980's or early 1990's. The engine definitions  and  related  technol- 
gy requirements  described  herein  would,  therefore, be applicable to second-generation su- 
personic  cruise  aircraft. 
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The  approach  for this on-going study prograni has been to conduct broad  parametric 
studies of many  types of conventional and unconventional engine concepts. These paramet- 
ric engines were evaluated,  compared,  and screened on  the basis of  environmental and eco- 
nomic characteristics. The  most promising concepts were then selected for  further evalua- 
tion including refinement  studies  and preliminary design. 

Over 100  different engine types and configurations have been studied and evaluated in 
this program. The  broad  scope of the  study is  indicated by  the general types of configura- 
tions  illustrated  in figure 1. Shown are cross-sections (top half only) of some of the conven- 
tional and unconventional engines t h a t  were evaluated. Several of the variable cycle engine 
configurations have very significant improvements relative to first-generation supersonic en- 
gines. The advanced engine configuration  identified as having the greatest  potential is the 
Variable Stream Control Engine (VSCE). 

The  potential  improvements provided by the advanced VSCE concept relative to first- 
generation supersonic engines are shown in table 1. The 8 dB  reduction  in take-off noise re- 
sults  from  the use of a  coannular nozzle with an inverted velocity profile. The 25  percent 
weight improvement results from the two-stream engine configuration,where as much air- 
flow bypasses the engine core as  passes through it, thereby  reducing the size and weight of 
the engine core, and also from advanced technology  components.  The 20 percent lower fuel 
consumption at subsonic cruise is due to  the VSCE engine operating as a  conventional  turbo- 
fan at these  conditions.  The  improvement in subsonic fuel consumption provided by the 
VSCE  is particularly important, since the VSCE-powered supersonic aircraft will  be capable 
of cruising substantial distances over land, where supersonic  operation may be  prohibited  by 
sonic  boom noise constraints,  without  a loss in range capability. At supersonic cruise condi- 
tions, the VSCE fuel  consumption is approximately  three  percent higher than  that of the 
turbojet because of cycle differences. 

The overall potential of the VSCE on advanced supersonic  aircraft  performance  is very 
significant, as shown in figure 2. The VSCE offers both a 25 percent  improvement in air- 
plane range, and an 8 dB reduction in noise during  take-off. Significant improvements  in 
the enonomic  characteristics of advanced supersonic aircraft will also be provided by the 
VSCE. 

DESCRIPTION OF VARIABLE STREAM CONTROL ENGINE (VSCE) 

The advanced VSCE concept  employs variable geometry  components and a unique: 
throttle schedule for  independent  control  of  two flow streams to provide reduced jet noise 
at take-off and high performance at  both subsonic and supersonic cruise. Figure 3 shows 
the basic arrangement of the major engine components.  It  has  a twin spool  configuration 
similar to a conventional  turbofan engine. The low  spool consists of an advanced technolo- 
g y ,  multi-stage, variable geometry fan and low pressure turbine.  The high spool consists of a 
variable geometry compressor driven by an advanced single-stage high temperature  turbine. 
The primary  burner and the  duct-burner  require low emissions, high efficiency  combustor 
concepts.  The nozzle is a two  stream,  concentric,  annular  (coannular) design with variable 
throat areas in both streams and  an ejector/reverser  exhaust  system. 

34 2 



The  independent  temperature  and  velocity  control  for both primary  and  bypass 
streams  provides an inherent  reduction in jet noise during  take-off.  This noise reduction 
characteristic is based on an inverse velocity  profile,  where the  bypass  stream  jet velocity  is 
60 to 70 percent  higher  than  the  primary  stream velocity. Results  from  a P&WA model  noz- 
zle test  program  sponsored by NASA indicate that noise levels measured for  coannular noz- 
zles with  this  inverted  velocity  profile  are  approximately 8 EPNdB (effective perceived noise 
level in dB) lower  than  a single-stream nozzle  operating at  the same airflow  and thrust levels. 
These  results  are based on  both  static  tests and  wind-tunnel tests simulating  take-off flight 
conditions. Based on these model  tests,  the  coannular noise benefit  represents  a  break- 
through  in  jet noise control.  Further evaluation - a large-scale demonstration  of  this noise 
benefit - is in the planning stage. 

CRITICAL  OPERATING CONDITIONS 

The variability of the VSCE concept to meet  the diverse requirements  of  low  jet noise 
and good fuel  consumption  at  both  supersonic  and  subsonic  cruise, can be illustrated  best 
by describing the three  most  critical  operating  conditions:  take-off,  supersonic  cruise,  and 
subsonic cruise. 

Take-Off 

Figure 4a depicts  the  unique inverted  velocity  profile for take-off operation. As indi- 
cated,  the primary  stream is throttled to an intermediate  power  setting so that  the  jet noise 
associated with the primary  stream is low. To provide both  the required  take-off thrust, and 
the inverse velocity profile,  the  duct-burner is operated at  its maximum design temperature 
of approximately 143OoC (2600'F). It is this  condition  that  sets  the  cooling  requirements 
for  the  duct-burner and  nozzle  system.  Relative to military engine augmentor  systems, 
which approach  stoichiometric  combustion,  the peak duct-burner  temperatures  for  the 
VSCE are relatively low, and will not compromise  the life capability of this  commercial  en- 
gine. 

Supersonic Cruise 

For supersonic operation,  the VSCE primary burner  temperature is increased (relative 
to take-off), and the high spool  speed  and  flow rate are  matched to  the higher  primary 
burner  temperature.  This  matching  technique is referred to as the inverse throttle schedule 
(ITS) - inverse relative to conventional  subsonic engines which cruise at  much lower  tem- 
peratures  and  spool  speeds  than  they  require  for take-off conditions.  This  ITS  feature  en- 
ables matching  the high spool to a  higher  flow  rate at supersonic  conditions  relative to a 
conventional turbofan.  In  effect,  this high-flow condition  reduces the cycle  bypass  ratio. 
The level of  thrust  augmentation  required  for  the  duct-burner  during  supersonic  operation 
can therefore  be  reduced.  At  this  condition,  the  exhaust  temperature  from the coannular 
streams  are  almost  equal  and,  as  shown  in  Figure 4b, the velocity  profile  is flat, to provide 
optimum propulsive  efficiency. The fesu:ting  VSCE fuel  consumption  characteristics ap- 
proach those of a turbojet cycle designed exclusively for supersonic operation.  The  ITS fea- 
ture enables sizing the VSCE propulsion  system  for  optimum  supersonic  cruise  performance, 
while also  meeting  FAR  Part 36 noise levels at  the  other end  of the operating  spectrum, by 
means  of  the  coannular noise benefit. 
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Subsonic  Cruise 

For subsonic  cruise  operation, the main burner is throttled to a  low  temperature 
(< 1090°C (< 2000°F)),  and  the VSCE operates  like  a  moderate  bypass  ratio  turbofan.  Ex- 
haust  conditions  for  this  third critical operating  point  are  shown  in figure  4c. The variable 
geometry  components  are  matched to “high-flowYy the engine, so that  the inlet  airflow  and 
the engine  airflow  can be  matched  almost  exactly.  This  greatly  reduces  inlet spillage and  by- 
pass losses, and  also  improves  nozzle  performance by working  with the  ejector to fill the 
nozzle  exhaust  area  at  this  part-power  condition.  This  reduces  boat-tail drag. In  this sub- 
sonic  mode  of  operation,  the VSCE has  low  fuel  consumption that approaches  performance 
levels of  turbofan engines  designed strictly  for  subsonic  operation. 

INLET/ENGINE  AIRFLOW MATCHING 

A  special feature  of  the VSCE concept  is  its  capability to  match inlet/engine  airflow at 
critical operating  points.  Figure 5 shows  the mass flow ratio  for a  representative,  axisym- 
metric,  mixedcompression  inlet as a function  of Mach number. Also shown  is  a  band that 
represents  various  engine  airflow  schedules for  the VSCE. These  different schedules  can be 
obtained  with  only  minor changes to  the engine design. This  band of engine  airflow  sched- 
ules indicates  the  flexibility  of  the engine to match  installations  for  the advanced  airplane 
designs being  evaluated  in the SCAR program. The various  engine  schedules  indicated by 
the band in figure 5 allow  each  installation to be  optimized  for  the  best balance  between 
subsonic  and  supersonic  characteristics. The  bottom half of  the band  in figure 5 corres- 
ponds to engines  with  high ratios  of  supersonic/subsonic  airflow.  The top half  corresponds 
to low  ratios.  Relative to an  engine that is  matched  exactly to the  inlet airflow  schedule, 
the  bottom  of  the  band  represents  an engine match  that  reduces  fuel  consumption  at  super- 
sonic  cruise (more engine  airflow - less augmentation). However, this  improvement is gained 
at  the  expense  of  subsonic  performance (larger inlet resulting  in  a small installation loss). 
The  top half of  the  band  represents  an engine matched  for a more  efficient  airplane design 
at supersonic  cruise  (higher  lift-todrag  ratio - reduced thrust  requirements),  but  with  some 
additional  complexity to the inlet  (such  as the  requirement  for  more variable geometry) to 
accommodate  the relative  increase  in  engine  flow requirements  at  subsonic cruise. 

As an  indication  of  the  improvement  in  the  inlet/engine flow-matching  capability of 
the VSCE, the  subsonic cruise  airflow level for  the first-generation  supersonic turbojet en- 
gine  is also shown  in figure 5. The  subsonic  airflow  schedule  differences  between  these  two 
engines  is  shown in figure 6 over  a  range  of  thrust levels. The VSCE schedule  maintains 
higher levels of airflow as it is throttled  back to part-power  operation,  such  as  for  subsonic 
cruise. As indicated  in  figure 6, the VSCE can  handle  significantly  higher  airflow than  the 
first-generation turbojet engine at subsonic cruise. This  improves  installed  performance of 
the VSCE by essentially  eliminating  inlet spillage at subsonic  cruise. 

The high-flow capability  shown  in  figure 6 is also beneficial  during  take-off  when  de- 
signing the  system  for  low  jet noise. By maintaining  maximum  engine  airflow at part-power 
take-off operation,  jet velocity  (which  is  directly proportional to  the  ratio of  thrust/airflow) 
can be minimized. In  this  manner, high flowing complements  the  coannular noise  benefit 
during  take-off. 
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VSCE STABILITY FEATURES 0 

The VSCE concept  includes  design  features  which  provide  the  potential for improved 
stability  characteristics of  the overall  propulsion  system. 

The VSCE compression  system  incorporates  variable  fan  and  compressor  stators for 
optimizing  performance while maintaining  stability  margins  over  the  entire flight envelope. 
Improved  sensors  and  increased  control  accuracy  and logic provide high performance  for  the 
fan  and  compressor,  including  surge  line  and  operating  line  control,  self-trim,  and  efficiency. 
A key  stability  and  performance  feature  of  the  compressor  is  an active tip clearance control 
system. 

The primary  burner  and  duct-burner  have  two-zone  fuel  flow  distribution  systems. 
The fuel  flow  zone  split varies with  power  setting to provide  smooth lighting, continuous 
zone  transfer,  and  low emissions. An  augmentor light*ff/flame-out detector  in  conjunction 
with  integrated Mach number  control  of  the  augmentor fuel  flow  and duct nozzle  provides 
improved  stability  during  both  augmented  and  non-augmented  operation. 

Continuously variable  primary  and duct nozzles  provide  improved stability,  in  addition 
to matching the engine with  the  inlet  airflow,  and  controlling  jet noise. This variable  nozzle 
geometry,  in  conjunction with  improved  sensors,  provides  sufficient  flexibility to  tune  the 
propulsion  system for  component  variations associated  with  manufacturing  tolerances or 
from  deterioration and  transient  effects. 

Because of  the extensive use of variable geometry  components, a  full authority digital 
electronic  control  system  is  a  critical  requirement for  the VSCE concept.  Current  techno- 
logy hybrid hydromechanical/supervisory electronic  control  systems  are  not  adequate  for 
this engine. The advanced  electronic  control system  provides computational  capability, 
closed-loop  feed-back  safety  and  accuracy,  and self trim/test  capability. 

This  advanced  electronic  ,control will be  integrated  with  the  aircraft  control system to 
realize total  aircraft  performance,  stability,  and  safety advantages. Features of this  integra- 
tion will include  performance-seeking control  modes to minimize  cruise  fuel consumption, 
propulsion  control  resets for varying  flight conditions to insure  adequate  stability margins, 
and  automatic recovery  from  distrubances  caused by  transients or other  operational  prob- 
lems. 

CRITICAL  TECHNOLOGY  REQUIREMENTS  AND  PROGRAMS 

To realize the  potential  benefits  shown  in figure 2 for  the VSCE concept,  the critical 
technologies  listed  in  table 2 will be  required.  The  programs needed to substantiate  these 
technologies  over the  next  ten years  are shown  in figure 7. There  are five basic programs: 

1. Feasibility demonstration  of  those  components  most critical to the success of  the 
VSCE using small-scale rig tests.  These  components  include the  lowemissions 
duct  burner,  the  main  burner,  and  the  coannular nozzle. 
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a 2. Evaluation  of the critical  technology duct  burner  and  coannular nozzle in large- 
. 

scale tests in an engine environment. 

3. Substantiation  testing of demonstrator engine components. 

4. Substantiation  of  the VSCE concept by demonstrator engine testing. 

5. Studies  of  the  integrated  propulsion  system, involving both the airplane and  en- 
gine manufacturers. 

Programs 1 through 4 would be conducted  sequentially,  with the small rig tests pre- 
ceding the  largescale  component and engine tests. This is a low risk approach where the 
preliminary  testing  and screening is accomplished in relatively inexpensive component rigs. 
The  integration  study  must be conducted  by  both  the airplane and engine manufacturers 
concurrent  with  the engine technology programs. This is necessary to ensure that all of the 
interfaces  are  appropriately  understood  and resolved, and that  the propulsion system de- 
sign is tailored to  give the best overall airplane  performance  and  economics. These technology 
programs would bring us to  the  point where  a full-scale supersonic engine development  pro- 
gram could be  initiated. 

CONCLUSION 

In conclusion, the advanced VSCE concept  with  its  coannular  nozzle has been identi- 
fied as having the best  combination of performance and noise characteristics. This engine 
has promise of  making significant environmental  and  economic  improvements to advanced 
supersonic  aircraft.  Establishing  technology readiness for  this engine is a  formidable chall- 
ange, both technically and financially, and NASA-sponsored programs will  have a dominant 
effect  on  the eventual timing and success of advanced supersonic  aircraft. 
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TABLE 1 

IMPROVEMENT PROVIDED BY VARIABLE STREAM CONTROL  ENGINE 
RELATIVE TO FIRST-GENERATION SUPERSONIC TURBOJET  ENGINE 

Take-off  noise 8 dB  reduction 

Engine weight 25 percent  reduction 

Specific  fuel  consump- 
tion  at 

Subsonic cruise 20 percent  reduction 
Supersonic cruise. 3 percent increase 

Note:  Comparisons  made by scaling first-generation 
turbojet engine to flow size  of variable stream 
control engine 

TABLE 2 

CRITICAL TECHNOLOGY REQUIREMENTS FOR VSCE CONCEPT 

0 Low noise  -high  performance  coannular  nozzle 

0 Low-emissions-high efficiency  burner  systems 

0 Variable geometry  components 
0 Nozzle/ejector/reverser 
0 Inlet 
0 Fan 
0 Compressor 

High temperature  burners and turbines  with  commercial life 

0 Integrated  propulsion  system 

0 Electronic  control  system 



TURBOFAN  ENGINES SEPARATE ENGINES 
LOW BYPASS ENGINES FOR TAKE-OFF 

- 

VARIABLE STREAM 
CONTROL ENGINES 

" 

SUPERSONIC AUGMENTED  WING 
FAN ENGINES CONCEPT 

INTERCOOLING PLUS 
REHEAT CYCLES 

TURBOFAN RAMJET 

Figure 1.- Types of engines evaluated. 
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ADVANCED SUPERSONIC TRANSPORT TAKE-OFF 
GROSS  WEIGHT = 345,600 kg (762,000 Ibm) 
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2.- Potential impact of advanced supersonic  technology on 
aircraft  range and noise. 
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Figure 3 . -  Variable stream  control  engine cross-section. 

349 



VARIABLE 
FAN 

LOW EMISSIONS 
PRIMARY BURNER 

LOW EMISSIONS COANNULAR NOZZLE/REVERSER \ DUCT  BURNER SYSTEMS 

/ 
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/ 

(a) Take-of f . 

FLAT VELOCITY PROFILE 
(b) Supersonic  cruise. 

Figure 4.-  Variable  stream  control  engine at critical  operating  conditions. 
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Figure 5.- Mass flow ratio  versus Mach number f o r  a 
representative  supersonic inlet and f o r  the VSCE. 
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Figure 6.- High-flowing capability of VSCE relative to 
first-generation  supersonic  turbojet engine. 
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1. SMALL-SCALE COMPONENT RIG TESTS 
DUCT BURNER 
MAIN BURNER 
COANNULAR NOZZLE 

2. LARGE-SCALE COMPONENT TESTS 

DUCT BURNER 
COANNULAR NOZZLE 

3. DEMONSTRATOR ENGINE COMPONENT 
SUBSTANTIATION 

4. DEMONSTRATOR ENGINE TEST 

5. ENGINE/AIRFRAME  INTEGRATION 

0 

0 

0 
0 

STUDY . 
75 80 85 90 

CALENDAR  YEAR 

F i g u r e  7.- S u p e r s o n i c   c r u i s e   a i r p l a n e   r e s e a r c h  - v a r i a b l e  
cyc le   engine   t echnology  programs.  
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ADVANCED SUPERSONIC TECHNOLOGY STUDY 

ENGINE PROGRAM SUMMARY 

SUPERSONIC  PROPULSION - 1971   t o  1976 

J. N. Krebs 
General Electric Company 

SUMMARY 

Sus ta ined   supe r son ic   r ru i se   p ropu l s ion   sys t ems   fo r   mi l i t a ry   . app l i ca t ions  
have  been  developed  by  General Electric s ince   t he   ea r ly   1950 ' s .  The 579-5 i n  
t h e  Mach 2 B-58; YJ93 i n   t h e  Mach 3.0 B-70 and t h e   c u r r e n t   F l O l   i n   t h e  B-1, 
are a l l  examples  of mi l i t a ry   p ropu l s ion   sys t ems  and a i rp l anes   ope ra t ed  a t  sus- 
ta ined   supersonic   c ru ise   speeds .  

The Mach 2.7 B2707 t r a n s p o r t  powered  by GE4 t u rbo je t   eng ines  w a s  t he   on ly  
non-mil i tary,   sustained  supersonic   cruise   vehicle   intended  for   commercial   pas-  
senger  service. The cance l l a t ion   o f   t he  B2707 and GE4 programs i n   1 9 7 1  ended 
hardware  development  effort. 

I n  1972 NASA i n i t i a t e d   s t u d y  programs to   i den t i fy   t he   r equ i r ed   p ropu l s ion  
system  and  a i rplane  technology  necessary  for   an  environmental ly   acceptable  
s u p e r s o n i c   c r u i s e   v e h i c l e .  The Advanced Supersonic  Propulsion  System Tech- 
nology  Studies  a t  General Electr ic  screened   convent iona l   tu rboje t s ,  mixed 
f low  and  duct   burning  turbofans  and  var iable   cycle   engines .   This   resul ted  in  
t h e   s e l e c t i o n   o f  a Variable  Cycle  Engine (VCE) concept   tha t   p rovides   h igh  air- 
f low  fo r  low t ake   o f f   no i se   l eve l s ,   u s ing  a coannular   acoust ic   exhaust   nozzle ,  
and a c ru i se   a i r f low  ma tched   t o   t he   a i rp l ane   i n l e t   f l ow  schedu le .   Th i s  VCE 
has   been  ref ined and i t s  mechanica l   des ign   s impl i f ied   to   improve   re l iab i l i ty  
and   main ta inabi l i ty .   Technology  pred ic ted   to   be   ava i lab le   for  start of  devel- 
opment i n  1985 i s  inco rpora t ed   i n   t he   eng ine ,  as w e l l  as commercial l i f e  
requirements   the same as used i n   t h e  GE4 t u r b o j e t s .  The propuls ion  system 
t echno logy   has   improved   t o   t he   po in t   t ha t   de f in i t i on   o f  a second  generation 
supe r son ic   c ru i se   a i r c ra f t   p ropu l s ion   sys t em much improved  from the   1971 GE4 
t u r b o j e t  is  now poss ib le .  

SYMBOLS 

Values are g iven   i n   bo th   S I   and  U.S. Customary Units .  

A/ B a f t e r b u r n e r  

M f l i g h t  Mach number 
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T/O t akeof f  

VCE v a r i a b l e   c y c l e   e n g i n e  

SFC spec i f i c   fue l   consumpt ion  

co oxides  of  carbon 

HC hydrocarbon 

NoX oxides   o f   n i t rogen  

DISCUSSION 

The GE4 development  program, up u n t i l  i t s  c a n c e l l a t i o n   i n   1 9 7 1 ,  had  accu- 
mulated  1800  engine test hours  on  ten  nameplate  engines,   with  over 200 hours 
o f   s i m u l a t e d   a l t i t u d e   o p e r a t i o n  a t  Mach 2.7 i n l e t   c o n d i t i o n s .   T a b l e  I shows 
t h e  GE4/J5 test engine  cycle ,   and  f igures  1 and 2 show test  e n g i n e s   p r i o r   t o  
i n s t a l l a t i o n   i n   t h e  test c e l l  and  on test a t  the   Peeb le s  Test Center.  

A c ros s   s ec t ion   o f   t he  GE4/J5 engine is  shown on f i g u r e  3. The engine is  
a s ing le   ro to r   a f t e rbu rn ing   t u rbo je t   w i th   e l even   t u rbomach ine ry   s t ages ,  and 
uses  a two s t a g e   e j e c t o r   n o z z l e  (TSEN) t o  pump secondary a i r  f o r   n a c e l l e   c o o l -  
ing.  The GE4/J5 engine w a s  designed  for   af terburning  takeoff   and  supersonic  
c r u i s e  a t  Mach 2.7 u s i n g   p a r t i a l   a f t e r b u r n i n g .  The a f t e rbu rn ing   t akeof f  
r e s u l t e d   i n   n o i s e  levels of  approximately  120 EPNdb. 

The environmental   impact   of   the  GE4/J5 a f t e r b u r n i n g   t u r b o j e t   i n   t h e  B2707 
a i r p l a n e ,   n o i s e  levels,  emiss ions ,   e tc .  became a major  problem  during  the 
deve lopment   p rogram.   Extens ive   s tud ies   resu l ted   in   the   se lec t ion   of   the  GE4/ 
J6H d r y   t u r b o j e t   f o r   t h e   p r o d u c t i o n   e n g i n e   c o n f i g u r a t i o n   ( s e e   t a b l e  11). The 
GE4/J6H w a s  des igned   t o  come c l o s e   t o  FAR 36 t akeof f   no i se  by providing a h igh  
takeoff   a i r f low  of  408 kg/sec  (900 l b s / s e c )  a t  an   exhaus t   ve loc i ty   o f  762 m/sec 
(2500 f t / s e c )   t o  meet t h e   r e q u i r e d   t a k e o f f   t h r u s t .   F i g u r e  4 shows a c r o s s  
sec t ion   of   the  GE4/J6HY which is similar t o   t h e  GE4/J5P, t h a t  is, bas ic   engine  
sca l ed  up i n   a i r f l o w  and  increased  turbine  temperature ,   wi th  a new annular   p lug  
exhaust  system  with a r e t r a c t a b l e   1 0  PNdb chute   type  mechanical  j e t  n o i s e  sup- 
p re s so r ,   ( s ee   f i gu re   5 ) ,   and  no af terburner   system. The l a r g e   a i r f l o w   s i z e  
p rov ided   t he   t h rus t   r equ i r ed   fo r   d ry  power cl imb  and  accelerat ion  and  super-  
son ic   c ru i se ,   bu t   t he   l a rge   eng ine   s i ze   and   we igh t   r educed   t he   r ange   o f   t he  
B2707 a i r p l a n e .  

A t  t h i s   p o i n t   i n   t h e  development  of  the  engine  and  airplane,  the  program 
w a s  cance l led .  

In   1972,   the  Nat ional   Aeronaut ics   and  Space  Adminis t ra t ion (NASA) spon- 
so red   s tudy   e f fo r t s  by a i r c r a f t  and  engine  manufacturers   to   ident i fy   needed 
t echno logy   fo r   supe r son ic   c ru i se   veh ic l e s  aimed a t  t h e  start of f u l l  scale 
development i n   t h e  1980-1985 t i m e  per iod.  Under contracts   f rom NASA L e w i s  
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Research  Center,  General Electr ic  has  conducted Advanced Supersonic   Propuls ion 
System  Technology  Studies (AST). These s tudies   have  screened  convent ional   and 
va r i ab le   cyc le   concep t s   and  combined f e a t u r e s   o f   b o t h   t y p e s   i n t o  a v a r i a b l e  
c y c l e   e n g i n e   t h a t   h a s   c h a r a c t e r i s t i c s   s u i t e d   f o r   s u s t a i n e d   s u p e r s o n i c   c r u i s e ,  
wh i l e   a l so   p rov id ing   i n l e t   f l ow  ma tch ing   capab i l i t y   ove r  a wide  range of air- 
flows. The AST VCE is  b a s i c a l l y  a low  bypass r a t i o  (0 .35)   dual   rotor   turbofan 
engine   wi th  a low temperature  augmentor,   designed  for  dry power supersonic  
c ru i se ,   u s ing   t he   a f t e rbu rne r   fo r   t r anson ic   c l imb   and   acce le ra t ion   on ly .  A t  
t a k e o f f   c o n d i t i o n s   ( s e e   t a b l e  111) t h e   b y p a s s   r a t i o  is  almost twice the   super -  
s o n i c   c r u i s e  level w i t h   a i r f l o w   t o   p r o v i d e   a c c e p t a b l e  FAR 36 n o i s e  levels and 
t h r u s t .   F i g u r e  6 shows a schemat ic   o f   the   double   bypass  VCE concept.  The 
bas ic   d i f fe rences   be tween  the  VCE and a convent ional   turbofan  engine are t h e  
s e p a r a t i o n   o f   t h e   f a n   i n t o  two blocks  with  an  outer  bypass  duct  between  the 
fan  blocks,   and  the  normal   bypass   duct  af ter  the  second  fan  block.   For   the 
low no i se   t akeof f  mode t h e   f r o n t   b l o c k   o f   t h e   f a n  i s  set a t  i t s  maximum flow 
conf igura t ion .  The second  fan  block is o p e r a t e d   t o   t a i l o r   t h e  j e t  exhaust 
ve loc i ty   and   f l ow  to   p roduce   t he   des i r ed   t h rus t /no i se   r e l a t ionsh ips   fo r   t ake -  
of f .   Dur ing   subsonic   c ru ise   opera t ion   the   f ront   fan   b lock  i s  set t o   p r o v i d e  
the   bes t   match   be tween  in le t   sp i l lage   and   in te rna l   per formance .   In   th i s  mode 
the  second  fan  block is set  t o   p r o v i d e   t h e   p r o p e r   c r u i s e   t h r u s t .  The i n l e t  
a i r f low  can   be   main ta ined  down t o   t h e   r e q u i r e d   s u b s o n i c   c r u i s e   t h r u s t   r e q u i r e -  
ment,  which p r a c t i c a l l y   e l i m i n a t e s   i n l e t   s p i l l a g e   d r a g ,  and  because  of  the 
h igh   f low  a l so   reduces   the   a f te rbody  drag .  The e f f e c t  of t he   i nc reased  by- 
p a s s   r a t i o  and   r educ t ion   o f   i n s t - a l l a t ion   d rag   dec reases   t he   i n s t a l l ed   spec i f i c  
f u e l  consumption (SFC) by about  15%. 

In   t he   c l imb /acce le ra t ion   and   supe r son ic   c ru i se  modes, t h e   f r o n t   b l o c k  
f a n  is set t o  meet t h e   a i r c r a f t   i n l e t   f l o w   s u p p l y ,   a n d   t h e  rear block  fan  and 
high  pressure  compressor  are set t o   p a s s  a l l  of   the  f ront   block  fan  f low,   and 
the   eng ine   ope ra t e s   t he  same as the  nominal 0.35 bypass   r a t io   t u rbo fan   eng ine .  
An a d v a n t a g e   o f   t h e   s p l i t   f a n   c o n f i g u r a t i o n ,  beyond i ts  in le t   matching   capa-  
b i l i t y ,  is t h a t   f o r   h i g h   t a k e o f f   a i r f l o w ,   o n l y   t h e   f r o n t   b l o c k   f a n   a n d  low 
p res su re   t u rb ine  are af fec ted ,   and  a la rge   weight   sav ing  i s  r e a l i z e d   o v e r   t h e  
weight  of a convent iona l   tu rbofan   engine   s ized   for   the  same t a k e o f f   a i r f l o w  
and n o i s e  level. 

A major   e f fo r t   has   been  made to   s impl i fy   the   engine   and   exhaus t   sys tem  to  
r e d u c e   c o s t   a n d   w e i g h t   a n d   i n c r e a s e   r e l i a b i l i t y .  The c y c l e  w a s  e s t a b l i s h e d  
f o r   d r y  (non a f t e rbu rn ing )   t akeof f  and supe r son ic   c ru i se ,   and   t o   r equ i r e   on ly  
two t u r b i n e   s t a g e s .  The choice  of  mixed  f low  eliminates  the  need  for 2 sophis- 
t icated  high  performance  duct   burner   and  requires   only a very  simple  climb 
a c c e l e r a t i o n  low temperature  rise augmentor. The low b y p a s s   r a t i o  mixed  flow 
s e l e c t i o n   f o r   s u p e r s o n i c   o p e r a t i o n   a l s o   a s s u r e s   i n l e t   c o m p a t i b i l i t y .  The 
i n t r o d u c t i o n  of t he   annu la r  j e t  noise   suppress ion   concept  on t h e  VCE r e s u l t e d  
i n  a s impler ,   l igh ter   weight   exhaus t   sys tem  wi th   fewer   movable   par t s   and   ac tu-  
a t ion  systems.   These  and  other   improvements   have  resul ted  in  a l i g h t e r ,  more 
r e l i a b l e   e n g i n e   t h a n   t h e  GE4 t u r b o j e t s .  A con t inu ing   e f fo r t   on   we igh t ,   cos t  
r educ t ion   and   i nc reased   r e l igb i l i t y   t h rough   s imple r   des ign  w i l l  show f u r t h e r  
improvements i n   t h e   f u t u r e .  

To compare the  propuls ion  system  advances  f rom  the GE4/J6H of 1 9 7 1   t o   t h e  
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VCE of 1976, f i g u r e  7 compares the   subsonic   and   supersonic   fue l   consumpt ion  
and   engine   weight   for   the   engines   s ized   for   the  same takeof f   no i se  level. The 
engines  are i n s t a l l e d   i n  a Mach 2.4 cruise   a i rplane  of   1976  technology so t h a t  
a i r p l a n e   c h a r a c t e r i s t i c s  are t h e  same. The VCE has   about  9% lower M2.4 f u e l  
consumption  than  the GE4/J6H; about 22% lower  subsonic (M0.95) c r u i s e  perform- 
ance  and a 25% lower   weight .   These   d i f fe rences   can   be   a t t r ibu ted   to :  

Supersonic SFC 

Smaller VCE c r u i s e   a i r f l o w   s i z e  - matched t o   a i r c r a f t  
Higher   tu rb ine   t empera ture  
Improved  component e f f ic ienc ies   and   cool ing   technology 

Subsonic SFC 

Cyc le   s e l ec t ion  - higher   bypass   and  cycle   pressure 
r a t i o  (M2.4 vs. M2.7) 
VCE f e a t u r e s  - minimum i n s t a l l a t i o n   d r a g  - i n l e t  
flow  matching 
Smaller VCE c r u i s e   a i r f l o w   s i z e  
Improved  component e f f i c i e n c i e s  

Engine  Weight 

High  f lowed  f ront   block  fan 
VCE b y p a s s   r a t i o  
Advanced nozz le   concepts  
Advanced materials 
Higher   turbine  temperature  

F igure  8 shows i n s t a l l a t i o n   t y p e   o u t l i n e s   o f   t h e  GE4/ J5 ,  GE4/J6H and t h e  
GE21/JllB3 VCE. It is appa ren t   t ha t   t he   eng ine  volume requ i r ed   t o   p roduce   t he  
requi red   a i r f low  has   been   grea t ly   reduced .  The r educ t ion  i n  c r u i s e  Mach. 
number from M2.7 t o  M2.4 has   e l imina ted   the   requi rement   to   package   the   engine  
accesso r i e s   fo r   coo l ing .  The smaller engine volume  and t h e  smaller advanced 
t e c h n o l o g y   a c c e s s o r i e s   s h o u l d   r e s u l t   i n  a smaller, l i gh te r   and   l ower   d rag  
nace l l e .  

The e f f e c t  of the  performance  and  weight  advantages of t h e  VCE can be  
s e e n   i n   f i g u r e  9,  which  compares a l l  supe r son ic   c ru i se   r ange  a t  Mach 2.4 wi th  
eng ine   t akeof f   a i r f low  s i ze .  With  both  engines   s ized  for  FAR 36 n o i s e  levels, 
t he  VCE is much b e t t e r  matched t o   t h e   a i r p l a n e   r e q u i r e m e n t s ,  and ope ra t e s  a t  
c l o s e   t o  i t s  optimum range. The GE4/J6H is  n o t  w e l l  matched,  and i ts  range 
i s  much lower  than i t s  optimum. Performance  differences would accoun t   fo r  
about a 741 km (400 n.m.) r a n g e   d i f f e r e n c e   i f   b o t h   e n g i n e s  were s i z e d   t o  the 
optimum b u t   t h e  actual r ange   d i f f e rence  is about  1296 km (700 n.m.> when s i zed  
a t  approximately  the same takeof f   a i r f low  and  FAR 36 no i se  level. 

The VCE a l s o   o f f e r s   e v e n  more  advantages when subson ic   c ru i se   r equ i r e -  
ments are added,   s ince  the VCE r educes   t he   subson ic   i n s t a l l a t ion   d rag   and  
g ives  much b e t t e r   i n s t a l l e d   p e r f o r m a n c e .  
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The VCE shows the   po ten t i a l   o f   p rov id ing   v i ab le   supe r son ic   c ru i se   r ange  
w h i l e  a lso  meet ing  takeoff   and  landing  noise   requirements   with its h igh  take- 
of f   a i r f low  capabi l i ty   and   the   annular   acous t ic   p lug   nozz le .   Another   envi ron-  
mental   consideration  which  had a major  impact on t h e  GE4/J6H and B2707 air- 
p l ane  is exhaust   emissions  around  the  a i rport   and a t  h i g h   a l t i t u d e   s u p e r s o n i c  
c r u i s e .  

F igure  10 compares the   emiss ion  levels of   the  1971 GE4/J6H wi th   the   1976 
VCE. Ma jo r   r educ t ions   i n   a i rpo r t   emis s ion  levels have  been  achieved; i n  f a c t ,  
t h e  VCE is p r e d i c t e d   t o  meet the   r ecen t ly   i s sued   1984  EPA Proposed  Standards. 
Large  reduct ions  have  been made i n   t h e   a l t i t u d e   c r u i s e  NOX emiss ions ,   bu t  
major  combustor  improvements  must  be made to   approach   the   sugges ted  Climatic 
Impact  Assessment  Program (CIA€’) NOX emiss ion   ta rge t   o f  3 g/kg  fuel .  

The double  bypass VCE concept w i l l  r e q u i r e  some real advancements  over 
today’s  technology levels. Some o f   t h e s e  are u n i q u e   t o   t h e  VCE, and o t h e r s  
w i l l  apply   to   bo th   mi l i ta ry   and   commerc ia l   engines   deve loped   in   the  1980-1990 
t i m e  per iod.  

The VCE concepts   and  features   that   provide  performance  advantages,   such 
as i n l e t   m a t c h i n g   c a p a b i l i t y ,   r e d u c t i o n   i n   i n s t a l l a t i o n   d r a g s ,   h i g h   t a k e o f f  
a i r f low,   can   be   demonst ra ted   in  a test bed  engine  program i n   t h e  1978-1980 
t i m e  period.  Other  high  payoff  technology  such as h igh   tu rb ine   t empera tures  
and  improvements i n  component e f f i c i e n c i e s  must be  demonstrated,  and some 
programs are a l r eady  underway  which  should  contribute. A major  technology 
i t e m  which  impacts  the VCE is the  annular   acoust ic   plug  nozzle   system. S t a t i c  
model t e s t i n g   h a s  shown the   po ten t i a l   fo r   mee t ing   no i se   r equ i r emen t s   w i th   t he  
annular   p lug   nozz le ,   bu t  unknowns such as i n   f l i g h t   e f f e c t s ,   f u l l  scale test  
noise  measurements, s t a t i c  and i n   f l i g h t  a t  the   h igh   exhaus t   ve loc i t i e s  
requi red ,  may show the   need   fo r  a back-up  system  with a 5-10 PNdb mechanical 
j e t  noise   suppressor .  

Commercial e x p e r i e n c e   t o   d a t e   h a s  shown the   ma jo r   impac t   o f   ho t   pa r t s   l i f e  
on   ope ra t ing   cos t s ,  and we,are planning 100-2OO0C (200-400°F) h ighe r   t u rb ine  
temperature  than  current  commercial   engines.  

The cos t   o f  a supersonic   propuls ion  system w i l l  be   high.  A ma jo r   e f fo r t  
is r e q u i r e d   t o   r e d u c e   t h i s   c o s t  by use of   be t te r ,   s impler   des igns ,   advanced  
materials and  fewer  parts.  

The f l e x i b i l i t y  of the   var iab le   cyc le   engine   in t roduces   another   d imens ion  
in   eng ine   con t ro l   complex i ty .  The  number of   cont ro l   parameters  is  more than  
doubled  over a convent ional   cycle   engine.  The use  of  a f u l l   a u t h o r i t y   d i g i t a l  
e l e c t r o n i c   c o n t r o l  (FADEC), i n t e g r a t e d   w i t h   t h e   a i r c r a f t   c o n t r o l   s y s t e m ,  w i l l  
b e  a requirement.  Programs are now underway  on these   types   o f   engine   cont ro l  
systems,   but   the  AST VCE w i l l  have   un ique   con t ro l   r equ i r emen t s   t o   fu l ly   exp lo i t  
i ts f l e x i b i l i t y   o f   o p e r a t i o n .  

The c u r r e n t  NASA L e w i s  Research  Center  Experimental  Clean  Combustor  Pro- 
gram (ECCP) is showing t h e   p o t e n t i a l   f o r   s o l v i n g   t h e   a i r p o r t   e m i s s i o n   p r o b l e m .  
The AST VCE uses   the  double   annular   combustor   developed  in   this   program  and 
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meets the  proposed 1984 EPA standards. The h i g h   a l t i t u d e   c r u i s e  NOX emissions 
r equ i r e  a new combustor  technology t o  m e e t  CLAP t a rge t s .  These  combustors.wil1 
require  major  research and  development e f fo r t   t o   ach ieve  a p rac t i ca l   des ign  
which meets the  engine  operating  requirements, .and both   a i rpor t  and a l t i t u d e  
cruise  emission levels. 

The major  question,  not  yet  answered is, i f  a l l  of  these  technology  goals 
are a t t a ined ,  can w e  have a commercial  supersonic  cruise  vehicle  which w i l l  
make  money f o r   t h e   a i r l i n e s ?  

The answer t o   t h i s   q u e s t i o n  w i l l  r equ i r e  a cont inuing  major   effor t   to  
re f ine   the   var iab le   cyc le   engine ,  and  match t h e   a i r p l a n e  and  propulsion  system 
in  an  integrated  economical ly   viable  commercial t ranspor t .  
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TABLE 1.- GE41J5 M2.7 TURBOJET  RESULTS 

Thrust, N (Ib) 31 1,360 (70,000) 

Airflow,  kg/sec  (Ib/sec) 290 (640) 

Pressure  Ratio  12.5 

0 Turbine Rotor-In Temp.,  1260 (2300) 
OC (OF) 

A/B Temperature, OC (OF) 1693 (3080) 

TABLE 1 1 . -  GE41J6H M2.7 TURBOJET 

Thrust, N (Ib) 328,722 (73,900) 

Airflow,  kg/sec  (Ib/sec)  408 (900) 

Pressure  Ratio  12.4 

0 Turbine Rotor-In Temp.,  1383  (2520) 
OC (OF) 
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TABLE I 1 1 . -  AST-VCE M2.4 

Airflow  at T/O, 
kg/sec (I b/sec) 

380 (840) 

0. Bypass  at T/O 0.8 

Pressure  Ratio 17.3 

Turbine Rotor-In Temp.,  1538 (2800) 
OC (OF) 

A/B Temperature, OC (OF) 1038 (1 900) 
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COMPONENT  TEST  PROGRAM FOR VARIABLE-CYCLE  ENGINES 

Albert  G.  Powers, John B. Whitlow, 
and  Leonard E. Stitt 

NASA  Lewis  Research  Center 

SUMMARY 

The  NASA  Lewis  Research  Center  supersonic  cruise  aircraft  research  program 
(SCAR)  involves  propulsion  study  contracts  with  the  General  Electric  Company 
(G.E.') and  Pratt & Whitney  Aircraft (P&WA). Through  these  contracts,  promising 
variable-cycle  engine  (VCE)  concepts  for  a  supersonic  cruise  aircraft  have  been 
identified.  These  VCE  concepts  incorporate  unique  critical  components  and  flow 
path  arrangements  that  provide  good  performance  at  both  supersonic  and  subsonic 
cruise  and  appear  to  be  economically  and  environmentally  viable. 

Certain  technologies  have  been  identified as  critical  to  the  successful 
development  of  these  engine  concepts  and  require  considerable  development  and 
testing.  To  assess  the  feasibility  and  readiness of the  most  critical  VCE 
technologies,  the  Lewis  Research  Center  has  begun  a  VCE  component  test  program 
through  a  series  of  contracts  to  the  two  engine  companies.  Large-scale  test 
hardware  will  be  integrated  with  existing  high-technology  core  engines. 

In their  variable-stream-control  engine  (VSCE)  component  test  program, 
P&WA  will  test  and  evaluate an efficient  low-emission  duct  burner  and  a  quiet 
coannular  ejector  nozzle  at  the  rear  of  a  rematched FlOO engine. 

In  their  component  test  program  G.E. will,  in  addition to  evaluating  a 
quiet,  coannular,  high-radius-ratio  plug  nozzle,  simulate  the  double-bypass 
engine  (DBE)  cycle  concept  using  modified  YJlOl  hardware.  The  fan  will  be  split 
into  two  blocks  to  provide  the  second  bypass  stream  required  by  the  double- 
bypass  concept.  Variable-geometry  features  will  be  added  to  the  engine  to  pro- 
vide  the  control  necessary  to  demonstrate  a  mode-switching  capability. 

INTRODUCTION 

Advanced  supersonic  cruise  aircraft  will  be  required  to  operate  efficient- 
ly  over  a  wide  variety  of  flight  conditions  without  significant  impact  to  the 
environment.  This  creates  conflicting  requirements on the  propulsion  system 
that can  be  met  most  effectively  by  a  variable-cycle  engine  (VCE)  (ref. 1). 
Typically,  a  VCE  has  two  or  more  distinct  operating  modes,  each  tailored  to 
provide  a  high  level  of  efficiency  at  one  or  more  major  flight  conditions  such 
as takeoff,  subsonic  cruise,  and  supersonic  cruise. 

After  screening  numerous  engine  cycles,  including  preliminary  design  of 
the  better  concepts,  NASA  and  the  engine  companies  have  identified  two  promising 
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engine  cycles  from  the  supersonic  cruise  aircraft  research  (SCAR)  studies. 
These  engine  concepts are the  General  Electric  double-bypass,  variable-cycle 
engine  (DBE)  (ref. 2) and  the  Pratt & Whitney  Aircraft  variable-stream-control 
engine  (VSCE)  (ref. 3 ) .  Each  of  these  concepts  represents  a  significant 
advance  over  conventional  engines.  They  may be  viewed as VCE's because  of  ex- 
tensive  flow  modulation  either  through  variable  components,  valving,  novel  con- 
trol  techniques,  or  combinations  of  these  features.  Both  engine  concepts  use 
high  airflow  for  takeoff.  They  take  advantage  of  coannular  flow  to  reduce  jet 
noise,  bypass  flow  to  reduce  engine  weight  and  improve  off-design  subsonic 
cruise  performance,  and  high  turbine  inlet  temperatures  to  provide  good  super- 
sonic  performance  with  bypass  flow. 

To demonstrate  the  feasibility,  readiness,  and  performance  of  some  of  the 
most  critical  technologies  peculiar  to  these  engine  concepts,  the  Lewis  Re- 
search  Center  has  begun  a  component  test  program  for  variable-cycle  engines 
through  a  series  of  contracts  to  the  two  engine  companies.  Phase I of  this 
program  consists  of  further  component  concept  screening  and  rig  testing  direct- 
ed  toward  achieving  the  goals  established in the  SCAR  propulsion  studies. 
Phase I1 will  consist  of  modifying  an  existing  high-performance  core  engine  to 
simulate,  to  the  extent  practical,  these  VCE  concepts.  Many  other  technologies 
need  further  development  before  a  VCE  can  be  put  into  commercial  service.  How- 
ever,  these  technologies  are  not  unique  to  VCE;  they  are  common  to  many  other 
advanced  engine  applications. 

PROGRAM  OBJECTIVES AND STRUCTURE 

Program  Objectives 

The  specific  objectives  of  the  VCE  component  test  program  are  as  follows: 

(1) Demonstrate  coannular  jet  noise  reduction  in  large  scale  and  in  a 
real  engine  environment.  Thus far, this  noise  reduction  has  been  verified  only 
with  small-scale  models  having  diameters  about  one-tenth  of  the  full  size. 

(2) Evaluate  the  performance  of  selected  unique  VCE  components.  Pratt & 
Whitney  will  evaluate  a  coannular  ejector  nozzle  and  a  low-emission,  high- 
efficiency  duct  burner.  General  Electric will  evaluate  a  unique  coannular  plug 
nozzle  together  with  a  variable-geometry,  split-flow fan and  flow  control 
valves. 

(3 )  Provide  the  technical  basis  for  future  experimental VCE's.  Successful 
completion  of  the  current  program  should  enable us to  confidently  proceed  into 
an experimental  engine  program.  Such  a  program  could  provide  complete  cycle 
simulation,  allowing  performance  testing  at  simulated  climb/acceleration  and 
cruise  conditions  as  well  as  at  takeoff. 
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Program  Structure 

The  overall  structure  of  the  VCE  component  test  program  is  illustrated In 
figure 1. Results  of  the SCAR studies,  the  acoustic  model  tests,  and  the  com- 
ponent  rig  testing  will  be  used  in  an  engine  and  program  definition  study. 
During  this  phase  of  the  program,  both  contractors  will  continue  model  tests of 
the  coannular  nozzle  and  will  refine  the  aerodynamic  lines  of  the  exhaust  sys- 
tems.  Candidate  duct-burner  configurations  will  be  selected  and  rig  tested  by 
P&WA. A variable-flow  front  fan  will  be  designed  and  rig  tested  by  G.E.  How- 
ever,  because  of  the  lengthy  development  time,  the  fan  will  not  be  incorporated 
in  the  test-bed  engine.  The  engine  and  program  definition  study  will  define 
the  details  of  the  test-bed  engine  configuration  and  the  components  to  be  used 
in  this  program. 

The  two  branches  at  the  bottom of figure 1 show  the  test-bed  engines  to  be 
built.  The  P&WA  test-bed  engine  will  use  a  rematched  military  FlOO  engine  with 
its  exhaust  flow  separated  to  provide  exhaust  conditions  similar  to  those  of 
the  VSCE.  An  advanced  high-efficiency  duct  burner  and  coannular  ejector  nozzle 
will  be  added.  Pratt & Whitney  will  evaluate  duct-burner  emissions  as  well  as 
jet  noise. 

The  G.E.  test-bed  engine  will  be  based  on  a  military  YJlOl  core  engine. 
The  fan  will  be  split  into  two  blocks to provide  the  two  bypass  streams  nec- 
essary  to the double-bypass  concept.  Variable-geometry  features  will  be  added 
to  provide  the  control  necessary  to  demonstrate  a  mode-switching  capability. 
A  high-radius-ratio  coannular  plug  nozzle  will  be  installed  to  verify  the  jet 
noise  suppression  predicted  by  the  model  tests.  This  will  be  the  first  test  of 
the  systems  compatibility  and  stability of the  double-bypass  VCE  concept. 

ENVIRONMENTAL  CONSIDERATIONS 

Jet  Noise 

An important  characteristic of supersonic  cruise  engines  is  the  need  for 
high  specific  thrust to overcome  drag  at  supersonic  conditions  with  minimum 
weight  penalty  and  low  installation  losses.  Engines  designed  for  efficient 
supersonic  operation  would  therefore  normally  also  have  high  takeoff  jet  ve- 
locities  and  require  noise  suppression to meet FAR 36 limits.  The  upper  band 
of data  in  figure 2 shows  sideline  noise  relative  to  the FAR 36 limit  as  a 
function  of  fully  expanded  jet  velocity  for  conventional  mixed-flow  nozzles 
sized  with  the  area  variation  needed to produce  a  constant  thrust. It can  be 
seen  that  the  turbojet  engine  planned  for  the U.S. supersonic  transport  (SST) 
in  1970  would  have  required  about 15 EPNdB of suppression  to  meet  the FAR 36 
sideline  noise  limit. It is  questionable  whether  such  a  retractable  mechanical 
suppressor  could  have  been  built. At any  rate,  it  would  have  been  heavy  and  in- 
efficient. 

Model  tests of coannular  nozzles  by  P&WA  and  G.E.  in  the  SCAR  and  VCE  pro- 
grams  (refs. 4 to 6 )  have  shown  that  an  inherent  noise  reduction  can  be  obtained 
when  the  outer  annulus  jet  velocity  Vj  is  appreciably  higher  than  that  of  the 
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i nne r  stream, as shown i n   t h e   n o z z l e   s k e t c h   i n   t h e   l o w e r   r i g h t   c o r n e r   o f   f i g -  
u re  2. This   reduct ion   can   be  as much as 8 t o   1 0  EPNdB, as shown by the   lower  
band  of d a t a   i n   f i g u r e  2,  re lat ive t o  a conventional  mixed-flow  nozzle  having a 
j e t  v e l o c i t y   e q u a l   t o   t h a t   o f   t h e   o u t e r   a n n u l u s   o f   t h e   c o a n n u l a r   s y s t e m   w i t h   a n  
i n v e r t e d   v e l o c i t y   p r o f i l e .  A conven t iona l   t u rbo je t   eng ine  would r e q u i r e  a 45- 
p e r c e n t   r e d u c t i o n   i n  j e t  v e l o c i t y   t o  meet t h e  FAR 36 s i d e l i n e   n o i s e  l i m i t  with- 
out   suppression.  The weight   pena l ty   involved   in   overs iz ing  a convent ional   tur-  
bo je t   t o   ob ta in   t he   needed   t akeof f   t h rus t   w i th   such  a low j e t  v e l o c i t y  would be  
p roh ib i t i ve .  An adverse  performance  mismatch  with the a i r p l a n e  would a l s o  oc- 
cu r ,   e spec ia l ly  a t  subsonic   c ru ise .  By us ing   bypass   f l ow  in  a turbofan  engine 
to   i nc rease   t akeof f   t h rus t ,   t he   we igh t   pena l ty   can   be   r educed  a t  these  lower 
j e t  v e l o c i t i e s .  With t h e   c o a n n u l a r   i n v e r t e d   e x h a u s t   v e l o c i t y   p r o f i l e ,   t h e  an- 
nu lus  j e t  v e l o c i t y   c a n   b e   r a i s e d   t o  a va lue   about  40 percen t   h ighe r   t han   fo r   t he  
convent ional   engine a t  t h e  same n o i s e   l e v e l .   T h i s   t h e r e f o r e   r e d u c e s   t h e   t o t a l  
a i r f low  (or   engine   s ize)   requi rement .  The subsonic  cruise  performance  match 
w i t h   t h e   a i r p l a n e  i s  a l s o  improved w i t h   t h e   b y p a s s   e n g i n e   s i z e d   i n   t h i s  way. 

Emissions 

The development  of  variable-cycle  engines  to meet acceptab le   exhaus t  emis- 
s ion   s t anda rds  w i l l  f a c e  many of   the  same p rob lems   cu r ren t ly   be ing   addres sed   i n  
on-going research  for  low-emissions  combustors.  However, i n   a d d i t i o n   t o   t h e  
main  combustor,  both  candidate V C E ' s  employ  low levels of  augmentation  during 
c e r t a i n  c r i t i c a l  s tages   o f   opera t ion .  The environment   for   the  duct   burner   and 
a f t e r b u r n e r  i s  e n t i r e l y   d i f f e r e n t   t h a n   f o r   t h e  main  combustor,  and  the  pressure, 
temperature,  and ve loc i ty   cond i t ions  are less c o m p a t i b l e   f o r   e f f i c i e n t  low- 
emission  burning. 

S ince   t he  VCE w i l l  c r u i s e  well in to   t he   s t r a tosphe re ,   ma jo r   conce rn   focuses  
on the  oxides-of-ni t rogen (NO,) emiss ions   and   the i r   e f fec t   on   the   ozone   layer .  
A t  t h i s   c o n d i t i o n ,   t h e   p r e s s u r e  and   tempera ture   in to   the   duc t   burner  of t h e  VSCE 
favor  lower NOx emissions relative t o   t h e  main  combustor. 

F igure  3 compares  the  normalized  performance  of several combustor  concepts 
i n  terms o f   t h e   r e l a t i v e  NO, emission  index a t  supe r son ic   c ru i se .  The normal- 
i z i n g   f a c t o r  may vary  from 20 t o  50 grams per   ki logram of fuel ,   depending on t h e  
c r u i s e  Mach number and   the   engine   opera t ing   condi t ion .   S ince   the   emiss ion   in -  
dex  scale   presented i s  r e l a t i v e ,  i t  may, as a f i r s t   a p p r o x i m a t i c n ,   b e   a p p l i e d  
to  augmentors as well as main combustors. The clean-combustor  concepts  being 
developed i n   t h e  NASA/industry  experimental  clean-combustor  program (ECCP) 
( r e f s .  7 and 8) show t h e   p o s s i b i l i t y   o f  a 50 -pe rcen t   r educ t ion   i n  NOx emissions 
in   burner - r ig   exper iments .  However, the  emissions  goal   for   the  duct-burner  ap- 
p l i c a t i o n  i s  1 gram of NOx p e r  ki logram  of   fuel .   This   extremely low level ,  as 
well as ope ra t iona l   cons ide ra t ions ,  may require   even more  advanced  techniques 
t o  be  applied.  Further  combustion  improvements are p red ic t ed   fo r   such   concep t s  
as premix  combustion.  Results  based  on  small-scale,   idealized  laboratory  exper- 
iments are  encouraging   and   ind ica te   po ten t ia l   reduct ions   o f   t enfo ld  a t  super- 
s o n i c   c r u i s e   c o n d i t i o n s .  However, any   apprec i ab le   r educ t ion   i n  NOx emissions 
below t h e  ECCP l e v e l  w i l l  require   extensive  and  cost ly   research  and  development  
programs to   de te rmine   i f   they   can   be   adapted   to  meet SST burner  requirements.  

S t r ingen t  EPA goals  have  been  proposed  for  carbon monoxide (CO), t o t a l  un- 
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burned  hydrocarbons  (THC),.and NO, for  future  airport  environments.  During 
takeoff  (sideline  and  cutback)  the  duct  burner  presents  a  more  difficult  prob- 
lem  than  the  main  combustor  relative  to  CO  and  THC.  The  cycle  parameters  (low 
pressure  and  temperature)  that  tend  to  help  relieve  the  cruise  NOx  problem  be- 
come  detrimental  during  takeoff  and  result  in  a  somewhat  lower  combustion  ef- 
ficiency.  Advanced  techniques  such as staged  combustion  and  variable  geometry 
may  be  required  to  raise  combustor  efficiency  and  lower  emissions. 

COMPONENT  TEST  PROGRAM 

Variable-Stream-Control  Engine 

VSCE  engine  concept. - The P&WA  VSCE  engine  concept (ref. 3)  is shown 
schematically  in  figure 4. It features  a  coannular  ejector  exhaust  nozzle  and 
uses  a  duct  burner  in  the  bypass  stream  to  obtain  the  coannular  inverted  ve- 
locity  profile.  Therefore, at takeoff  the  turbine  inlet  temperature  is  re- 
stricted  to  achieve  the  inverted  velocity  profile  needed  for  low  noise.  How- 
ever,  at  supersonic  conditions  this  temperature  must  be as high  as  the  state of 
the  art  allows  to  obtain  good  specific  fuel  consumption  (sfc)  at  the  high 
thrust  levels  needed.  Despite  this  high  temperature,  duct  burning  must  be  used 
to  obtain  adequate  thrust  at  supersonic  cruise. Also with  bypass  flow,  some 
duct  burning  is  desirable  from an sfc  or  propulsive  efficiency  standpoint  to 
equalize  the  jet  velocities  of  the  two  streams. A higher  level  of  duct  burning 
is  required  in  supersonic  climb/acceleration  to  obtain  optimum  thrust  margins. 

A  variable-area,  duct-stream  nozzle  is  required  to  accommodate  changes in 
the  duct-burner  temperature  setting.  Variable  geometry  in  the fan and  compres- 
sor  is  used  in  conjunction  with  the  variable  geometry  in  both  exhaust  nozzles 
to  schedule  airflow  and  shaft  speed  in  order  to  match  engine  airflow  with  inlet 
airflow  and  minimize  the  supersonic  bypass  ratio. 

VSCE  component  test  bed. - Figure 5 shows  schematically  the  test-bed  con- 
cept to be  used  in  testing  the  two  most  critical  and  unique  components  of  the 
PW&A VSCE: (1) the  coannular  exhaust  nozzle  with  the  inverted  velocity  profile, 
and (2) the  low-emissions,  high-efficiency  duct  burner.  An  existing  high- 
technology  FlOO  turbofan  engine  will  be  used  to  provide  the  proper  gas  conditions 
into  the  duct  burner  and  primary  nozzle,  similar  to  those  of  the  conceptual 
VSCE  at  takeoff  conditions.  The  exhaust  flow  from  the  FlOO  will  be  kept  sepa- 
rated  by an add-on  bypass  duct  downstream  of  the  turbines.  Although  the  duct 
burner in this  test  will  be  farther  downstream  than it would  be  in an actual 
flight  engine,  this  should  not  have  a  major  impact  on  the  jet  noise  tests  or 
the  duct-burner  emissions  tests.  Every  attempt  will be  made  to  keep  costs  low 
by  using  existing  hardware  wherever  possible.  Not  only is an existing  FlOO  en- 
gine  being  used as the  gas  generator,  but an existing TF30  iris  nozzle is 
planned  for  the  duct  nozzle  throat. 

The duct-burner  design  will  be  selected on the  basis  of  results  from  duct- 
burner  conceptual  screening  and  rig  testing  currently  underway in the VCE pro- 
gram. The  exhaust  nozzle  will  include an acoustically  lined  ejector  based on 
results  from  SCAR  and  from  VCE  small-scale  acoustic  model  tests.  The FlOO en- 
gine will be  rematched  for  a  lower  turbine  inlet  temperature,  a  higher  bypass 
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ratio, and  a  lower  overall  pressure  ratio  to  better  simulate  the  exhaust  condi- 
tions  of  the  VSCE. 

Table I compares  the  cycle  characteristics  of  the  rematched  FlOO  test  bed 
and  the  conceptual  VSCE. As shown,  the  test-bed  engine  airflow  will  be  about 
scale.  However,  this  is  about 25 times  the  airflow  used  in  the  acoustic  mod- 

el  tests.  Large-scale  testing  is  important  for  the  verification  of  the  scaling 
laws  that  have  been  used to extrapolate  model  test  data  to  full  size.  The  by- 
pass  ratio  of  the  test-bed  engine  is  somewhat  lower  than  that 0.f the  conceptual 
VSCE,  and  there are also  some  slight  differences in the  other  parameters. 

The  duct-stream jet velocity  can  be  varied  by  changing  the  duct-burner 
temperature  through  adjustment  of  the  fuel-air  ratio.  Less  flexibility  is 
available  in  varying  the  core-stream  jet  velocity.  For  the  duct-stream  velocit) 
indicated,  the  ratio  of  duct-stream  to  core-jet  velocity  of  1.7  should  produce 
maximum  inherent  suppression.  Noise  measurements  will  be  taken  at  both  higher 
and  lower  duct-burner  temperatures  for  a  range  of  duct-stream  to  core-stream 
velocity  ratios. 

VSCE  schedule. - A contract  was  awarded  to P&WA in  mid-1976  to  begin  the 
first  phase  of  component  test  program.  The  definition  study  is  in  progress  and 
will extend  over  a  l-year  period, as  shown  by  the  schedule in  figure 6 .  Tech- 
nical  results  from  the  individual  critical-component  technology  programs  will 
be  incorporated  in  the  design  of  the  large-scale  test  hardware. 

A contract  was  also  awarded  to P&WA to  analytically  screen  duct-burner con 
cepts  for  the  VSCE.  The  synthesis  of 8 to 12 duct-burner  concepts  has  been com~ 
pleted.  These  configurations  were  ranked  and  four  were  selected  for  further 
study  and  design.  Follow-on  segment  rig  tests  will  be  made  in  early 1977 to 
select  the  most  promising  duct-burner  configuration  to  be  incorporated in the 
test-bed  engine. 

Pratt & Whitney  will  continue  aeroacoustic  model  tests  of  coannular  nozzle: 
to  identify  the  most  promising  configuration  for  the  VSCE.  Results of this 
technology  program will be  used  in  the  design  of  a  large-scale  nozzle  configura 
tion  for  the  FlOO  engine  test  bed.  The  environmental  and  performance  tests  of 
the  duct  burner  and  the  coannular  nozzle  installed on the  test-bed  engine are 
scheduled  to  begin in early  1979. 

Double-Bypass  Engine 

DBE  engine  concept. - The G.E. double-bypass  VCE  concept  (ref. 2) is 
shown schematically in  figure 7. It also  uses  a  coannular  exhaust  nozzle  with 
an inverted  velocity  profile  for  low  jet  noise. In this  concept,  fan  discharge 
flow is  crossducted  at  takeoff  to  the  plug  centerbody  to  get  the  low-energy 
exhaust  stream on the  inside,  as  required  by  the  inverted  velocity  profile. 
Bypass  air  is  also  used  to  increase  the  total flow at  takeoff  for  increased 
thrust at  the  reduced  jet  velocities.  The  maximum  state-of-the-art  turbine  in- 
let  temperature  is  used  with  this  turbofan  cycle  at  takeoff  as  well  as  at  super. 
sonic  conditions. The high  temperature  is  required  for  takeoff  thrust as well 
as  for  providing  the  high  annulus  velocity. 
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The  fan  is  split  into  two  blocks  to  provide  two  bypass  streams - hence  the 
terminology  "double  bypass."  The  outer  bypass  airflow  can  be  controlled  to  give 
the  turbofan  cycle  additional  flexibility. It is  desirable  in  takeoff  to  have 
the  maximum  bypass  ratio  and  total  airflow  for  sufficient  thrust  at  low  noise. 
4t subsonic  cruise,  the  higher  bypass  ratio  is  also  desirable  from  a  propulsive 
efficiency  standpoint.  However,  at  supersonic  flight  conditions,  the  bypass 
ratio  must  be  kept  low,  and  the  outer  bypass  flow  is  therefore  eliminated. In 
this  mode  of  operation,  the  engine  behaves  as  a  low-bypass-ratio,  mixed-flow 
turbofan  engine.  Extensive  variable  geometry  is  required  in  the  turbomachinery 
Zomponents  to  accommodate  these  flow  swings  and  changing  work  requirements. 

An  afterburner  is  required  for  supplying  additional  thrust  during  climb/ 
acceleration.  It  may  or  may  not  be  required  during  supersonic  cruise,  depend- 
ing on the  outcome  of  continuing  engine/airplane  sizing  and  integration  studies. 

DBE component  test  bed. - Figure 8 illustrates  the  test-bed  engine.for  the 
double-bypass  concept.  In  addition  to  demonstrating  the  coannular  suppression 
benefit  in  large  scale  with  a  plug  nozzle,  this  test  bed  will  also  demonstrate 
the  system  compatibility  and  st'ability  of  the  double-bypass  concept.  The  test 
bed  is  to  be  built  around  the  advanced-technology  military  YJ101,  a  minibypass 
turbojet  engine.  The  fan  will  be  split  into  two  blocks to get  the  extra  by- 
pass  stream.  Variable  geometry  components  will  be  added  to  control  the  bypass 
flow  split.  The  turbine  work  split  will  be  changed to better  serve  the  demands 
of  the  new  fan  arrangement. 

Table  I1  compares  some  of  the  cycle  parameters  between  the  conceptual 
double-bypass  study  engine  and  the  test-bed  engine.  The top line  shows  that  the 
test-bed  airflow is approximately 15 percent  that  of  the  conceptual  DBE.  The 
dual  values  shown  for  each  engine  represent  high/low  flow  conditions.  The  sec- 
ond  line  shows  that  at  sea-level-static  conditions  the  high-mode  bypass  ratio 
is about  double  the  low-mode  bypass  ratio.  Subsequent  lines  in  the  table  com- 
pare  pressure  ratios  and  combustor  exit  temperatures.  The  bottom  two  lines  in- 
dicate  that,  despite  slight  differences  in  some of the  cycle  characteristics 
for  the  two  engines,  the  fully  expanded  jet  velocities  are  similar  and  provide 
a  valid  large-scale  test of the  inverted  velocity  profile  desirable  for  inherent 
noise  suppression.  These  velocities  are  obtained  in  the  high-flow  mode  where 
the  exhaust is separated  into  two  distinct  streams.  In  the  low-flow  mode,  the 
exhaust  would  be  mixed  and  a  high  jet  noise  condition  would  result.  Although 
the  test  bed  will  be  tested  in  both  modes  on  the  test  stand,  a  flight  engine  at 
takeoff  would  be  operated  only  in  the  high-flow,  low-noise  mode. 

DBE  schedule. - A contract  was  awarded  to  G.E.  in  the  fall of 1976  to  be- 
gin  the  component  test  program  definition  study  for  the  double-bypass-cycle  test 
bed.  The  study  will  extend  over  a  9-month  period,  as  shown  on  the  schedule  in 
figure  9.  Technical  results  from  the  on-going  technology  programs  will  be  fac- 
tored  into  the  design  of  the  test-bed  engine  as  they  become  available. 

The  two  critical  components  being  studied  in  the  technology  .program  are 
the  variable-flow  fan  and  the  low-noise,  coannular  plug  nozzle. A contract  was 
awarded  in  mid-1976  to  screen  concepts  and  to  conduct  design  and  performance 
studies  of  variable-flow  fans. A follow-on  contract  will  provide  for  design 
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A contract  was  also  awarded  to  G.E.  in  early  1976  to  evaluate  the  effect 
of key  design  variables  on  the  aeroacoustic  performance  of  high-radius-ratio, 
ventilated  plug  nozzles.  Results  from  this  technology  effort  will  be  factored 
into  the  selection  of  a  large-scale  nozzle  configuration  for  the  test-bed  en- 
gine.  Evaluation  of  the  noise  and  performance  characteristics  of  the  engine 
should  begin  in  early  1979. 

CONCLUDING  REMARKS 

The  variable-cycle  engine  (VCE)  component  test  program  addresses  only  cer- 
tain  unique  and  critical  components  necessary to assess  the  feasibility  of  the 
concept  and  to  evaluate  the  potential  of  the  cycle  for  supersonic  cruise  appli- 
cations.  Test-bed  engines  are a next  logical  step  following  model  and  labor- 
atory  investigations.  The  current  schedule  calls  for  testing to begin  in  early 
1979,  with  tests  to  be  conducted  at  sea-level-static  conditions  approximating . 

those  encountered  at  takeoff.  The  variable-cycle  test-bed  engines  will  use  ex- 
isting  high-technology  core  engines  with  approximately  a  15-  to  25-percent  air- 
flow  relative to the  flight  engines. 

Successful  completion of the  component  test  program  with  the  two  test-bed 
engines  described  in  this  paper  will  allow us to proceed  confidently  to  an  ex- 
perimental  variable-cycle-engine  program.  However,  performance  and  environment 
a1  acceptability  of  a  VCE  depend  on  attaining  predicted  levels  of  technology  in 
other  areas  not  addressed  in  the  component  test  program.  Many  other  technol- 
ogies  need  further  development  before  a  VCE  can  be  considered  for  commercial 
service. 
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TABLE I. - COMPARISON  OF  CONCEPTUAL  VARIABLE-STREAM-CONTROL 
ENGINE  WITH  TEST-BED  SIMULATION 

[Takeoff  conditions.] 

Characteristic 

Engine : 
Relative  total  airflow 
Bypass  ratio 
Fan  pressure  ratio 
Overall  (fan  plus  compressor) 
pressure  ratio 

Combustor  exit  temperature, 
K ( O F >  

Duct-burner  temperature, 
K (OF 1 

Nozzle: 
Duct-stream  jet  velocity, 

Ratio  of  duct-stream  to 
mlsec  (ftlsec) 

core-stream  jet  velocity 

Conceptual 
VSCE 

1.00 
1.5 
2.8 
18.6 

1600 (2420) 

1710 (2610) 

885 (2900) 

1.7 

Test-bed 
engine 

0.27 
0.85 
3.1 
19.5 

1520  (2280) 

1390 (2040) 

805 (2640) 

1.7 

TABLE  11. - COMPARISON O F  CONCEPTUAL  DOUBLE-BYPASS  VARIABLE-CYCLE  ENGINE 

WITH  TEST-BED  SIMULATION 

[Takeoff  conditions.] 

Characteristic 

Engine : 
Relative  total  airflow 

Overall  bypass  ratio 
Pressure  ratio,  front  fan 

Pressure  ratio,  rear  fan 

Overall  fan  pressure  ratio 
Overall  (fan  plus  compressor) 

Combustor  exit  temperature, 

(highllow) 

block 

block 

pressure  ratio 

K (OF) 
Nozzle: 
Hot  exhaust  jet  velocity, 

Ratio  of  hot  to  cold  exhaust 
mlsec  (ftlsec) 

jet  velocity 

Conceptual 
double-bypass 

VCEa 

1.2011.00 

0.810.4 
3 

1 

3 

1870/1700  (2900 I 

212.7 

211.5 

814.0 
17 

2600) 

750  (2450) 

1.58 

Test-bed 
enginea 

0.1910.15 

0.710.4 
3.112.4 

1.211.4 

3.713.2 
17 

1730/1700  (265012600) 

690 (2250) 

1.45 

a Dual  values  represent  high/low flow conditions. 
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T E S L  1 , TESTBED ENGINES- 

(3 OlJlOl CORE) 

DUCT BURNER 
COANNULAR EJECTOR NOZZLE 

COANNULAR PLUG NOZZLE 

Figure 1.- Variable-cycle  engine component test program. 
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Figure 2. -  Noise  reduct ion  with  coannular   nozzle .  
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RELATIVE NO, 
EMISSION I N D B  

L 

1 
CONVENTIONAL TECHNOLOGY 

I 

:LEAN COMBUSTOR TECHNOLOGY 

I P R E M l X  COMBUSTION 

Figure 3 . -  Sta tus  of oxides-of-nitrogen  emissions 
at supersonic   c ru ise .  

TAKEOFF & SUPERSONIC CRUISE OPERATION 

SUSSONIC CRUISE OPERATION 

Figure 4 . -  P r a t t  & Whitney conceptual   var iable-s t ream-control   engine.  
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FlOO ENGINE 
(REMATCHED 
VSCE CYCLE) 

7 

Figure 5.- Pratt & Whitney test-bed variable-stream-control engine. 
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Figure 6.- Schedule  of component test program for  
Pratt & Whitney variable-stream-control engine. 

383 



1 

384 

n 



COMPONENT TEST 
BED 

DEFINITION  STUDY 
DESIGN 
FA B 
TEST 

VARIABLE FLOW FAN 
COANNULAR  NOZZLE 

MODEL  TESTS 

F i g u r e  9.- Schedule  of component test  program for 
G.E. doub le -bypass ,   va r i ab le -cyc le   eng ine .  
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SUPERSONIC  CRUISE  INLETS  FOR  VARIABLE-CYCLE  ENGINES 

David  N.  Bowditch 
NASA  Lewis  Research  Center 

Variable-cycle  engines  have  the  potential  to  operate  very  efficiently  over 
the  wide  speed  range of a supersonic  cruise  aircraft.  However,  to  choose 
the  optimum  installed  variable-cycle  engine,  it  is  necessary  to  determine  its 
performance  when  matched  to a specific  inlet.  The  performance of candidate 
supersonic  cruise  inlets  is  reviewed  and  the  aerodynamic  installation  penalties 
for  each  type  are  defined.  The  main  characteristics  that  affect  the  airflow 
schedules  of  variable-cycle  engines  are  defined.  These  schedules  are  compared 
with  the  airflow  schedules  of  the  candidate  inlets,  and  appropriate  inlets  are 
matched  to  the  variable-cycle  engine  characteristics.  Auxiliary  inlets  are 
also  considered. 

INTRODUCTION 

Variable-cycle  engines  (VCE's)  have  the  potential  ability  to  operate  more 
efficiently.over  the  wide  speed  range  of a supersonic  cruise  aircraft.  In  their 
various  forms,  they  also  have  the  ability  to  improve  the  matching of airflow 
schedules  between  the  inlet  and  the  engine  and  thereby  to  reduce  the  penalties 
normally  associated  with  airframe  installation.  Since  the  characteristics  of 
the  available  inlet  and  VCE  types  differ  significantly,  it  is  necessary  to  con- 
sider  how  the  inlet  and  engine  cycle  characteristics  complement  each  other  be- 
fore  an  optimum  propulsion  system  can  be  defined.  Prior  to  variable-cycle  en- 
gines,  the  engine  airflow  schedule  was  presented to the  inlet  designer,  who  did 
his  best  to  match  it  with  an  inlet  that  would  incur  the  lowest  performance  pen- 
alties.  More  recently,  the  engine  companies  have  been  matching  their  engines 
to  the  characteristics  of  particular  inlets.  Neither  approach  is  likely  to  lead 
to  an  optimum  propulsion  system. As a start  in  the  search  for  the  optimum, the. 
characteristics  of  the  existing  supersonic  cruise  inlet  types  are  reviewed  and 
matched  with  the  major  cycle  characteristics  of  the  most  promising  variable- 
cycle  engines. 

INLET  CHARACTERISTICS 

Inlets  whose  characteristics  are  representative  of  those  currently  being 
considered  for  supersonic  cruise  applications  are  shown  in  figure 1. They  are 
either  axisymmetric  or  two  dimensional  with  collapsing  or  translating  center- 
bodies  to  provide  throat  area  variation  with  Mach  number.  Conceptually,  the 
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collapsing  axisymmetric  inlet  would  have a centerbody  that  collapses  from  the 
beginning  of  the  second  cone  to a station  near  the  engine  face  inside  the  sub- 
sonic  diffuser.  This  would  require  the  circular  centerbody  to  be  constructed of 
overlapping  leaves  and  seals,  which  would  be  mechanically  complex  but  poten- 
tially  feasible. In the  collapsing  double-wedge  inlet,  the  centerbody  consists. 
of  ramps.  These  can  be  more  easily  sealed  and  actuated  but  tend  to  be  heavier 
because  of  the  less  desirable  structural  characteristics  of  flat  cowling. Po- 
tentially  the  simplest  mechanically  is  the  axisymmetric  inlet  with a translating 
centerbody  to  provide  throat  area  variation.  This  inlet  should  be  lightweight 
because of its  simple  variable-geometry  system  and  its  structurally  efficient 
circular  shape. 

Some  of  the  characteristic  aerodynamic  properties  of  the  different  inlet 
types  are  associated  with  their  percentages  of  internal  compression  (fig. 2 ) .  
This  term  is  defined  as  that  portion  (in  percent)  of  the  total  supersonic  area 
contraction  from  the  free  stream  to  the  inlet  throat  that  occurs  inside  the  cowl 
lip  at  the  design  Mach  number.  Therefore,  if  the  cowl-lip  circular  area  is 
taken  as  the  free-stream  flow  area,  the  percentage  of  internal  contraction  is 
100 times  the  difference  in  the  annular  flow  area  between  the  cowl  lip  and  the 
throat,  divided  by  the  difference  between  the  cowl-lip  circular  area  and  the 
throat  area. 

With  zero  internal  compression  (or  all  external  compression)  the  inlet 
throat  is  at  the  cowl  lip.  To  achieve  supersonic  compression,  the  centerbody 
must  turn  the  flow  to  high  angles  relative  to  the  inlet  axis  in  order to achieve 
a low  throat  Mach  number.  The  high  cowl-lip  angle  necessary  to  capture  that 
flow  incurs a large  cowl  drag.  Therefore,  to  reduce  the  cowl  drag  to  an  accept- 
able  level  for  supersonic  cruise,  the  external  compression  or  turning  is  reduced 
so that a relatively  flat  cowl  can  capture  the  flow  and  turn  it  efficiently 
back  toward  the  inlet  axis.  With  about  45-percent  internal  compression,  the 
flow  will  be  turned  back  to a throat  with  its  cowl  radius  about  equal  to  the 
cowl-lip  radius.  This  is  the  location  desired  for a collapsing-centerbody  inlet 
so that  maximum  throat  area  can  be  obtained  in  the  collapsed  position.  However, 
for a translating-centerbody  inlet,  the  cowl-throat  radius  must  be  significantly 
smaller  than  the  cowl-lip  radius so that  the  resulting  smaller  centerbody  will 
provide  an  increased  throat  area  when  it  is  translated  out  to  the  cowl  lip. 
Internal  compression  of  the  order  of 80 percent  is  required to obtain  the  maxi- 
mum  off-design  throat  area  for a translating-centerbody  inlet. 

At 45  percent  internal  compression,  the  flow  is  still  turned  to a relative- 
ly  high  angle  by  the  centerbody.  With  an  axial.  or  cylindrical  cowl, a relative- 
ly  strong  oblique  shock  forms  at  the  cowl  lip  to  turn  the  flow  back  axially. 
There  is  an  associated loss in  total-pressure  recovery.  If  the  cowl  angle  is 
increased  to  reduce  the  recovery  loss,  cowl-lip  wave  drag  is  also  increased. 
There  is a cowl-lip  angle  that  provides  an  optimum  trade-off  between  recovery 
and  drag  at  each  value of internal  compression.  Figure 3 shows  the  effect  of 
internal  compression  on  total-pressure  recovery  and  cowl  drag for the  optimum 
cowl-lip  angle  at  Mach 2.4. The  ideal  total-pressure  recovery  includes  only 
the  losses  associated  with  the  inlet  shock  structure.  The  cowl-lip  wave  drag 
considered  here  is  only  that  associated  with  the  immediate  lip  region  before 
the  external  angle  can  be  reduced  to  some  nominal  value  required  to  reach  the 
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maximum  nacelle  diameter.  Cowl-lip  wave  drag  downstream  of  this  point is  as- 
sumed  to  be  offset  by  favorable  interference with the  wing.  For  the  variable- 
cycle  engine  used in the  study,  the  optimum  internal  cowl  angle  was  the  minimum 
angle  of Oo for  internal  compression  greater  than  45  percent.  The  resulting 
low  external  cowl  angle is close  enough  to  the  nominal  nacelle  angle  that  any 
cowl-lip  wave  drag  can be recovered  through  favorable  interference.  Therefore, 
only  cowl-lip  wave  drag in excess  of  0.0075 is considered  a  penalty  for in- 
stalled  performance.  Below  45-percent  internal  compression  the  internal  cowl 
angle  had  to be  increased  to  the  minimum  value  required  to  prevent  subsonic  flow 
upstream  of  the  throat. The  higher  cowl  angles  resulted in increased  drag. 

High  inlet  total-pressure  recovery  and  low  cowl-lip  wave  drag  favor  high 
internal  compression,  where  the  cowl-lip  angle  can  be  low  and  the  cowl-lip 
oblique  shock  weak.  However,  the  bleed  flow  for  the  inlet  has  not yet  been  con- 
sidered. The inlet  bleed  correlation  of  reference 1 has  shown  that,  for  pre- 
viously  tested  inlets,  the  bleed  flow  can  be  related  only  to  the  ratio  of  inlet 
internal  wetted  area  to  throat  area.  Also,  the  correlation  shows  that  inlet 
wetted  area  increased  with  increasing  internal  compression.  The  effect  of  inlet 
recovery,  cowl-lip  wave  drag,  and  bleed  on  installed  cruise  specific  fuel  con- 
sumption  (sfc) is presented  in  figure 4. The  cruise  sfc  increase  is  based on 
the  cowl-lip  wave  drag of figure 3 ,  the  bleed  flow  predicted  by  the  correlation 
of reference 1, and  the  ideal  total-pressure  recovery  of  figure 3 ,  reduced  by 
0.04 to account  for  viscous  losses.  The  total  increase  of 10 to 15 percent is 
based  on  a  Lewis  version of the  variable-stream-control  engine.  This  large  in- 
crease  in  sfc  is  due to the  specific  thrust  of  this  type  of  engine  being  about 
half  that  of  the  turbojets  considered  before F A R  36 noise  constraints  were  im- 
posed. As can  be  seen  from  the  variation  of  sfc  with  percentage  of  internal 
compression  for  axisymmetric  inlets,  the  increased  bleed  at  high  internal  com- 
pression  partially  offsets  the  better  total-pressure  recovery.  Therefore, an 
axisymmetric  collapsing-centerbody  inlet  at  45-percent  internal  compression 
would  provide an installed  sfc  about 0.013 higher  than  that  provided  by  a 
translating-centerbody  inlet  at  80-percent  internal  compression.  Some  other 
features  of low-internal-compression inlets  that  tend  to  offset  this  modest  pen- 
alty  are  better  angle  of  attack  tolerance  and  a  smaller  unstart  transient. 

The  correlation  of  inlet  wetted  area in reference 1 also  showed  that  pre- 
viously  designed  two-dimensional  inlets  had  considerably  more  wetted  area  than 
equivalent  axisymmetric  inlets.  In  figure 4, the  increase in bleed  due  to  added 
wetted  area  penalized  the  two-dimensional  inlet  about 0.025 in installed  sfc. 
The  level  presented  assumes  similar  pressure  recovery  and  no  cowl-lip  wave  drag 
that  cannot  be  recovered  through  favorable  interference  with  the  wing. 

INLET/ENGINE  AIRFLOW  MATCHING 

To understand  the  airflow  matching  of  the  inlet  and  the  engine,  it is first 
necessary  to  look  at  the  airflow  characteristics  produced  by  the  major  VCE  fea- 
tures.  These  are  constant-speed  and  inverse  throttle  schedules  and  the  double- 
bypass  mode  of  operation  for  takeoff. The airflow  characteristics  are  presented 
in figure 5, along  with  the  engine  mechanical  and  corrected  speeds,  as  a  func- 
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tion  of  Mach  number.  The  values  are  presented as a fraction  of  their  valueiat 
Mach 1. For  the  constant-speed  throttle  schedule,  the  engine  mechanical  speed 
is  constant  over  the  Mach  number  range,  except  at  takeoff  where  the  speed is 
increased  about 5 percent.  The  corrected  speed  varies a little  subsonically 
as  the  temperature  changes  with  aircraft  acceleration  and  climb.  However,  as 
the  aircraft  accelerates  supersonically  to  the  supersonic  cruise  Mach  number 
of 2.32, the  increased  temperature  reduces  the  corrected  speed  to  about 0.8 of 
the  value  at  Mach 1. The  airflow  at  constant  speed  remains  essentially  constant 
subsonically  but  drops  to  about 0.62 of  its  Mach 1 value  at  the  cruise  Mach 
number  of 2.32. With  the  inverse  throttle  schedule,  mechanical  speed  is  varied 
subsonically  to  retain  constant  corrected  speed.  During  supersonic  accelera- 
tion  the  low  rotor  speed  is  increased  with  Mach  number  until a 10-percent  in- 
crease  is  provided  at  supersonic  cruise.  This  still  allows  the  corrected  speed 
and  airflow  to  decrease  but  increases  the  flow  at  cruise  significantly  over  the 
constant-speed  throttle  schedule.  This  increased  flow will require a larger 
inlet.  The  third  characteristic,  double  bypass,  changes  the  engine  cycle  at 
takeoff  to  pump  more  airflow  to  alleviate  jet  noise.  The  flow  increase  in  this 
case  is  15  percent,  but  other  values  have  also  been  considered. 

To  determine  the  effect  of  these  airflow  schedules  on  inlet  airflow  match- 
ing,  the  matching  of a constant-speed  throttle  schedule  to a translating- 
centerbody  inlet  is  considered  in  figure 6. The  inlet  area  is  presented  as a 
portion  of  the  engine-face  annular  flow  area.  The  upper  curve  presents  the 
capture  area  for  an  inlet  designed  to  just  provide  the  engine  airflow  at  each 
Mach  number.  The  lower  curve  presents  the  maximum  throat  area  obtainable  with 
that  translating-centerbody  inlet.  This  maximum  throat  area  is  obtained  by 
sizing  the  centerbody so that,  when  it  is  translated  forward,  the  flow  area 
between  the  cowl  lip  and  centerbody  is  just  equal  to  the  flow  area  between  the 
cowl  and  the  centerbody  support  tube.  The  required  inlet  capture  area  varies 
from 0.73  of the  engine-face  area  at  Mach 1 to 1.38 at  Mach 3. Comparing  the 
maximum  throat  area  at  each  Mach  number  with  the  required  area  of 0.73 at  Mach 1 
shows  that a translating-centerbody  inlet  will  provide  adequate  throat  area  for 
design  Mach  numbers  of 2.7  and  above.  However,  for  the  cruise  Mach  numbers of 
current  interest,  between  Mach  2.0  and  2.5,  inadequate  throat  area  is  available. 
Therefore,  such  an  inlet/engine  combination  would  require  auxiliary  inlets  in 
the  transonic  speed  regime. 

In  figure 7 ,  the  capture  and  throat  areas  required  for  matching  an  inverse 
throttle  schedule  engine  are  added to figure 6. The  increased  airflow  demand 
of  the  inverse  throttle  schedule  requires a larger  inlet  capture  area  at  the 
cruise  Mach  number.  This  increased  inlet  size  increases  the  throat  area  enough 
to provide  adequate  transonic  flow  for  engine  matching.  Therefore,  the 
translating-centerbody  inlet  provides a good  airflow  match  for  the  inverse 
throttle  schedule  engine. 

To  look  at  the  airflow  matching  in  more  detail,  figure 8 compares  the 
variation  of  airflow  with  Mach  number  for  inlets  with  collapsing  and  translating 
centerbodies.  The  design  Mach  number  for  the  inlets  is 2.32. When  operating 
with  supersonic  internal  flow  at  Mach  numbers  below  the  design  value,  the 
translating  centerbody  moves  forward  relative  to  the  cowl  lip.  More  flow  is 
spilled  than  by  an  inlet  with a centerbody  that  collapses  in  place.  Therefore, 
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because  of  its  larger  spillage,  the  translating-centerbody  inlet  provides  less 
flow  for  the  engine  than  the  collapsing-centerbody  inlet.  Both  axisymmetric 
and  two-dimensional  collapsing-centerbody  inlets  provide  similar  airflow  sched- 
ules.  The  inlets  cannot  operate  with  internal  supersonic  flow  at  Mach  numbers 
below 1.5, and  below  this  Mach  number  the  flow  is  governed  by  the  maximum  inlet 
throat  size.  Here  again,  the  collapsing-centerbody  inlet  can  provide  more  flow 
than  the  translating-centerbody  inlet  because  of  its  larger  throat  area. 

Figure 9 superimposes  the  engine  flow  requirements  on  the  inlet  airflow 
schedules.  Again  comparing  the  constant-speed  throttle  schedule  with  the 
translating-centerbody  inlet,  it  is  apparent  that  the  inlet  would  need  auxiliary 
inlets  not  only  for  extra  flow  at  transonic  speeds  but  also  for  speeds  up  to 
about  Mach  2. A much  better  match  for  the  constant-speed  throttle  schedule  ap- 
pears  to  be  provided  by  the  collapsing-centerbody  inlet.  Therefore,  this  con- 
ventional  engine  speed  schedule  appears  to  require a collapsing-centerbody  inlet 
for  design  Mach  numbers  in  the  2.0  to 2.5 range. A comparison of the  inverse 
throttle  airflow  schedule  with  the  translating-centerbody  airflow  schedule  also 
shows a good  match.  Therefore,  these  two  throttle  schedules  require  different 
inlet  types. 

Another  airflow  matching  problem  occurs  during  takeoff,  where  the  inlet 
must  collect  flow  from a wide  area.  Normally  either a bellmouth  or  the  blunt 
lips  of a subsonic  inlet  are  available to collect  the  necessary  flow  and  turn 
it  toward  the  engine.  However,  the  sharp  inlet  lips  necessary  for  low  drag  at 
supersonic  cruise  conditions  can  only  collect a portion  of  the  flow  required  by 
.the  engine  during  static  operation  and  takeoff.  This  problem  is  illustrated  in 
figure 10. The  critical  parameter  for  this  condition,  the  inlet  mass  flow 
divided  by  the  mass  flow  necessary to choke  the  inlet  throat  at  ambient  total 
pressure  and  temperature,  is  plotted  on  the  ordinate.  Both  the  inverse  and 
constant-speed  throttle  schedules  require 0.9 of  the  choked  flow  of  the 
translating-  and  collapsing-centerbody  inlets,  respectively.  The  double-bypass 
cycle  requires 1.05 of the  choked  flow.  Also  plotted  on  the  figure  are  lines of 
constant  total-pressure  recovery  obtained  from  reference  2.  As  the  inlet  gains 
forward  speed,  the  momentum of the  captured  flow  is  more  alined  with  the  inlet 
axis,  allowing  more  flow  to  be  collected  by  the  sharp-lip  inlet  at a given 
total-pressure  recovery.  At  Mach 0.1 for  takeoff,  the  propulsion  system  should 0 

provide  maximum  thrust so that a high  total-pressure  recovery  is  required to 
minimize  engine  weight.  If a total-pressure  recovery  of  about 0.98 is  assumed, 
the  mass  flow  ratio  cannot  be  greater  than 0.45. Therefore,  half  of  the  con- 
ventional  engine  airflow  requirement  at  takeoff  has  to  be  provided  by  an  aux- 
iliary  inlet  system. To provide  the  extra  flow  required  by  the  double-bypass 
engine,  the  auxiliary  inlet  system  will  have  to  provide 57 percent  of  the  engine 
airflow,  or  132  percent  of  the  main  inlet  flow. 

At  Mach 0.3 to 0.4, the  fan  noise  will  probably  have  to  be  suppressed  to 
meet  the  flyover  noise  requirements.  This  can  be  accomplished  with  the  con- 
ventional  cycles  by  choking  the  main  inlet,  which  can  provide  high  recovery  at 
that  Mach  number  without  auxiliary  inlets.  However,  the  increased  flow  re- 
quirement of the  double-bypass  engine  would  require  choking  the  auxiliary  and 
main  inlet  systems,  which  would  incur  added  complexity.  An  alternative  solution 
would  be  to  reduce  the  engine  airflow  to  the  normal  level  before  the  flyover 
point  is  reached. 
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CONCLUSIONS 

The  characteristics  of  axisymmetric  and  two-dimensional  inlets  with  col- 
lapsing  or  translating  centerbodies  have  been  compared  with  the  requirements  of 
variable-cycle  engines  with  constant-speed  or  inverse  throttle  schedules  and/or 
double-bypass  features.  The  following  conclusions  were  reached: 

1. An  engine  with a constant-speed  throttle  schedule  will  require a 
collapsing-centerbody  inlet  for  cruise  Mach  numbers  between  2.0  and 2.5. 

2.  An  engine  with  an  inverse  throttle  schedule  matches a mechanically  sim- 
pler  translating-centerbody  inlet. 

3.  If a total-pressure  recovery  of  0.98  is  assumed  at  takeoff,  the  larger 
airflow  of  the  double-bypass  engine  requires  the  airflow  of  the  auxiliary  inlet 
system  to  be  increased  from 100 percent  to  132  percent  of  the  main  inlet  air- 
flow. 

4. At  the  flyover  condition,  fan  noise  suppression  for  the  double-bypass 
engine  will  require  choking  both  the  main  and  auxiliary  inlet  systems  or  re- 
ducing  the  double-bypass  engine  airflow to the  conventional  engine  airflow  that 
can  be  supplied  by  the  main  inlet. 
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Figure 1.- Inlet concepts  for  use on supersonic  cruise  aircraft. 
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Figure 2.- Supersonic inlets with varying percentages of 
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Figure 3 . -  Effect of internal compression  on total-pressure  recovery 
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Figure 4.-  Effect of internal compression  on specific  fuel 
consumption at Mach 2 . 4 .  Reference sfc, 1.19. 
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Figure 5.- Airflow characteristics of variable-cycle engines. 
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Figure 6.- Transonic airflow matching of constant-speed throttle 
schedule and translating-centerbody inlet. 
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Figure 7.- Transonic airflow matching of inverse throttle schedule 
and translating-centerbody inlet. 
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Figure 8.- Variation of airflow with Mach number for translating- 
and collapsing-centerbody inlets. 
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CONTROL OF PROPULSION  SYSTEMS FOR SUPERSONIC  CRUISE  AIRCRAFT 

Kirby W. Hiller and Daniel I. Drain 
NASA Lewis Research  Center 

SUMMARY 

The unique propulsion  control  requirements of supersonic  aircraft are presented. 
Integration of inlet, engine, and airframe  controls is discussed. The application of 
recent  control  theory developments to  propulsion  control  design is described.  Control 
component designs  for achieving reliable,  responsive  propulsion  control a re  also dis- 
cussed. 

INTRODUCTION 

Propulsion  controls are  vital  to  the  successful functioning of supersonic  aircraft. 
As an example of what a  propulsion control is supposed to do, consider  the YF-12 air- 
craft shown in figure 1. The YF-12 employs  mixed-compression  inlets and afterburn- 
ing  turbojet engines. When the  aircraft is cruising  under  design conditions, the con- 
trol's job is to  operate  the  mixed-compression  inlet so that it produces high pressure 
recovery. The engine must  be  operated  under conditions of high efficiency while avoid- 
ing limits such as  rotor  overspeed and turbine  overtemperature. The control  must en- 
sure  stable  operation so that an atmospheric  disturbance does  not cause  the  inlet  to un- 
start.  Unstart is the phenomenon where  the shock pops out in front of the inlet and the 
pressure  recovery  drops. The control  also  has  to accommodate off-design operations 
like takeoff, climb,  descent, and landing. The control  must  balance high efficiency 
against  stability. For example, this kind of inlet  achieves its highest pressure recov- 
ery when it is just on the  verge of unstart.  Controls developments now underway may 
make it possible  to  ease  the  harshness of this compromise.  Thus, to a degree, we 
will be  able to  improve efficiency without losing  stability. 

As further background, consider  the  elements  that make up an engine speed con- 
trol (fig. 2). A commanded speed is fed  to a computer. There it is compared  against 
the  sensed speed.  The speed error  is determined by the  computer and used  to  drive 
an actuator - in  this  case,  the  fuel valve. The change in  fuel flow to  the  engine 
changes  engine  speed so as to  reduce  the  speed  error.  This is called a control loop; 
its components, the  computer,  the  actuator, and the  sensor,  appear  in  every  control 
system. Other control developments now in progress  are improving  the type of hard- 
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ware  that will  be used in these components. The simpler  notation  in  the  lower  part of 
figure 2 can  be  used  to  represent  the  control.  The hollow arrow  implies  that  several 
signals can  be  transmitted both ways. The  "controlrr box can  represent  several  control 
loops like the one above it. Even a simple  nonafterburning  subsonic  engine can employ 
as many as three  control loops. 

INLET AND ENGINE CONTROL  REQUIREMENTS 

Having established this background the  subject at hand, supersonic  propulsion con- 
trol, can now be discussed. An inlet  that mi&t be  used  in a supersonic  aircraft is 
shown in figure 3. It is an  axisymmetric,  mixed-compression inlet with a translating 
centerbody. The inlet variables that a control would manipulate are called out in the 
figure. Two main  inlet  control  variables a re  translation of the  centerbody and opening 
of the  bypass  doors.  Translating  the centerbody controls  the  strength of the  normal 
shock. Opening the  bypass  doors  controls  the  position of the  normal shock to a loca- 
tion  just  aft of the  throat. For takeoff and acceleration,  auxiliary flow doors might 
also be  used to increase  inlet-supplied  airflow (ref. 1). 

One type of advanced engine that  might  be used  in a supersonic  aircraft is shown in 
figure 4. It is the  Pratt & Whitney variable  stream  control engine (refs. 2 and 3). The 
temperature and velocity of the two streams are controlled independently. The engine 
variables  that a control would manipulate are variable  geometry  in  the fan and in  the 
core  compressor, two independently controlled  fuel  flows for the  main  combustor and 
two for  the duct  combustor.  Control of the  exhaust  nozzle would entail  actuation of 
four  items:  ejector  doors  (for  bringing  in  auxiliary  airflow),  the duct  nozzle, the  pri- 
mary nozzle, and a thrust-reversing  clamshell. The free-floating  divergent  flaps 
would not be controlled.  This adds up to 10 independently controlled  variables for  the 
engine and three  for  the  inlet.  Other  inlet and engine designs could involve more  vari- 
ables;  additional variables could include  turbine-outlet guide vanes, tip  clearance con- 
trols, and additional auxiliary air  intakes  for  the inlet. 

The features of this supersonic  propulsion  system  that  present unique control re- 
quirements a re   a s  follows: First, it is obvious that  the  number of manipulated varia- 
bles will be large. Also, the  mixed-compression inlet has  the  inherent  danger of  un- 
start. Economics would motivate us  to  operate the inlet with the shock well forward, 
near  the  verge of unstart. Coupling this  inlet  to  an augmented  bypass engine could 
permit an airflow  transient  to  propagate  forward  through the unchoked fan, resulting 
in  an  inlet unstart (refs. 4 and 5). Yet in a commercial aircraft a  violent inlet  unstart 
would be  very objectionable.  Also  the controls  must  operate  in a high-temperature 
environment. Taken tbgether,  these  features  imply  the need for some  important ad- 
vances in  propulsion  controls. 
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CONTROL INTEGR4TION 

The most  important  propulsion  control advancement occurring today is the  use of 
digital  control  computers.  Computers allow  us to  exercise  more complex control  laws 
and thus  to  more  closely  integrate  the inlet, engine, and airframe  controls.  Control 
integration is illustrated by figures 5 and 6. Figure 5 represents  the  separate  controls 
for the inlet (three  control loops)  and the engine (10 control loops). Most supersonic 
propulsion  controls transmit  some  coordination  signals between the  inlet and engine 
controls, as illustrated by the  lower  arrow  in  figure 6. Usually, these signals are 
simple  overrides. 

Some research  programs have carried  integration  past  the point of simple over- 
rides.  Figure 7 shows a mixed-compression  inlet/turbojet engine combination that  was 
investigated  at  the Lewis Research  Center. The inlet and engine were  operated  under 
computer  control (refs. 6 and 7). We found that if the  bypass  doors were open, spilling 
a lot of air, we could increase engine  airflow by uptrimming  engine  speed.  This  forced 
the  bypass doors to  close,  eliminating  bypass  drag and improving  cruise efficiency. 
Now we had two ways to  control shock  position and so could do it more effectively. In 
addition, the  problem of inlet-engine  matching was simplified.  Normally,  matching is 
done by building the  inlet  to  close  tolerances and then trimming  the  engine's  airflow on 
a calibration stand.  This automatic engine trimming  feature  has been incorporated in 
the  controls  for  the B-1 aircraft. 

Figure 8 shows another  inlet/engine combination investigated  at  the Lewis Re- 
search  Center, a  turbofan and a mixed-compression  inlet.  This model was operated 
under  digital  computer  control (ref. 5). It was the first time a  turbofan  and mixed- 
compression  inlet had been operated  together. We found that  inlet  operation is more 
sensitive  to engine operation with this kind of an engine. An afterburner lightoff can 
feed  forward through the unchoked fan  to  unstart  the  inlet  (refs. 4 and 5). However, 
the  afterburner  never  lights off without action  initiated by the engine control.  Thus, a 
simple  anticipator,  resetting  normal shock  position to a more aft location, could per- 
mit safe afterburner lightoff. This  inlet/engine combination did not present  insur- 
mountable interaction  problems. In steady  operation,  the  afterburner did not excite 
inlet  instabilities. However, we did  have to reset  inlet  operation  to  anticipate after- 
burner  transients. 

A further  step  in  integration  studies was the  Integrated  Propulsion  Control  System 
(IPCS) program (ref. 8). This was a  joint Air Force-NASA program involving the 
F-111 aircraft (fig. 9). One of the  inlet/engine  systems of an F-111 aircraft was  oper- 
ated  under  electronic  digital  control. Some of the important  aspects of the program 
are as follows: Inlet distortion was sensed on line by five  electronic  pressure trans- 
ducers. This distortion was converted  to a distortion index and used  to  control  the 
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opening of the  seventh-stage  compressor  bleeds. Opening the  bleeds  reduced  the  pres- 
sure  ratio of the  front  stages,  increasing  their  distortion  tolerance but reducing  overall 
engine  efficiency.  Using the distortion index to  operate  the  bleeds delayed their open- 
ing point to a higher Mach number. If both inlet/engine systems  had been  under  digital 
control,  the  cruise  range at Mach 2.2 would have  been increased by 16 percent (ref. 9). 

A  number of new control modes were  incorporated  into  the F- 111' s electronic  control. 
Two gave results of distinct  importance. By sensing  compressor  discharge Mach num- 
number, tighter  control of the  surge  margin was obtained during  acceleration. With 
the  tighter schedule, engine acceleration  time was shortened. On the  average,  accel- 
eration  time was  reduced by 26 percent. Also by including fan pressure  ratio  sensing 
and using  more complex  logic to  control  fuel flows to  the  afterburner  fuel manifolds, 
the  military  to maximum afterburning  transient  time could be  shortened. The transient 
time was reduced by 40 percent on the  average. 

ADVANCED CONTROL  THEORY APPLICATION 

In its ultimate  version,  integration of propulsion  controls will assume a form 
where a separate  inlet and engine control are  no longer identifiable.  This  integration 
will be facilitated by the application of advanced control  theory. The application of this 
theory  to an engine alone will take  the  form  illustrated  in  figure 10. Through a matrix 
of gains, every input will affect  every output to a greater or  lesser degree, depending 
on each  element of the  matrix. The resulting  control is termed a  "modernTf  control  to 
distinguish it from conventional control  designs  that would be  termed  ffclassical'f con- 
trols. 

Modern control  theory was developed to handle the  problems of systems with 
dozens of inputs  and  outputs,  such as  process  controls. It has  the following advantages: 
It is a  computer-aided  design  process. It results  in  controls  that  are optimal. A 
mathematically  described  performance index establishes  the  optimized  control gains. 
It is especially  suited  to  the design of multiloop controls. And, its use  eliminates loop 
interactions,  where  closing one loop destabilizes  another. 

One of the  most  thoroughly developed modern control  techniques is called  Linear 
Quadratic  Regulator  Theory, or  LQR (ref. 10). The term is derived  from  the  facts 
that  the  plant is assumed  to  be  linear and that  the  performance index uses weighting 
factors which give rise to  matrix equations  involving quadratic  forms. An  LQR- 
designed control  for  the F l O O  engine is being developed under a  joint Air Force/NASA 
contract. The design is to be evaluated at the  Lewis Research  Center on an F l O O  en- 
gine in  an  altitude tank (fig. 11). The engine will be  operated  under digital control 
from a computer  located  in  the  simulation  facility. At  the moment, we are  controlling 
a real-time  simulation of the F l O O  engine from  the  same  digital  control  computer  in 
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preparation  for  the  experimental  program (ref. 11). 

This  program is the first experimental application of  LQR theory  to a propulsion 
system. Its objective is to see if LQR can  be  adapted to  the  nonlinear  control  require- 
ments of an FlOO engine. To accommodate  the  nonlinear  effects, LQR designs for 
selected  operating points within the  flight envelope are stored  in  the engine controller. 
The control gains are blended between adjacent  operating points to  obtain continuous 
nonlinear  control. 

Of course,  the modern control  design technique is not limited  to  just one control 
at a time. As shown in figure 12, it can include the inlet, engine, and airframe con- 
trols in one formulation. As the  control  encompasses  more of the whole system, its 
advantages increase. If the FlOO program is successful, it may be expanded to  flight 
demonstrations of airframe/inlet/engine  controls. 

CONTROL  COMPONENTS 

Unique to  electronic  control is the  reliability  problem with ,electronic  hardware. 
Electronic  sensors and actuators  are  remarkably  less  reliable  than  older components 
like a  bellows  pushing on a lever.  Electrical  transmission of signals is prone  to elec- 
tromagnetic  interference, and electrical  connectors can  become unreliable  in humid o r  
salty  environments.  Electronic  controls  have  the  ability  to  process multiple signals, 
permitting  use of more  complex  sensors. Also the  digital  computer  needs  sensors and 
actuators  that communicate with digital  signals or  with something  like  frequency o r  
pulse width, where  counting or timing  can be used. These  characteristics of electronic 
control will give rise  to new control  sensors and actuators that a re  more  suitable  for 
use with electronic  propulsion  control. They will be  reliable, may provide  more com- 
plex input signals, and will communicate  digitally. We at Lewis and others are work- 
ing on these digital-  compatible  components (ref. 12). 

The reliability  problem of the engine-mounted electronic  cohtrol is illustrated  in 
figure 13. Mounting the  computer,  sensors, and actuators on the engine subjects  them 
to high temperatures and vibration  levels.  For  the  supersonic  aircraft  the engine com- 
partment  temperatures  will  be  higher and cooling fuel will be  hotter. One solution is 
presented  in  figure 14. Here two steps  are taken to  improve  reliability:  the  computer 
is off-engine mounted, and the  sensors and actuators employ fiber-optic  signal trans- 
mission,  wherein  signals are transmitted by light  via bundles of optical  fibers. Opti- 
cal signal  transmission  has been found to  be  immune to  the  problems of electrical in- 
terference  that plague electrical communications. The design of a fiber-optic- 
connected sensor is illustrated  in  figure 15. In the  digital  computer package would be 
a light  source and lens  system  to  illuminate  the  optical  fiber ends. Only rugged, pas- 
sive components would be mounted on the engine. The  mask, whose translation is the 
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variable  being  measured, would interrupt  the light beams  like an encoder mask. The 
receiver fibers would then  be  illuminated,  depending  on  the  mask  position. The output 
from  the  detectors would be a parallel  digital word that could be  used  directly by the 
digital  computer. 

Although the  thrust today is in  the  direction of greater controls  sophistication, an 
inescapable  limitation is the  speed of response of the  control  actuator. The bypass 
doors shown in  figure 16 would not be  able  to  compensate for disturbances having fre- 
quencies  higher  than 1 or 2 hertz even though a supersonic  inlet can  respond  to  distur- 
bances  having frequencies of 30 hertz.  The  stability of a supersonic  inlet can  be im- 
proved by using  self-acting  valves ahead of the  throat  that open in  response  to  the  pres- 
sure rise across the  shock. These  valves  can then  bleed a i r  out of the  inlet  in tandem 
with the  bypass  doors  in  order  to  draw  the  shock back to a stable location. This design 
is shown in greater  detail  in  figure 17. Here,  the  static  pressure behind the shock is 
higher.  This  higher pressure bleeds  into  the  chamber  under  the valve and forces  the 
valve  piston open. Air then  bleeds out of the  inlet,  stabilizing  the  position of the nor- 
mal shock. A system  like this was tested on a YF-12 inlet  in a Lewis supersonic wind 
tunnel (refs. 13 to 16). It extended the  frequency  range of disturbances  the  inlet could 
tolerate by a factor of more than 10. This is an  example of a technique that would per- 
mit  operating  at  higher efficiency without sacrificing  stability. 

C ONC LUSIONS 

In conclusion, it has been shown that  the  control  needs of supersonic  aircraft are 
significantly  more  stringent than those of subsonic  aircraft.  Controlling  the many 
variables involved will require a combination of sophisticated  digital  control com- 
puters, advanced-design control laws, possible  use of novel inlet bleed  valves, and 
reliable  digital-compatible  sensors and actuators.  Military and civil  programs will be 
advancing the  state of the art  in  these  areas. But these  programs should be watched 
closely and special  attention given to the  specific  needs of the  commercial  supersonic 
aircraft.  These  needs a re  likely to be  in  the  areas of mixed-compression-inlet  sta- 
bility,  controls for variable-  cycle engines, multivariable  control for an interacting 
inlet/engine/airframe  system, and high-temperature  control components. 
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Figure  1.- YF-12 a i r c ra f t .  
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Figure  2.- Elements of an engine  speed control 
system. 
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Figure 3. -  Supersonic,  mixed-compression inlet, showing 
c o n t r o l   v a r i a b l e s  . 
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Figure  4 . -  Supersonic   engine,   showing  control   var iables .  
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Figure 5.- Separate inlet  and engine controls. 

Figure 6 . -  Integrated  propulsion  control.. 
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Figure  7.- Mixed-compression i n l e t  and 585 
t u r b o j e t   e n g i n e   i n  10- by 10-foot  super- 
son ic  wind tunnel .  

F igure  8.- Mixed compress ion   in le t   and  TF-30 
t u r b o f a n   e n g i n e   i n  10- by 10-foot  super- 
son ic  wind tunnel .  
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Figure  9.- F-111 a i r c r a f t .  
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Figure  10.-  Modern c o n t r o l   t h e o r y   a p p l i e d   t o  an 
engine.  
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Figure  11. - FlOO e n g i n e   i n   a l t i t u d e   t a n k .  

F igure  12.- Modern c o n t r o l  of ‘overall system. 
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Figure  13.- Dig i ta l   e lec t ronic   engine   cont ro l   where   computer  
is mounted on  engine  and  cables  are used f o r  s i g n a l  
t ransmission.  
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Figure  14.- D i g i t a l   e l e c t r o n i c   e n g i n e   c o n t r o l  where computer 
i s  mounted o f f  of the   engine   and   f iber -opt ic   waveguides  
are used   fo r   s igna l   t r ansmiss ion .  
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Figure  15.- F iber -opt ic -connec ted   pos i t ion   sensor .  
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Figure  16.- Supersonic i n l e t  with active and   pas s ive   con t ro l s .  
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YF-12  PROPULSION  RESEARCH  PROGRAM AND RESULTS 

James A.  Albers  and  Frank V .  Olinger 
Dryden  Flight  Research  Center 

SUMMARY 

The YF-12 propulsion  research  program was initiated to contribute  to  the 
technology base  for  the  design of efficient propulsion  systems  for  supersonic 
cruise  aircraft.  The  research  has  been  directed  toward  the following areas of 
technology:  flight  instrumentation , propulsion  system  steady  state  performance , 
propulsion system  dynamic  performance , propulsion system  control , and 
airframejpropulsion  system  interactions.  This  report  discusses  the  objectives 
and  status of the  propulsion  program,  along with the  results  acquired  in  the 
various technology areas. The  instrumentation  requirements  for  and  expe- 
rience with  flight  testing  the  propulsion  systems  at  high  supersonic  cruise  are 
discussed.  Propulsion system  performance  differences  between  wind  tunnel 
and  flight are  given.  The effects of high  frequency flow fluctuations  (tran- 
sients) on the  stability of the  propulsion  system  are  described,  and  shock 
position  control is evaluated.  The  report  discusses  present  and  future  program 
plans  and  schedules. 

INTRODUCTION 

Supersonic  cruise  aircraft  require  propulsion  systems  that  operate effi- 
ciently  in  a wide range of altitudes  and  at  speeds from subsonic to high  super- 
sonic. To avoid penalties  in  engine  size , weight,  and  fuel  consumption,  the 
inlet must supply  air at maximum pressure and with minimum drag  and  inter- 
ference. The  inlet must also be able to match the airflow requirements of the 
engine  over  a wide range of flight  conditions. Optimizing an inlet  for  a  given 
aircraft mission requires an extensive  investigation of the  tradeoffs  between 
optimum inlet  performance  at  design  and  off-design  conditions. 

A first  step  in  the optimization of the  propulsion  system is an  analytical 
study of the  various  inlet  geometries  that match the  engine  requirements. 
Next,  wind  tunnel  tests of scaled models are  performed.  These  tests  are 
followed by  flight  tests. It is known that , in  general, wind tunnel  test con- 
ditions do not exactly  duplicate  flight  test  conditions  because  for  scaled models 
the Reynolds numbers  and  the local flow field do not always  correspond to 
those  experienced  in  flight. In addition, the  instrumentation location and 
geometry of wind tunnel models are difficult to match to those of flight  hard- 
ware. Because  the flight  hardware  and  its  expected  performance  are  deter- 
mined from scaled wind tunnel models , scaling  techniques  that allow subscale 
inlet  data to be  extrapolated to full-scale  flight are  necessary. 
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Many  of the  current  propulsion system problems of supersonic  cruise  air- 
craft  involve  inlet-engine  compatibility.  Insufficient  propulsion  system  stability 
margin  caused by instantaneous  pressure  distortion  has  been  and  continues to 
be  a  significant  problem. It is at  present not clear how the dynamic  data from 
model tests  should  be  used to predict  the  stability  margin of the  propulsion 
system in  flight. 

Another area of major concern to the  propulsion system designer is the 
prevention of inlet  unstarts , which  occur in mixed-compression  inlets when the 
terminal  shock moves out in  front of the cowl lip.  Unstarts  can  take  place 
when either  internal  disturbances or external  disturbances  occur  in  flight. 
New propulsion  control  concepts  are  needed to position  the  terminal  shock  in 
the  inlet  duct. At present, mixed-compression inlets  have  variable geometry 
features  that  are  programed  by  a  variety of engine , inlet,  and  airframe  varia- 
bles. For example,  in  the YF-12 inlet , variable  bypass  doors and a  spike o r  
ramp move as  functions of  Mach number , angle of attack, normal acceleration, 
and  angle of sideslip. New bleed  systems  and  shock position sensors may be 
required to improve  the  response of the  present  control  system. 

Experience to date with supersonic  cruise  aircraft  has  indicated  that  strong 
interactions  exist  between  the  propulsion  system  and  the  flight  control  system. 
These effects have  been  traced to the  porting of bleed  and  bypass flows over- 
board  around  the  nacelle.  This  porting  can  result  in  separated flow on the 
external  nacelle  and  in  the  base and  boattail  region  surrounding  the  engine 
exhaust.  Thus,  the  nacelle flow interactions of supersonic  cruise  aircraft 
require  further  investigation. An integrated  aircraft  control system is needed 
to minimize undesirable  interactions of the  inlet , engine,  and  airframe  control 
systems. 

The YF-12 propulsion  research  program  was  initiated to contribute to the 
technology base  for  the  design of efficient propulsion  systems  for  supersonic 
cruise  aircraft.  This  program is a  cooperative  effort among the  Dryden  Flight, 
Ames,  and Lewis Research  Centers.  The technology areas  include  flight 
instrumentation , propulsion system steady  state  performance , propulsion 
system  dynamic  performance , propulsion system  control , and  airframe/propul- 
sion  system interactions.  The  status of the YF-12 propulsion  program  in  the 
first  quarter of 1976 was  reported  in  reference 1. This  paper  updates  that 
report and gives some results  in  the  areas of technology  indicated above.  The 
paper  also  discusses  present  and  future  program  plans  and  schedules. 

SYMBOLS 
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circumferential  distortion 

radial  distortion 

free-stream Mach number 



m 0 

mcb/mO 

meng'mo 

mfwd/mO 

mst/mo 

PtO 

Pt2 max 

Pt 
2min 

r 

AW 

C 

wO 

Awdis 

X 

a 0 

P O  

0 

reference captive  mass flow 

centerbody  bleed mass flow ratio 

engine mass flow ratio 

forward  bypass mass flow ratio 

shock trap mass flow ratio 

inlet  local  total pressure 

free-stream total pressure 

average  compressor  face  total pressure 

maximum compressor face total pressure 

minimum compressor face total pressure 

change  in  static  pressure 

reference cowl lip  radius 

change  in  engine airflow 

reference airflow 

engine airflow decrement  due to distortion 

axial  distance  measured from spike  tip when spike is full aft 

local  angle of attack relative to inlet  centerline of symmetry 

free-stream  angle of attack 

local  angle of sideslip  relative to inlet  centerline of symmetry 

circumferential  angle  measured from vertical  centerline 
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OBJECTIVES AND APPROACH 

The principal  objective of the YF-12 propulsion  program is to  develop 
methods for  the  extrapolation of inlet  dynamic  performance characteristics 
from wind tunnel to flight.  This  involves  determining  the  sensitivity of the 
propulsion  system to such  variables  as  scale, Reynolds number,  and flow 
field  entering  the  inlet. The  inlet  configurations  and  facilities  used  for  this 
study  are shown in  figure 1. Reynolds  number  and scale effects  can be 
evaluated  by  comparing  1/3-scale  and  full-scale  inlet  test results. In addition, 
the effects of aircraft forebody flow field on inlet  performance can be evaluated 
by  comparing wind tunnel  inlet model data with flight results. By comparing 

be developed  that  permit  the  extrapolation of subscale  inlet dynamics to full- 
scale  flight , and  ways to use wind tunnel  results for the  prediction of flight 
performance  can  be  established. 

~ wind tunnel  and  flight  high  frequency  response data,  scaling  techniques can 

Another  objective of the  program is to determine  the  effects of high  fre- 
quency flow fluctuations  (transients) on the stability of the  propulsion  system 
and to evaluate new control  concepts  intended to  minimize these  effects. Wind 
tunnel models are  used to investigate  the effects of downstream disturbances 
on the  dynamics of the  propulsion  system  and to evaluate  various shock 
position controls  for mixed-compression inlets. Flight data can be  used to 
determine  the  effects of both  upstream  and  downstream  disturbances,  such  as 
free-stream  turbulence, on the stability of the  propulsion  system. 

Another objective of the  program is to investigate  the  causes of airframe/ 
propulsion  system  interactions  and to seek  ways to minimize these  effects. A 
control  system is being developed to optimize total  system  performance by  inte- 
grating  the  inlet,  engine, and aircraft  control  systems. 

Other  objectives of the  program  include  the  determination of the  oper- 
ational range of the inlet for various geometries  and flow conditions , the 
development of high  temperature  pressure  sensors and other  instrumentation 
for propulsion  system  testing, and use of the YF-12 airplane  as  a  test  bed 
for  the  investigation of new propulsion  system  concepts , such  as  the  turbofan 
ramjet and  variable  cycle  engine. 

YF-12 PROPULSION SYSTEM  DESCRIPTION 

The propulsion  system of the YF-12 airplane  (fig. 2)  consists of an axi- 
symmetric  mixed-compression inlet  (fig. 3) and  a J58 afterburning  turbojet 
engine which exhausts  through  a  convergent-divergent blow-in-door ejector 
nozzle.  The  inlet  has  a  translating  spike and uses a  system of rotating  for- 
ward  and aft doors to control  airflow.  Throat  bleed is provided  by  a  porous 
slotted  section on the  spike and a combination flush slot  and ram scoop on the 
cowl  commonly referred to as  a shock trap. The  spike  bleed  air is ducted 
through  struts and overboard  through fixed louvers. The  shock trap  air is 

420 



ducted  aft  through  the  forward  bypass plenum by the  shock trap  tubes and 
then  ducted  around  the  engine to the  ejector  nozzle. Each engine  has  a nine- 
stage  single  rotor  compressor which is driven  by  a two-stage turbine. The 
main burner  consists of an  eight-can  combustor.  The  engine is equipped  with 
a  fully modulating afterburner.  The  primary nozzle area is variable and is 
used to maintain the  desired  engine  speed for  both afterburning and  nonafter- 
burning  operation. A more detailed description of the  propulsion system and 
instrumentation is given in  reference 2 .  

INSTALLATION OF FLIGHT  INSTRUMENTATION 

Inlet  performance  measurements on the YF-12 inlet  rely  primarily on pres- 
sure measurements.  Steady  state  measurements  can  be  used to evaluate  the 
overall performance of the  propulsion  system.  Considerable  interest  has  devel- 
oped in  recent  years  in  inlet-engine  compatibility,  scaling effects , and  the 
evaluation of inlet  transient  performance. High frequency  response  pressure 
measurements are most useful  for  investigating  these  aspects of propulsion 
systems. 

Installing the two types of transducers  used  in  the YF-12 flight program 
(fig. 4) is difficult  for several  reasons. The size of the  steady  state  (less 
than 100 Hz) transducer, although much greater  than  that of the  high fre- 
quency  response  transducer, is not necessarily  a problem because the space 
between  the internal  and  external  skins of the  inlet is adequate  for mounting 
purposes  (fig. 5 ) .  However , attaching  the  tubing  for  the  transducers at a 
static  pressure  port  requires  access to both sides of the  internal  skin, and 
this  requires the removal of large  portions of the  external  skin.  Furthermore, 
not all of the internal  skin of the  inlet can be  exposed,  and  this makes access 
to these  areas  difficult. I 

Most  of the  measurements used to evaluate  inlet  performance are made in 
the  throat  region.  Structurally , this  region is complicated by  provisions  for 
the  throat  bleed  and  bypass airflows , which are needed to control  the  position 
of the  terminal shock wave.  Experience with the YF-12 airplane  has shown 
that  the  throat  region is one of the most difficult to gain  access to for instru- 
mentation purposes. 

The  smaller  size of the  high  frequency  response  transducer shown in 
figure 4 allows the transducer to be close  coupled  to  the measurement location. 
'This  transducer  has  been  used  for both static  and total pressure measurements. 
,Figure 6 shows  the  total pressure  rakes  installed  at  the  compressor  face.  The 
transducers  are mounted in the rakes, and  the pressure and  signal  lines  are 
routed  into  the  centerbody. The lines  are  then  collected, forming  a bundle 
which is routed  through  the  struts, airflow passages , and part of the  wing, 
where  it  finally  terminates  in  a cooled bay. A schematic of the  installation is 
shown in  figure 7 .  Approximately 10.7 meters of line  are needed  to reach  the 
signal conditioning units  and  data  acquisition  system , which must be  kept  in  a 
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temperature-controlled.  environment.  Because  connectors are  sensitive compo- 
nents, they are located in open areas  and  the  number of connectors  has  been 
minimized. Three  connectors  were  used for the YF-12 application , one  close 
to the  transducer  and  the  other two in the  wing  bays.  The  routing shown in 
figure 6 also  typifies  the  steady  state  transducers. Much  of the  wire  routing 
requires  working  blind. In some parts of the  inlet  it  has  been  necessary to 
cut holes in  the  structure to  accommodate the  instrumentation,  but  this  proce- 
dure should be avoided if possible to maintain the  structural  integrity of the 
inlet. 

PROGRAM RESULTS 

Propulsion System Steady  State  Performance 

Many steady  state wind tunnel  and  flight  data  have now been  obtained with 
the YF-12 inlet.  The approximate  number  and location of the pressure  sensors 
are shown in  figure 8.  The  steady  state  data  include measurements of pres- 
sure  recovery , airflow (bleed,  bypass , and engine) , compressor  face  distortion 
duct  static  pressure , inlet  control  duct pressure , and  boundary  layer  pressure. 

Wind tunnel  and  engine  calibration  results .-A 1/3-scale model of the YF-12 
inlet was tested  at Ames in the  Unitary  Plan Wind Tunnel at Mach numbers from 
0 . 9  to greater  than 3 . O  and  at  Reynolds numbers  based on the cowl lip  radius 
between 1 . 2  X 10 and 4 . 0  X 10 . The aircraft's  internal  inlet geometry was 
completely simulated from the  centerbody  tip to the  engine  compressor face, 
including  the  variable  forward and aft bypass  doors  and  the  centerbody  and 
cowl bleed systems. The basic  data  are  presented  in  references 3 and 4 .  

6 6 

A full-scale  flight  inlet was tested  in the Lewis l@'xlO' Supersonic Wind 
Tunnel at Reynolds numbers  based on the cowl lip  radius between 2 . O  X 10 6 

and 4 . 2  X 10 . The wind tunnel  installation is described  in  detail  in  reference 
and  the  results  are  given  in  references 6 and 7 .  

6 

As part of the effort to obtain accurate airflow measurements in  flight, an 
engine airflow calibration was performed  at the Lewis Research  Center's  Pro- 
pulsion  Systems  Laboratory (ref. 8) . The engine  that was installed  in  the 
aircraft was calibrated with distortion  screens , which  produced  distortion 
patterns  that simulated  flight  conditions.  The engine airflow decrement  due to 
distortion was obtained  by  comparing  this  calibration to the airflow character- 
istic  curve  that  represented an average  engine with no distortion  (fig. 9) . A 
decrement of up to 4 percent  in  corrected  engine airflow was  obtained  for  a 
corresponding  typical maximum-minus-minimum distortion  level of 20 percent. 
This  indicates  that  engine  calibrations  should  be  performed  in  ground  tests wit 
and without distortion  screens to obtain accurate airflow measurements in flighl 

The  local flow conditions  at  the  inlet  plane in flight must be known in 
order to match  them with wind tunnel  conditions. Wind tunnel  tests of a 
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l/la-scale model of the YF-12 aircraft  were conducted in the Ames Unitary  Plan 
Wind Tunnel to investigate local Mach numbers, total pressures,  and flow angles 
for  various  free-stream Mach numbers,  angles of attack,  and  angles of sideslip 
(ref. 9 ) .  The local flow angles and Mach numbers  are  illustrated  in  figure 10 
at  a  free-stream Mach number of 2.75. The flow angles  are  presented  as  vec- 
tors, with  the origin of each  vector  the  point  where  the  data  were  recorded. 
The vector is the  resultant of the local flow angles, a. and Po, relative to the 
inlet  centerline of symmetry.  The  lengths of the  vector  represent  the magni- 
tude of the  resultant flow angle.  Figure 10 (a)  indicates  that  the local flow 
changes from predominantly downwash at  the low angles of attack to predomi- 
nantly  upwash  at  the  higher  angles of attack. In addition,  there is a compo- 
nent of crossflow from outboard to inboard  throughout  the  angle of attack range. 
Figure 10(b) indicates  an  increase  in local Mach number  gradient  across  the 
inlet  plane with an  increase  in  angle of attack. The Mach number gradient is 
as  high  as 0.14 at an angle of attack of 7 . 4 O .  The  nonuniformities in  inlet 
flow field and local Mach number, which are caused  by  the  aircraft's  fore- 
body, could cause  differences  in  the  performance of the  inlet  in  the wind tunnel 
and  in  flight. The wind tunnel  test conditions correspond to  the  average of 
the  flight  test  conditions at the  inlet  plane. 

Flight test  results .-Inlet performance  was  investigated in flight  at  Reynolds 
numbers  based on the cowl lip diameter  between 1 . 9  X 10 and 8 . 5  X 10 for 
various flight conditions and inlet  geometries.  The  flight  conditions  tested  were 
Mach number,  angle of attack, and  angle of sideslip. Inlet geometry was varied 
by  changing  the  position of the  forward  bypass  doors,  the  aft  bypass  doors, 
and  the  spike. The effects of these  variables on pressure  recovery , distor- 
tion,  airflow, and  shock  position  were investigated. 

6 6 

The pressure  recovery and  distortion  at  the  compressor face are shown in 
figure 11 for nominal operating  conditions. Pressure  recovery  varied from 
97 percent at high  subsonic Mach numbers to approximately 76 percent for 
supersonic conditions . Radial distortion (KRAD) and  circumferential  distortion 
(KB) generally  increased with Mach number. At low  Mach numbers  distortion 
was essentially  radial. At higher Mach numbers,  however,  circumferential 
distortion  predominated.  The  high  levels of distortion are  due  primarily to 
flow angularity  at the  inlet  face.  Distortion  patterns  at  various  inlet  conditions 
are  discussed  in  detail  in  reference 10. 

To illustrate the effects of airflow on inlet  flight  performance,  various 
,inlet airflow components are shown in  figure 12  for  a  free-stream Mach number 
Of 2.8. A s  the  forward  bypass  doors close  and  the  forward bypass mass flow 
ratio  decreases , the  engine mass flow ratio and recovery  increase. The  shock 
trap  and  centerbody  airflows, which  account  for  approximately 5 percent  and 
3 percent of the  captured mass flow , respectively, do not change  during  the  test. 

The location of the  terminal  shock in the  inlet  duct  can  have  a  significant 
effect on the  quality of  flow entering  the  engine.  The  circumferential  varia- 
tions of shock  position  for three  duct  pressure  ratios  are shown in  figure 13. 
Duct pressure  ratio is the  control  parameter  used to control  shock  position. 

4 2 3  



The  peak static  pressure  turbulence  level  in  the  throat  was  used  as  the  indi- 
cator of terminal  shock  position.  The figure  indicates  considerable  skewing 
of the  terminal  shock  within  the  inlet.  The  largest  shock movement due to 
changing  the  duct  pressure  ratio  occurred on the  inboard  side of the inlet, 
with little or no movement occurring on the  outboard side.  Increasing the 
duct pressure  ratio  caused  the  inboard  side of the  terminal  shock  wave to 
move ahead of the geometric throat.  The  skewing of the  terminal  shock is 
influenced  by  the Mach number  gradient  and  the flow angularity ahead of the 
spike  (fig. 10) .  The  sensitivity of the  shock to these  variables  indicates  that 
inlet  orientation is critical  in maximizing inlet  performance  for  a  supersonic 
cruise  aircraft. 

Wind tunnel/flight  comparisons .-Every attempt  was made  to  match the flow 
conditions  and  inlet  geometry  for  the wind tunnel  and  flight tests.  Usually, 
one or  more of the  variables (Mach number,  angle of attack,  angle of sideslip , 
bypass  airflow,  spike  position, and engine  airflow) could be matched,  but 
matching all  the  variables was almost impossible.  Preliminary  comparisons 
indicated some differences between  the wind tunnel  and flight parameters,  such  as 
engine  and  centerbody  airflow (ref. 11). More recent  comparisons  also  illustrate 
the  differences  between  1/3-lscale , full-scale, and flight data  (fig. 1 4 ) .  The  engine 
mass flow ratios  obtained from the  1/3-scale  and  full-scale tests, which agreed, 
differed  significantly  with  the  ratio  obtained  in  flight.  The  centerbody  mass flow 
ratios obtained  from all  three  sets of data (1/3 scale,  full  scale, and flight) differed 
widely. The differences between  the wind tunnel and  flight  data could exist  as 
shown in  figure 1 4 ,  or they could be  due to unmatched inlet  parameters. 

To separate the two effects,  a multiple regression model based on a  least- 
squares  criterion of  YF-12 inlet  performance  parameters was derived from the , 
full-scale wind tunnel  data.  This model provided  a way  to derive wind tunnel 
data for inlet  conditions  that matched the  flight  conditions.  The  multiple 
regression model gives  equations  (linear o r  noclinear) of the  dependent  inlet 
performance variables in terms of the  independent  variables of the flow condi- 

i 
flow ratio, duct pressure  ratio,  percent  forward  bypass door opening,  engine 
tions  and  inlet geometry.  The  dependent  variables  are  forward  bypass mass 

position , angle of attack,  angle of sideslip,  corrected  engine airflow , and com- 
compressor face distortion.  The  independent  variables  are Mach number , spik 
mass flow ratio, shock trap mass flow ratio,  centerbody mass flow ratio,  and 

pressor face recovery. A comparison of this model with the  1/3-scaleY  full- 

the corresponding matched condition) with 1/3-scale , full-scale, and  flight 
scale, and  flight  data is shown in  figure 15. A comparison of the model (for 

data indicates no difference  in  the  engine mass flow ratios  found;  however,  there 

figures 14  and 15 indicate  the  need to compare wind tunnel  and flight data  at  condi- 
are some differences  between  the  centerbody  mass flow ratios.  The  results  in 

tions  that are actually matched (by using  a common basis  for comparison like  a 

parameters  are  real. 
multiple regression model) to determine  which  differences  in  inlet  performance 

To sort out the differences between  the  wind  tunnel  and  flight  data for all 
the  inlet  performance  parameters, the statistical  technique  called  analysis of 
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?ovarianee was  then used.  Analysis of covariance  uses  residuals (model- 
lredicted  minus  actual)  for  both wind tunnel  and  flight  data and considers  the 
iombined effect of all the performance  parameters. By using this analysis  one 
:an determine  whether  a  statistical  difference  exists  between  1/3-scale,  full- 
cale, and  .flight  data. When all the  performance  parameters  were  considered 
agether, an  analysis of this  type  indicated no difference between the  1/3-scale, 
dl-scale, and flight data.  The  data  are  being examined further to investigate 
iifferences  in  the  individual  variables. 

Propulsion System Dynamic Performance 

Wind tunnel  results .-Large amounts of dynamic pressure data were  
cquired from 1/3-scale  inlet  tests  at Ames and full-scale  flight  inlet  tests  at 
lewis.  The  1/3-scale  data  included  data from a 40-probe total pressure  survey 
t the  engine  face,  duct wall static pressure  measurements, and  bounday layer 
Dtal pressure measurements (fig. 8).  A statistical  analysis of some of these 
lressure data is given in reference 1 2 .  This  study  includes  probability  density 
nd power spectral  density  curves  but  does not include  instantaneous  distortion 
alculations . 

Dynamic pressure data from a  full-scale  flight  inlet  were  obtained  at  Lewis. 
'he pressure data included data from a 24-probe total pressure  survey at  the 
ompressor  face.  The  number of measurements  and  the measurement locations 
!ere identical to those  used  in  the  flight tests.  These data were  recorded on 
lagnetic  tape for comparison with the dynamic data to be obtained in the  flight 
2StS. 

Flight  test results. -A significant  aspect of mixed-compression inlet  perfor- 
lance is the response of the  inlet to transients. The effects of several  types 
f transients  have  been evaluated in  flight. The  evaluation  included  an inves- 
igation of the effects of deliberately  induced  unstarts and  compressor  stalls 
nd also the effects of the wake of a  passing  supersonic  aircraft. 

A typical  inlet  unstart is shown in  figure 16. The  unstart was intentionally 
iduced by slowly closing  the  bypass  doors,  forcing the  terminal  shock  wave 
ut of the throat. A s  the unstart  begins,  pressures downstream of the  throat 
rop  rapidly, while those  upstream of the  throat  increase. It takes about 0 . 0 1  
econd for the shock to  move all the way  to the spike  tip. The inlet  control 
ystem then  opens  the  bypass  doors and translates the spike  forward to restart 
ie  inlet. The restart  occurs 0 .5  second after the unstart. The unstart  tran- 
ient  produces  large  airplane  rolling and yawing moments and  should be avoided 

possible. 

In order to define  the maximum pressure  in an inlet  duct,  a  stall was in- 
uced in  flight at high  supersonic  speeds  by  closing the manual bleed on the 
mrth  stage of the compressor. Duct maximum pressure  is extremely  important 
:)r the  definition of the  inlet  structural load requirements. A typical com- 
ressor  stall time history is shown in  figure 17 .  The  compressor  stall affects 
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the  static  pressures  at  the  compressor  face  first, and then,  as the  shock  pro- 
pagates  forward  in  the  inlet,  the  static  pressures  upstream of the  compressor 
face.  The  induced hammershock results  in  a  considerable  duct  static  pressur: 
rise,  as  indicated  by  figure 17.  As shown in  figure  18,  the maximum nor- 
malized increase  in  pressure  occurs  in the  inlet  throat.  The  increase  in  pres 
sure  varies  throughout  the  inlet  duct  because of the  inlet's  area  variation. A 
limited quantity of flight  data is now available for  comparison with analytical 
and  semiempirical  prediction  techniques. 

Two  YF-12 airplanes w,ere flown simultaneously in late 1975 to provide  a 
chase  situation  for  an  experiment  being  tested on one of the  airplanes.  Thesr 
flights  provided  an  opportunity to investigate  the effects of passing  aircraft 
wakes on inlet  performance. The instrumented  inlet of the  chase  airplane was 
used to probe  the wake of the  lead airplane. The maneuvers  were  performed 
with the two aircraft approximately 164 meters  apart  at Mach 2 - 5  and  at an 
altitude of approximately 1962 meters.  The  chase  aircraft  accelerated  and 
decelerated  in  such  a way as to cause  the bow shock wave of the  lead airplan 
to pass  across  the  chase  airplane  at  least  twice.  The pilot reported  that  the 
disturbances  caused  by  passing  in and out of the  wake were mild and  that no 
unstarts  occurred. The pressure fluctuations  measured at the  nose boom  of  tl. 
chase  airplane  were  small. The  inlet  control  system  did not respond to the 
disturbances  because  they  were of such small  amplitude  and short  duration. 
The  free-stre'am disturbances had no detectable effect on the  high  frequency 
response  pressure measurements in the inlet. 

A significant  problem  in  engine  development is the  provision of a sufficic 
stability  margin to allow for dynamic pressure  distortion.  Current methods i 
determining  the  stability margin require  extensive  testing with a 40-probe r a  
at the  engine face to insure inlet-engine  compatibility,  and  this  testing is hi$ 
complex and  costly. An alternative,  less  expensive method for  determining 1 
extreme values of instantaneous  inlet  distortion is proposed  in  reference 13. 
This method estimates maximum instantaneous  distortion from the  steady  state 
root mean square (rms)  and  power spectral  density  (psd) measurements of 
only  a few compressor face  total pressures.  This method has  previously bee 
applied  only to a  limited amount of wind tunnel  data. In figure  19,  the valul 
of  maximum instantaneous  distortion estimated  with this method using  data frc 
only six  pressure  probes  are compared with the  values obtained by  using all 
24 probes  in  the  rake  array. In general,  the  agreement between predicted 
and  measured  values of instantaneous  distortion is excellent. 

Wind tunnel/flight comparisons .-The 1/3-scale,  full-scale,  and  flight  dat 
are  being  digitized  and  distortion  parameters  are  being  calculated  for selectec 
wind tunnel/flight match points. The  effects of filters,  record  length, engine 
rake  configuration,  boundary  layer  rakes,  and  distortion  indexes  are  being 
investigated.  The  statistical  characteristics of distortion  indexes  are  being 
calculated to establish dynamic scaling  laws  for wind tunnel-to-flight correla- 
tions. 
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Propulsion  Controls 

A rather extensive wind tunnel  inlet  control  program  has  been  performed 
t Lewis to support  the  overall YF-12 effort.  This  program  included  a  study 
f normal  shock  and duct  pressure  dynamics,  the  digital implementation of the 
ctual  inlet's  forward  bypass  control  system, the  shock  position sensors,  ex- 
erimental  shock  position  controls,  and  the  throat  stability  bleed  control  system. 
.n engine  temperature  control  system  called  a  turbine  inlet  gas  temperature 
TIGT) control  system  was  evaluated in flight.  The  standard  forward  bypass 
oor control  system  was used  during  flight  tests. 

Wind tunnel  test  results .-Open  loop dynamic wind tunnel  data  are  given 
i reference 14, which evaluates  the  response of the  flight  inlet to internal 
irflow disturbances. A comparison of these wind tunnel  data with  a one- 
imensional dynamic model of the  inlet is shown in  figure 2 0 .  The dynamic 
iodel is discussed  in  reference 15 ,  and  the  analysis is extended  to  upstream 
 OW field  disturbances  in  reference 1 6 .  An examination of the  figure  indicates 
1st phase  agreement is excellent  and  that  amplitude  agreement is reasonable. 
'hese  examples are typical of the  agreement  between  the  analysis  and  the 
xperimental  data. 

The  full-scale YF-12 flight  hardware with the  duct pressure  ratio  inlet 
ontrol system was tested  in the Lewis wind tunnel (ref. 1 7 ) .  The digital 
nplementation of the  inlet  control  system is shown in  figure 2 1 .  Tests con- 
isted of open loop and  closed loop frequency  responses  and  step  transients. 
'his  investigation  demonstrated  that  a  digital computer could be  used to 
nplement all the schedules and meet all the other  requirements of an  actual 
ircraft inlet  control system. The  data  obtained from these  tests, which  had  a 
uct pressure  ratio  control  system,  served  as the baseline for comparison with 
ther shock  position  control systems. 

Various  shock  position sensors  were  tested  in  the wind tunnel. One  of 
lose  tested was a  continuous-output  shock  position  electronic sensor  (ref. 1 8 ) .  
'he frequency  response of this  sensor is shown in figure 2 2 .  The  response 
4 excellent out to a  frequency of 60 hertz. However, this  sensor may be 
ifficult to incorporate  into  the  hardware  for the  inlet  control,  since  it requires 
everal  pressure  transducers to determine  the  terminal  shock  position  over  an 
perational range. 

Results from frequency  response and transient  testing of various  experi- 
lental  shock  position  control  systems are given in  reference 19 .  For this 
westigation, optimal fixed form shock  position controllers of the  proportional- 
lus-integral form were  used. One of the  experimental  controls  used  the  shock 
osition sensors  described  in  reference 18 for the  feedback signal. Both 
ngine  speed and  forward  bypass door  position were  used to control  shock 
osition. Although the optimal controllers  gave  better  response  than  the  air- 
raft's  inlet shock  position control,  the system  was limited by  the  response of 
le  forward  bypass door hardware. 

One means 'of providing  a  greater  stability  margin for  the  control of shock 
osition is to make the  throat  bleed function as a  throat  bypass  by  regulating 
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the  bleed plenum exit  area. A throat  bleed  control system of this  type was 
designed  for  the YF-12 aircraft (fig. 23) and  demonstrated in the wind tunnel 
at  Lewis. In this  system,  bleed airflow is removed through  a  porous  bleed 
region  just  ahead of the  inlet shock trap. Two circumferential  rows of mech- 
anical  relief  valves  control  bleed plenum exit  area and hence  bleed  airflow. 
The  valves,  instead of being actuated directly  by  the  bleed plenum pressure, 
have  a  shield  and  duct  to  sense  an  actuating pressure. Such an arrangement 
provides  better  valve  response to airflow disturbances  for  this  application. 
The effects of downstream disturbances on the  bleed system are given  in  refer- 
ence 20.  Although limited results of external effects are given in  reference 20, 
such  effects can best  be  investigated  by flight testing. A comparison of the 
response of the  standard  forward  bypass  control with  that of the  forward  by- 
pass  control modified with these  stability  valves is shown in  figure 24. For 
low airflow disturbance  rates  (less  than 5 percent  per  second)  the  standard 
inlet  unstarts with a  10-percent  change  in  airflow.  The  stability  valves  pro- 
vide  a  considerable  increase  in  stability  margin, with a 20-percent  change in 
airflow necessary to unstart  the  inlet for  the range of airflow disturbance  rates 
tested. 

Flight test  results .-A turbine  inlet  gas  temperature  control system  was 
designed and  developed for the 558 engine and flown  on the YF-12 aircraft. 
This  control  system  has  a  high  response  fluidic  sensor in which  output is fed 
to the  standard 558 exhaust  gas  temperature (EGT) controller  (ref. 2 1 ) .  

The  fluidic  temperature  sensor  accumulated  approximately 100 hours of 
flight time in the range of 1200 kelvins and 1500 kelvins. The sensor was 
subjected to the  full  range of operational  environments,  including  unstarts and 
throttle  transients. In addition, the signal from the  fluidic  sensor was used for 
closed loop control of the  engine  temperature for approximately 2 hours  during 
the  flight  testing.  The closed loop tests  were conducted only for steady  state 
conditions,  since the  system was not optimized for  controlling  the  engine tem- 
perature  throughout  the  full  range of the  flight  environment. The sensor 
operated  as  predicted  by  the  ground  tests  reported  in  reference 2 2 ,  and visual 
inspection of the  sensor following the  flight  tests  revealed no deterioration. 

Airframe/Propulsion System Interactions 

A s  part of the YF-12 performance  and  propulsion  program,  a limited amouni 
of information was obtained on nacelle flow interactions to lay  the  groundwork 
for future  flight  testing. 

Wind tunnel  test  results .-Wind tunnel  tests of a 1/12-scale model were  run 
at Ames, primarily to obtain  force data. A limited number of surface  static 
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messure measurements were obtained during  these  tests.  The  pressure  ori- 
lces  were  installed on the left wing  and nacelle,  and  measurements  were made 
vith various  bleed flows through the  forward  bypass  and  centerbody  bleed 
ouver s . 

Subsequent  testing  was  done with the same model to obtain  loads data. 
'Iany additional pressure orifices  were  installed  for  those  tests.  Extensive 
iata were obtained  throughout  the Mach number range  and  for  various  bleed 
lows. In addition,  data  for  started and unstarted  inlet  conditions  were 
-ecorded . 

Flight  test results .-To obtain an understanding of the complex flow 
rouEd the YF-12 inlet in flight,  tufts  were placed on the  inboard  upper and 
3wer quarters of the  nacelle (ref. 23). High-speed  cameras were  used to 
ilm the flow patterns  revealed  by tuft movement and  direction. Flow patterns 
rere obtained for a  wide  range of flight  conditions.  The effect of forward  by- 
lass  door  position on the local flow around  the  upper  surface of the  nacelle 
9 shown in  figure 25. Three  general  types of  flow could be  observed from 
he activity of the tufts. In steady flow,  the tufts  were  nearly motionless 
nd  lay  close to the surface. In unsteady flow , the tufts oscillated  slowly, 
Tith small angles of movement. In turbulent flow , the tufts  oscillated  rapidly , 
rith large  angles of movement. Figure 25 (a) shows the  nacelle flow with the 
xward  bypass door closed. The surface flow downstream of the top bypass 
xit on the upper  nacelle  was  generally  turbulent. When the doors  were 
pened 20 percent  (fig. 25 (b ) )  , an area of lateral  and  reverse flow appeared 
pstream of the topmost door. However the bypass flow apparently  injected 
nough energy into the boundary  layer to eliminate flow separation downstream 
f the  exit. When the bypass  doors  were 70 percent open (fig.  25(c)) the 
low downstream of the top exit remained turbulent or became separated  despite 
ne strong flow through  the  exit.  This  study  indicates  that the  exit louvers 
hould be  designed to minimize separated flow regions on the  nacelle in  order 
3 minimize external  drag. 

Program  Plans and Schedule 

The present YF-12 propulsion  program  (table I) includes  plans to complete 
ze flight  testing  being done to obtain compressor  face  and  duct dynamic data. 
'hese  flights, which began  in mid-1976, are  being  performed  primarily for 
latching wind tunnel  test  conditions and for inv-tigating  the effects of tran- 
ients on inlet  performance. In addition, dynamic data are to be obtained  for 
westigating  the effects of free-stream  turbulence. The propulsion program is 
) be followed by  a  cooperative  airframe/propulsion  control system program, 
.hich is to be  concurrent with flight  tests for evaluating  advanced shock 
ensors and  nacelle flow interactions. 

Compressor face and duct dynamics .-The objectives of the  compressor 
.ce -=d duct dynamic pressure flight  tests  are to obtain dynamic pressure 
ata with the  flight  and  inlet  parameters matched with wind tunnel  settings. 
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The  flight  and  wind  tunnel  data are to be compared to establish dynamic dis- 
tortion  scaling  laws. In addition,  the dynamic pressure instrumentation  should 
provide  data  for  evaluating  inlet  transients,  such  as  unstarts.  The dynamic 
data are to be  used to  evaluate  the  causes  and  effects of the  inlet transients, 
and  the results  are to be compared with analytical  prediction  techniques  for 
aircraft  stability  and  control. The  dynamic pressure measurement instrumen- 
tation includes 24 compressor  face  total pressure  sensors and 40 duct  static 
pressure  sensors with frequency  responses from steady  state to 500 hertz 
(fig. 8) . 

Atmospheric  effects .-Some flight  tests  are to be made to measure  and 
evaluate  the  effects of atmospherically  induced turbulence on the  dynamics of 
mixed-compression inlets. A gust  probe is to be .installed on the  nose boom 
of the YF-12 airplane, and  measurements of the  free-stream  turbulence  are to 
be  correlated with  the  dynamics of the  inlet flow (including  boundary  layer 
measurements in the inlet). Data  from these  flight  tests  should  be  valuable 
for the  determination of realistic  inlet  control  design  criteria  and  for compar- 
ison with inlet  performance  predictions. 

Cooperative  control  .-Strong interactions between  the airframe  and  the 
propulsion  systems of supersonic  cruise  aircraft  can  cause  significant  penalties 
in  terms of performance,  range,  fuel  consumption, and structural  weight. The 
development of an integrated  control system  that maximizes favorable  inter- 
actions  and minimizes unfavorable  interactions is a complex control  problem. 
Recent innovations in flight-qualified digital  computers make  them ideally 
suited  for  this problem because of their  speed  and  accuracy  and  because  digita 
control is so flexible. 

The  cooperative  control  program  planned  for  the YF-12 airplane  utilizes 
the  integrated  digital  control concept and is to be flight  tested  in two phases. 
The purpose of the  first  phase is to validate  the  hardware  and  software 
required to convert  the  existing analog  systems to digital  control.  The 
systems to be  converted  are the  autopilot, air data  system,  inlet  control  syste 
and autothrottle. In the  second phase,  these  systems  are to be  integrated an( 
new control  laws are to be developed using optimal as well as  classical contrc: 
methods. A complete description of this  program is given  in  reference 2 4 .  

Advanced shock  sensor .-In current  inlet  control  systems,  terminal shock 
wave position is inferred from,a duct pressure  ratio  that is independent of 
altitude  effects.  However,  the  value of the  duct pressure  ratio  reference 
must be  scheduled to accommodate various  operating  conditions.  Sensing  the 
shock  position directly would be  advantageous  because  it would  allow closed 
loop control of the shock  position or  other  primary  variable, eliminate  the 
need for normalized signals, lead to tighter  control with potentially higher 
inlet  recovery, and  eliminate or greatly simplify schedules. 

Studies. are now being made  to evaluate  various logic schemes for detectin 
shock  position from static  pressures  measured  in  the shock operating  region. 
The schemes  could be implemented on the aircraft  by  using  instrumentation 
already  available  and  the  cooperative  control  computer.  Alternatively,  data 
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could be  recorded  during  flight  tests  for evaluation in a  ground-based  facility. 
Digital pressure  transducers  using  fiber-optic technology should  ultimately 
replace conventional transducers. Digital fiber-optic  devices are  attractive 
because  they are  passive  and  because  signals  are  transmitted  as  light (on or 
off) to electronics mounted off the  inlet. In addition,  the  use of fiber-optic 
cables eliminates electrical  wiring  and  the  associated  electrical  noise. A 
device  using  digital  transducers and  the  logic  indicated by wind tunnel and 
bench  tests is then to be evaluated on the YF-12 airplane. The  flight  testing 
should  determine  the accuracy  and  reliability of the  approach  in  the  flight 
environment. If successful,  the  device could then be  used for control  pur- 
poses. 

Nacelle flow interactions .-Bleed and  bypass airflows that  are dumped over- 
board from the  inlet create  a complex flow field which can adversely affect the 
stability  and  control of the  airplane.  Flight  tests  are to be made to obtain 
pressure data  for  the external  nacelle and wing. The  flight  data are to be 
compared with pressures measured on a wind tunnel model. The  data  should 
result  in  a  better  understanding of the flow field  and  permit  the methods used 
to predict  these  interactions to be  evaluated. 

REQUIREMENTS AND RECOMMENDATIONS FOR 
FURTHER PROPULSION SYSTEM  RESEARCH 

Future  supersonic  cruise  aircraft  propulsion  systems must meet demanding 
environmental  and  performance standards. Recent propulsion  system  studies 
have  selected two variable  cycle  engine concepts  that appear to be  capable of 
meeting these  standards.  Hardware development and component testing  are 
underway to lead to experimental  engines  that  incorporate  these  concepts. 
New nacelles and supersonic  inlets  that match the airflow requirements of the 
engines must be  designed  and  tested. The inlets  and  engines can be  ground 
tested  separately  under simulated  flight conditions,  but  the  integrated  inlet- 
engine combination will require  flight  testing. 

The YF-12 airplane could be  used  as  a  test  bed for flight  testing  the new 
propulsion  concepts. A s  illustrated  in  figure 2 6 ,  this  aircraft is capable of 
carrying full-scale  propulsion  system  experiments  that are  independent of the 
aircraft  propulsion  system.  This method of flight  testing  provides  an  oppor- 
tunity to investigate  the  high risk aerodynamic  and propulsion  system  concepts 
that  are needed for the development of technically  feasible  and economically 
competitive propulsion  systems. Realistic  flight  environments  can be obtained 
over  a continuous range of  Mach numbers to provide  performance information 
not obtainable in  ground  facilities. 

Noise suppression  continues to be a major concern  for  future  propulsion 
systems. Quiet  nozzles are to be developed as  part of the new engine 
program,  however, and  they can be tested  separately from the rest of the 
propulsion.  system. Such  nozzles can be tested on the 558 engine, which has 
the  high pressure  ratio  representative of advanced  engines.  Flight  tests 
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should  provide information on forward velocity effects , which are known to 
reduce  the  effectiveness of the  noise suppressor  relative to  the  static  per- 
formance. 

Before accurate  performance  predictions  for  supersonic  cruise  aircraft can 
be made,  wind  tunnel  performance must be extrapolated to  flight  conditions. 
The data obtained from the YF-12 propulsion  program  should  prove to be 
valuable for this  purpose. An understanding of the  causes of and  ways to 
reduce  instantaneous dynamic distortion is vital if inlet-engine compatibility 
is to be  obtained.  The YF-12 program  should  shed some light on this problem 
in  aircraft  development. If propulsion  system  performance is to be optimized, 
new shock sensors  and  shock position  controls must be  developed. The latest 
developments in  this  area  have  been and will continue to be  pursued  in the 
YF-12 propulsion  program.  Finally, the  only way to optimize total aircraft 
performance is to design  a  control  system  (such  as  the cooperative  control on 
the YF-12 airplane) which integrates  the  inlet,  engine, and  airframe  control 
systems. It is imperative  that  representatives of the  various  disciplines of 
aircraft  design  (aerodynamics , structures , propulsion, and stability  and con- 
trol) work together to create an integrated  aircraft  design  that is competitive 
economically and  performs  well. 

432 



REFERENCES 

1. Albers,  James A.:  Status of the NASA YF-12 Propulsion  Research  Pro- 
gram. NASA  TM  X-56039 , 1976. 

2 .  Burcham , Frank W . , Jr . ; Montoya, Earl J . ; and  Lutschg , Phillip J .: 
Description of  YF-12C Airplane , Propulsion  System , and  Instrumenta- 
tion  for  Propulsion  Research Flight Tests. NASA  TM  X-3099 , 1974. 

3.  Anderson, J .  Thomas; Martin,  Robert K .  ; and  Shibata,  Harry H .: 
1/3 Scale  Inlet Model Test  Results. Vol. I - Test Definition and 
Steady  State Data Presentation. NASA CR-114702 , 1974. 

4 .  Anderson, J .  Thomas; Martin, Robert K . ;  and  Shibata,  Harry H.:  
1/3 Scale  Inlet Model Test  Results. Vol. I11 - Test Definition and 
Steady  State Data Presentation. NASA CR-114704, 1974. 

5.  Lewis Research  Center: Wind-Tunnel Installation of Full-scale  Flight 
Inlet of  YF-12 Aircraft  for  Steady-State  and Dynamic Evaluation. 
NASA  TM X-3138, 1974. 

6 .  Cubbison, Robert W .: Wind Tunnel  Performance of an  Isolated  Full- 
Scale YF-12 Inlet  at Mach Numbers Above 2 . l .  NASA  TM X-3139, 
1976. 

7 .  Cubbison, Robert W .: Effects of Angle of Attack and Flow Bypass on 
Wind-Tunnel Performance of an  Isolated  Full-Scale YF-12 Inlet at 
Mach Numbers Above 2 .075 .  NASA TM X-3140, 1976. 

8 .  Ladd, J .  M .: Airflow Calibration of a 5-58 Engine  at Simulated Super- 
sonic  Conditions. NASA  TM X-71797, 1975.  

9 .  Olinger,  Frank V . ;  Shibata,  Harry;  and  Albers,  James A .: Local  Flow 
Measurements  at  the  Inlet  Plane of a  1/12-Scale Model of the YF-12C 
Airplane. NASA TM X-3435 , 1976.  

1 0 .  Taillon, Norman V. :  Steady-State  Inlet  Recovery  and  Distortion of the 
YF-12C Airplane. NASA  TM X-3382, 1976. 

11. Smeltzer , Donald B . ; Smith, Ronald H . ;  and  Cubbison, Robert W .: 
Wind Tunnel  and  Flight Performance of the YF-12 Inlet  System. 
AIAA Paper 74-621, July 1974. 

1 2 .  Anderson, J .  Thomas; and  Edson, Ralph D .: 1/3 Scale  Inlet Model 
Test  Results. Vol. I1 - Dynamic  Data Analysis. NASA CR-114703 , 
1974. 

13.  Melick , H . Clyde; Ybarra,  Andres H . ; and  Bencze , Daniel P .: Esti- 
mating Maximum Instantaneous  Distortion From Inlet Total Pressure 
RMS and PSD Measurements. NASA  TM X-73,145 , 1976. 

433 



14. 

15. 

16. 

1 7 ,  

18. 

19. 

20 .  

21 .  

22 .  

23. 

24. 

Cole , Gary L.  ; Cwynar, David S . ; and  Geyser , Lucille C .: Wind- 
Tunnel  Evaluation of the  Response of a YF-12 Aircraft  Flight  Inlet 
to Internal Airflow Perturbations  by  Frequency-Response  Testing. 
NASA  TM X-3141, 1974. 

Willoh, Ross G .: A Mathematical Analysis of Supersonic Inlet  Dynamics. 
NASA  TN D-4969, 1968. 

Cole,  Gary L.;  and Willoh, Ross G.:  Analysis of the Dynamic Response 
of a  Supersonic  Inlet to Flow-Field Perturbations Upstream of the 
Normal Shock. NASA  TN D-7839, 1975. 

Neiner, George H . ;  Arpasi, Dale J . ;  and  Dustin, Miles 0. :  Wind- 
Tunnel  Evaluations of  YF-12 Aircraft  Inlet Control System by 
Frequency-Response  and  Transient  Testing. NASA  TM X-3142, 1975. 

Dustin, Miles 0. ; Cole , Gary L. ;  and  Neiner , George H .: Continuous- 
Output  Terminal-Shock-Position Sensor  for Mixed-Compression Inlets 
Evaluated in Wind-T.unne1 Tests of  YF-12 Aircraft  Inlet. NASA 
TM X-3144, 1974. 

Neiner , George H . ;  Seidel, Robert C .; and  Arpasi, Dale J .: Wind- 
Tunnel Evaluation of Experimental  Controls on YF-12 Aircraft  Flight 
Inlet by  Frequency-Response  and  Transient  Testing. NASA 
TM X-3143, 1975. 

Cole , Gary L . ;  Dustin, Miles 0.; and  Neiner, George H .: A Throat- 
Bypass  Stability System for  a YF-12 Aircraft  Research Inlet  Using 
Self-Acting Mechanical Valves. NASA  TIM X-71779, 1975. 

Webb,  William L.;  and  Reukauf,  Paul J .: Development of a  Turbine 
Inlet Gas Temperature Measurement and  Control System Using a 
Fluidic  Temperature  Sensor. AIAA Paper 73-1251, Nov. 1973. 

Webb, W .  L.: Turbine Inlet Gas Temperature Measurement and Control 
System. AFAPL-TR-73-116, Ai r  Force  Aero  Propulsion  Laboratory, 
Wright-Patterson Ai r  Force  Base,  Dec. 1973. 

Yanagidate,  Craig: Tuft Study of the Local Flow Around the Nacelle of 
the YF-12A Airplane. NASA  TM X-56035, 1975. 

Reukauf,  Paul J .  ; Burcham,  Frank W .  , Jr .; and Holzman, Jon K.:  
Status of a Digital Integrated  Propulsion/Flight Control System for 
the YF-12 Airplane. AIAA Paper 75-1180, Sept. 1975. 

434 



TA
BL
E 
I.
 - 

PR
OG

RA
M 

SC
HE

DU
LE

 

C
om

pr
es

so
r  f

ac
e  a

nd
  du

ct
 

dy
na

m
ic

  fl
ig

ht
  te

st
s 

B
ou

nd
ar

y  l
ay

er
  ra

ke
  an

d  g
us

t 
pr

ob
e  i

ns
ta

ll
at

io
n 

A
tm

os
ph

er
ic

  ef
fe

ct
s  f

li
gh

t  t
es

ts
 

C
oo

pe
ra

ti
ve

  co
nt

ro
l,

  ex
te

rn
al

 
na

ce
ll

r!
 p

re
ss

ur
e,

  an
d 

ad
va

nc
ed

  sh
oc

k  s
en

so
r 

in
st

al
la

ti
on

 

B
as

ic
  co

op
er

at
iv

e  c
on

tr
ol

  fl
ig

ht
 

te
st

s 

A
dv

an
ce

d  s
ho

ck
  se

ns
or

  fl
ig

ht
 

te
st

s 

N
ac

el
le

 f
lo

w
 i

nt
er

ac
ti

on
  fl

ig
ht

 
te

st
s 

O
pt

im
al

 c
oo

pe
ra

ti
ve

  co
nt

ro
l  fl

ig
ht

 
te

st
s 

19
77

 

J
F

M
A

M
J

J
A

S
O

N
D

 

19
78

  
19

79
 

~~
 

J
F

M
A

M
J

J
A

S
O

N
D

 
J

F
M

A
M

J
J

A
S

O
N

D
 

I
 m
. 



TEST 0 BJ ECT FAC I L I T Y  

A I RPIANE FL I GHT, DRY DEN 

W 

FULL-SCALE  INLET  MODEL 10%10’ SUPERSONIC  WIND 
TUNNEL, LEWIS 

1/3-SCALE 1 NLET MODEL 

8- BY 7-FOOT SUPERSONIC 
W I N D  TUNNEL, 9- BY 7-FOOT 
SUPERSON  IC W IND TUNNEL, 
AND  l l -FOOT  TRANSON  IC 

Q W I N D  TUNNEL, AMES 

FULL-SCALE  ENGINE 
PROPULSION  SYSTEMS 

LABORATORY  (PSL) 
ALTITUDE TEST FACILITY, 
LEW ! S 

Figure 1.- Comparison of inlet configurations and facilities. 

BLOW- I N-DOOR 
EJECTOR NOZZLE 

558 AFTERBURNING 
TURBOJET  ENGINE 

AX1  SYMMETR  IC 
MIXED-COMPRESSION 
INLET 

Figure 2.- YF-12 propulsion system. 
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SPIKE BLEED EXIT  LOUVERS 

FORWARD  BYPASS  EXIT  LOUVERS 

BY  PASS DOORS 

ORWARD  BYPASS  DOORS 
COWL BLEED (SHOCK  TRAP 1 

Figure 3 . -  YF-12  inlet. 

Figure 4.- High temperature pressure transducers 
used on YF-12  airplane. 
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Figure 5.- Left inlet  steady state pressure instrumentation 
(external skin removed). 

Figure 6.- Compressor face high frequency response 
pressure instrumentation (view looking forward). 
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7 DATA ACQUISITION SYSTEM 

Figure 7.- Typical pressure instrumentation installation. 
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(a) Sensor locations. 
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NASA  RESEARCH 
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(WIND  TUNNEL) 
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q3mmE 
D Y N A M I C  

D Y N A M I C  

LOCATION OF PRESSURE  SENSORS 

A ~ B ~ C ~ D ~ E ~ F ~ G  
NUMBER  OF  SENSORS  AT  LOCATION  TOTAL 

73 32 84 44 47 40 - 320 
12 6 16 12 1 40 - 
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19 24 3 66 

(b) Number of sensors. 

Figure 8.- YF-12 inlet study  instrumentation comparison. 

440 



I I  

JGINE AIRFLOW 
DECREMENT, 

AWdis, percent 

5 10 15 20 25 30 
pt - pt 2 2 max m i n  D I STORT ION, - 

pt2 

, percent 

5 -  

4 -  

3 -  

2 -  

1 -  

I I 
5 10 15 20 25 30 

pt - pt 2 2 max m i n  D I STORT ION, - , percent 

pt2 

Figure 9.- Effect of compressor face  distortion on engine  airflow 
(engine  airflow  calibration). 
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COMPOSITE  MATERIALS  RESEARCH IN SUPPORT OF SUPERSONIC  PROPULSION  SYSTEMS 

Robert A. Signorelli 
NASA  Lewis  Research  Center 

SUMMARY 

Two engine  components,  fan  blades  and  exhaust  systems,  have  been  selected 
or  composite  materials  development  efforts  in  support  of  the  supersonic  cruise 
ircraft  research  (SCAR)  engine  program.  The  materials  selected were  boron/ 
luminum  for  fan  blades  and  silicon  carbide/superalloy  sheet  for  the  exhaust 
ystem.  The  current  status  of  the  research  into  applying  these  two  composite 
aterials  to  SCAR  engines  is  reviewed  in  this  paper. 

Significant  progress  has  been  made  in  improving  the  impact  resistance of , 

oron/aluminum,  and  the  improved  material  is  being  evaluated  in  prototype  SCAR 
an-blade  rig  tests.  Reaction  at  the  silicon  carbide  fiber - superalloy  matrix 
nterface  has  been  identified  as  a  problem  area  in  fabricating  composite  sheet. 
iffusion  barriers  appear  to  control  this  interfacial  reaction,  permitting  com- 
osite  development  to  proceed. 

INTRODUCTION 

Propulsion  systems  for  supersonic  cruise  aircraft will require  improved 
aterials  to  achieve  low  ground  noise on takeoff as  well  as  efficient  subsonic 
nd  supersonic  flight.  Some  of  the  advanced-design  engine  components  needed 
or  this  purpose  can  be  achieved  through  the  use  of  advanced  composite  materials. 
.omPosite  materials  offer  the  potential  for  better  component  performance  than 
onventional  materials  because  they  have  higher  modulus,  lower  density,  and 
reater  strength. For example,  using  boron/aluminum  fan  blades  for 2750 to 
75O C (500' to 700° F) service  can  reduce  fan-blade  stage  weight  by 25 to 40 
'ercent  from  that  of  standard  titanium  alloy  blades. In  addition,  aerodynamic 
'erformance  is  improved  by  the  removal  of  midspan  dampers,  which  is  made  pos- 
Able by  the  greater  stiffness  of  boron/aluminum.  The  lower  blade  weight  also 
Bermits  lower  disk,  shaft,  bearing,  and  containment  ring  weights. 

Silicon  carbide/superalloy  composite  sheet  will  permit  higher  material  op- 
!rating  temperatures  than  conventional  superalloy  sheet  because the  silicon 
:arbide  reinforcement  retains  its  strength  to  above  llOOo  C (2000O F). Thus, 
:rade-offs  are  possible  between  higher  operating  temperatures  and  decreased 
:ooling-air  requirements  for  the  exhaust  system. In  addition,  because  the  re- 
lnforcing  filaments  have less than  half  the  density of conventional  superalloys, 
:he  density  of  the  composite  is 20 to 25 percent  lower  than  that  of  a  conven- 
iional  superalloy. 
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The  current  status  of  the  research on boron/aluminum  fan  blades  and  sil- 
icon  carbide/superalloy  sheet  for  exhaust  systems  for  SCAR  engine  applications 
is reviewed. 

Values  are  given  in  both SI and U.S. customary  units.  The  work  was  done 
in U . S .  customary  units. 

BORON/ALUMINUM FAN BLADES 

Composite  fan  blades  have  been  fabricated in related  programs  and  have 
shown  excellent  potential  for  fulfilling  the  requirements  for  advanced-engine 
fan  blades.  Fabrication  processing  of  such  blades  generally  involves  produc- 
tion  of  monolayer  composite  tape  by  diffusion  bonding  two  aluminum  foils  about 
a  uniaxially  oriented  boron  fiber  array.  Plies  cut  from  the  composite  mono- 
layer  are  stacked  to  fill  a  die  cavity  and  are  hot  pressed to a  blade  shape 
such as that  shown in  figure 1. The  desired  blade  properties  are  obtained  by 
suitable  orientation  of  the  plies  and  selection of the  stacking  sequence.  The 
relative  advantages  of  boron/aluminum  over  titanium  alloy,  the  standard  fan- 
blade  material,  are  also  shown  in  the  figure.  The  composite  has  better  than  a 
twofold  strengthldensity  and  modulus/density  advantage  over  titanium.  Use 
temperature  of  the  boron/aluminum  is  also  greater  than  that  of  aluminum  alloys 
(not shown  in  €ig. 1). The  boron  fiber  retains  strength to well  above 500° C 
(930O F) and  increases  the  use  temperature  of  boron/aluminum  to 375O C (700° F 

While  many  properties  of  composite  materials  are  superior  to  those  of  con 
ventional  materials,  the  impact  resistance  demonstrated  has  been  inconsistent . 
and,  in many  cases,  inadequate  for  fan  blades.  Notched  Charpy  pendulum  impact 
data for  a  titanium  alloy  and  early  boron/aluminum  are  compared  in  figure 2. 
The  composite  material  has  less  than  half  the  impact  resistance  of  a  typical 
titanium  alloy  used  for  fan  blades. 

Based on laboratory  and  rig  tests  of  specimens  and  blades,  it  is  probably 
safe  to  say  that  the  impact  resistance  of  boron/aluminum  composites  to  small 
objects  such  as  ice  balls,  gravel,  rivets,  and  sand is acceptable.  However, 
resistance  to  large  objects  such  as  birds  has  been  less  than  adequate.  Bird 
ingestion  generally  occurs  at  low  altitudes  because  that  is  where  most  birds 
fly.  Therefore,  bird  impact  damage  is  most  likely  to  occur  during  takeoff  or 
landing of aircraft.  Over  half  of  the  bird  population is found  at  altitudes oj  
less  than 150 meters (ref. 1). Figure 3 clearly  illustrates  the  potential 
danger  of  bird  impact  to  aircraft  engine  fan  blades.  Even so,  bird  ingestion 
is  rare,  and  usually  does  not  cause  severe  operational  changes in modern  turbo, 
fan  engines.  However,  as  shown  in  figure 4 ,  even  standard  titanium  alloy  fan 
blades  can  be  damaged  as  a  result  of  bird  impact.  The  damage  shown  in  this 
figure  for  a  titanium  alloy  blade  is  representative  of  a  severe  impact  condi- 
tion.  Also  shown is an early  boron/aluminum  blade  subjected  to  severe  impact 
in  a  whirling-arm  rig  test.  However,  the  poor  impact  resistance  that  led  to 
the  multiple  failure  of  this  early  boron/aluminum  blade  does  not  represent  the 
potential  of  this  type  of  composite. 
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Studies  to  understand  and  improve  boron/aluminum  impact  resistance  have 
.en  undertaken  at  several  laboratories  (refs. 2 to 8). The  major  variables 
!at were  investigated in  a program  undertaken  by  the  Lewis  Research  Center  to 
!prove  boron/aluminum  fan-blade  impact  resistance  were  fiber  diameter,  matrix 
loy  ductility,  fabrication  processing,  and  fiber  ply  orientation.  The  choice 
variables  was  influenced  by  efforts  to  minimize  the  embrittling  effects  of 

.e low strain-to-failure  boron  fibers in  an otherwise  relatively  ductile  alum- 
um alloy.  Large-diameter  fibers (5 0.2 rnm) were  selected  to  increase  the 
terfiber  distance in the  composite  and  thereby  reduce  the  volume  of  the  mat- 
x constrained  by  the  high-modulus,  low-strain  boron  fibers  and  permit  greater 
rain in the  composite  upon  impact.  Fabrication  processing was improved  to 
.tain  low-porosity,  well-consolidated  composites  and  a  high  degree  of  bonding 
tween  the  fiber  and  the  matrix  and  between  matrix  fiber  plies.  However,  the 
nding  temperature  was  kept  low  to  minimize  reaction  at  the  fiber/matrix  in- 
rface  since  such  reaction  generally  degrades  composite  properties.  In  ad- 
tion,  the  fiber  ply  orientation  was  selected  to  provide  a  viable  compromise 
tween  the  properties  required  in  the  various  directions  and  the  impact  re- 
stance  of  the  composite.  Significant  increases  in  impact  resistance  were  ob- 
ined  through  these  approaches  (refs. 8 to 10). Only  some of the  results  are 
cluded  herein  for  brevity. 

Increasing  fiber  diameter  from 0.1 millimeter to 0.2 millimeter  increased 
tched  Charpy  impact  strength  from  less  than 40 joules  to 96 joules (fig. 5) .  
ese  larger  diameter  fibers  were  incorporated  in  specimens  that  had  the  best 
mbination of the  other  beneficial  effects  (such as better  processing  and  a 
re  ductile  matrix)  identified  in  the  program.  Increasing  the  ductility  of 
'e  matrix  by  using  commercially  pure, 1100 alloy  aluminum  increased  Charpy  im- 
ct  strength  from  less  than 20 joules to 96 joules  (fig. 6 ) .  

The  marked  improvement  in  impact  resistance  is  illustrated in  figure 7, 
ich  compares  impact  values  of  a  typical  titanium  alloy  fan-blade  material, 
early  boron/aluminum  composite,  and an improved  boron/aluminum  composite.  A 
nfold  increase in laboratory  pendulum  impact  values,  as  shown  in  figure 7, 
very  encouraging  but  not  necessarily  indicative  of  satisfactory  foreign- 
ject-damage  resistance  at  the  high-velocity  impact  conditions  that  fan  blades 
counter  in  normal  service. Fan and  compressor  blades  of  the  improved  boron/ 
uminum  are  being  fabricated  and  tested,  and  preliminary  results  are  encour- 
ing.  Composite 5-79 blades  containing  improved  boron/aluminum  material  are 
own in  figure 8 after  bird  impact  testing  in  single-blade,  rotating-rig  tests. 
ese  blades  were  included  in  a  joint  Air  Force - NASA  program.  Each  of  the 
ree blades  was  impacted  by  a  real  bird  under  conditions  simulating  aircraft 
keoff conditions.  These  blades  showed  evidence  of  some  deformation  and  de- 
mination  at  the  tip  of  the  airfoil  near  the  impact  point.  However, no  portion 
the  blade  was  broken  off  by  the  impact. 

Improved  impact-resistant  boron/aluminum  is  currently  being  used in a 
ototype SCAR blade.  Figure 9 shows  one  of  the  preliminary  blades  fabricated 
om boron/aluminum  for  evaluation,  which  includes  rotating-rig  impact  tests. 
ditional  blades  are  being  fabricated  for  evaluation  in  the  near  future.  The 
couraging  results  obtained in this  impact  testing  suggest  that  foreign- 
ject-damage  resistance,  the  remaining  major  technical  impediment  to  success- 
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ful  flight  demonstration of boron/aluminum  blades,  may  have  been  overcome. 

SILICON  CARBIDE/SUPERAJLLOY  COMPOSITE  SHEET FOR EXHAUST  SYSTEMS 

Exhaust  system  components  can  be  a  significant  portion  of  SCAR  engine 
weight. The high-temperature  portions  of  a  SCAR  engine,  which  operate  at tem- 
peratures  to 980° C (1800' F), have  been  estimated  to  weigh 550 kilograms 
(1200  lb)  (private  communication  from R. A. Howlett,  Pratt & Whitney  Aircraft 
East  Hartford, Conn.). Substituting  silicon  carbide/superalloy  composite  shec 
for  the  conventional  superalloy  could  reduce  that  weight  by  about 20 to  25  pel 
cent  or  by  about 120 kilograms  (264 lb). This  weight  reduction  is  due  to  the 
lower  density  of  the  silicon  carbide  fiber.  In  addition  to  the  lower  density 
advantage,  the  silicon  carbide  fiber  retains  greater  strength  and  stiffness at 
the  operating  temperature, 980' C (1800O F). The  silicon  carbide/superalloy 
composite  sheet  can  be  expected  to  have  four  times  the  tensile  strength,  twicc 
the  elastic  modulus,  and  five  times  the  1000-hour  rupture  strength  of  conven- 
tional  superalloy  sheet  at  980°3C.  These  superior  mechanical  properties  can 1 
used  to  design more efficient  systems  that use  less  cooling  air  and  to  reduce 
weight  by  using  thinner  sections. 

To make the  silicon  car%ide/superalloy  composite  sheet  a  viable  material 
system,  certain  problems  must  be  addressed.  The  property  advantages  can  be , 
achieved  only  if  fiber-degrading  chemical  interaction  at  the  fiber/matrix  in-1 
terface  can  be  minimized.  Reaction  rates  at  the 980° C (1800O F)' service tex 
perature are expected  to  be  tolerable;  however,  reactions  occurring  during tl 
higher  temperature  fabrication  processing  can  be  a  problem.  Typically,  the 
composite  is  made  by  first  hot  pressing  superalloy  foils  together  with  silicc 
carbide  fiber  arrays  to form monotapes. A secondary  diffusion  bonding  of 
stacked  layers  of  the  monolayer  tapes  forms  the  composite  sheet.  Limited  fa1 
rication  processing  techniques  have  been  evolved  to  bend, cut, and  join  the 
composite  sheet  into  exhaust  system  components. 

Research  has  been  underway  to  overcome  the  interfacial  reaction  through 
the  use  of  diffusion  barrier  coatings  on  the  silicon  carbide  fibers  (ref. 11: 
Figure 10 shows  the  marked  improvement  provided  by  diffusion  barrier  coatings 
in  reducing  reaction  during  composite  processing.  The  uncoated  fiber  has 
formed  a  thick  reaction  zone,  but  the  tungsten-coated  fiber  has  no  visible re 
action.  Although  tungsten  is an effective  coating,  it  requires  a  greater thll 
ness  than  desired  and  incurs  a  weight  penalty,  being  twice as  dense  as  super- 
alloys.  Alternative  carbide  coatings  are  currently  being  deposited on silicc 
carbide  fibers,  and  preliminary  compatibility  results  suggest  that  the  fiber/ 
matrix  reaction  can  be  controlled.  Composite  test  specimens  also  are  being 
fabricated  to  assess  the  properties  of  the  composite in high-temperature  ten- 
sile  and  long-time  rupture  tests. 

The  properties  of  silicon  carbide/superalloy  and  conventional  superalloy 
are  compared in  figure 11. The  data  shown  are  projections  expected  from  the 
composite  currently  being  processed  and  evaluated. 
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In  summary,  considerable  progress  has  been  made,  but  much  work  remains  be- 
ore  composite  sheet  can  be  applied  to  exhaust  systems. 

CONCLUDING REMARKS 

Significant  progress  has  been  made  in  developing  boron/aluminum  and 
ilicon  carbide/superalloy  sheet  composites  for  application  in SCAR propulsion 
gstems. A marked  improvement  in  boron/aluminum  impact  resistance.has  been  ob- 
sined  in  laboratory  tests,  and  this  technology  is  currently  being  applied  to 
sn  blades.  The  progress  made  suggests  that  foreign-object-damage  impact  re- 
istance,  the  remaining  major  technical  impediment  to  the  use of boron/aluminum 
lades  in SCAR propulsion  systems,  may  have  been  overcome. 

Excellent  progress  has  been  made  in  studies  of  silicon  carbide/superalloy 
leet.  Diffusion  barrier  coatings  have  been  identified  and  applied  to  the 
Llicon  carbide  fibers,  and  preliminary  data  suggest  that  these  barriers  can 
mtrol interfacial  reactions.  While  much  work  remains  before  silicon  carbide/ 
 pera alloy sheet  can  be  used  in SCAR engine-exhaust  systems,  the  potential  ap-. 
lars  promising. 
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STRENGTH 
DENSITY 

Figure  1.- Rela t ive   advantages  of boron/aluminum 
composi te   b lades   over   t i t an ium  a l loy   b lades .  

RELATIVE NOTCHED 
CHARPY  IMPACT 

ALLOY BlAl 

Figure 2.- Relative notched  Charpy  pendulum  impact 
s t r e n g t h  of t i t a n i u m   a l l o y   b l a d e s   a n d   e a r l y  
boron/aluminum  composites. 
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F i g u r e  3 . -  Example of b i r d   d e n s i t y   n e a r   a n   a i r p o r t .  

F igure  4.- Impact damage t o   r e p r e s e n t a t i v e   f a n   b l a d e s .  
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Figure 5.- E f f e c t  of f i lament   d iameter   on   impact   s t rength   o f  
boron/aluminum  composites. Matrix, 50-vol % 1100  aluminum. 
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Figure  6 . -  Effec t  of matrix d u c t i l i t y   o n   i m p a c t   s t r e n g t h  of  boron/aluminum 
composit.es.  Boron  .fiber  content,  50 vol %; f iber   d iameter ,   0 .02  cm. 
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Figure 8.- 5-79 boron/aluminum blades after bird impact testing at 
takeoff  conditions.  (Starling  impact  at 70 percent of  span.) 
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Figure 9.- Proto type  SCAR boron/aluminum  blade. 

UNCOATED COATED 

Figure  10.- Relative i n t e r f a c i a l   r e a c t i o n s  of coated  and  uncoated 
s i l i c o n   c a r b i d e   f i b e r s   i n  a supe ra l loy  matrix. 
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